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THEME 


At  present,  for  caleuiating  the  flow  in  turbomachines,  averaging  in  time  and  location  is  applied  and  corrections  due  to 
unsteadiness  are  incorporated  afterwards.  The  results  are  not  satisfactory.  We  are  now  at  a  turning  point  for  the 
understanding  of  the  unsteady  flow  in  and  around  the  turbomachinery  and  it  is  hoped  that  in  future  unsteady  flow 
calculations  could  be  applied  directly.  The  purpose  of  the  meeting  was  to  bring  together  specialists  for  unsteady  flow 
calculation  methods  and  experimentalists  for  mrhomachinery.  The  main  issue  should  lie  in  the  basic  physical  understanding 
of  unsteady  flow  effects  in  the  turbomachine ry  surroundings  and  their  description.  2D  and  3D  calculation  methods  for 
inviscid  as  well  as  for  viscous  flows  were  incorporated. 


A  l’h^ure  actuelle,  le  calcul  des  ecoulements  dans  les  turbomachincs  se  fait  par  application  de  la  moyenne  spatio- 
temporelle.  les  rectifications  demandees  pour  compenser  les  effets  des  phenomcncs  instationnaires  etant  apportees 
ulterieurement.  Les  icsultats  ainsi  obtenus  ne  sont  pas  satisfaisants.  Aujourd'hui,  nous  vivons  un  moment  decisit  pour  ce  qui 
est  de  la  comprehension  des  ecoulements  instationnaires  a  travers  et  autour  des  turbomachines  et  nous  esperons  qu  a  l  avenir 
les  calculs  des  ecoulements  instationnaires  pourront  etre  appliques  directement.  Lobjet  de  la  reunion  fut  de  rassembler  les 
specialistes  en  matiere  de  calcul  des  ecoulements  instationnaires  et  les  experimentalistes  dans  le  domaine  des  turbomachines. 
Les  discussions  ont  porte  principalement  sur  la  definition  p  lysique  de  base  des  effets  des  ecoulements  instationnaires  en 
environnement  turbomachine  et  leur  description.  La  reunion  a  examine  egalement  les  methodes  de  calcul  bidimensionnelles 
et  tridimensionnelles  des  ecoulements  visqueux  et  non-visqueux. 
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evaluation  report 


by 

J.Fabn 


1.  INTRODUCTION 

Purely  empirical  at  its  start,  the  design  and  realization  of  turbomachines  became  more  and  more  rationalized  as  the 
Designer  was  able  to  use  sophisticated  theories  and  high  performance  computers 

However,  this  is  true  for  the  design  point  of  operation  only,  for  which  theory  and  numenc.il  computation  may  be 
considered  as  perfectly  operational.  If  a  proof  is  needed,  one  has  just  to  consider  the  decrease  in  size  and  weight  and  the  increase 
in  power  and  efficiency  of  the  present  time  jet  propulsion  engines,  as  compared  to  earlier  designs 

On  the  other  hand,  the  off-design  operation  of  turbomachines  and.  even  more,  the  unsteady  phenomena  that  take  place 
during  the  transients,  and  even  during  the  steady  operation  of  the  machine,  is  less  well  known  and  did  not  attain,  up-to-now  the 
same  degree  of  advancement  than  the  steady  state  operation. 

As  a  matter  of  fact,  a  distinction  has  to  be  made  between  the  various  non-steady  operations  of  turbomachincs 

the  most  spectacular  ones  correspond  to  the  highly  off-design  operating  conditions,  when  surge,  blade  flutter 
rotating  stall  or  any  other  undesirable  behaviour  of  the  engine  can  be  observed. 

—  less  deteriorating,  for  the  performances  or  the  structure,  are  the  stage  interactions.  winch  mav.  however,  alfect  even 
the  design  point  of  operation: 

—  finally,  the  unsteadiness  of  the  flow  during  supercritical  operating  conditions  give  rise  to  undesirable  pressure 
fluctuations,  which  the  designer  has  to  avoid. 

At  the  present  time,  there  is  no  sufficiently  reliable  experimental  investigation  of  unsteady  flows  m  tuibomachmes.  whereas 
around  isolated  airfoils  much  sophisticated  research  was  already  conducted  in  such  regimes  Thcrelnrc.  most  of  the  nnu  it  is 
possible  only  to  compare  computational  codes  between  themselves,  m  order  tolind  the  most  suitable  one  tor  the  task  reamed 

This  is  the  reason  for  which  PEP,  the  Propulsion  and  Energetics  Panel  of  AfiARP  has  decided  to  organize  a  senes  <>i 
C  onferences  on  Unsteady  Phenomena  tn  Turbomachincs  in  order  to  compare  the  degree  ot  advancement  of  theoretical  ami 
experimental  research  conducted  in  this  field  not  only  m  the  NATO  Countries,  but  also  in  Switzerland  and  \usina.  w!i.«m 
industries  work  in  close  cooperation  with  those  of  the  NAT* )  countries. 

This  report  gives  a  critical  sui  vcv  of  the  content  of  the  papers  presented  during  the  meeting  m  order  tocmph.isnc  the  main 
points  of  interest  and  indications  for  future  research  -*nd  development  that  would  be  useful  in  the  mining  veats  in  or«l,  t 
improve  our  knowledge  of  unsteady  aerodynamics  m  turbomachincs  and  avoid  their  hindering  effects 

2.  CRITICAL  SURVEY  OF  THE  PRESENTATIONS 

2.1  I  nstt  ady  Aerodynamics  of  Blade  Cascades 

It  is  quite  unexpected  that  in  most  of  the  unsteady  phenomena  studies  for  turbomachincs.  there  is  no  <>r  almost  no 
confiontation  between  theory  and  experiment,  at  least  outside  of  the  domain  of  research  on  aeioelastiei'v  •.!»  'lam  that  was 
excluded  from  the  scope  of  the  meeting. 

Theories  are  therefore  compared  between  themselves  and  th's  is  namely  the  ease  ot  the  presentation  ->[  A  Klose  and 
K.IIcinig  (M.T.U..  Ciormany)  who  did  not  hesitate  to  study  one  of  the  most  difficult  prohl'*un  of  curboniaehmeiy.  the  blade 
flutter.  Apparently,  this  problem  is  solved  in  the  case  of  isolated  airfoils,  but  in  the  ease  of  blade  rows  the  great  numbe  r  ot 
configurations,  due  lo  the  blade  interaction  and  inter-blade  phase  angles,  makes  it  really  more  difficult  Hie  conclusion  of  tfu 
authors  is  that  for  the  present  time  blades,  the  weight  of  which  is  much  higher  than  the  aerodynamical  forces  acting  on  them,  and 
the  energy  balance  methods  are  sufficiently  accurate  to  define  the  vibration  frequencies  of  the  blades  But  lor  future  engine*, 
with  light  weight,  hollow-  blades,  new  methods  are  required  and  the  eigenvalue  method  proposed  by  th»-  authors  •.cents  mote 
appropriate  for  the  determination  of  the  critical  blade  frequencies. 

In  the  meantime,  the  experimental  investigation  conducted  by  A. Boles.  T  H.f-ransson.  D.Sehafli  t!  I’M  .  I  ausanne. 
Switzerland)  comforts  the  designers  who  are  accustomed  to  the  superposition  method,  using  results  obtained  on  simplified 
cases,  either  by  theory  or  by  means  ofeX|ierimcnts.  These  authors  have  tested  an  annular  blade  cascade,  i.e.  a  fixed  blade  row  as 
similar  as  possible  to  an  actual  rotor,  without  the  difficulty  ol  experimenting  a  moving  cascade,  and  have  shown  that  in  main 
cases  results  ohtaii  cd  with  intricated  vibrating  modes  could  be  also  obtained  by  superposing  simple  vibrating  modes  It  n 
certainly  a  relief  for  research  as  well  as  for  industry,  where  this  icsull  was  taken  a  priori. 


IX 


Hit*  test  results  presented  by  II  PKau  and  HF.Gallus  (R.W.  I  H  ,  Aachen.  ( iermam  )  were  obtained  on  a  more  simplified 
test  t;  v.iit>.  a  straight  blade  cascade,  hut  on  the  other  hand  have  been  successful!)  compared  to  computational  results  of  the 
u'  authors  Although  the  theory  resolves only  the  noil-viscous,  two  dimensional  l  .uler  equations  (whereas  the  flow  is  viscous 
and  more  or  less  three  dimensional)  the  effect  of  hhule  geometry  on  the  unsteady  flow  phenomena  in  hhule  cascades  lias  heen 
emphasised  and  the  use  of  flat  plate  cascades  rejected. 

(  omputation  on  hl.ide  cascades  in  a  compressible,  viscous  flow  by  means  of  die  coupling  between  tree-stream  and 
boundary  layer  has  been  presented  by  MX  ia/ai  v  PGirodioux-Lav  igne  and  J.(  .Le  Baileur  (ONI  RA.  France)  the  leading  edge 
closed  separation  bubble,  that  is  a  separate  boundary  layer  that  reattaches  further  downstream,  was  cspeciallv  studied 
I  \penmental  results  comforting  theory  have  been  obtained,  up  to  now.  on  isolated  flat  plates  only.  and  the  audience  is  longing 
tor  more  complete  comparison  between  thcorv  and  experience,  wondering  namely  if  in  the  blade  cascade  the  separated  flow  can 
rcallv  reattach  or  not. 

Such  a  thcorv  is  in  advance  on  experimental  results  and  it  might  be  interesting  to  compare  tt  to  the  work  of  J.de  Ruyck. 
B  Ha/arika.  and  Ch  i  lirseh  ( Vnie  CnivcrsitcH.  Brussels.  Belgium)  who  gave  a  much  detailed  experimental  analysis  of  the  flow 
and  the  boundarv  layer  lot  an  oscillating  isolated  aerofoil,  with  large  amplitude  of  oscillation.  The  separation  and  reaUachmcil 
of  the  boundarv  layer  near  the  leading  edge  is  similar  to  what  the  above  paper  was  expecting,  however  the  Mach  number  is  very 
low  and  it  is  not  sure  at  all  that  such  results  can  be  generalised  to  real  compressor  or  turbine  blading1. 

It  is  surprising  that  so  many  authors  did  not  understand  the  difference  between  isolated  airfoils  and  fixed  or  rotating  blade 
cascades  Tins  is  again  the  case  of  K  M  Forster  (Stuttgart  University.  Germany)  who  computes  the  flow  around  a  cambered 
isolated  blade,  w  ithout  even  asking  himself  it.  m  the  case  of  a  cascade,  the  higher  pressure  gradients  would  not  lead  to  strong  flow 
separations  on  the  blade  pressure  side 

2.2  Blade  Row  Interaction 

One  of  the  muior  novelties  of  this  meeting  was  the  fact  that  several  papers  were  considering  the  effect  of  the  interaction 
between  two  adjacent  blade  rows 

In  any  real  turbomachine,  outside  ot  a  single  blade  row.  one  ot  the  blade  rows  is  attacked  bv  a  uniform  flow,  and  the  wakes 
or  the  shock  waves  issued  from  the  trailing  edge  of  the  upstream  blade  row  interacts  with  the  downstream  one  But  pressure 
waves  or  even  shocks  issued  from  the  leading  edge  ot  the  downstream  row  may  also  interact  with  the  upstream  one 

Furthermore,  one  ot  these  blade  rows  is  usually  a  moving  one.  and  therefore  these  interactions  result  m  time  dependent 
pressure  fluctuations 

As  a  matter  of  fact,  nobody  knows  at  the  present  time,  if  these  pressure  fluctuations  improve  01  deteriorate  the 
performance  of  a  compressor  or  a  turbine,  since  apparently  in  the  ease  of  a  hclicoptci  rotor,  the  boundarv  layer  separation  is 
hindered  by  the  flow  unsteadiness  and.  paradoxically,  improves  the  performance. 

However,  to  be  on  the  safe  side.  RT  Henderson  (Penn  State  University.  USA)  and  J  1 1  Horloek  (The  Open  l  ni  versus .  UK) 
devised  a  theory  tor  minimising  the  flow  unsteadiness  due  to  blade  row  interaction,  in  urdet  to  avoid  at  least,  the  forced  vibration 
of  the  blades 

This  coupling  between  aerodynamical  forces  and  blade  structure  has  been  thoroughly  tested  bv  H  Joubcrt  and  V  Ronehetti 
(SN1  (  MA.  France)  who.  using  advanced  computational  codes  both  for  the  aerodynamics  of  the  bladings  and  for  the  structural 
forces,  compare  the  vibration  of  a  stator  blading  under  the  effect  of  the  wakes  issued  from  the  upstream  rotor.  This  research  can 
Ik-  considered  as  the  starting  point  ot  a  long  duration  research  program  that  would  eventually  lead  to  a  better  understanding  ot 
these  interaction  effects. 

It  is  even  more  difficult  to  understand  what  happens  when  the  moving  blade  row  induces  shock  waves  that  sweep  the  stator 
blade  suction  side  A  clever  experimental  set-up  devised  at  Oxford  University  by  A.BJohnson  (presently  at  Cambridge 
University.  I  K).  Mi  Rigby  (Rolls  Rovcc,  UK)  and  M  .G  Oldfield  (Oxford  University)  reproduces  the  passage  of  a  shock  wave 
on  the  suction  side  of  a  blade  in  a  kind  of  shock  tube  type  experiment,  the  shock  wave  being  induced  by  a  high  speed  moving 
body  in  front  of  a  fixed  blade  in  a  transonic  wind-tunnel. 

Large,  time-consuming  computational  codes,  w  ritten  for  high  performance  computers  are  developed  on  both  sides  of  the 
ocean.  K.CHall  and  J.M.Verdon  at  United  Technologies.  Haloid.  USA.  H  VMcConnaughcv  and  I  W  Griffin  at  NASA 
Marshall  Flight  Center.  USA  *nd  ATourmaux.  G  Billonnet.  A.I.eMeur  and  A.I.esain  at  ONFRA.  France,  arc.  each  one  in  a 
different  wav.  attacking,  with  success,  the  difficult  problem  of  the  interaction  of  blade  rows  They  all  show  the  change  in  blade 
surface  pressure  distribution,  as  a  blade  row  passes  in  front  of  another,  without  being  able  tt » state  whether  this  interaction  effect 
is  negligible  or  has  to  be  taken  into  account  if  overall  performances  are  consul  reed.  This  same  problem  appears  in  the  next 
section,  devoted  to  testing. 

In  the  same  area,  S.Servaty  (MTU.  Germany)  and  IFF.  Gallus  (RWTH.  Germany)  analyse  the  response  of  a  linear  blade 
cascade  to  a  wavy  perturbation.  This  approach  is  interesting,  but  needs  some  development  before  being  able  to  describe  real 
compressor  operation. 
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2.3  Advanced  Test  inn 


In  most  of  the  presentations,  computations  were  ahead  of  the  expennv’Ml  evaluation  of  unsteady  aerodynamics  in 
lurbomachmcry,  whereas  in  single  blade  aerodynamics  theory  and  tests  are  on  the  same  level  Therefore,  all  experimental  results 
on  unsteady  flows  in  rotors,  stators  or  blade  cascades  are  of  paramount  interest. 

An  interesting  contribution  to  unsteady  flow  testing  is  the  one  by  A. H. Epstein  ct  al.  (MIT.  ISA ).  who  justify  the  test 
methods  used  since  the  beginning  of  the  turbomachinery  era.  For  that  purpose  they  make  a  detailed  analysis  of  the  flow  field  and 
show  that  the  effect  of  rotor  stator  interaction  on  mean  performances  is  eliminated  if  pressure  and  temperature  measurements 
are  made  on  angular  locations  similar  relative  to  the  stator  blades. 

lest  equipment  is  still  m  progre  c  the  semiconductor  probe  developed  by  R.W.  Ainsworth  et  al.  (Oxford  University.  UK)  is 
miniaturised  and  goes  accurate  pressure  and  heat  transfer  coefficients,  as  shown  by  tests  made  in  a  calibration  wind  tunnel 
Another  temperature  probe,  dev  eloped  by  S.C  C  ook  (Rolls  Roycc,  UK)  and  R.  U.  Elder  (Cranfield  Institute  of  Technology.  UK) 
is  abo  designed  in  order  to  give  accurate  and  reliable  mean  values  in  a  fluctuating  flow-.  This  is  not  the  least  difficulty  in  unsteady 
aerodynamics  and  the  number  of  questions  asked  during  the  discussion  period  shows  the  high  interest  for  such  probes. 

I  he  test  facilities  especially  designed  for  unsteady  flows  or  vibrating  bales  in  cascades  are  rare.  This  gives  even  more  value 
to  the  work  of  I  l.n  Schulz  and  M  F  Aiallus  (WRT'H.  ( iermany)  and  to  that  of  A. Boles  et  al.  (Fcole  Foly technique  de  Lausanne. 
Switzerland)  who  give  detailed  test  results  obtained  cithci  on  cascade  under  influence  of  wakes  or  on  vibrating  blades  in  an 
annular  cascade. 

3.  (  ONCU  SION’S  TO  BE  DRAWN  FOR  FI  TI  RE  RF.SF.ARC  H  AND  DFA  Fl.OPMF.NT 

At  the  end  of  the  meeting  it  might  be  interesting  to  draw  some  conclusions  of  the  impact  of  the  lectures  on  future  work 

3.1  Future  Development  of  Theoretical  Research 

The  large  numerical  codes  for  viscid  or  inviscid.  unsteady  flows  in  turbomachinery  will  be  more  and  more  developed, 
although  the  experimental  work  for  validation  of  these  codes  is  lagging  behind  them. 

it  is  clear  that  a  great  effort  has  to  be  made,  and  is  already  made  in  the  major  industries  and  research  centres,  in  order  to  give 
descriptions  of  the  time  dependent  flows,  showing  the  effect  of  flow  unsteadiness  on  performance 

As  long  as  the  tedious,  time  consuming  and  sometimes  doubtful  test  results  w  ill  not  be  available,  numerical  computation 
will  be  the  only  tool  the  designer  will  have  to  improve  his  product  Such  politics  have  been  fruitful  during  (hchtsi  years  and  u  ill  be 
even  more  m  the  future. 

T  he  blade  profiles,  that  at  present  time  are  optimized  in  terms  til 
smooth  pressure  distributions 

u'ircct  ladial  total  pressure  distributions,  m  order  to  allow  the  stacking  nl  the  blade  profiles 
sufficiently  large  throat  sections,  in  order  to  avoid  chocking. 

will  be  optimized  in  the  future  m  order  to  minimize  the  effect  of  flow  unsteadiness  i  c  take  advantage  of  the  renewal  of  the 
boundary  layer  but  avoid  early  stall. 

fhe  development  of  large  computers  and  the  improvement  of  the  codes  will  reduce  the  compulation  times  without 
hindering  the  accuracy  of  the  computations 

3.2  lest  Facilities 


file  large  component  test  facilities  fashionable  tor  many  yens  seem  to  be  on  the  decline 

I  he  hnthlv  sophisticated  test  methods,  that  have  gtven  outstanding  results  lot  many  veats  are  ptcscntlv  less  used,  due  to  the 
tremendous  number  of  test  data,  the  cxpvtimentct  not  knowing  how  to  use  them 

I  tlorl  will  be  made  on  clcvei  test  facilities  designed  foi  the  purpose  ol  validating  details  of  calculations  rathet  than  to 
investigating  the  whole  flow  field 

And  finally,  it  will  be  only  through  the  loop-on  >n  of  theoicticians  and  experimenters,  each  of  them  understanding  the 
wotk  of  the  other,  that  further  progress  will  be  obtained  in  this  difficult  field  of  l  nsteady  Aerodvnamics  in  luibomaehinerv 
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MTU  Motoren-  und  Turbinen-Union  Mum.. ten  GmbH 
Dachaucr  Sir.  6ft  5 
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Summary 

The  effect  of  unsteady  aerodynamic  loads  on  the  natural  modes  and  frequencies  of  unshrouded  blades  of  axial  flow 
turbomachinery  is  investigated.  It  is  shown  that  significant  shifts  in  eigen  frequencies  and  aerodynamic  coupling  between 
different  modes  do  not  occur  for  blades  With  a  large  mass  ratio.  Even  for  compressor  and  turhine  hladinos  of  recent 
design,  it  is  generally  possible  to  neglect  the  effect  of  unsteady  aerodynamic  forces  on  the  vibration  characteristics. 
Therefore,  the  Energy  Method  is  applicable  fr  the  theoretical  flutter  investigation  of  these  machines.  However,  for 
future  light-weight  designs,  e.g.  hollow  fan  blades  or  blades  made  of  fibre-reinforced  plastics,  the  effects  of  unsteady 
airloads  on  the  vibration  characteristics  will  be  larger.  In  these  cases,  the  Eigenvalue  Method  will  have  to  be  employed 
for  flutter  prediction  as  well  as  for  the  calculation  of  eigenfrequencies  and  natural  modes. 


Nomenclature 


k  reduced  frequency 

l_sp  generalised  airload  coefficient 

m  mass  per  unit  area 

Mg  generalised  mass  of  s-th  in-vacuo  piqpnmode 

n  outward  directed  unit  vector  normal  to  blade  surface 

p'  unsteady  pressure  amplitude 

Pp  pressure  amplitude  due  to  e-th  eigenmode 

Qg  generalised  unsteady  airload 

x,rfi,r  coordinates  of  blade  surface 

e,  s  indices  denoting  in-va^uo  eigenmodes 

t  time 

Vrfif  velocity  at  a  reference  radius 

7  local  deflection  of  blade  surface 

0  i  logarithmic  decrement  of  l-th  eigonmodr 

p*  mass  ratio 

generalised  mass  ratio  of  s-th  in-vacuo  eigenmode 
wt  circular  frequency 

^  circular  frequency  of  lowest  in-vacuo  eigenmode 

£1|  circular  frequency  of  l-th  eigenmode 

( 'pf  generalised  coordinate 

in-vacuo  eigenmode 

$  rnf  density  at  a  reference  radius 


Int  roduct  ion 

Precise  knowledge  nf  the  vibration  characteristics  nf  the  des  }«j  nf  pnramnunt  importance  in  the  design  of  axinl  flow 
turbomnehinery.  E  iqen  frequencies  have  to  be  tuned  tc  .jo  engine  order  resonances,  whirh  might  cause  fatigue  failure, 
and  Made  vibrations  must  he  shown  not  to  tie  cvcitcd  hy  self-indured  unsteady  aerodynamic  fnrres,  causing  unstable 
oscillations  called  flutter. 

f  igen frequencies,  e iqenrnndes  and  flutter  stability  ran  he  calculated  from  the  balance  of  dvnamir  fc-ces  acting  upon 
t'ie  hladen,  i.e.  inertial,  elastic  and  unsteady  aerodynamic  forces  'see  fig.  P.  A  flutter  prediction  mettiod  taking  into 
account  all  three  kinds  of  forces  is  called  Eigenvalue  Method.  The  unsteady  aerodynamic  forcer,  are  often  neglected  in 
the  balance  of  forces,  i.e.  eigenfrequencies  and  eigenmodes  are  calculated  ns  if  the  blading  would  work  in  van-um.  This 
permits  a  complete  decoupling  of  the  calculation  of  eigenfreguencies  and  eigenmodes  from  the  flutter  calculation.  The 
flutter  stability  in  this  case  is  determined  hy  calculating  the  energy  that  is  transfered  from  the  flow  to  the  vibrating 
blades  hy  unsteady  aerodynamic  forces.  This  method  is  called  Energy  Method.  When  employing  this  method  for  flutter 
prediction,  possible  coupling  of  different  in-vacuo  eigenmodes  hy  unsteady  aerodynamic  forces  as  well  ns  modifications 
of  eigen  frequencies  are  neglected.  The  aim  of  the  study  presented  herein  is  to  compare  the  results  of  the  two  differenl 
flutter  prediction  methods  in  order  to  assess  the  range  of  applicability  of  the  simpler  Energy  Mettiod. 


In  the  following  chapters,  the  equations  of  motion  of  a  blade,  taking  into  account  inertial,  elastic  and  unsteady 
aerodynamic  forces,  will  he  presented  first.  The  solution  of  these  equations  will  be  formulated  as  an  eigenvalue 
problem,  and  genera]  expressions  for  eiqnn frequencies  and  aerodynamic  damping  will  he  given.  Subsequently,  the 
expression  for  aerodynamic  dampinq  used  in  the  Enerqy  Method  will  be  derived  as  a  limitinq  Case  tr  the  general 
expression  derived  before.  To  assess  the  effect  of  different  parameters,  comparisons  of  flutter  calculations  based  on 
Fiqenvalue-  and  Fqerqy  Method  will  be  performed  for  a  simple  two-deqrre-of-freedom  (TOOF)-  flat  n[ate  cascade 
model.  Comparison-  of  eiqen frequency  and  aerodynamic  dampinq  calculated  with  Fnerqy-  and  Fiqenvalue  Method  will 
also  be  presented  for  a  wide-rhord-fan  and  a  propfan  rotor,  in  order  to  assess  the  order  of  magnitude  of  differences  in 
cases  of  practical  importance. 


Fguations  of  Motion  -  Fiqenvalue  Method 

For  the  problem  Jhder  discussion,  it  is  convenient  to  approximate  the  motion  Z(x,rQ,r,t)  of  a  hlade  by  a  finite  modal 
scries,  the  advantaqe  of  this  choice  being  that  no  inertial  coupling  does  occur  among  different  degrees  of  freedom. 
Assuming  harmonic  motion. 


I  'x.rd.r.t)  =  Ref  elul  JJ  fs  QJx.rB.r! } 


(1) 


where  for  each  mode,  jf  is  the  in-vacuo  vibration  mode  and  <o  the  generalized  coordinate  of  moda]  motion.  Neglecting 
structural  damping,  theS equations  of  motion  for  these  deqrees  of  freedom  can  be  deduced  by  considering  l.aqranqe's 
equations: 


here, 
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is  the  generalized  mass 
and 

is  thp  generalized  unsteady  airload. 
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CO  is  the  eiqen  frequency  of  the  s-th  in- vacuo  eigpnrnode,  m  is  the  blade  mass  per  unit  area,  p'  is  the  unsteady  static 
pressure  amplitude  on  the  blade  surface  and  n  is  t tie  outward  dir  rted  unit  vector  normal  to  the  blade  surface. 

Assuming  a  linear  relation  between  static  pressure  and  amplitude  of  motion,  p'  can  be  expressed  as 
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where  pc  is  the  pressure  amplitude  nctinq  upon  the  blade  durinq  oscillation  in  the  p-th  cigenmode.  !  Ising  eq.  'S\  the 
generalized  unsteady  airloads  can  be  expressed  as 


or,  with 
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where  and  Vrp^  arc  density  and  relat;-  e  r,ow  velocity  at  a  reference  radius. 

Thus,  the  equations  of  motion  (2)  can  he  written  as 
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Introducing  the  abbreviations  ^  Ms^'^ref  cref^’  ^  and  k  -  ob-c^/V^,  the  equations  of  motion  read 
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where  I  is  the  unit  matrix  and  A  is  a  matrix  with  the  elements 
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1-3 


The  vibration  characteristics  of  the  blades  under  consideration  of  the  unsteady  aerodynamic  forces  can  be  deduced 
from  these  equations.  The  eigenmodes  are  described  by  the  eigenvectors  of  the  system  of  equations  (11);  the 
eigen  frequencies  S2. ,  and  the  aerodynamic  damping  6.  of  the  different  eigenmodes  can  be  calculated  from  the 
eigenvalues  of  eq.  (li)  according  to  the  formulae 
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As  the  eigen  frequencies  Xi.  are  not  necessarily  equal  to  the  eigenfrequencies  co  of  the  in-vacuo  eigenmodes,  the 
unsteady  airloads  can  be  seen  to  influence  the  vibration  characteristics  of  the  blade.3 

Energy  Method 

Tor  large  values  of  p,  ,  the  elements  off  the  leading  diagonal  of  ^  will  be  small  when  compared  to  the  elements  on  the 
leading  diagonal.  In  these  cases,  the  eigenvalues  of  _A  can  be  approximated  by  the  elements  on  the  leading  diagonal,  i.e. 

As  -  —  1— - L-M _  ,  - 1 _  *  _g  etLJ  .  ,  Irr)KJ 

/us/^)2  fjsk2tu/u)2  fu  /t^)2  fJsk2(u/u)2  ;2(u/u)2 

Again,  if  is  large,  the  above  equation  is  approximately  equivalent  to 

K  **  - ?  *  1  - 5 — “ — T  (14) 
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Here,  the  imaginary  part  is  small  when  compared  to  the  real  part,  and  can  be  approximated  by 

s  ^pgr  •  (  cos(yp/2)  ♦  /  sin  (ip/ 2)  )  (15) 
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W*  ifn  introducing  this  result  into  eq.  (13),  the  eigenfrequencies  are  found  to  he  almost  unchanged  from  their  in-vacuo 
vaiue  by  the  presence  of  the  flow  around  the  blades: 

»  u^  (18) 


The  same,  of  course,  holds  for  the  eigenvectors. 

Taking  into  account  the  results  obtained  above,  the  following  expression  can  be  deduced  for  the  aerodynamic  damping: 


<5  =  -  2tt 


Im  s/lT 
Re  y/TT 


2»k2 


Im  jLsJ  2  g 


This  is  identical  to  the  expression 


given  by  F.D.  Carta  (1)  for  the  aerodynamic  damping.  Here,  W  is  the  work  done  by  the  aerodynamic  forces  on  the 
oscillating  blades,  and  is  the  mean  kinetic  energy  of  the  blade* when  oscillating  in  the  s-th  vacuum  eigenmode. 

Tor  large  values  of  pi  ,  thus,  an  eigenvalue  calculation  as  described  in  the  previous  chapter  is  not  necessary.  As 
eigenvectors  and  eigenfrequencies  are  almost  identical  to  their  in-vacuo  values,  the  aerodynamic  damping  can  be 
determined  from  eq.  (20)  after  the  aerodynamic  work  Vs^  has  been  calcu’ated. 


As  has  been  shown  in  the  previous  chapter,  the  Fnergy  Method  is  applicable  for  large  values  of  yu  •  However,  as  the 
value  of  depends  on  the  way  the  eigenvectors  are  normalized,  p  is  not  suitable  for  an  a  priori  decision  about  the 
applicability  of  the  Energy  Method.  For  that  purpose,  it  is  more  convenient  to  use  the  mass  ratio 

R  -  (2D 

n  r* 


which  is  roughly  proportional  to  p  .  Here,  m^  ^  is  the  blade  mass  per  unit  span  and  Q  .  ai 
chord,  respectively,  f**  can  be  takln  at  a  reference  radius,  or  as  blade-height  averaged  vSfJe. 


5  the  blade  mass  per  unit  span  and  g  .  and  c  .  are  gas  density  and 
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The  effect  of^t*  on  the  applicability  of  the  Energy  Method  will  be  discussed  in  the  following  chapter,  along  with  the 
effects  of  some  other  parameters,  by  aid  of  a  simple  two-degree-of-freedom  (TDOF-)  flatplate  cascade  model. 


TDQF  -  Flat  Plate  Cascade  Model 

The  cascade  model  used  for  the  parameter  variation  is  shown  in  fig.  2,  along  with  its  geometrical  parameters.  The 
cascade  consists  of  flat  plates  with  a  translational  degree  of  freedom  normal  to  chord  and  a  torsional  degree  of  freedom 
about  the  elastic  axis.  As  there  is  an  offset  between  center  of  gravity  (c.g.)  and  elastic  axis  (e.a.),  coupling  between 
bending  and  torsion  occurs  even  for  the  in-vacuo  eigenmodes  due  to  inertia  effects. 

In  fiq.  3,  6  •  [A.*  of  the  predominantly  torsional  eigenmode  is  shown  for  different  mass  ratios  as  a  function  of  relative 
flow  velocity  at  M  =  0.0  .  As  can  be  seen,  the  differences  are  small  if  the  cascade  operates  far  below  flutter  speed. 
When  the  flutter  speed  is  ^preached,  the  curves  diverge.  The  differences  are  small  for  very  large  mass  ratios, 
e.g./U*  =75^*104  or  fJt*  =*X  -10  ,  which  indicates  that  the  high  mass  ratio  limit  has  been  reached,  for  which  the  Energy 
Method  is  valid.  Similar  calculations  have  been  performed  for  different  Mach-numbers.  The  relative  effect  of  the  mass 
ratio  on  the  flutter  speed  at  these  Mach  numbers  is  shown  in  fig.  k.  It  can  be  seen  that,  when  increasing  the  Mach 
number  from  0.0  to  0.5,  the  sensitivity  to  mode  coupling  increases.  If  a  5%  error  margin  in  flutter  speed  is  considered 
acceptable,  the  Energy  Method  would  be  applicable  if^t*>160  for  M  =  0.0  ,  and  if  p*  >  560  for  M  =  0.5.  For  supersonic 
relative  flow,  the  range  of  applicability  of  the  Energy  Method  extends  to  far  lower  values  of  /a*.  However,  it  should  be 
pointed  out,  that  these  results  are  by  no  means  generally  valid.  A  change  in  the  ratio  of  bending  to  torsional  stiffness  is 
only  one  further  parameter  affecting  the  applicability  of  the  Energy  Method.  In  fiq.  5,  valid  for  M  =  0.5,  it  is  shown  that 
the  sensitivity  to  mode  coupling  is  the  larger  the  closer  the  eigenfrequencies  for  pure  bending  and  pure  torsion  are. 

Although  the  example  discussed  above  is  quite  instructive,  the  results  are  not  generally  valid.  As  it  is  impossible  to 
derive  general  conclusions  from  such  parameter  studies,  any  a  priori  decision  about  the  applicability  of  the  Energy 
Method  has  to  be  based  largely  on  experience  gained  from  earlier  calculations.  Two  example  results  for  turbomachinery 
bladings  believed  to  be  more  or  less  typical  for  modern  configurations  shall  be  presented  subsequently. 


Results  for  Wide-Chord-Fan  and  Propfan 

Example  calculations  for  real  turbomachinery  rotors  have  been  performed  far  a  modern  Wide-Chord-Fan  built  from 
titanium  and  a  CRISP-blade  built  of  CFRP  (carbon-fjbre-reinforced-plastic).  The  fan  is  operating  at  supersonic  relative 
flow  velocities,  and  the  radius-averaged  mass  ratio  at  the  flow  conditions  investigated  is  approximately  The 

CRISP-blade  operates  at  tip  Mach  numbers  close  to  1.0,  and  the  radius-averaged  mass  ratio  is  approximately  /u.*=40.  In 
both  examples,  the  generalized  aerodynamic  forces  have  been  calculated  with  D.S.  Whitehead’s  F1NSLJP  code  (2), 
applied  in  a  strip-theory  manner.  For  both  blades,  the  components  of  the  lowest  three  eigenvectors  are  shown  in  the 
complex  plane  in  figs.  6-11.  As  can  be  seen,  mode  coupling  is  small  for  the  titanium  fan  blade,  but  is  relevant  in  some 
eigenmodes  of  the  CRISP  blade.  These  trends  are  similar  for  the  eigenfrequencies  and  the  predicted  aerodynamic 
damping,  as  is  shown  in  tables  1  and  2. 

It  should  be  noted,  that  the  results  presented  are  valid  for  an  operating  condition  which  is  far  from  the  flutter  boundary. 
Calculations  indicate  that  no  unstalled  flutter  has  to  be  expected  within  the  respective  flight  envelopes,  so  that  no 
effects  can  be  studied  close  to  the  flutter  boundary.  From  the  results  obtained  in  the  previons  chapter,  however,  it  may 
be  expected,  that  the  differences  between  Eigenvalue-  and  Energy-Method  become  more  substantial  when  approaching  a 
flutter  boundary.  Nonetheless,  the  differences  are  expected  to  be  negligible  for  the  titanium  fan  blade,  whereas  for  the 
CRISP-blade  the  differences  are  expected  to  be  relevant.  In  this  case,  any  flutter  calculation  has  to  be  performed  with 
the  eigenvalue  method. 


Conclusions 


The  range  of  applicability  of  the  Energy  Method  for  flutter  prediction  of  axial  flow  turbomachinery  has  been 
investigated.  The  Energy  Method  was  shown  to  be  the  limiting  case  of  the  Eigenvalue  Method  for  high  mass  ratio. 
However,  a  study  performed  with  a  flat-plate-cascade  model  showed  other  parameters  to  have  an  equally  important 
effect.  Thus  no  generally  valid  rule  for  the  a  priori  decision  about  the  applicability  of  the  Energy  Method  could  be 
derived.  Results  for  real  turbomachinery  rotors,  however,  show  that  the  Energy  Method  is  applicable  for  wide-chord 
titanium  fan  blades,  whereas  the  Eigenvalue  Method  has  to  be  applied  for  blades  made  of  CFRP.  It  is  believed  that 
these  conclusions  are  more  or  less  generally  valid. 
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Figure  4  Effect  of  Mass  Ratio  p  on  Error  in  Flutter  Velocity 
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Eigenmode 

n,  -  h 

l,  s 

CJS 

1 

-0.8  % 

2 

-0  2% 

3 

♦  0. 03% 

Table  1  :  Fan  Blade 


Fan  Blade  -  Difference  of  Eigen  frequencies 
predicted  with  I  Index  !)  and  without  f  Index  s) 
Consideration  of  Unsteady  Aerodynamic  Forces 


Eigenmode 
I ,  s 


♦  0.4  % 
♦ 3.2  % 
-  1.7  % 


A_iA_ 


-  3  8  % 
*5.5% 
-3  2% 


Table  2  Propfan  Blade  -  Difference  in  Eigenfrequencies  and 
Aerodynamic  Damping  predicted  with  I Index  I)  and 
without  (Index  s)  Unsteady  Aerodynamc  Forces 


DISCUSSION 


H.Joubert  -  SNECNA,  Villaroche,  France 

Could  the  author  give  no  re  deiails  on  the  unsteady  aerodynamic  method  he  is  using  in  order  to 
obtain  the  unsteady  forces1 


Author's  response  : 

As  indicated  in  the  paper,  O.S. Whitehead's  FINSUP  code  is  used  to  calculate  aerodynamic  forces 
for  flutter  prediction.  The  flat  blade  cascade  results  shown  in  the  paper  were  obtained  with  linear, 
small  perturbation  singularity  aethods. 


W.S.Alwang  -  Pratt  i  Whitney,  USA 

Is  there  any  elemental  confimation  of  the  flutter  calculation  presented1 
Author's  response  i 

The  unsteady  aerodynamics  code  was  validated  by  c caparison  of  calculations  arid  experimental 
results  for  the  Lausanne  Standard  Configuration  (see  reference  below).  The  capability  to  predict 
accurately  the  onset  of  flutter  was  confirmed  by  checking  prediction  against  experience  for  a  titanium 
fan  blading. 

Reference  :  Boles  A.,  Fransson  T  1986 

Aeroelasticity  in  Turbomachines:  Comparison  of  theoretical  and  experimental  cascade  results- 
Communication  N°13  of  Laboratoire  de  Thermique  Appliqude  et  de  Turbomachines  de  l’Ecolp  Polytechnique 
Fdddrale  de  Lausanne,  Switzerland. 
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NUMERICAL  INVESTIGATION  Of  UNSTEADY  PLOW  IN  OSCILLATING 
TURBINE  AND  COMPRESSOR  CASCADES 


H.P.  Kau  and  H.E.  Callus 
Institut  fur  St rahlantriebe 
und  Turboarbeitsiaschinen 
RWTB  Aachen 

Templergraben  55,  5100  Aachen 
W . -Germany 


Suaiary 

A  method  of  computing  the  unsteady  tvo-dimensioual ,  inviscid  subsonic  flow  through 
oscillating  compressor  and  turbine  cascades  is  presented.  The  non-linear  Euler-equa- 
tions  in  conservative  law  form  are  solved  taking  into  account  the  time-dependent 
geometry.  For  interior  points  MacCormack's  explicit  predictor-corrector  scheme  is  used. 
Boundary  conditions  are  formulated  by  characteristics  methods. 

A  comparison  of  computat iud«1  results  and  experimental  data  is  given.  A  study  is 
penormed  showing  the  influence  of  important  aerodynamic  and  geometric  parameters  on 
the  time-dependent  forces  and  moments. 


Nomenclature 


a 

velocity  of  sound 

U 

flow  values  (p,  pu,  pv,  e) 

c*- 

velocity 

V 

velocity  in  y-direction 

c 

chord  length 

coordinates 

e 

energy 

C.n 

coordinates  for  transformation 

E ,  F 

flux  vectors 

f 

local  normal  vector 

h 

bending  amplitude  dimensionless 

«  -  <t. .£,>’■ 

with  chord 

*r 

local  tangential  vector 

J 

Jacobian 

n  -  (n,  .it*)1 

k 

reduced  frequency 

a 

upstream  flow  angle 

P 

pressure 

y 

ratio  of  specific  heats 

t 

time 

V 

f  requency 

r 

tangential  vector 

p 

density 

u 

velocity  in  x-direction 

0 

interblade  phase  angle 

X 

stagger  angle 

Subscripts 

Superscripts 

B 

blade 

n 

value  at  time  t 

n 

numerical 

n  ♦  1 

value  at  time  t+At 

ref 

reference  value: 

A 

value  after  the  transformation 

turbine  cascade:  downstream 
compressor  cascade:  upstream 

— 

value  after  the  predictor  step 
of  the  MacCormack  scheme 

t 

total  value 

* 

at  time  t+At 

value  at  boundary  after  the 
MacCormack  iteration 

Introduction 

The  reliability  of  modern  axial-flow  turbomachines  is  particularly  influenced  by  flow- 
induced  vibrations.  They  nay  be  caused  through  blade  row  interactions,  turbulence, 
stall,  inlet  distortion  and  self-excited  blade  vibrations. 

This  paper  presents  a  non-1 inearized  method  for  calculating  the  unsteady  two-dimen¬ 
sional,  inviscid  subsonic  flow  through  oscillating  compressor  and  turbine  cascades. 

The  two-dimensional  unsteady  Euler-equat ions  in  conservative  form  are  solved  on  a  tine- 
dependent  grid,  using  the  MacCornack  scheme  / 1 /  at  interior  points.  The  boundary 
conditions  are  taken  into  account  by  a  post-cor rec t iou-method  and  one-dimensional 
characteristics  / 2 / .  The  moving  computational  grid  is  generated  once  per  unsteady  tine- 
step  using  the  Lap] ace-equations  corresponding  to  the  method  of  Thompson,  Thames  and 
Mastin  / 3 / . 

The  algorithm  has  been  checked  first  computing  the  steady  flow  through  compressor  and 
turbine  cascades  showing  the  local  accuracy.  The  prediction  capability  of  the  algorithm 
for  time-dependent  values  is  shown  by  comparisons  with  several  experimental  data  in 
bending  and  simultaneous  bending-pitching  node.  The  algorithm  was  applied  to  both 
influence  wave  mode  and  travelling  wave  mode.  The  first  part  of  a  systematic  variation 
of  important  parameters  shows  their  influence  on  the  aerodynamic  forces  and  moments 
coef  f icients . 


Governing  Equations 

The  unsteady  flow  is  noddled  by  the  two-dimensional,  inviscid  and  compressible  Euler- 
equations  written  in  conservative  form.  They  are  formulated  on  a  cartesian  coordinate 
grid  with  x  being  the  axial  direction: 


aa  a 

—  U  +  —  E(U)  +  —  P  ( U )  *  0 

at  ax  ay 

whe  re 


f  p  ^ 

( \ 

pv 

pu 

f>ua»p 

puv 

u  = 

pv 

E  (  U  )  = 

puv 

P(U)  = 

p  v  2  +  p 

^  e  / 

^  ( e+p )u  / 

^  ( e+p ) v  / 

They  are  closed  with  the  assumption  of  perfect  gas: 


P  P 

e  =  -  ♦  -  (u2  +  v2) 

Y-l  2 


(1) 


This  system  of  four  partial  differential  equations  forms  an  imtial-/boundary  value 
problem.  It  is  solved  by  a  combined  algorithm,  using  MacCormack's  explicit  algorithm  at 
interior  points  of  the  computational  grid  and  a  post  correction  method  taking  into 
account  the  boundary  conditions  in  a  formulation  of  one-dimensional  characteristics. 

The  following  chapter  will  describe  these  algorithms  in  detail. 

Mathematical  Transformation 

To  solve  the  Euler-equations  for  a  time-dependent  geometry,  a  moving  computational  grid 
(x,y,t)  has  to  be  used,  where  at  each  time  step  the  physical  boundaries  coincide  with 
the  grid  lines  (Pig.  1).  To  avoid  space  interpolations  on  these  grids,  for  the  formu¬ 
lation  of  the  derivatives  3/3x  and  3/dy  a  mathematical  model  is  used,  transforming  the 
physical  coordinates  <x,y)  at  a  fixed  time  on  a  new  set  (£,n).  From  there  the  Euler- 
equations  will  be  solved  in  this  transformed  region.  They  can  be  written  as 

a  .  a  A  a  . 

—  U  ♦  —  E  ♦  P  «  0  (2) 

at  at  an 


where 

A 

U  “  U/J 

E  -  (U  U  ♦  E*.  ♦  P*v>  /  J 
P  -  (U  n«  ♦  Pn„  ♦  Gny)  /  J 


with  the  Jacobian 


l 


J  -  5.  n.  -  5, 


y «  —  y« 


Expressing  all  terms  in  dependence  of  £  and  q  and  t  the  Jacobian  can  be  eliminated  from 
E  and  ?.  The  equations  can  be  remodelled  analytically  for  E  and  0  giving: 


E  -  U  *  U*  +  p 


A 

P  -  U  *  V«  ♦  p 


with  the  abbreviations 


u*  **  xn  (yt-v)  ♦  y„  (u-x*) 

V*  -  x,  (v-y*)  ♦  y,  (x*-u)  . 


Interior  points 


This  transformed  Euler-equat ion  can  now  easily  be  solved  at  interior  points  by  the 
explicit  predictor/corrector  KacCormack  scheme. 


Predictor  step: 


nn»i 


.  At 

,n  Al 


-  gr-s.j]  '  $  ['Em-,  -  f"i-E] 


<  4) 


Writing  this  equation  in  a  detailed  finite  difference  form  it  can  be  seen  that  ,  AE 
and  J  contain  terms  with  A£  and  An  and  that  the  whole  equation  is  independent  from 
these  values. 


The  predictor  step  gives  a  first  aporoxinat ion  Utj"'1  of  the  values  U41 
t"*1  . 

The  corrector  step  gives  a  second  approximation  and  includes  averaging: 


(!£l. 

At 

.  At 

r  Fm'  .  f"*1,  i  1 

Ij"*1 

’  M 

An  j 

“ij 

The  time  step  At  is  bounded  by  the  CFL  criterion  /4/. 


(  S  ) 


Using  a  proposal  of  MacCormack  / 5 /  the  four  possible  choices  for  approximating  the 
derivatives  dE/3£  and  d£/dn  are  cycled  through  during  the  course  of  a  calculation  (Pig. 
2).  This  rotation  introduces  a  numerical  oscillation  with  the  frequency 


1 

v„  -  -  ( 6 ) 

4  At 


To  ensure  that  the  physical  phenomena  to  be  computed  are  not  influenced  by  these 
effects,  the  frequency  of  the  blade  vibration  must  have  a  certain  distance  from  v„. 
In  practice  one  period  of  blade  oscillation  will  be  divided  into  200  or  more  time  steps 
depending  on  the  allowed  maximum  of  At.  so  that 

vw  2  50  .  ( 7 ) 


boundary  Points 

The  MacCormack  algorithm  yields  only  the  solution  at  inner  points.  At  the  boundaries  of 
the  area  <  B 1  to  B8  in  Pig.  3)  a  special  treatment  is  necessary.  The  number  of  boundary 
conditions  to  be  specified  Is  given  by  an  analysis  of  the  physical  area  of  dependence. 
Por  example.  Fig.  4  shows  the  situation  at  the  upstream  boundary. 

At  B 1  the  stagnation  values  p*.  T«  and  the  flow  angle  a  are  prescribed. 

At  B2  the  static  pressure  p  is  assumed  known. 

-  At  the  blade  profiles  the  flow  tangenev  condition  is  used.  i.e.  c  *  (  *  c~l  *  i 

where  c*  -  (u.v)*  denotes  the  velocity  of  flow  at  the  solution  point,  -  <u»,v.)1 
describes  the  local  velocity  of  the  blade  and  X  is  the  normal  vector  to  the 
profile. 

Downstream  of  the  blading,  the  boundaries  B5  and  B6  are  represented  by  the  slip¬ 
streams  leaving  the  trailing  edge  of  each  blade. 

At  B7/B8  a  special  periodicity  condition  is  used,  which  is  explained  later  on. 

The  algorithm  for  the  boundary  points  consists  of  two  main  steps.  First,  the  NacCormack 
scheme  is  used,  where  the  unknown  space  derivatives  normal  to  the  boundaries  are 
formulated  as  one-sided  finite  difference  approximations.  These  values  are  not  correct, 
because  they  do  not  satisfy  the  boundary  conditions,  but  their  Rlemann  variables  are 
already  well  computed.  These  values  have  to  be  changed  m  the  second  step  taking  into 
account  the  boundary  conditions  and  the  Rlemann  variables.  In  detail,  the  following 
system  of  equations  in  which  the  *  denotes  the  results  of  the  first  step,  is  solved  . 

Inlet  surface  (B1 ) : 

-(pa)"  ( u"* ‘ -u* )  *  <p"~‘-p*)  -  0  (8) 

and  p*  ,  Tt  ,  o  as  boundary  conditions. 
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As  p“**  depends  fro*  1 ,  Eq  .  8  aust  be  solved  with  an  iteration.  To  improve  conver- 

gtoce,  the  equation  is  remodelled  to  the  type  p„.„(  p.,**  >  -  Poii  ”  0  and  can  be  solved 

with  a  Newton  iteration. 

Outlet  surface  (B2): 

- ( a3 ) "  ( p“’ 4 )  ♦  ( p»* 1 -p'  )  *  0  (9) 

v“*‘  -  v*  *  0 

(pa)“  (u“**-u")  ♦  ( P" ’  1  -p"  )  *  0 

with  p“*4  or  a  nonreflecting  equation  as  boundary  condition.  The  system  can  easily  be 
solved. 


Solid  wall  (B3.  B4): 

-  (  p  a  >  “  £  ( c“ ' *  -c  * )  ♦  ( p" *  * -p “ )  •  0 
-/a*)*(  p~*  *  -p*  )  ♦  (  p"  *  *  -P*  )  ■  0 

if  (  c-'  •  -c*t  -  0 

v  <*  -  r  ci 

with  £  as  local  normal  vector  and  vertical  to  n. 


<  10) 


Slipline  (BS.  Bb  )  : 


Downstream  of  the  blades,  a  slipline  leaves  the  trailing  edge  of  each  blade.  This  model 
has  been  used  by  Butler  /b/,  Pandolfi  /7/  and  other  authors.  At  each  point  of  this  line 
pressure  and  normal  velocity  are  continuous  while  the  tangential  velocity  will  show  a 
jump  to  simulate  the  effect  of  vorticitv  (Fig.  S )  . 


The  describing  equations  are: 

<pa),  C,  c*i *  ♦  p*’  1 
< P  a  >  a  Ci  cT"  * 1  -  p • • * 

1 1  -  *T  c  7”  *  4 


(pa) ,  C.  £.*  *  P» 
(  pa  )  a  c7  c*-  Pi* 
0 

n?  c  r* 
n  r  C  ,  ■* 


This  system  of  equations  can  be  reduced  analytically. 

Periodicity  condition  (B7,  B8  )  : 

When  computing  the  steady  state  solution,  the  numerical  grid  can  be  closed  at  the  lines 
B7/B8  with  a  simple  periodicity  condition.  Computing  unsteady  phenomena.  a  special 
treatment  has  to  be  found  to  take  into  account  the  time-dependent  fluctuation  on  these 
lines.  If  one  is  interested  in  the  real  physical  phenomena  during  the  transition  from 
the  initial  values  to  the  periodic  state,  the  discretisation  can  not  be  limited  to  one 
channel.  It  must  be  extended  over  as  many  channels  as  are  needed  due  to  a  geometry 
similarity  that  allows  to  close  the  computational  domain  with  the  simple  periodic 
condition.  If  only  the  periodic  state  has  to  be  computed,  a  distinction  can  be  made  in 
the  treatment  of  the  periodic  lines  (B7,  B8  in  Fig.  3)  depending  on  the  wave  node  of 
the  grid. 

To  compute  the  influence  wave  mode  i.e.  the  case  of  all  blades  having  a  steady  position 
except  one  / 8 / .  it  is  necessary  to  discretise  not  only  the  channel  of  the  moving  air 
foil  but  the  whole  cascade.  With  only  little  loss  of  accuracy,  the  computational  domain 
can  be  reduced  to  7  or  5  channels.  omitting  some  steady  blades.  In  travelling  wave 
mode,  all  the  blades  vibrate  at  the  same  frequency  and  amplitude,  but  there  exists  a 
circumferential  constant  phase  lag  between  each  blade  and  its  neighbours. 

A  special  treatment  of  the  boundaries  B7/B8  first  introduced  by  Erdos  and  Alzner  /s/ 
reduce^  *he  computational  domain  to  a  single  channel.  This  special  treatment  of  the 
periodicity  condition  takes  advantage  of  the  periodically  identical  states  in  the 
channel  and  its  neighbours  having  only  a  constant  time  delay.  This  formulation  is  only 
valid  for  periodic  conditions  and  cannot  be  used  to  compute  the  transition  from  steady 
initial  conditions  to  the  periodically  fluctuating  state  reproducing  the  real  physical 
phenomena.  Besides,  for  reasons  of  stability  it  is  necessary  to  introduce  an  additional 
damping  coefficient,  which  depends  on  the  difference  between  the  values  on  the  periodic 
lines  at  the  last  time  step  and  those  computed  at  the  last  period  v(  the  corresponding 
time.  It  drives  the  numerical  scheme  to  the  penodtr  stste  and  vanishes  after  the 
transition.  In  addition  to  the  original  idea,  the  derivatives  of  these  values  in  u- 
direction  on  these  lines  B7/B8  are  stored,  too.  These  derivatives  can  directly  be  used 


to  coaplete  the  HacCoraack  steps  at  the  periodic  lines.  The  entire  foraulation  yields  a 
stable  transition  to  the  periodic  state. 


Resul ts 

Steady  Cascade  Plow 

Before  the  presentation  of  results  with  oscillating  blades,  coaputed  steady-state 
solutions  will  be  presented  to  show  the  2D  prediction  capability  of  the  algorithm. 
Pig.  6  shows  the  tiae  averaged  pressure  coefficients  for  the  "Fourth  Standard  Configu¬ 
ration  Ho.  4"  / 1 0  / ,  using  a  aesh  with  51  x  17  points  (Fig.  1).  This  grid  represents  a 
typical  section  of  aodern  free  standing  turbine  blades.  It  operates  under  high  subsonic 
flow  conditions.  The  agreeaent  between  aeasured  and  calculated  results  is  fairly  good, 
but  in  the  region  of  high  Hach  nuabers  (Na  -  1)  there  exists  a  ainor  deviation. 

Fig.  7  shows  the  coaparison  between  calculation  and  experiaent  for  a  low  subsonic 
coapressor  cascade.  Due  to  the  inviscid  aatheaatical  aodel  the  calculation  shows  a 
greater  lift  than  the  experiaental  results. 

Oscillating  Cascades 

The  developed  algoritha  was  applied  to  both  influence  (IWM)  and  travelling  wave  node 
(TWM).  Fig.  8  shows  a  selected  result  for  the  introduced  coapressor  cascade  bending  in 
TWM  with  the  frequency  v  »  132  Hz.  the  upstreaa  Hach  nuaber  Mi  =  0.228  and  the  inter- 

blade  phase  angle  o  *  180a.  The  unsteady  pressure  was  aeasured  in  five  positions  D1  to 
D5  on  the  pressure  side  and  in  six  positions  SI  to  S6  on  the  suction  side.  The  coapa- 
risoo  with  coaputed  results  shows  a  very  good  agreeaent  in  aaplitude  and  phase,  exept 
for  D 1  .  Unfortunately,  the  pressure  transducer  SI  was  out  of  order.  The  acceleration 
aeasured  in  the  experiaent  shows  a  second,  higher  frequency  corresponding  to  the  first 
torsional  node.  Therefore  all  measured  results  have  a  high  oscillation.  The  difference 
at  point  D1  is  caused  by  the  relatively  coarse  grid. 

For  the  saae  profile,  there  exist  experiaental  data  in  influence  wave  node.  Fig.  9 
shows  the  coaparison  betweeu  aeasured  and  computed  results  for  a  combined  ben¬ 
ding/pitching  notion  with  370  Hz.  The  prediction  capability  of  the  algoritha  is  not  as 
good  as  in  Fig.  8.  Especially  the  deviation  at  the  leading  edge  is  increased,  but  now 
the  coaputed  results  are  higher  than  the  measured  ones.  There  also  seen  to  be  certain 
deviations  in  the  aeasured  results,  because  there  is  no  physical  explanation  for  the 
aeasured  great  amplitude  at  transducer  D3 ,  which  is  located  nearby  the  torsional  axis. 
On  the  whole,  the  accuracy  is  fairly  well,  and  will  increase  with  a  finer  coaputat ional 
grid  and  a  better  analysis  of  the  results  of  the  moving  pressure  transducers. 

Influence  of  important  parameters 

With  the  presented  aethod  a  systematic  study  of  the  influence  of  important  parameters 
on  the  aeroelastic  behaviour  of  a  cascade  has  been  performed.  The  most  important 
parameters  are  the  reduced  frequency,  the  interblade  phase  angle  and  the  Mach  nuaber. 
Fig.  10  shows  in  the  upper  two  diagrams  a  coaparison  of  the  influence  of  Mach  nuaber  on 
the  aerodynaaic  force  coefficients  at  constant  other  data  for  a  flat  plate  cascade.  The 
influence  of  the  interblade  phase  angle  is  demonstrated  in  the  diagrams  2,  3  and  4  of 

this  figure  at  constant  stagger  and  Mach  nuaber.  These  results  can  also  be  achieved  by 
a  linearized  algoritha,  such  as  LIRSUB  from  Sai th / Whi tehead  /11,12/.  Nevertheless,  the 
influence  of  important  geoaetric  parameters,  such  as  thickness  and  caaber,  can  only  be 
studied  by  nonlinear  aethods.  Fig.  11  shows  in  the  lower  right  corner  real-  and 
imaginary  part  of  the  unsteady  force  coefficient  depending  on  reduced  frequency  for  the 
"Fourth  Standard  Configuration"  in  bending  node.  Because  of  the  wide  range  of  the  local 
Mach  nuaber  of  the  turbine  cascade  these  results  are  compared  in  the  other  three 
diagrams  of  Fig.  11  with  those  of  a  flat  plate  at  different  Mach  numbers  coaputed  with 
LINSUB.  Because  of  the  strongly  differing  geometry  of  the  turbine  blade  profile  and  a 
flat  plate  the  different  course  of  the  curves  in  these  diagrams  becomes  obvioue. 

Conclusion 

The  presented  aethod  coaputes  the  two-diaens lona 1 ,  unsteady,  subsonic  flow.  The  non¬ 
linear  Euler-equat ions  in  conservative  fora  are  it  interior  points  with  the 

MacCoraack's  predictor-corrector  scheae,  Boundary  conditions  are  handled  with  a  post 
correction  aethod  using  one-d iaens Iona  1  characteristics. 

Results  for  bending  and  pitching  motion  of  coapressor  and  turbine  cascades  show  a  good 
agreement  with  experimental  data. 

The  aeroelastic  behaviour  of  a  turboaachinery  cascade  aainly  depends  on  the  frequency, 
the  interblade  phase  angle  and  the  Mach  nuaber.  Important  geometric  paraaeters  are 
caaber,  thickness  and  stagger.  To  study  the  influence  of  these  paraaeters  in  detail, 
coap rehens i ve  investigations  are  planned  for  the  near  future. 
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Fig.  2:  Discretisation  of  the  derivatives  in  the  HacCo rmack-scheme 
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Pit*  3:  Location  of  boundaries 


Fig.  4:  Upatrnam  boundary  with  physical 
area  of  dependence 


Pit*  5:  numerical  model  of  the  ellpllne 
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fig.  9:  Dynamic  pressure  for  the  coapreasor  cascade  lo  IVH.  simultaneous 
bendiog/pitchlng.  x  -  370  Hi,  Mat  -  0,234  -  comparison  between 
measured  and  calculated  results 
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fig.  10 x  Influence  of  frequency.  Hack  nnmbar  and  lmterblada  pbaat  angle 
on  the  aerodynamic  force  coefficient  of  a  flat  plate  caacade 
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DISCISSION 


N. A. Ahmed,  Cranfield  Institute  of  Technology,  U.K. 

With  reference  to  figure  7  of  the  paper,  there  is  some  discrepancy  between  experiment  and 
calculation.  Could  the  authors  give  some  explanation?  How  much  does  the  choice  of  the  grid  system 
contribute  to  this  discrepancy1 


Author’ 5  response  : 

There  are  two  reasons  for  these  discrepancies: 

1)  The  computation  is  wade  with  an  inviscid  mathematical  aodel  whilst  the  experiment  is 
viscous:  the  calculations  give  a  greater  lift  than  the  tests. 

d)  There  might  be  a  small  effect  of  the  coarseness  of  the  computational  grid,  especially 
concerning  the  modelling  of  the  leading  edge  and  trailing  edge  regions. 


Y.N.  Chen  -  Sultzer  Brothers,  Switzerland 

How  many  computational  steps  are  required  in  order  to  obtain  a  periodical  flow. 

Author's  response  : 

For  the  case  presented,  the  computation  required  5  periods. 

Since  the  frequency  was  130  Hz,  the  computation  required  4  000  steps  per  period,  hence  a  total 
of  dO  000  time  steps. 
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CALCUL  INSTATIONNAIRE  EN  FLUIDE  VISQUEUX 
DES  GRILLES  D’AUBES  A  D ECO LLEM ENTS  INDUITS  PAR  LES  BORDS  D’ATTAQUE. 


M.  Gazaiv,  P.  Girodroux-Lavigne,  J.C.  Le  Balleur 


OjV.£J?A 

B.P.  72,  92322  ■  Chatillon  cedex  (France) 


RESUME. 

Unc  mAhode  numAique  d’interaction  visqucux-non  visqueux  install onnairc  pour  ic  calcul  des  grilles  d’aubes  b  bords  d’attaques 
aigus  decodes  eat  prisentde. 

La  mAhode  est  foodie  sur  I’approche  de  "Formulation  Ddficitaire",  dans  son  approximation  de  couche  mince,  avec  moddisation 
paramAriquc  des  profils  de  vitessc  moyenne.  Elk  fait  appel  b  la  technique  de  couplage  fort  "Semi-Implicite",  tcmporellement 
consistante.  Le  decoltcment  est  fore*  au  bord  d’attaque.  La  mAhode  permet  de  calculer  la  zone  dfeollte  situ 6c  en  aval,  ainsi  que  Ic 
point  de  recoilcmcnt. 

Des  com  pa  raisons  calculs-cxpAiencc  favorabfes  sont  obtenues  b  i'Aat  stationnaire,  sur  unc  plaque  plane  en  incidence  et  sur  des 
grilles  d’aubes.  Les  premiers  rfeultats  instationnaires  dans  le  cas  d’un  mouvement  de  tangage  sont  pr6sent6s,  aussi  bien  sur  des 
profits  isolds  b  bord  d’attaque  aigu  en  incidence  que  sur  des  configurations  de  grilles  d'aubes. 


UNSTEADY  VISCOUS  CALCULATION  METHOD 
FOR  CASCADES  WITH  LEADING  EDGE  INDUCED  SEPARATION. 


ABSTRACT. 

The  recent  progress  in  viscous-inviscid  interaction  methods  for  computation  of  unsteady  separated  flows  over  airfoils,  in  forced 
oscillations  as  well  as  in  the  buffet  regime,  make  it  possible  to  develop  a  numerical  method  for  computations  of  unsteady  flows  over 
airfoils  and  cascades  where  the  flow  separation  or  stall  is  induced  by  sharp  !eading<dges.  The  aptitude  of  the  method  to  describe  the 
leading-edge  separation  in  unsteady  flow  gives  some  hope  for  the  prediction  of  subsonic  flutter  in  cascades. 

The  method  solves  unsteady  thin-layer  integral  viscous  equations,  in  "Defect-Formulation",  including  two  transport  equations  for 
turbulence.  The  equations  are  closed  by  turbulent  mean  velocity  profiles  which  are  modelled  and  discretized  along  the  normal.  The 
viscous  method  is  strongly  coupled  timc-consistently,  by  the  so-called  "Semi-Implicit"  numerical  technique,  with  a  pseudo- in  viscid 
solver  based  on  potential  small  perturbations  approximations.  The  numerical  technique  is  able  to  enforce  the  separation  at  a  sharp 
leading-edge. 

A  viscous  calculation  method  for  airfoils  is  first  shown  to  predict  the  leading-edge  separation  over  a  sharp  flat  plate  at  incidence, 
and  over  isolated  compressor  blades.  Steady  and  unsteady  computations  are  presented,  and  compared  with  experimental  results.  A 
numerical  method  for  internal  flows,  including  conditions  of  periodicity  in  space  for  steady  flows,  and  in  space-time  for  unsteady 
flows,  is  secondly  obtained  to  compute  separated  flows  in  a  cascade  configuration.  Steady  and  preliminary  unsteady  results  are 
shown. 


INTRODUCTION. 

Les  feoulemcnts  de  grilles  d’aubes  &  bords  d'attaques  aigus,  en  incidence,  sont  caractAisls  par  le  developpement  d'unc  couche 
limitc  turbulente  sur  rextrados  de  I’aube  qui  est  dlcoliee  dis  le  bord  d’attaque,  le  point  de  reoollement  se  situant  sur  le  profil  ou  bien 
dans  le  sillage.  Les  Audes  cx  peri  men  tales  montrent  que  les  effets  visqueux  qui  en  r&ultent  sont  trts  importants.  En  particulier,  ocs 
6coulemcnts  peuvent  dans  certaines  conditions  Are  ie  siege  d’instabi litis  aAodastiqucs,  et  conduisent  au  phlnomfcnc  de  flottemeni 
de  d&rochage  des  aubes  de  compresseur. 

Ces  probkmes  de  flottemeni,  qui  apparaissent  aussi  bien  en  regime  subsonique  que  transaonique,  dependent  direct  cm  cm  de 
revolution  instationnairc  de  la  couche  limite  b  I’extrados,  et  notamment  du  replacement  du  point  de  reoollement.  Jusqu’d  present,  il 
n’existsit  pas  veritabkment  d’outil  numAique  pour  la  provision  de  oe  type  d’lcoulemcnt,  dont  la  connaissance  est  ce pendant 
primordiak  dans  la  definition  des  grilles  d'aubes.  Lea  premieres  etudes,  menlea  par  des  m&hodes  instationnaires  de  fluide -par fait,  se 
sont  r6vA6es  inadapkea  pour  k  calcul  de  cea  Aoukmcnts,  oil  lea  effets  de  la  viacaaitl  dominent. 

La  poasibilite  de  decriic  dea  6coulements  instationnaires  decodes  complexes  par  une  mAhode  numAique  d'interaction  visqueux  - 
non  visqueux  temporclkmcnt  consistante,  Le  Balleur,  Girodroux-Lavigne  (1),  a  dejfc  Al  demontree  aussi  bien  sur  des  profits  d’ailcs 


en  oscillation  de  tangagc,  quc  sur  des  profits  d’ailes  fixes  o&  le  regime  instationnaire  est  induit  par  le  tremblement  a£rodynamique 
(1,23,4,5).  Les  progrts  realises  ont  permis  d'6tcndre  la  mdthode  au  calcul  du  ckcoHemcnt  induit  par  un  bord  d’attaque  aigu.  Des 
r6sultats  prdliminaires  demontrant  la  faisabilite  de  tels  calculs,  avaient  dej&  6te  obtenus  dans  le  cas  d’un  profit  iso!6  d  bord  d’attaque 
aigu  en  incidence,  Girodroux-Lavigne,  Le  Balleur,  [6]. 

La  mdhodc  est  bas£e  sur  la  "Formulation  Deficitairc"  proposde  par  Le  Balleur  [7,8,9],  simplifilc  dans  son  approximation  de 
couche  mince,  avec  moddisation  param^trique  dcs  profils  de  vitesse  moyenne.  Elle  fait  appel,  pour  le  couplage  fort  visqueux-non 
visqueux,  A  la  technique  numerique  temporellement  consistantc  dite  "Semi-Impficitc",  Lc  Balleur,  Girodroux-Lavigne  [1).  Le  champ 
pseudo-fiuide-parfait  est  calculi  par  resolution  de  l’6quation  des  petites  perturbations  potentiellcs  transsoniques  [10,1 1). 

Le  decoilcmcnf  est  numeriquement  force  au  bord  d’attaque.  La  m6thodc  permet  dc  calcuier  1’evolution  de  la  couche  limite 
decoliec  et  du  sillage  situ6s  en  aval,  ainsi  quc  le  point  de  recollemcnt.  Des  comparaisons  calculs-exp6riencc  favorables  sont  obtenues 
i  retat  stationnaire.  Les  premiers  calculs  instationnaires  dans  le  cas  d'un  mouvement  de  tangagc  sont  prdsentes,  aussi  bien  sur  des 
profils  isolds  (plaque  plane  en  incidence,  aubc  isoiee  symdrique)  quc  sur  dcs  configurations  de  grilles  d’aubes. 


1  -  DESCRIPTION  DE  LA  METHODE  NUMERIQUE. 

La  methode  de  calcul  devcloppec  est  basic  sur  uric  technique  d’interaction  visqueux-non  visqueux  instationnaire,  et  s’appuie  sur 
la  technique  numerique  de  couplage  "Semi-Implicite”  temporellement  consistante  d6finie  par  Le  Balleur,  Girodroux-Lavigne 
(1,2,3,4,5).  La  mdthodc  numerique  comprend  essentiellement  une  mdhode  de  calcul  de  "couche  visqueuse",  une  m&hodc  de 
"couplage  fort",  et  un  solvcur  "pscudofluidc-parfait". 


1.1  M&hode  de  calcul  des  couches  visqueuscs. 

Le  calcul  dcs  couches  visqueuscs  est  fonde  sur  I’approche  de  "Formulation  Deficitairc",  Le  Balleur  (7,8,9).  Cellc-d  est  utilise  ici 
seulement  dans  son  approximation  dc  couche  mince,  avee  resolution  d ’equations  integrates  et  avec  moddisation  paramdrique  des 
profits  de  vitesse  moyenne.  Numeriquement,  les  profils  dc  vitesse  mod 61  i sis  sont  discr6tis6s  scion  la  normal e  (16),  ce  qui  conduit  d 
une  technique  numerique  hybridc  entre  m6thode  int6gralc  et  m6thode  locale,  donnant  acc6s  non  seulement  aux  grandeurs  integrates 
visqueuscs,  mais  aussi  au  champ  des  vitesscs. 

D6signant  par  x ,  y  un  systtme  de  coordonn6es  respcctivemcnt  tangent  et  normal  &  la  surface  du  corps  ou  d  la  ligne  de  coupure  du 
sillage,  t  lc  temps,  u,  v,  p,  p  les  composantes  dc  la  vitesse,  la  presscon,  la  masse  volumique,  par  u,  v,  p,  p  les  quamil6s 
corrcspondantcs  du  pscudofluidc-parfait,  par  t  la  contraintc  dc  dsaillcment,  tes  «"»*grales  deficitaires  de  continuite,  de 

quantite  de  mouvement  et  d’entrainement  s’ecrivcnt  [9,1,16]  : 
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La  fermelure  du  systime  deficitaire  approche  d-dessus  fait  appcl  A  ia  moddisation  dcs  profils  de  vitessc  turbulcnts  de  Le  Ballcur 
(8,9,16,17],  moddisat/on  dependant  de  deux  param&res  cn  bidimensionnel,  valable  pour  les  teoulemcnts  attaches  et  decodes.  Le 
calcul  de  rentrainement  E(XJy  issu  de  cette  mtatc  moddisation,  fait  de  plus  appel,  dans  I’hypothtee  d’une  turbulence  d’6quilibre,  A 
un  module  de  longueur  de  mdange  [8,16].  1)  peut  aussi  faire  appel  au  module  A  deux  dcmi-6quations  de  transport  de  Le  Balleur 
[8,16],  dans  Thypothise  d’unc  turbulence  hors-6quilibre  (2  Equations  integrates  pour  I’&iergie  turbulentc  k  et  la  tension  de  Reynolds 

En  definitive,  les  6quations  deficitaires  peuvent  s’^crirc,  aprfcs  transformation,  aussi  bien  pour  une  couche  limite  que  pour  un 
sillage,  sous  la  forme  suivante  . 
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Les  sept  inconnues  du  probiemc  sent  1’epaisscur  de  couche  limite  6,  le  param&tre  de  forme  a  -6^  /6,  les  param&res  int6graux  de 
turbulence  k,  t,  le  nombre  de  Mach  rtduit  A  -  .5(y-l)Af2,  l*enthalpie  totale  tit,  et  la  vitessc  de  transpiration  v.  Afin  d’obtcnir  le 
couplage  fort,  les  trois  inconnues  A ,  ht ,  v,  dot  vent  tt  re  coupl6es  aux  variables  correspondantes  du  probldme  pseudo-fiuidc-parfait  : 


ti,  m  h(  m  -  m  w  -  v  (7) 

Une  resolution  d6coupl6c  du  systfcme  visqueux  (6)  est  d'abord  rtalisee,  soil  en  mode  Direct  (ecoulemcnts  attaches),  en  imposant 
A  mm,  ht  mh,,  soit  cn  mode  Inverse  (6coulemcnts  decodes),  en  imposant  -  v,  h(  mhr  La  commutation  Direct -Inverse  permet 
dans  tous  les  cas  de  rdsoudre  les  equations  par  une  technique  de  marche  en  espacc,  mime  en  presence  de  cou rants  de  retour. 
L’influence  aval-amont  dans  les  regions  decodes,  qui  est  diminee  par  la  resolution  en  mode  Inverse,  est  r6cuperec  dans  I'etapc  de 
couplage  fort.  La  discretisation  numerique  utilise*  est  implicite  en  espacc  et  en  temps  [1], 


12  Mdhode  numerique  de  couplage  fort. 


La  methode  de  couplage  fait  appel  A  la  technique  numerique  tcmpoccUemcnt  consislantc  dile  "Semi-Implicitc"  de  Le  Ballcur, 
Girodroux-Lavignc  (1].  La  methode  est  une  technique  de  relaxation,  construite  aprfcs  determination  de  I’operateur  numerique 
"visqueux"  qui  agit  dans  le  probiemc  de  couplage.  Cet  operateur,  qualifie  de  "fonction  d’influcnce  numerique  visqueuse"  cst  deduit 
du  systime  visqueux  (6),  aprts  resolution  d6coupl6e  en  mode  direct  ou  inverse,  par  dimination  dcs  inconnues  purement  visqueuses 
d,  a,  £,  t.  Cette  fonction  d 'influence  peut  s’ecrire  au  pasde  temps/*  et  au  noeud  i,l  sous  la  forme  suivante  : 
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Tant  que  le  couplage  n’est  pas  converge,  les  quantiles  "fluide-parfait"  v/q,  f '  ne  vdifienl  pas  la  relation  (8),  cl  conduiscnt  A  dcs 
residus/?"j(v/g,/Z)  non  nuls.  La  methode  de  couplage  "Semi-Implidte"  cffectue,  au  sein  d’un  mdne  pas  de  temps,  une  iteration  de 
couplage  afin  de  rclaxer  ccs  rfcidus  L’6quation  de  relaxation  A  Iteration  v+i  y  est  ecrite  : 
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Aprts  une  discretisation  de  type  Gauss-Seidel  dcs  termes  dc  condition ncment  du  premier  membre,  (‘equation  de  relaxation  de 
couplage  (9)  ct  le  pas  en  y  de  la  methode  ADI  du  pseudo- fluide-parfait  sonl  r6so!us  en  marchant  itfrativement  en  espacc,  d‘amont  en 
aval,  jusqu’A  convergence  du  couplage 


La  discretisation  centre*  dea  residua  R  et  la  consistanoe  en  temps  de  {‘iteration  de  couplage,  menee  A  convergence  A  chaque  pas 
de  temps,  permettent  de  prendre  cn  compte  totalement  I’influence  aval-amont,  donnant  ainsi  accis  au  calcul  en  instationnairc  dcs 
pMnom&ies  de  forte  interaction  visqueuse,  du  type  d6collement  et  interaction  choc-couche  limite. 
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1.3  ProbUme  Pseudo- Fluide-Parfait. 

lx  sous- pro  gramme  pscudo-fluidc-parfait  est  lrail6  par  une  technique  ADI  en  petites  perturbations  potentielles  transsoniques 
instationnaires,  aussi  bien  pour  les  profils  d’ailes  (10],  que  pour  les  grilles  d’aubes,  (11).  Dans  le  cas  des  grilles  d’aubes,  dcs 
conditions  dc  periodicity  spatiales  en  stationnaire,  ct  spat io-tcmporel les  en  instationnaire,  sur  les  frontifcres  hautes  et  basses  du 
domaine  de  calcul,  permeuent  de  limiter  celui-ci  ft  deux  canaux  inter -aubes. 

Les  conditions  aux  limites  ont  6t6  modifides  pour  le  couplage  par  adjonction  d'un  terme  de  vitesse  normale  sur  le  profit  ct  d'un 
saut  de  vitesse  normale  dans  le  sillage  [1]. 


1.4  Calcul  du  ddcoilement  fared  au  bord  d’attaque. 

La  mdthode  numdrique  d’interaction  visqueux-non  visqueux  temporellement  consistante  (1]  avail  jusqu’ft  present  dtd  utilisde  pour 
calculer  des  dcoulements  instationnaires  ddcolids  sur  des  profils  d’ailes  oCt  le  ddcoilement  prenait  naissance  sur  une  surface  rdgulidre, 
ct  gdndralement  dans  la  rdgion  dc  bord  dc  fuite  ou  au  pied  de  choc. 

Dans  le  cas  de  profils  ou  de  grilles  d’aubes  minces  ft  bord  d'attaque  "aigu"  en  incidence,  le  ddcoilement  visqueux  apparait  commc 
un  processus  fared  et  peend  naissance  sur  1’ardte  mdme  du  bord  d’attaque.  En  fait,  physiquement,  le  calcul  du  ddcoilement  de  bord 
d'attaque  ndeessiterait  un  calcul  visqueux  coOteux  sur  un  maillage  fin  ft  1’dchelle  du  rayon  de  courburc  rdcl  du  bord  d’attaque,  ainsi 
qu’un  traitement  correct  du  point  d’arrdt  situd  ft  1'intrados  du  profil,  actuellement  non-acccssible  du  fait  des  approximations  du 
p«se  udo-fl  u  ide -parf  ai  l . 

Une  moddlisation  du  ddcoilement  de  bord  d'attaque  cst  alors  proposde,  en  ndgiigeant  le  rayon  de  courbure  du  bord  d’attaque  et  en 
forcant  numdriquement  ie  ddcoilement  de  la  couche  limite  exlrados  au  premier  nocud  de  calcul.  En  pratique,  cette  moddlisation 
revient  ft  impose/-  les  conditions  "amont"  du  calcul  de  couche  limite,  e’est  ft  dire  le  profil  de  vitesse  de  la  couche  visqueusc  ddcolldc, 
qui  cst  ddterminde  ici  par  1’dpaisscur  de  ddplacement  blo  et  le  paramdtre  de  forme  incompressible  Hi0.  La  valeur  de  cette 
moddlisation  repose  sur  I’hypothdsc  que  le  ddtail  du  processus  local  du  ddcoilement,  d’dcheile  trds  petite,  n’a  qu’une  influence 
rdduitc  et  ndgligeable  sur  i’dcoulement  global,  domind  pa/  le  processus  de  mdlangc  et  de  recollement. 

Si  on  admet  que  la  couche  limite  ddcolle  sous  un  angle  fini,  I’dpaisscur  de  ddplacement  61(,  est  dc  l’ordre  de  grandeur  de  la  taillc 
dc  la  prtmidre  maille  de  calcul  au  bord  d’attaque.  Hi0  est  naturellement  choisi  dans  la  gamme  des  paramdtres  de  forme  d6collds.  La 
couche  limite  extrados  a  did  plus  supposde  ici  entidrement  turbulente  au  premier  nocud  de  calcul,  ce  qui  revient  ft  ndgliger 
I'dtenduc  de  la  transition  en  aval  du  ddcoilement.  Bien  que  I’dtendue  de  la  transition  soil  necessairement  fatble  en  raison  du 
ddcoilement,  cette  hypothdse  d’absence  d’influence  de  (a  zone  de  transition  reste  cependant  a  confirmer. 

Une  dtude  paramdtrique  portant  sur  les  conditions  amont  du  calcul  de  couche  limite  extrados  a  erd  rdaiisdc  afin  dc  mettrc  en 
dvidcnce  leur  influence  sur  la  solution  numdrique  obtenue. 

Cette  dtude  a  permis  de  montrer  que  la  forme  du  profil  de  vitesse  moyenne  ddcolld  imposd  a  1’amont,  ddtermind  par  le  paramdtre 
de  forme  amont  Hi0  a  trds  peu  d’influence  sur  Ja  solution.  Par  centre  la  solution  semble  dans  une  certaine  mesurc  ddpendre  du  choix 
du  maillage  ct  de  1’dpaisseur  trds  faible  de  la  couche  visqueusc,  dans  la  rdgion  immddiatcment  voisinc  du  bord  d’attaque  Ce  point 
semble  montrer  que  le  calcul  serail  encore  plus  ddlicat  pour  dcs  solvcurs  "Direct"  d'dquations  dc  Navier-Stokes,  gdndralement  plus 
imprdris  pour  les  dpaisacurs  de  couche  limite,  nolamment  aux  bords  d’attaque  od  les  dpaisscurs  soni  faibles 

L’dtude  a  cependant  mis  en  dvidence  que  des  solutions  quantitative®  corrcctes  pouvaient  dire  obtenues,  ft  modi  lion  d’utiliser  des 
maillages  suffisamment  fins  dans  la  rdgion  de  bord  d’attaque,  la  taille  de  la  premidre  maille  de  calcul  Sx0  au  bord  d’allaque  devant 
dtre  dc  I’ordre  de  0,001  corde,  el  de  choisir  une  dpaisseur  bl<f  infdrieurc  ft  bx0  (le  rapport  b[<f/bx0  dtant  d’ordre  uni»d),  voir  figures  1 
et  2. 


2  -  RESULTATS  NUMER1QUES  A  L’ETAT  STATIONNAIRE. 

2. 1  Plaque  plane  en  incidence. 

La  mdthode  dc  calcul  a  dtd  utilisde  pour  prbdire  I’dtat  stationnairc  sur  une  plaque  plane  biscautde  en  incidence,  dtudidc 
expdrimentalement  ft  I’ONERA/CERT,  Bonnet,  Houdevillc  (12,13).  L.a  corde  du  profil  esl  dgale  ft  0,2/w,  I’incidcncc  expdrimentale 
est  de  4  degrds,  la  vitesse  de  rdfdrence  est  dc  30 m/s,  et  le  nombre  dc  Reynolds  est  dgal  ft  4  105.  !>a  divergence  de  vcinc 
expdn  men  tale  cst  prise  en  compte  dans  les  calculs. 

L’intdrdl  de  la  configuration  rdsidc  prindpalement  dans  le  fait  que  I’dcoulement  est  <rds  scmblable  ft  celui  rcncontrd  dans  les 
grilles  d’aubes  ft  bord  d'attaque  aigu.  De  plus  la  taille  importante  dc  U  maquette  permet  d’obtcnir  des  rdsultats  cxpdrtmenlaux  plus 
complets  que  sur  une  aube  de  petite  dimension,  oomprenanf  dcs  distributions  dc  press/on  et  dcs  grandeurs  de  couche  limite 

Lx  maillage  utilise  com porte  180  points  dans  la  direction  longitudinalc,  avee  100  points  disposes  sur  le  profil  dc  part  et  d’autre,  ct 
40  points  le  long  du  sillage.  Le  fluide-parfait  comporte  2  x  50  points  dans  la  direction  normale.  Ixs  profits  dc  vitesse  diserdtisds  dans 
les  couches  visqueuses  utilisent  37  nneuds  aelon  la  normale.  On  a  done  un  total  de  28360  noeuds  pour  le  maillage  visqueux.  Ixs 
frontier es  du  domaine  dc  calcul  dans  la  direction  longitudinalc  ont  dtd  choisies  ft  -4  et  +5  cordes.  Dans  la  direction  normale,  dies  soot 
aitufes  ft  ♦/-  0,75  cordes,  ce  qui  correspond  aux  parois  hautes  et  basses  dc  la  soufflerie. 


La  figure  3  visualise  les  champs  de  lignes  iso-Mach  obtenus  par  le  calcul  pour  deux  incidences,  ct  met  cn  Evidence  I’Atenduc  dc  la 
zone  ctecollAe  qui  prend  naissance  au  bord  d'attaque. 

La  figure  4  compare  avec  les  rAsuUats  expArimentaux  trois  calculs,  utilisant  le  niveau  de  turbulence  d'Aquilibre  "habitue!"  de  la 
fermeiure  turbulente  (16,17],  complAtA  respective ment  par  les  moddes  de  turbulence  k  0,  1,  et  2  Aquations.  Dcs  differences 
importances  entre  les  calculs  et  J’expArience  appar^ssent  au  niveau  de  la  survitesse  de  bord  d’attaque  ainsi  que  sur  ia  position  du 
re  colic  me  nt.  Par  centre  les  txois  calculs  foumissent  dcs  rAsultats  trAs  peu  diffArcnts  cn  ce  qui  concemc  recoupment  moycn. 

Les  experiences  dc  1’ONERjVCERT  semblent  indiquer  qu’un  niveau  de  turbulence  exceptionnellement  fort  cst  present  dans  la 
rAgion  dAcoliec.  Compte  tenu  de  cette  donnAe  et  de  I'insuffisance  actucltc  dcs  modules  de  turbulence,  dcs  calculs  ont  AtA  rAalisAs  en 
maintenant  la  mAme  modAlisalion  et  les  mAmcs  6quations  de  transport  de  turbulence,  mais  en  augmentant  heuristiquement  1c  niveau 
de  turbulence  d’Aquilibre  de  la  couche  limitc.  Cette  augmentation  dc  turbulence  cst  obtenue  en  mullipliant  k  l'extrados  le  niveau  de 
longueur  de  mAlange  d’Aquilibre  d'un  facteur  AT,  ce  qui  revient  k  multiplier  i’entrainement  d’Aquilibre  par  K2  (notons  que  la  longueur 
de  mAlange  locale  dApend  en  plus  du  model  e  d’Aquations  de  transport). 

Des  essais  ont  conduit  k  adopter  un  coefficient  multipticatif  K  -  1,1,  correspondant  k  une  longueur  de  mAlange  d'Aquilibre 
/  -  0.0916  accrue  de  10%  par  rapport  k  la  valeur  standard  ulilisAe  dans  la  mAthode,  /  -  0,0836. 

Un  trAs  bon  accord  calcul -expAriencc  cst  aJors  obtenu  sur  les  distributions  du  coefficient  de  pression  k  l’extrados  de  la  plaque, 
mAme  si  le  calcul  nc  reproduit  pas  parfaitement  l’aspect  obscrvA  expArimcntalement  au  voisinage  immAdiat  du  bord  d'attaque,  figure 
5.  Le  calcul  prAdit  correctement  la  survitesse  dc  bord  d’attaque,  le  niveau  de  pression  en  aval  du  recollement  et  au  bord  de  fuite,  ainsi 
que  la  position  du  point  de  recollement,  situA  k  35%  de  corde. 

Les  distributions  des  Apaisseurs  de  dAplacement  (figure  6),  de  quantitA  de  mouvement  (figure  7),  du  paramAlre  de  forme 
incompressible  (figure  8)  k  l’extrados  dc  la  plaque,  confirmenl  cette  valeur  de  K.  Les  Apaisseurs  de  dAplacement  et  dc  quantitA  de 
mouvement  calculAes  sent  qualitativement  et  quantitativement  similaires  aux  valeurs  expArimcntales,  bien  que  lAgArement  infArieures 
cn  niveau.  Un  bon  accord  calcul-expAriencc  cst  obscrvA  sur  le  paramAlre  dc  forme  incompressible,  en  particular  dans  la  zone  de 
recollement  et  dans  la  rAgion  de  bord  dc  fuite. 

La  figure  9  visualise  1 ’excellent  accord  calcul -expAriencc  sur  les  profits  de  vitessc  moyenne  k  l’extrados  de  la  plaque.  De  mime, 
les  rApartitions  de  I ’Anergie  antique  turbulente  et  du  cisaillement  turbulent,  en  valeurs  moyennes  sur  I’Apaisseur  de  la  couche  limite, 
reprAsentAes  sur  les  figures  10  ct  11,  se  com  parent  trAs  favorablement  avec  1’expArience. 


2.2  Profil  d’aube  isolAe 

Des  calculs  ont  AtA  rAalisAs  sur  une  aubc  de  compresseur  isolAe  symAtriquc  ct  effilAc  ,  pour  laquellc  on  dispose  Agatemem  de 
rAsultats  expArimentaux  d’origine  ONERA,  Notin  [14]. 

Le  maillagc  de  calcul  est  identique  k  celui  utilisA  sur  la  plaque  plane  en  incidence.  Les  calculs  ont  AtA  conduits  cn  utilisant  la 
mAme  constante  d’accroissement  dc  la  longueur  dc  mAlange  d’Aquilibre  K  -  1,1  ct  le  modAle  k  2  Aquations  de  transport 
L’Aooulcment  a  AtA  calculA  pour  un  nombre  de  Mach  Agal  k  0,3  ,  ct  pour  des  incidences  comprises  entre  3  ct  7  degrAs. 

La  figure  12  reprAscnte  les  distributions  du  coefficient  de  pression  obicnues  pour  les  diffArentcs  incidences.  Contraircmeni  k 
d’autres  mAthodcs  de  couplage  simplifiAes,  le  calcul  prAdit  ici  conectement  l’effet  d’incidence  mis  en  evidence  expArimcntalement, 
qui  se  traduit  par  une  diminution  dc  la  survitesse  de  bord  d'attaque,  ainsi  qu'une  augmentation  dc  I’Atendue  du  dAcollement,  pour  dcs 
incidences  croissantes. 

A  partir  dc  (’incidence  dc  6  degrAs,  I’Acoulement  est  dAcollA  depuis  Ic  bord  d’attaque  jusqu'au  bord  de  fuite,  le  recollement  R  sc 
produisant  dans  le  sillage.  Ceci  explique  la  tendance  k  l’obtention  d’un  plateau  de  press:on  obscrvA  sur  la  figure  12  pour  les  deux 
incidences  les  plus  AfevAes.  Ce  rfsultat  est  encourageant  en  ce  qui  concemc  la  prAdiction  du  flottement  de  dAcrochagc.  qui  apparait 
dans  le  cas  d'un  dAcollement  gAnAralisA  de  I'aube. 

La  figure  13  montre  (’influence  dc  I’incidence  sur  I’Apaisseur  dc  dAplacement,  qui  passe  au  bord  de  fuite  de  1%  &  13%  quand 
I'mcidcnce  oroit  de  3  k  7  degrAs. 

La  figure  14  montre  une  comparai9on  calcul -expAriencc  pour  4  et  5  degrAs.  On  constate  que  le  calcul  numArique  a  id  tendance  & 
surcstimer  le  dAcollement.  Un  ajustement  diffArent  dc  la  longueur  de  mAlange  ainsi  que  des  corrections  dc  souffleric  pounait  sans 
doutc  amAliorer  I ’accord  cxpAricnce-calcul. 

2.3  Grille  d’aubes  dc  compresseur 

La  mAthode  a  AtA  utilisAe  pour  prAdire  I’Acoulement,  &  I'Atat  stationnaire  dnns  une  grille  d’aubes  de  compresseur.  I>es  calculs  ont 
id  AtA  rAalisAs  simpJement  dans  I’hypothAse  d’une  turbulence  d’Aquilibre  (modAle  A  0  Aquation  de  transport),  les  coratantes  du 
modAle  de  longueur  de  mAlange  Atant  modifiAes  comme  dans  le  cas  dcs  profils  d’aubes  isdAs  ( t  -  0,0916). 

Le  maillage  oomporte  340  points  dans  la  direction  longjtudinale.  83  points  soot  disposAs  sur  I’aube  de  chaque  c6tA,  et  le  sillage 
wmporte  94  noeuds  de  calcul.  Le  fluide  parfait  com porte  20  points  suivant  fa  hauteur  du  canal  (2  x  10).  Avec  unc  discrAfisation  dc 
37  noeuds  scion  la  norma  Ic  pour  lea  couches  visqueuses,  )c  maillage  visqueux  total  est  environ  20000  noeuds.  Les  conditions  du 
calcul  correspondent  k  un  nombre  de  Mach  Agal  A  0,704  el  k  une  incidence  de  5,78  degrAs.  Le  nombre  de  Reynolds  basA  sur  la  cordc 
est  de  2,19  10*.  Le  calage  de  I’aube  est  y  -  64®  et  le  pss  relatif  est  Agal  A  0,8. 
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La  figure  15  visualise  !e  champ  des  lignes  iso-Mach  issu  du  calcul  visqueux.  L'agrandissemcnt  dc  la  zone  dc  bord  d’attaque  met 
cn  Evidence  la  poche  de  dEcollement  qui  s’Etend  sur  environ  30%  de  corde. 

Lcs  distributions  de  pression  expErimentales  et  issues  du  calcul  numErique  sont  reprEsentEcs  sur  la  figure  16.  Un  accord  qualitatif 
encourageant  cst  obtenu  par  ce  premier  calcul  de  grille  d’aube,  mfime  si  des  differences  subsistent  avec  I’expEriencc  sur  les  niveaux 
de  pression.  II  faut  ccpendant  noter  que  le  calcul  k  EtE  effectuE  dans  les  conditions  nominalcs  de  I’ex,  ^rience,  el  qu'un  meillcur 
accord  pourrait  probablemenl  Erie  obtenu  en  introduisant  des  corrections  de  Mach  et  d’incidence. 


3  -  RESULTATS  PREL1MINAIRES  INSTATIONNA1RES. 

Pour  tous  lcs  calculs  prEsentEs  id,  ie  calcul  visqueux  a  6t6  effectuE  simplemenl  dans  1 'approximation  quasi-slationnaire 
visqueuse,  ce  qui  revient  k  nEgliger  lcs  dErivEcs  icmporclles  des  grandeurs  visqueuscs,  lcs  dErivEcs  tempore  lies  des  grandeurs  non- 
visqueuses  Etant  conserves. 

3.1  Aube  isolEc 

Dc*  piculs  instationnaires  ont  EtE  effectuEs  pour  4  ct  5  dcgrEs  d'incidcncc  moyenne.  On  impose  un  mouvement  de  tangage 
harmonique  d’amplitude  0.5  dcgrEs,  autour  d’un  axe  k  mi-corde.  Dans  les  2  cas,  on  effectue  d’abord  un  calcul  stationnaire,  suivj  de 
plusieurs  pEriodes  instationnaires.  Deux  ou  trois  pErtodes  suffisenl  pour  obtenir  le  regime  permanent.  Le  nombre  de  pas  de  lemps  par 
pEriode  est  de  256.  La  frequence  rEduite  d’oscillation  basEe  sur  la  corde,  /  -  u x7i/w  est  Egalc  k  1. 

A  4  dcgrEs,  le  point  dc  recoliement  stationnaire  est  situE  vers  2S%  de  corde.  Au  cours  d’une  pEriode  de  tangage,  on  observe  sur  la 
figure  17  que  le  point  de  recoliement  cxsdlle  entre  15%  et  37%.  Les  Evolutions  du  module  et  de  la  phase  du  coefficient  de  pressior 
extrados  inslationnaire  sont  reprEsentEcs  sur  la  figure  18.  Le  module  prEsente  un  pic  dont  la  largeur  correspond  au  dEplacemcnt  du 
point  de  recoliement.  Pour  avoir  une-  comparaison  significative  avec  les  rEsultats  expert mentaux,  il  faudrait  que  le  point  dc 
recoliement  calculE  en  stationnaire  soit  voisin  du  point  de  recoliement  moyen  expErimental.  Malheureusement,  d'une  part 
I’cxpErience  nc  fournit  pas  la  valeur  du  point  de  recoliement,  et  d’autre  part  les  rEsultats  instationnaires  expErimentaux  sont  iimitEs  k 
quclques  incidences  seuJement.  II  a  EtE  choisi  ici  dc  comparer  les  rEsultats  dc  calcul  k  quatre  degrds  d'incidencc  avec  les  rEsultats 
expErimentaux  k  5.75  degrEs,  qui  prEscntcnt  une  Evolution  du  module  du  coefficient  de  pression  assez  semblable  k  ia  repartition 
calculEe.  On  observe  une  phase  dEcroissantc  sur  la  majeure  paiiic  dc  la  corde,  qualitativemcnt  voisioe  de  la  phase  mcsurEc 
cxpErimentalcmcnt.  L’Ecart  en  incidence  cst  k  rapprocher  de  I’cffet  constatE  en  stationnaire  (figure  14). 

A  5  degres,  le  point  de  recoliement  stationnaire  est  situE  vers  50%.  I jc  module  ct  la  phase  du  coefficient  de  pression  inslationnaire 
sont  reprEsentEs  sur  la  figure  19.  La  phase  est  cette  fois  dEcroissantc  sur  tout  le  profil,  cc  qui  est  observE  expErimentalcmcnt  k  partir 
de  6,5  degrEs. 

Pour  ces  deux  incidences,  si  on  admet  une  correction  d’inddenct,  I ’accord  calcul -expErie nee  est  done  correct  pour  lc  module,  ct 
plus  grassier  sur  la  phase.  Une  cause  probable  du  rEsultat  moins  satisfaisant  sur  la  phase  est  sans  doule  k  rccbcrchcr  dans 
I’approximation  quasi-slationnaire  qui  a  EtE  retenuc  pour  le  calcul  des  couches  visqueuses  dans  cette  Etape  prEliminairc. 

3.2  Grille  d’aubes 

La  figure  20  prEsente  les  premiers  rEsultats  instationnaires  de  calcul  obtenus  en  configuration  de  grille  d’aubes,  prenant  cn  compte 
des  conditions  aux  limites  pEriodiqucs  instationnaires  [11J.  L’incidcncc  moyenne  cst  de  5  dcgrEs,  et  on  impose  un  mouvcmcnl 
harmonique  dc  tangage  autour  d’un  axe  situE  k  mi-corde.  La  frEqucncc  rEduite  est  fixEe  k  1.  II  y  a  128  pas  dc  temps  par  pEriode.  l>c 
maillage  est  identique  k  celui  utilisE  en  stationnaire.  Le  point  de  recoliement  varie  au  cours  du  cycle  entre  20  ct  30  %  dc  corde  l-a 
figure  20  montre  les  distributions  du  module  et  de  la  phase  du  coefficient  de  pression  extrados  inslationnaire,  pour  un  mouvcmcnl  dc 
Engage  harmonique  autour  d’un  axe  k  mi-corde,  avec  un  dEphasagc  intcr-aubes  nul. 

CONCLUSIONS. 

Une  mEthodc  numErique  de  calcul  des  Ecoulements  instationnaires  visqueux  dans  lcs  grilles  d’aubes  k  dEcollcmcnts  induits  par 
des  bords  d 'a risque  aigus  ,  en  sub-  ou  trans-sonique,  cst  prEsentEc. 

La  mEthode  de  calcul,  basEe  sur  une  technique  numErique  d’interaction  visqueux-non  visqueux  "instationnairc",  s  appuic  sur  la 
mEthodc  numErique  de  couplage  "Semi -Implicate"  temporellemcnt  consistante,  prEcEdemmcnt  proposEc  pour  lc  calcul  dcs 
Ecoulements  transsoniques  instationnaires  sur  profils  d’ailes.  Le  dEcollement  est  numEriquemcnt  forcE  au  bord  d’attaque.  II  est 
modtiisE  en  imposant  les  conditions  aux  limites  "am ont"  du  calcul  dc  couche  limite  extrados.  La  mEthode  permet  de  calculcr 
I’ Evolution  de  la  couche  limite  partout  en  aval,  et  notamment  de  dEterminer  la  zone  dCcoltEc,  ainsi  que  le  point  de  recoliement,  celui- 
ci  pouvant  trts  bien  Etre  rejetE  dans  lc  sillage  visqueux. 

Une  Etude  numErique  paramEtrique,  portant  sur  les  conditions  "amont"  du  calcul  visqueux  et  sur  lcs  maillagcs  dans  la  zone  dc 
dEcollement  forcE  de  bord  d’attaque  a  EtE effectuEe,  afin  de  prEciser  I’Echelle  minimale  de  rEsolution. 

Des  calculs  numEriques,  rEalisEs  sur  une  plaque  plane  en  incidence  placEc  dans  une  veinc  de  soufflerie,  ont  permis  d’ajustcr  lcs 
constantes  du  modtle  de  turbulence,  et  d’obtenir  dans  ces  conditions  d'excellents  accords  calcul -expEriencc  en  stationnaire  Des 
rEsultats  de  calcul  stationeries,  et  les  premiers  rEsultats  instationnaires,  cn  oscillation  harmonique  forcEc,  ont  EtE  obtenus  aussi  bicn 
sur  un  profil  d’aube  isolE  que  sur  des  configurations  de  grilles  d’aubes 
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Figure  1.  Plaque  plane  en  incidence.  Epaisscur  de  deplacement.  Figure  2.  Plaque  plane  en  incidence.  Epaisseur  de  deplacemcnt. 
Influence  de  I’epaisseur  de  ddplaccmcnt  iniliale  (Axw  -  0,001).  Influence  du  maillage  au  hord  d'attaque  (6lo  /Axa  -  1). 

U  -  30m Is  ;  <i  -  4°  ;  Re  -  4  105.  U  -  30 m/s  ;  u  -  4°  ;  Re  -  4  to5. 


Figure  3.  Plaque  plane  en  incidence.  Lignes  iso-Mach  calcul^es. 
U  -  30m  /s  ;  Re  -  4  105. 
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Figure  4.  Plaque  plane  cn  incidence.  Coefficient  dc  pression. 
I>ongueur  dc  melange  d’^quilibrc  standard  (/  -  0.083A). 
Influence  du  module  dc  transport  de  turbulence. 

U  -  30m  /J  ;  a  -  4°  ;  Re  -  4  I05. 


Figure  5.  Plaque  plane  en  incidence.  Coefficient  de  pression. 
Modcle  2  equations  de  transport 
Longueur  de  melange  d’cquilibre  modi  fide  (/  ~  0,0916). 

U  -3  Om/s  ;<l-4°  ;  Re  -  4  105. 


Figure  6.  Plaque  plane  en  incidence.  Fpaisscur  de  deplacemcni. 
Mcxlclc  2  equations  (avec  Uquthhre  -  0.0916). 

V  -  30 mis  :  u  -  4"  ;  Re  -  4  10s. 


Figure  7.  Plaque  plane  en  incidence.  Epaisseur  dc  quanlite 
dc  mouvement.  Mr*d61«*  2  equations  (avec  lequMbre  -  0,0916). 
V  •  Mtm/s  ;  a  -  4°  ;  Re  -  4  10s. 


Figure  K.  Plaque  plane  en  incidence.  Paramdtrc  de  forme 
incompressible.  Moddlc  2  Equations  (avec  lequUihre  »  0.0916). 
U  -  3(Vr/.r  ;  -  4°  ;  Rc  -  4  !0\ 
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Figure  9.  Plaque  plane  en  incidence.  Profils  de  vitesse  raoyenne  (extrados ). 
Module  2  equations  (avec  l  equilibr*  -  0,0916). 

V  -30 m)s  ;  a  -  4°  ;  Rc  -  4  10s. 
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Figure  10.  Plaque  plane  en  incidence.  Encrgie  cindliquc 
turbuioiae  moyenndc  sur  t^paisseur  de  couche  limite. 
Module  2  Equations  (avec  /  equilibrt  •*  0,091b). 

U  -  30m /5  ;  a  -  4°  ;  Re -4  10s. 


Figure  1 1 ,  Plaque  plane  en  incidence.  Contrainte  de 
ci&ullement  moyenndc  sur  l’6paisseur  de  coucbe  limite. 
Module  2  Equations  (avec  / equUibrt  •»  0,0916). 

U  -  30m  /s  ;a-4°  ;Re-4  105. 
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Figure  20.  Grille  d'auhes  en  mouvement  de  langagc. 
Premier  harmonique  du  coefficient  de  pression  ex  trad  os. 
a  -  5*  ♦  0,5^  sin  (cor ) ;  M  -  0,7 ;  /  -  1,0. 

Re -2,2  10* 


DISCUSSION 


N.A.Ahmed  -  Cranfield  Institute  of  Technology,  U.K. 

Is  it  correct  to  state  that,  according  to  the  theory  presented,  the  choice  of  shape 
par sue ter  (H)  and  displacement  thickness  (i«)  does  not  have  any  influence  on  the  calculations.  Since 
the  shape  paraneter  i  H  =  £,/  Q  „)  is  a  ratio  of  displacement  thickness  and  momentum  thickness,  it 
could  then  mean  that  the  value  of  momentum  thickness  is  also  immaterial.  Could  the  authors  explain  the 
physical  significance  of  this  assumption. 


Author's  response  : 

In  the  calculation  method  presented,  the  normalized  viscous  velocity  profile  is  imposed  at 
the  first  station  of  the  grid,  near  the  leading  edge.  The  choice  of  the  shape  parameter  H  is 
equivalent  to  the  choice  of  the  initial  velocity  profile.  Of  course,  as  it  is  assumed  that  the  flow  is 
separated  at  the  leading  edge,  a  velocity  profile  with  reverse  f Ion,  H13.6  is  chosen. 

It  is  observed  numerically  that  the  overall  solution  at  the  global  scale,  and  the 
reattachment  length  are  almost  not  affected  by  the  choice  of  the  initial  profile  and  of  H.  The  choice 
of  the  initial  profile  is  however  influent  in  a  very  small  region,  close  to  the  leading  edge,  and 
especially  for  the  maximal  shape  paraneter,  H««„  in  this  area. 

Physically,  the  flow  is  dominated  by  the  length  scale  of  the  separated  zone,  determined  by 
this  method.  As  this  length  scale  is  of  the  order  of  magnitude  of  the  chord  of  the  blade,  the  position 
of  the  reattachment  point,  and  the  global  solution,  seem  rather  independant  of  the  details  of  the 
separation  process  a:  the  leading  edge,  which  occurs  over  a  very  small  length  scale. 

The  numerical  method  seems  however  somewhat  wore  sensitive  to  the  initial  thickness  of  the 
boundary  layer  than  to  the  shape  of  the  initial  velocity  profile.  This  corresponds  to  the  second 
viscous  parameter  prescribed  at  the  first  grid  station,  for  example  the  displacement  thickness  S,. 
The  value  of  this  displacement  thickness  has  to  be  discussed  in  relation  with  the  mesh  size  near  the 
leading  edge.  This  parameter  has  in  general  some  influence  on  the  solution,  but  it  could  be  shown  that 
this  influence  is  minimized  if  a  very  small  grid  spacing  at  the  leading  edge  is  used,  and  if  the 
value  of  if,  is  smaller  than  the  size  of  the  first  mesh  interval. 

This  result,  which  must  be  confirmed,  would  suggest  that  direct  Navier-Stokes  solvers  must 
also  require  very  fine  meshes  at  the  leading  edge  in  order  to  give  accurate  estimation  of  the  initial 
boundary  layer  thickness  downstream  of  the  separation  point. 
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CALCULATION  OF  THE  UNSTEADY  TWO-DIMENSIONAL,  INVISCID.  COMPRESSIBLE  FLOW 
AROUND  A  STRONGLY  CAMBERED  OSCILLATING  SINGLE  BLADE 

by 
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Institut  fur  Aerodynamik  und  Gasdynamik  der  Universitat  Stuttaart 
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Abstract 


The  paper  describes  some  numerical  experiments  done  with  a  computational 
method  which  was  developed  recently  by  the  author  and  his  co-workers.  Its  main 
features  are  an  extension  of  the  computational  domain  to  infinity  and  a  movina 
arid  fixed  to  the  body  in  question.  The  first  part  of  the  paper  describes  this 
method  in  some  detail.  The  second  part  presents  some  results  about  the 
aerodynamic  characteristics  of  an  oscillating  blade  with  respect  to  the 
reduced  frequency,  to  the  free  stream  Mach  Number  and  to  the  oscillation 
amplitude,  including  an  investigation  of  the  higher  harmonics  introduced  by 
the  nonlinearity  of  the  problem. 


1.  Scope 


Aerodynamic  phenomena,  and  especially  unsteady  ones  are 
parameters  and  we  select  a  very  confined  problem  only: 

-  inviscid  flow  around  a 

-  single  blade  or  airfoil  of 

-  one  distinct  shape  which  oscillates 

-  harmonically  and 

-  perpendicular  to  its  chord. 

Nevertheless  there  are  still  some  free  parameters: 

-  the  onflow  Mach  Number, 

-  the  reduced  frequency  of  the  oscillation  and 

-  its  amplitude, 

the  latter  being  of  influence  because  of  the  problem's 
aim  is  to  examine  and  present  the  effect  of  these  parami 
lift  coefficient. 


char acter i zed 


nonl inear i t  y , 
'ters  upon  the 


by  many 


and  our 
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2.  The  computational  method 
2.1  Design  philosophy 

Truly  unsteady  problems  are  completely  hyperbolic  with  respect  to  the  type  of 
the  governing  partial  differential  equations  and  they  stay  hyperbolic  in 
contrast  to  e.g.  such  transient  problems  which  lead  asymptotically  to  elliptic 
regimes.  This  makes  them  much  more  sensitive  to  even  slight  errors  in  the 
treatment  of  boundaries.  So  to  avoid  sources  of  numerical  and  methodical 
errors  as  far  as  possible  we  developed  our  scheme  (see  /la/, /lb/)  according  to 
the  following  rules: 

-  physical  boundaries  should  be  riqidly  connected  to  the  computational  grid, 

-  artificial  boundaries  with  nonphysical  boundary  conditions  are  banned. 

To  fulfill  the  first  rule,  the  simplest  way  is  to  connect  a  riaid 
contour-al ianed  grid  with  the  movina  body  in  question.  To  care  for  the  second 
rule  means  in  our  case  to  extend  the  computational  domain  right  to  infinity. 
Both  concepts  will  be  detailed  in  the  following  sections. 


2.2  Moving  systems 

According  to  the  first  rule  we  have  to  compute  the  flow  in  a  moving  arid  whose 
motion  is  identical  with  that  of  the  moving  body  and  so  is  assumed  to  be 
known.  Then  it  is  a  straightforward  procedure  to  transform  the  differential 
equations 


U.  ♦  F, 


%  - 


with  the  (conservative)  solution  vector  \J  »  (  n,  n\) ,  oV,  e) 
denoting  density,  e  total  energy,  U,V  velocity  components) 
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hv 

with  p  -  t  ^ - 1 )  ( e - j ( U  + V  )  ) 
h  *  e  +  p 

*  ratio  of  specific  heats 


from  the  original  ,  r-space  into  the  moving  one  with  the  coordinates  x,y,t. 

In  doing  so,  however,  guite  a  number  of  variants  is  possible:  one  may  choose 
for  instance  between  cartesian  or  polar  or  other  systems,  or  between  different 
forms  of  the  solution  vector.  To  present  just  one  example  out  of  many  -  and  by 
far  not  the  most  abundant  one  -  we  oet  for  a  solution  vector  with  the  velocity 
components  of  the  moving  cartesian  x,y,t-frame 

W  -  (  p ,  u,  v,  p)T 


the  system 
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A  careful  evaluation  of  all  possibilities  has  to  regard  accuracy  and 
computational  efficiency  as  well  as  the  formulation  of  the  boundary 
conditions;  it  turns  out  that  the  overall  optimum  choice  is,  in  spite  of  all 
transf orma t ions r  the  original  conservative  solution  vector  U  (see  above). 


2.2  The  mapping 

Now  we  turn  to  the  realization  of  the  second  rule  of  the  design  philosophy: 
the  moving  grid  in  the  infinite  physical  plane  must  be  mapped  onto  a  finite 
computational  plane  -  preferably  rectangular.  For  this  we  design  a  suitable 
chain  of  transformations: 


B  l  n  4  *  N*<ir  C|rcl»  Unit  Circle  Inversion  mri.  *»lan  tnop 


Fig.  1  Transformation  from  physical  to  computational  domain 

The  first  two  steps  in  this  chain,  from  the  physical  space  around  the  blade 
onto  the  exterior  of  a  unit  circle,  are  best  done  by  some  conformal  mapping 
(leading  in  general  to  a  near  circle)  followed  by  Theodorsen's  scheme  to 
produce  (up  to  some  order  of  approximation)  the  unit  circle.  To  avoid  this 
approximation  and  to  save  the  computational  expense  we  adopted  for  the 
purpose  of  this  paper  a  special  conformal  mapping  combining  the  well-know 
Karman-Tref f t z  formula  with  an  extension,  suggested  by  Jones  and  McWilliams 
/2/,  of  Joukowski's  mapping.  With  suitable  parameter  values  the  result  is  as 
shown  in  fig  2  (farther  below). 

Due  to  this  specialization  the  whole  chain  of  transformations  is  purely 
analytical  (with  one  singular  point  at  the  trailing  edge).  Consequently  the 
transformation  coefficients  which  appear  in  the  transformed  system  of 
equations  can  be  evaluated  with  arbitrary  accuracy. 


2.3  Implementation  and  efficiency 

The  implementation  of  the  method  sketched  above  is  straightforward: 

The  R, ♦-plane  is  discretized  by  a  regular  cartesian  grid  and  the  system  of 
equations  is  integrated  in  time  by  a  standard  finite  difference  scheme  of 
second  order  of  accuracy,  in  our  case  the  Lax-Wendrof f-Richtmyer  scheme.  The 
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only  detail  worth  mentioning  is  the  treatment  of  the  trailing  edge  point  where 
the  transformation  coefficients  are  singular.  Here  we  adopted  a  method 
developed  by  Theilemann  /3/:  the  point  in  question  is  considered  as  a  field 
point  a*iJ  updated  by  "3ri  Hess"  r^heme  using  a  suitable  ^luster  cf 
neighboring  points  to  compute  the  spatial  derivatives. 

Due  to  the  relatively  small  meshes  along  the  surface  of  the  blade  (see  fig.  2 
displaying  the  grid  with  our  choice  of  AR,Af)  the  time  step  of  the  explicit 


Fig. 2  Comouta tional  grid  around  blade 

scheme  which  is  governed  by  the  CFL-condi t ion  with  a  maximum  Courant  Number  of 
one  is  small  too;  typically,  we  need  about  2000  steps  for  one  period  of 
oscillation  whereas  about  400  steps  would  provide  a  sufficient  resolution  in 
time.  Therefore  we  plan  to  implement  a  flux-splitting  scheme  using  a  purely 
onesided  algorithm  with  third-order  accuracy  which  permits  a  maximum  Courant 
Number  of  three  and  consequently  the  computation  of  the  same  period  with  about 
700  time  steps. 


3.  Results  of  numerical  experiments 
3.1  Phenomenological  theory 

For  a  very  slow  oscillation,  with  a  reduced  frequency  k  -  '•>  c  /  u^  ('•'  fre¬ 
quency,  c  length  of  chord,  u^  upstream  velocity)  much  smaller  than  one,  one 
can  compute  the  quasi-steady  lift  coefficient  c,  by  the  well-known 

steady-state  theory  which  is  nothing  but  the  first  member  of  a  Taylor 
exphnsion : 

c,  («i)  =  c,  (0)  +  d(t)  with  c,  (0)  =  c,  (o^o) 

L .  1  •  I,  net  1.  I. 

or,  in  the  case  of  a  harmonic  oscillation  with  an  amplitude 

c..  .,.U|  =  c,. (0)  *  'll'  cos  '''’t’  • 

In  our  case  o£  a  translational  motion  with  amplitude  y  ,  "  and  "  are  aiven 

my  my 

by ! 

o  =  atan(y  u>  sin(wt)/  u  ),  **  =  atan(y  f.»  /  u  )  -  atan(y  k/c). 

m  x  r  my  m  x  x'  'my 

For  higher  reduced  frequencies  one  expects  a  change  in  amplitude  and  a  phase 
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shift,  so,  following  McCroskey 
c,  (t)  =  c,  (0)  + 


;.diny  and  combining 
c,  (t>  =  ct  (0) 


5s.. 

dn 


/ 4 / ,  one  has  to  write 
K  a  cos  (t)t  +  At) 

m  x 

«  (  f  cos(‘->t)  -  a  sin(<*>t) 


)  . 


f  is  the  amplitude  of  an  oscillation  in  phase  with  the  motion  of  the  blade,  a 
is  the  amplitude  of  an  oscillation  shifted  in  phase  by  n/2,  and  the 
f,g-diagram  is  the  commonly  adopted  means  for  the  description  of  the  behaviour 
of  a  harmonically  oscillating  airfoil. 

We  extend  this  concept  by  considering  the  possibility  that  in  spite  of  the 
harmonic  motion  of  the  body  the  flow  variables  will  in  aeneral  not  vary 
harmonically  due  to  the  nonlinearity  of  the  problem.  Then  c  { t >  can  be 

described  by  a  Fourier  series  and  we  write  accordingly 


<t) 


c,  (0)  +  «»  (  V  f  cos(i<-»t) 

I.  <♦«»  rti  v  t-J  I 


<T> 

£  a  !  s  in  (  i'''t )  ) 


thus  splitting  up  the  one  f.g-diagram  into  a  manifold. 


3.2  Influence  of  the  nonlinearity 

What  we  have  to  do  is  just  a  spectral  analysis  of  the  computed  curve  c  (t)  , 
directly  aiving  the  £  ,g  .  Of  course,  seme  care  is  necessary  in  processing  the 

raw  data  (for  instance,  interpolating  for  the  exact  period  boundaries,  and 
correcting  for  the  eventually  not  yet  reached  exactly  periodic  state). 


We  present  the  results  for  an  upstream  Mach  Humber  M  =  0.4  which  for  our 

highly  cambered  blade  is  rather  near  the  (lower)  critical  Mach  Number 
signalling  the  first  appearance  of  sonic  flow  in  the  steady  case.  The  reduced 
frequency  was  given  the  values  k  -  0.25,  0.5,  1,  2,  3,  4,  S  and  8,  for  each 
of  these  frequencies  the  amplitude  was  varied  according  to 

y  kfc  =  0.1  0.2  0.3  0.4  0.5  0.6  0.8  1.0 

m  x  1 

giving  <i  -  1.43  2.86  4.29  5.71  7.1  3  8.53  1  1.31  1  4.04  grd. 

m  \ 


The  overall  results  are  not  spectacular.  Let  us  first  examine  the  influence  of 
the  amplitude  upon  f(  and  gf  in  fia.3: 
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Fig  3  f f  , g( -diagram  for  different  oscillation  amplitudes 

The  variations  are  so  small  that  it  takes  enlarcrei  diagrams  to  show  details: 
fig. 4  displays  four  of  the  five  rectangles  indicated  in  fio.3: 


There  is  a  distinct  effect  of  the  oscillation's  amplitude  but  it  is  rather 
divers  with  different  reduced  frequencies,  and  it  is  very  small  compared  with 
the  effect  of  the  reduced  frequency  itself  and,  as  we  will  see  later,  the  Mach 
Number . 

Let  us  turn  next  to  the  other  nonlinear  effect:  the  higher  harmonics.  We 
computed  them  up  to  fourth  order  but,  as  fig. 5  shows,  already  f?  and  are  in 

the  order  of  one  percent  of  ft*o,  so  we  did  not  display  the  higher  ones. 


Fig. 5  The  second  harmonics  (f  ,g  -diagram) 
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4 .  Summary 


The  results  of  ev^endp'*  computer  stuc’ies  of  the  flow  around  an 
blade  show  that 

the  importance  of  the  nonlinearity  of  the  problem  on  the 
characteristics  seems  small  generally. 

“  the  influence  of  the  onflow  Mach  Number,  however,  is  moderate 
frequencies  below  three  but  becomes  proaressi vely  larger 
frequencies . 
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for  reduced 
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DISCUSSION 


Y.N.Chen  Sulzer  Brothers  Ltd,  Winterthur,  Switzerland 

The  author  presented  an  interesting  view  of  calculating  the  flow  field  of  an  oscillating 
single  blade  (in  the  case  of  a  strongly  cambered  airfoil).  He  considers  the  flow  field  of  the  airfoil 
as  an  independent  one  and  neglects  the  unsteady  flow  in  the  wake,  correcting  this  assunption  with  the 
HcKroskey  eethod  ard  stressing  out  that  this  method  applies  to  snail  perturbations  only. 

On  the  other  hand,  von  Karaan  arid  Sears  considered  very  early  an  oscillating  plate  with 
small  amplitude  oscillations  by  taking  into  account  the  wavy  wake  with  positive  arid  negative 
vorticities  distributed  alternately  along  it,  arid  established  a  corresponding  f  -  g  diagram 

Recently,  del  Hak  and  Ho  measured  the  flow  field  around  an  oscillating  airfoil  (i.e. 
undergoing  dynamic  stall).  The  emission  of  a  Karman  vortex  has  been  found  in  the  wake,  during  an 
oscillating  cycle. 

Thus,  shedding  of  a  wavy  wake  with  Karean-vorticity  distribution  for  weak  oscillations,  and 
an  established  Karman  vortex  street  in  the  wake  for  a  strong  oscillation  are  obvious. 

The  inclusion  of  the  Karman  vortices  in  the  wake  may  therefore  contribute  to  the  refinement 
of  the  calculations. 

Author's  response  : 

nie  way  von  Karaan  and  Sears  considered  the  oscillating  blade  can  not  be  compared  with  the 
point  of  view  of  modern  Computational  Fluid  Dynamic* 

von  Karaan  presupposed  the  existence  of  vortices  and  then  -  of  course  quite  correctly  for 
the  case  of  incompressible  flow  -  established  their  connection  with  the  flow  field. 

Our  more  general  method  makes  no  assumptions  whatsoever  about  the  structure  of  the  flow 
field  and  just  solves  the  differential  equations  for  the  given  Boundary  conditions.  Hence,  eventual 
vortices  are  a  consequence  rather  than  a  presupposition.  They  do  of  course  come  out  (even  in  the  case 
of  Euler  equations,  due  to  numerical  viscosity),  but  wether  they  show  up  or  not  depends  on  the  mesh 
width  of  the  computational  grid. 

Me  could  easily  trace  them  already  under  conditions  of  massive  stall  where  their  diameter  is 
roughly  three  times  the  mesh  length,  but  in  the  case  of  the  shedding  of  a  small  vortex  street  from  the 
trailing  edge  ,  our  grid  is  much  to  coarse  to  resolve  such  a  small  scale  phenomenon.  Nevertheless 
their  effect  upon  the  whole  flow  field  is  taken  into  account,  and  one  possibility  to  prove  their 
existence  is  -  next  to  the  variation  of  the  lift  coefficient  -  would  be  to  show  the  variation  in  time 
of  the  instantaneous  circulation  around  the  blade,  but  we  did  not  yet  extract  this  from  the  result 
files. 


B.H.  Becker  ,  Siemens  AG,  West  Germany 

Since  the  paper  deals  with  isolated  blade,  the  results  cannot  be  directly  applied  to 
turbomachinery  cascades.  Could  the  Author  comment  on  the  possibility  to  use  nevertheless  his  results 
to  explain,  for  instance,  the  pressure  fluctuations  near  the  leading  edge  where  the  effect  of  other 
blades  might  be  small. 

Author's  response  i 

Nr  Becker's  assumption  that  the  flow  in  the  vicinity  of  the  leading  edge  of  our  single  blade 
will  be  similar  to  the  flow  in  a  cascade  is  certainly  correct.  In  both  cases  the  pressure  fluctuations 
near  the  leading  edge  can  be  traced  back  to  the  migration  of  the  stagnation  point,  which  in  turn  is 
caused  by  the  variation  of  the  angle  of  attack.  This  is  clearly  displayed  in  the  isobar  sequences  in 
the  numerical  computation  film  made  using  the  method  described  and  could  quantitatively  be  extracted 
fro*  the  result  files  recorder  during  the  computations. 


Aerodynamic  Superposition  Principle  in  Vibrating  Turbine 

Cascades 
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Ecole  Polytechnique  Fbddrale  de  Lausanne 
Lausanne,  Switzerland 


Abstract 


In  unsteady  aerc  dynamics  the  superposition  principle  states  that  the  unsteady  aerodynamic  perturbations  generated 
in  a  vibrating  cascade  are  the  same  as  the  sum  ot  the  perturbations  generated  by  vibrating  single  blades  This 
principle  has  been  subject  to  controversy  in  the  past;  today  it  has  been  verified  experimentally  by  different  authors  tor 
torsional  vibration  modes  in  linear  compressor  cascades  in  subsonic  and  incompressible  flow. 

The  present  paper  describes  experiments  on  turbine  cascades  performed  in  an  annular  non-rotating  test  facility  in 
order  to  validate  the  above  mentioned  superposition  principle.  Using  an  annular  test  facility  eliminates  the  problems 
with  lateral  boundaries  encountered  in  linear  cascades:  the  annular  cascade  flow  is  truly  periodic  both  for  steady  and 
unsteady  flow.  In  the  following,  we  present  experiments 

•  performed  with  three  different  cascades,  vibrating  in  a  translational  mode,  simulating  a  bending  vibration 

•  that  cover  supersonic,  transonic  and  subsonic  flow 

•  that  cover  the  entire  interblade  phase  angle  range  possible  with  20  blades 

The  blade  sections  of  the  cascades  are  typical  tor  the  last  stage  of  gas-  and  steam-turbines.  The  results  obtained  show 
that,  within  the  limitations  of  experimental  accuracy,  the  superposition  principle  is  valid,  i.e.  from  experiments  with 
single  vibrating  blades  the  same  conclusions  can  be  drawn  as  from  experiments  with  the  whole  cascade  vibrating  at 
constant  amplitudes  and  interblade  phase  angles. 


Nomenclature 


Symbol  Explanation 


Dimension 


A 

Bn 

c 

Ch 


c 


p 


Blade  amplitude 
Blade  number  "n" 

Blade  chord  length 

Unsteady  force  coefficient  in  direction  of  bending  vibration 

Ch  *  X  Cpj  A  (X/C)i 

t 


Unsteady  perturbation  pressure  coefficient 


cp  (x,t) 


1 

h  PwrPi 


mm 

mm 


dv  muuvement.  MpH£|«-  2  equations  (avec  lequilibre  •  0,091ft). 
U  -  jUfli  /s  ;  a  -  4°  ;  Re  -  4  105. 


incompressible.  Module  2  dquaiions  (avee  lapuJibre  -  0,0916) 
V  -  30/r/s  ;  r.  -  4°  .  Re  -  4  10s. 


Cyv 

D, 

f 

k 

M 

P 

S, 


Aerodynamic  work  coefficient  per  cycle  of  blade  vibration  in  travelling  wave  mode 
Pressure  transducer  number  T  on  blade  pressure  surface 

Blade  vibration  frequency  Hz 

Dimensionless  (  with  chord  )  bending  vibration  amplitude 

(DC 

Reduced  frequency  k  =  ^ 

Mach  Number 

Unsteady  perturbation  pressure  mbar 

Pressure  transducer  number  T  an  blade  suction  surface 


fi 

a  (see: 

Y 

(») 

o 

Op 


Flow  angle 

Normalized  blade  surlace  element  normal  to  vibration  direction 
Cascade  stagger  angle 
Natural  frequency  of  the  blades 

Interblade  phase  angle,  o  is  positive  when  blade  “n+1"  leads  blade  "n" 
Pressure  phase  a  .gie.  Positive  when  pressure  leads  blade  motion 
Aerodynamic  damping  coefficient  in  travelling  wave  mode 
Eh  =  -Im  (ch)  for  pure  bending 


deg 

deg 

s-1 

deg 

deg 


Subscript 

h 

1 

ic 

is 

PS 

s 

ss 

iwm 

US 

f 

2 

IB 

2B 

IT 


Bending  motion 

Pressure  transducer  number  i 

Influence  coefficient 

Blade  lower  surface  (=suction  surface) 

Blade  pressure  surlace 

Isentropic 

Blade  suction  surface 

Travelling  wave  mode 

Blade  upper  surface  (^pressure  surface) 

Upstream  flow  conditions 

Downstream  flow  conditions 

First  bending  mode 

Second  bending  mode 

First  torsion  mode 


Superscript 


m 

n 


k 


Blade  number  "m" 

Blade  number  'n“ 

Interblade  phase  angle  wave  lumber 
Approximate  value 


Introduction 


Aeroelasnc  experiments  as  well  as  i.umencai  predictions  are  often  performed  in  the  "travelling  wave"  formulation,  in 
which  all  blades  vibrate  with  constant  interblade  phase  angles  and  idem  cal  blade  vibration  amplitudes  (see  for 
example  [Bblcs  and  ScNafli.  1987.  Carstens.  1904.  Carta.  1982.  Fra"  'on  and  Pandolfi.  1906.  Gerolymos.  I988a,b. 
Kobayashi.  t988,  1984,  Riffel  and  Rothrock.  1980,  Servaty,  Gallus  ant.  nu,  1987;  Verdon.  1987,  Whitehead,  1 987] V 
Results  from  such  investigations  give  necessary  useful  information  to  the  aeroelastician-designer,  but  the  physical 
reasons  for  the  specific  aeroeiastic  behaviour  of  a  ceita.n  cascade  are  not  easily  identified  Furthermore  results  from 
the  “travelling  wave"  formulation  are  rather  difficult  to  integrate  into  the  structural  analysis  of  a  rotor 


5.1 

A  different  approach  consists  of  the  "influence  coefficient"  technique,  where  the  unsteady  forces  acting  on  a  blade  in  a 
particular  vibration  mode  are  considered  as  the  sum  of  unsteady  forces  generated  specifically  by  each  blade  of  the 
cascade,  much  the  same  as  structural  coupling  terms  in  a  structural  analysis.  Crawley  (1984)  has  demonstrated  that 
the  aeroelastic  formulations  as  influence  coefficients  or  travelling  wave  mode  are  mathematically  identical;  Gerolymos 
[1988a]  has  shown  that,  in  a  numerical  example  based  on  an  inviscid  blade-to-blade  solution,  the  combined  effect  of 
influence  coefficients  computed  from  7  blades  gives  similar  results  as  the  calculations  in  the  travelling  wave  mode. 

Experiments  have  recently  started  to  be  performed  with  only  one  blade  in  a  cascade  vibrating,  while  measuring  the 
unsteady  response  on  all  neighbour  blades  (see  for  example  [Davies  and  Whitehead,  1984;  Hanamura  et  al,  1980; 
Schlafli,  1989;  Szechenyi,  1980,  1983,  1984,  1985]).  These  responses  are  thereafter  linearly  summed  up  to  yield  the 
total  influence  on  one  blade,  with  this  as  well  as  all  the  other  blades  vibrating  [Szechenyi,  1980,  1984],  From  the 
purely  analytical  (linearized  theories)  point  of  view,  such  an  approach  may  be  questionable  if  only  a  limited  number  of 
blades  is  taken  into  account,  while  acoustic  resonances  [Samoloivich,  1967;  Verdon,  1977a, b]  will  not  be  considered. 

Attempts  to  prove  the  validity  of  the  superposition  principle  experimentally  have  been  published  by  several  authors 
((Hanamura  et  al.,  1980;  Bblcs  and  Schlafli,  1987;  Buffum  and  Fleeter.  1988]).  The  results  of  these  tests  are  only  partly 
conclusive;  The  work  by  Hanamura  was  performed  in  incompressible  flow  in  a  linear  test  facility;  Bblcs  and  Schlafli 
presented  one  single  test  case  in  an  annular  test  facility.  Buflum  and  Fleeter  performed  their  study  in  subsonic  flow 
and  also  used  a  linear  cascade  for  their  experiment,  where  the  limited  number  of  blades  in  the  cascade  (9)  a  priori 
precludes  the  detection  of  the  influence  of  distant  blades,  it  present.  Their  results  presented  also  show  some 
unexplained  discrepancies,  and  the  possible  effect  of  the  lateral  boundaries  on  the  unsteady  flow  in  a  linear  cascade 
remains  uncertain. 

The  objectives  of  the  present  study  are  to  verify  the  validity  of  the  superposition  principle  at  sub-,  trans-  and  supersonic 
flow  regimes  on  turbine  cascades,  vibrating  in  the  first  bending  mode,  in  an  annular  test  facility. 


Fundamentals  of  influence  coefficients 


The  mathematical  formulation  of  time  dependent  aeroelastic  influence  coefficients  as  the  coupling  terms  between 
vibrating  blades  is  well  known  and  widely  used  for  taken  into  account  unsteady  aerodynamic  effects  into  structural 
dynamic  models  (see  tor  example  (Bendiksen  and  Friedmann,  1980 ;  Crawley.  1984;  Bloemhof.1988.  Hoyniak  and 
Fleeter,  1986,  Topp  and  Fleeter,  1986[).  However,  the  formulation  is  not  as  often  employed  for  explaining  the  physical 
reasons  (or  aerodynamic  instabilities  of  cascades,  with  a  few  exceptions  [Szechenyi  et  al.  1984;  Hall  and  Crawley, 
1983;  Hanamura  et  al.  1980;  Davies  and  Whitehead,  1984).  The  influence  coefficients  will  be  used  as  the  principal 
basis  for  the  comparison  of  the  experimental  data  below.  The  fundamentals  ol  the  diagrams  used  for  the  physical 
mierpretation  of  the  results  will  thus  briefly  be  discussed  here. 


For  this  purpose  the  "2N+1"  blades  in  a  cascade  are  assumed  to  be  numbered  from  "-N"  to  "+N".  according  to  Fig  la. 
and  it  is  assumed  that  the  influence  from  all  the  blades  can  be  linearly  summed  up  to  yield  the  global  influence 
exorcised  on  each  blade  in  the  travelling  wave  mode.  i.  e.  with  constant  interblade  phase  angle  between  vibrating 
blades  and  with  identical  blade  vibration  amplitudes.  This  formulation  has  been  given  by  Szbchenyi  et  al  { 1 984]  as’ : 


-  m.o 
c  h  twm 


w  = 


N 


n=  N 


n,m 

h.ic 


e",te"ln 


(i) 


where 

•  c  is  the  unsteady  aerodynamic  force  coefficient  in  the  direction  of  the  bending  vibratnon,  acting  on  blade 

"m".  with  the  blades  oscillating  in  the  travelling  wave  mode  with  interblade  phase  angle  a 

•  c  is  the  unstea^  '  aerodynamic  force  influence  coefficient  of  the  vibrating  blade  "n".  acting  on  the  blade  "m" 


1  The  example  is  here  given  for  the  aerodynamic  force  coefficient  in  the  bending  direction  but  the  procedure  can  be  employed  for  any 
unsteady  aerodynamic  coefficient 
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on  »s  the  phase  angie  between  blade  "n"  and  the  reference  blade  "m". 
e ,a)t  is  the  unitary  harmonic  motion  of  the  blade  n. 


If  the  blade  vibrate  in  the  travelling  wave  mode,  the  interblade  phase  angle  is  constant  and  it  is  possible  to  express  eq, 
(1)  as: 


~  m.o 
c  h.twm 


e 


icot 


- 1 


e  i(ul  +  (n-m)CT) 


(2) 


and  thus 


N 

*■  m,<T  ’T'  —  n,m 
c  h.twm  *  2->  c  h.ic 
n=-N 


Q  i  (n- m)o 


(3) 


While  assuming  the  reference  blade  to  be  blade  "nYa  blade  "0",  this  expression  becomes 


N  ^ 
=  Sc 
n=-N 


n,0 

h.ic 


(4) 


The  relation  between  influence  coefficients  and  the  travelling  wave  forces  has  the  form  of  a  Fourier  transform.  It  is  a 
special  case  of  the  more  general  formulation  given  e.g.  by  Crawley  [1984], 

The  influence  exercised  by  one  vibrating  blade  (reference  blade  ”0":  n=0  in  eq.  4)  on  itself  is  independent  of  the 
interblade  phase  angle.  Fig  1b  shows  an  example  for  the  superposition  of  the  contributions  from  blades  "+1"  and  ”-1": 
According  to  eq.  4,  the  contributions  of  blade  “+1”  can  be  represented  as  a  vector  rotating  in  clockwise  direction  with 
increasing  interblade  phase  angle  o;  the  influence  of  blade  "-1"  results  in  a  vector  rotating  in  counterclockwise 
direction  with  increasing  o.  The  resulting  vector  of  blade  forces  or  pressures  describes  an  ellipse  in  the  complex  plane 
in  case  only  direct  neighbor  blades  are  considered.  With  the  inclusion  of  the  effects  of  more  distant  blades,  the 
resulting  diagram  becomes  more  complicated  (Fig  ic). 

The  above  discussion  has  been  conducted  based  on  the  global  unsteady  force  coefficient,  but  the  same  holds  for  the 
local  unsteady  pressure  coefficients  on  each  blade  surface.  These  then  allow  to  establish  the  relationship  between  the 
response  on  a  certain  part  of  a  blade  and  the  vibrating  neighbour  blades. 


Test  facility  and  model  cascades 


Test  facility 

The  tests  on  the  present  cascade  were  performed  in  the  non-rotating  annular  cascade  tunnel  at  the  Ecole 
Polytechnique  F6d6rale  de  Lausanne  (Boles,  1983). 

The  annular  set-up  presents  the  advantage  of  a  "closed"  cascade  without  the  lateral  boundaries  of  a  ><  uar  cascade. 
Therefore  both  the  steady  and  unsteady  flow  periodicity  establishes  itself,  and  no  interaction  of  the  flow  (steady  and 
unsteady)  with  tailboards  or  other  boundaries  has  to  be  accounted  for.  In  particular  unsteady  perturbations  can  travel 
along  the  cascade  without  being  cut  off  by  tailboards.  It  .s  because  of  this  feature  that  the  annular  set-up  is  best  suited 
for  the  experimental  verification  of  the  superposition  principle. 

The  flow  is  created  in  a  radial-axial  annular  nozzle  shown  in  Fig.  2.  The  velocity  and  flow  angle  profiles  in  the  test 
section  are  obtained  by  the  regulation  of  the  two  separate  inlet  valves  ("1",  "2")  and  the  two  independent  inlet  guide 
vanes  ("5",  "6"). 

The  velocity  profile  in  the  inlet  section  can  fuqhermore  be  influenced  by  two  separate  suctions  immediately 
downstream  of  the  preswirl  vanes.  Four  independent  suctions  up  and  downstream  of  the  test  cascade  can  act  on  the 
velocity  profile  as  well  as  on  the  boundary  layer  on  the  outer  and  inner  tunnel  walls. 


As  the  annular  cascade  is  "dosed"  circumferentially  the  inlet  and  outlet  flow  velocities  as  well  as  the  flow  angles  adjust 
themselves  in  relation  to  the  pressure  ratio.  The  inlet  flow  angle  in  the  test  section  can  be  adjusted  continuously 
between  -78°  and  -20°  (measured  from  axial),  and  the  inlet  Mach  number  varied  from  0.3  to  1 .6. 

The  flow  conditions  are  measured  with  two  aerodynamic  probes  ("8")  which  can  traverse  over  the  channel  height  as 
well  as  in  the  circumferential  direction. 

Pressure  taps  ("10")  are  located  on  the  inner  and  outer  walls  in  order  to  determine  the  periodicity  and  the  static 
pressure  in  the  flow  field.  The  test  facility  is  also  equipped  with  Schlieren  optic  and  laser  holography  for  flow 
visualization  ("9"). 

The  compressed  air  for  the  test  facility  is  produced  by  a  continuously  running  four  stage  radial  compressor  which  has 
a  maximum  mass  flow  rate  of  10  kg/s  and  a  maximum  pressure  ratio  of  3.5.  The  suction  of  the  .vail  boundary  layers 
can  be  performed  with  a  second  compressor  (2  kg/s,  pressure  ratio  8). 

Model  Cascades 

The  annular  cascades  presented  here  are  derived  from  gas-  and  sfeam  turbine  blades,  operating  in  high  subsonic  or 
supersonic  flow  regimes.  They  consist  of  20  prismatic  blades  each.  They  have  a  tip  diameter  of  0.4  m,  a  hub  diameter 
of  0.32  m  and  a  blade  height  of  0.04  m  (see  Fig.  3  and  Table  1  for  cascade  geometries).  The  nominal  flow  conditions 
of  the  sections  under  investigation  are  also  given  in  Table  1.  The  vibration  directions  are  chosen  as  to  reproduce  the 
first  bending  mode,  and  the  corresponding  reduced  vibration  frequencies  of  the  real  blading  are  conserved  for  the 
model  cascade. 


Machine  type 

Cascade  1 

Gas  turbine 

Cascade  II 

Steam  turbine 

Cascade  III 

Steam  turbine 

Stagger  angle 

(°) 

56.6 

734 

Blade  chord 

(mm) 

74.4 

52  8 

Profile  thickness 

(%) 

17 

5.2 

Pitch/chord  ratio 

(•) 

0.74 

1.07 

Upstream  Mach  number  (M,) 

(•) 

0.34 

0.  31 

0.40 

Inlet  flow  angle  (pi) 

(°) 

10 

-44 

-62 

Downstream  Mach  number  (M2) 

(-) 

0.95 

0.90 

1.34 

Outlet  flow  angle  (p2) 

n 

•58 

-72 

-71 

Vibration  direction  (8) 

<°) 

90 

61 

43 

Vibration  frequency  (fie) 

(Hz) 

210-230 

140-150 

220-230 

Reduced  frequency 

(-) 

0.14-0.21 

0  08-0.13 

0.08-0.17 

Pressure  transducers  suction  side 

6 

6 

5 

Pressure  transducers  pressure  side 

5 

5 

5 

Table  1:  Cascade  data 


Vibration  and  control  system 

The  blades  are  elastically  suspended  on  a  spring-mass  system,  which  allows  vibrations  in  two  translational  and  one 
torsional  mode,  of  which  only  the  first  translational  mode  is  considered  in  these  experiments.  They  are  forced  into 
vibration  by  means  of  electromagnetic  exciters  (Fig  4a)  [Kirschner  et  al.  1980).  These  exciters  consist  of 
electromagnets  made  out  of  transformer  kits.  Part  of  the  plates  is  fixed  on  the  mass  piece  of  the  blade,  closing  the 
magnetic  flux  across  the  gap.  The  blade  vibration  is  measured  by  inductive  displacement  transducers  or  strain  gages 
on  the  spring,  depending  on  the  cascade.  The  measurement  system  is  dynamically  calibrated  with  miniaturized 
accelerometers  mounted  at  midspan  of  the  blade.  The  overall  calibration  precision  is  of  the  same  order  as  the 
precision  of  the  accelerometer  (ca.  2%).  The  transducers  are  fixed  on  an  impact  ring  ("6"  in  Fig.  4a)  (which  is  also  used 
as  a  mechanical  limit  for  the  blade  vibration  amplitudes),  that  is  positioned  axially  by  an  hydraulic  system.  An 
electromagnetic  control  system  allows  to  establish  and  maintain  a  pre-defined  vibration  mode  of  the  cascade:  Each 
blade  has  its  own  feedback  control  loop.  The  interblade  phase  angle  and  blade  vibration  amplitude  can  thus  be 
selected  individually  and  almost  any  cascade  vibration  pattern  can  be  realized.  The  disadvantage  of  the  versatile 
electromagnetic  system  Is  the  limited  forces  that  can  be  generated  by  the  electromagnets  of  a  given  size.  The  blade 
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vibration  amplitude  and  phase  angles  are  therefore  not  rigorously  constant  in  time  and  between  the  blades,  but 
subject  to  fluctuations  that  depend  on  the  mechanical  properties  of  the  cascade  (such  as  coupling  between  the 
blades)  and  the  vibration  mode  selected,  as  well  as  non  periodic  flow  perturbations.  An  example  of  the  vibration 
amplitude  and  interblade  phase  angle  for  seven  adjacent  blades  is  given  in  Fig.  4b.  It  is  seen  that  both  the  blade 
amplitudes  and  the  interblade  phase  angles  can  be  controlled  with  a  high  accuracy. 


Data  acquisition  and  reduction 


Data  acquisition 

The  steady  state  flow  conditions  are  established  by  means  of  probe  measurements  both  up-  and  downstream  of  the 
cascade  and  static  pressure  taps  on  two  adjacent  blades,  located  at  midspan.  These  taps  are  connected  to  a 
precision  pressure  acquisition  system  which  permits  a  quick  analysis  of  the  steady  state  flow  during  the  tests. 

For  the  purpose  of  unsteady  pressure  measurements  two  blades  in  each  cascade  are  equipped  with  high  frequency 
response  piezoresistive  pressure  transducers'.  These  have  a  diameter  of  6  mm  and  a  thickness  of  0.6  mm.  The 
pressure  membrane  has  a  diameter  of  3  mm.  One  of  the  blades  has  the  transducers  on  the  pressure  surface  and  a 
second  has  them  on  the  suction  side  at  midspan  *'':ght  of  the  blade.  The  'ocations  of  the  pressure  transducers 
correspond  to  locations  of  steady  state  pressure  taps.  All  transducers  are  situated,  as  for  the  steady-state  pressure 
instrumentation,  in  the  same  interblade  channel  (see  Fig.  3)  and  are  embedded  in  the  blade  and  connected  to  the 
surface  through  taps.  This  way  of  mounting  preserves  a  good  blade  surface,  but  implies  a  dead  volume  of  air  which 
might  possibly  affect  the  frequency  and  phase  response  of  the  transducers.  However,  at  the  frequencies  of  interest  no 
noticeable  difference  with  respect  to  a  flush-mounted  transducer  could  be  detected  during  the  calibrations. 

The  entire  time-dependent  measuring  chain  is  calibrated  with  a  time  fluctuating  pressure,  with  the  steady-state 
reference  pressure  verified  with  a  Betz  manometer.  After  calibration  the  measurement  uncertainty  of  the  entire  chain  is 
estimated  as  ±2%  [Schiafli,  1989]. 

As  the  pressure  transducers  are  located  in  the  blades,  acceleration  forces  act  on  them  during  the  blade  vibration.  The 
response  of  these  forces  is  measured  during  the  calibration,  and  substracted  from  the  response  during  the  data 
reduction. 

The  blade  motion  is  measured  by  an  inductive  displacement  transducer  on  cascade  1 ,  by  means  of  strain  gauges 
fixed  on  the  spring  of  the  blade  suspension  on  cascades  2  and  3.  Either  device  is  dynamically  calibrated  with  respect 
to  a  miniature  accelerometer  fixed  at  midspan  of  the  blade  for  this  purpose 

The  time-dependent  data  are  amplified,  low-pass  filtered  and  recorded  on  an  analog  tape  recorder  prior  to  analysis  on 
a  PDP-11/34.  Blade  vibration  signals  and  the  time  dependent  pressure  signals  are  recorded  simultaneously  this  way. 


Unsteady  data  analysis 

The  time  dependent  data  reduction  technique  is  based  on  a  Fourier  analysis  approach.  As  can  be  shown,  only 
pressure  fluctuations  of  the  blade  vibration  frequency  (first  bending  mode  in  the  present  case)  contribute  to  the 
aerodynamic  work  performed  on  the  blade  by  the  unsteady  pressures  [Carta;  1982).  Therefore  only  the  first 
eigenfrequency  component  of  the  unsteady  pressure  signal  is  here  of  interest  for  the  evaluation  of  aerodynamic  work 
and  damping  coefficients. 

For  evaluation,  the  data  are  reproduced  at  reduced  speed  to  achieve  a  frequency  transformation  because  of  the 
limited  sampling  frequency  of  the  Analog/Digital  converter.  The  data  are  digitized  "piecewise"  in  data  frames  because 
of  limited  storage  space  in  the  computer  core  memory.  The  data  frames  (2560  data  values  per  frame)  are  transferred 
onto  a  disk  file  for  further  processing.  This  piecewise  processing  provides  a  means  of  evaluating  the  quality  of  the 


1  ENDEVCO  Model  8515-50A  These  transducers,  rated  at  50  psi,  have  a  pressure  hysteresis  ol  0  1%  lull  scale  output,  a  non-lmeanty  ot 
0  25%.  a  non-repeatability  ot  0  1% 


data:  each  data  frame  is  individually  analyzed,  yielding  a  sample  amplitude  and  phase  angle  for  each  signal. 
Typically,  ten  such  samples  (A,,  <&,)  are  averaged  (Fig.  5),  resulting  in  mean  amplitudes  and  phase  angles  (A,  <t>).  The 
scatter  of  the  sample  values  around  the  mean  is  used  to  estimate  95%-confidence  intervals  for  the  mean,  based  on 
the  assumption  of  randomly  distributed  samples,  represented  by  the  circle  with  radius  AA.  The  phase  angle  interval  is 
defined  by  A<t>=tan'’(AA/A).  Large  confidence  intervals  indicate  the  presence  of  important  random  components  in  the 
signal. 


From  the  tests  in  the  controlled  blade  vibration  mode  unsteady  pressures  at  discrete  points  on  the  blade  surfaces  are 
obtained  during  vibrations  of  the  blades.  From  these  unsteady  pressures  it  is  then  possible  to  define  an  unsteady 
blade  surface  pressure  coefficient  cp(x,t),  which  can  be  written  with  a  harmonic  assumption: 


cp  (x.t) 
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where  cp(x)  is  the  amplitude  of  the  pressure  fluctuation  and  pp(x)  is  the  phase  lead  of  the  pressure  fluctuation  with 
respect  to  the  blade  motion. 

It  should  be  recognized  that  the  definition  of  cp  is  the  conventional  one  [Carta,  1982],  which  includes  the  dynamic 
pressure  (PwrPi)  The  absolute  magnitude  of  cp  depends  thus  on  the  level  of  the  dynamic  inlet  pressure,  which  in 
turn  depends  on  the  cascade  geometry  and  the  inlet  flow  angle  for  choked  cascades.  This  is  the  main  reason  for  the 
very  different  scales  for  unsteady  pressure  and  force  coefficients  in  the  cascades  discussed  below,  and  must  be 
clearly  kept  in  mind  while  analyzing  cp  for  the  different  examples  presented. 

Once  this  pressure  coefficient  has  been  obtained,  the  unsteady  aerodynamic  force.  Ch(t),  acting  on  the  blade  is 
calculated  as  the  sum  of  the  discrete  pressure  responses  multiplied  with  the  corresponding  blade  surface  element.  For 
each  element  the  absolute  time-dependent  pressure  is  taken  as  constant,  including  the  leading  edge  and  trailing 
edge  regions. 


The  unsteady  aerodynamic  work,  cWh.  due  to  the  aerodynamic  forces  on  the  blade  during  bending  vibration,  is 
thereafter  determined  as  the  integral,  over  a  period  of  blade  vibration,  of  the  force  multiplied  by  the  blade  velocity  The 
unsteady  aerodynamic  damping  is  then  defined  as  (for  pure  bending  vibration)  [Boles  and  Fransson;  1936]: 
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where  ch  is  the  amplitude  of  unsteady  aerodynamic  force  and  Oh  is  the  phase  lead  between  unsteady  aerodynamic 
force  and  blade  motion. 

From  this  value,  the  unsteady  aerodynamic  stability  limit  E  =  0.  is  calculated.  If  E  >  0.  the  flow  has  a  damping  effect  on 
the  blades,  whereas  E  <  0  indicates  that  the  flow  gives  energy  to  the  blades. 

The  information  of  most  use  for  the  turbomachine  designer  is  thus  the  unsteady  aerodynamic  damping,  E.  However,  in 
order  to  understand  the  details  of  unsteady  aerodynamics  it  is  also  necessary  to  look  at  the  unsteady  blade  surface 
pressure  distribution  cp(x,t). 

The  aerodynamic  damping  E  depends  on  the  steady  state  flow  conditions,  the  reduced  frequency  k  and  the  interblade 
phase  angle  a.  The  main  parameters  of  influence  for  the  cascades  presented,  as  the  blade  vibrating  frequency  stays 
constant,  can  be  considered  to  be  the  cascade  geometry,  the  interblade  phase  angle,  ihe  outlet  flow  velocity  and  the 
incidence  angle. 


Decomposition  of  unsteady  data  into  influence  coefficients 

The  fundamental  relationship  between  the  travelling  wave  formulation  and  the  influence  coefficients  has  been  shortly 
presented  above.  In  the  experiment,  however,  the  travelling  wave  is  not  realized  ideally;  there  are  always  slight 
differences  in  vibration  amplitudes  and  phase  angles  between  blades  in  the  cascade.  In  order  to  account  tor  this,  the 
data  reduction  procedure  has  to  start  from  the  general  formulation  (see  Crawley  [1 984]).  The  motion  of  the  n-th  blade 
in  the  cascade  is 

hn(t)  =  hn  e  i0rl  e iul  (7) 


The  unsteady  pressure  coefficient  induced  on  the  zeroth  blade  is  therefore; 
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Each  blade  can  have  a  different  amplitude  and  a  different  phase  angle  for  a  given  vibration  pattern.  A  set  of  patterns 
(e  g.  approximate  travelling  wave  modes  with  diffferent  interblade  phase  angles)  is  described  by  the  complex  matrix- 
equation  of  the  form: 


[C]=[H][L]  (9) 

The  vector  [C]  contains  the  set  of  unsteady  pressures  or  forces  measured  for  K  different  vibration  patterns  (=interblade 
phase  angles)  in  the  cascade.  Ine  veciui  [1-1  voiuair.i  the  influence  coefficients  and  the  matrix  {HJ  the  complex 
vibration  patterns  of  the  2N+1  different  blades  in  the  cascade  for  the  K  different  vibration  patterns: 
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If  the  influence  coefficients  are  known,  this  equation  can  directly  be  used  to  determine  the  unsteady  forces  in  the 
cascade  for  a  particular  vibration  pattern.  If,  on  the  contrary,  the  vibration  pattern  and  the  resulting  forces  are  known, 
as  in  the  experiments,  the  influence  coefficients  are  determined  by  the  least-square  solution: 

[L]  =  [[H]T  [Hi]’1  [H]t  [Cl  (11) 

Resolution  of  this  equation  requires  at  least  as  many  independent  measurements  as  there  are  blades  to  be 
considered  (  K  >  2N+1),  but  there  can  be  more  measurements  than  blades.  The  complex  matrix-equation  can  be 
reduced  to  a  real  form  by  approriate  separation  of  real  and  imaginary  parts  at  the  price  of  increasing  the  dimensions  of 
the  matrix. 


Test  results  and  discussion 


To  demonstrate  the  validation  of  the  superposition  principle,  six  typical  test  conditions,  corresponding  to  sub-,  trans- 
and  supersonic  outlet  flow,  are  discussed  below  (Table  2). 


Sample  case 

Cascade 

Ms, 

k 

1 

1 

1.31 

0.14 

2 

II 

1  43 

0.08 

3 

II 

1.04 

0.10 

4 

III 

1  07 

0.10 

5 

II 

0.85 

0.12 

6 

ill 

0.77 

0  13 

Table  2: 


Test  cases  presented 


in  the  travelling  wave  vibration  mode,  the  entire  cascade  is  excited  into  vibration  for  the  possible  interblade  phase 
angles.  In  the  single  blade  excitation  mode,  the  instrumented  blades  and  their  neighbours  (from  blade  “-4"  to  blade 
"+4")  are  excited  separately.  In  the  comparison  between  the  two  modes,  the  travelling  wave  coefficients  are 
synthesized  from  the  single  blade  influence  coefficients  for  blades  "-4*  to  blade  *+4\ 

Supersonic  outlet  flow  conditions 

Test  case  1  with  cascade  1  is  an  experiment  with  an  outlet  flow  velocity  of  M2S=1 .31  and  an  upstream  flow  angle  of 
(5i=20°.  The  steady  flow  conditions  are  summarized  in  Fig  6a;  the  Mach  number  distribution  on  the  blade  shows  an 
expansion  and  a  following  recompression  near  the  leading  edge,  indicating  a  local  flow  separation.  The  continuous 
expansion  of  the  flow  is  limited  at  ca,  80%  of  the  chord  by  the  shock  impinging  from  the  neighbour  blade.  Downstream 
of  the  shock  the  flow  is  not  accelerating  any  more.  For  this  steady-state  operating  condition  the  first  three  pressure 
transducers  on  the  suction  side  are  situated  in  the  subsonic  flow,  and  the  fourth  one  just  downstream  of  the  sonic 
transition.  The  rearmost  transducer  is  situated  in  the  region  of  the  impinging  shock  ("a"  in  Fig  6a),  an  eventual 
unsteady  effect  due  to  the  shock  should  be  visible  here. 

An  example  for  the  unsteady  blade  pressures  measured  in  the  travelling  wave  vibration  mode  is  shown  for  o=180°  in 
Fig  6b.  The  most  important  pressures  are  generated  near  the  leading  edge  on  the  suction  side,  and  they  rapidly  decay 
towards  the  trailing  edge.  The  phase  angles  are  close  to  the  stabMity  limit  at  <J>P=180°;  the  first  two  pressure 
transducers  indicate  a  slightly  positive  aerodynamic  damping,  with  the  two  following  transducers  unstable.  On  the 
pressure  side  the  pressure  fluctuations  are  considerably  smaller  and  they  all  induce  positive  damping. 

The  aerodynamic  damping  coefficients  as  measured  in  the  travelling  wave  mode  and  reconstructed  from  single  blade 
excitation  influence  coefficients  are  compared  in  Fig.  6c.  A  good  agreement  between  the  two  methods  is  observed  for 
both  the  pressure  side  and  the  suction  side.  The  suction  side  damping  has  an  almost  sinusoidal  shape,  which  is  an 
indication  for  the  dominant  influence  of  the  direct  neighbour  blades.  On  the  pressure  side  this  is  less  obvious,  but 
examination  of  the  influence  coefficients  in  Fig  6d  shows  a  similar  dominance  of  the  direct  neighbour  blades.  The 
significant  unsteady  interactions  extend  from  the  "-2"  blade  to  the  "+1"  blade;  a  good  correlation  in  terms  of  amplitude 
and  phase  is  observed  for  influence  coefficients  with  non-zero  amplitudes.  Coefficients  with  amplitudes  close  to  zero 
cannot  be  expected  to  agree  very  well  because  of  the  data  fluctuations  that  propagate  through  the  decomposition 
procedure  and  affect  the  small  coefficients  more  severely  than  the  large  ones  [Schiatli,  1989] 

Test  case  2  (cascade  II)  yields  similar  results:  The  steady  state  flow  conditions  for  the  example  (Fig  7a)  show  that  the 
shock  from  the  neighbour  blade  is  stronger  than  compared  to  cascade  I,  and  it  hits  the  blade  in  the  vicinity  of  pressure 
transducer  S4.  As  seen  on  the  unsteady  pressure  distribution  on  the  blade  in  Fig  7b,  the  shock  from  the  neighbour 
blade  affects  the  unsteady  response  both  in  terms  of  amplitude  and  phase  (transducer  S4  at  location  x/c-0.6).  The 
unsteady  pressure  amplitudes  on  the  suction  side  are  the  most  important  near  the  transition  from  sonic  to  supersonic 
flow  on  the  blade;  the  amplitude  sharply  drops  downstream  of  this  point,  but  at  the  shock  location  the  pressure 
amplitude  increases.  On  the  pressure  side,  the  most  important  response  is  observed  towards  the  trailing  edge,  where 
the  flow  velocity  reaches  the  speed  of  sound.  An  almost  constant  phase  angle  distribution  (a>p~180°)  is  observed  for 
the  suction  side,  with  the  exception  of  the  shock  location,  where  an  important  phase  shift  occurs.  On  the  pressure  side, 
the  phase  angle  smoothly  increases  along  the  blade  chord.  Another  effect  of  the  shock  is  the  increased  fluctuation  of 
the  data,  represented  by  the  vertical  bars  through  the  symbols. 

In  this  example,  the  correlation  between  travelling  wave  data  and  single  blade  predictions  is  even  better  than  for  test 
case  1 ,  as  seen  in  the  comparison  of  aerodynamic  damping  coefficients  in  fig  7c.  The  almost  sinusoidal  shape  of  the 
suction  side  damping  again  indicates  that  the  direct  neighbour  (the  "-1"  blade  as  tor  cascade  I)  has  the  strongest 
influence  on  the  measuring  blade. 

Transsonic  outlet  flow  conditions 

The  first  example  for  transsonic  outlet  flow  conditions  is  test  case  3  with  cascade  II.  For  these  close  to  sonic  outlet  flow 
conditions  a  normal  shock  is  observed  near  the  trailing  edge  (Fig  8a),  and  another,  weaker  one.  at  about  66%  of  the 
blade  chord.  The  rearmost  pressure  transducer  is  located  in  the  vicinity  of  the  trailing  edge  shock.  The  unsteady 
pressure  distribution  for  an  interblade  phase  angle  of  0=180°  (Fig  8b)  shows  that  in  this  case,  too,  the  mam 
interactions  are  generated  in  the  interblade  channel  (subsonic  How  velocities  on  the  suction  side),  but  the  trailing  edge 
shock  induces  a  large  fluctuation  at  transducer  S5.  The  phase  angle  distribution  is  similar  fo  the  supersonic  test  case 
2  with  an  important  phase  shift  from  the  leading  edge  to  the  trailing  edge. 
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Again  a  good  correlation  between  the  single  blade  influence  coefficients  and  the  travelling  wave  data  is  observed  (Fig 
8c).  Minor  discrepancies  appear  for  the  suction  side  damping  for  interblade  phase  angles  near  0=0“. 

Test  case  4  is  an  example  from  cascade  III.  which  has  a  flat  profile  and  a  large  pitch/chord  ratio  and  is  very  different 
from  cascades  I  and  II.  The  steady  state  pressure  distribution  on  the  blade  (tig  9a)  indicates  a  strong  expansion  at  the 
leading  edge,  accompanied  by  large  flow  separation.  The  shock  terminating  this  region  does  not  appear  clearly  in  the 
pressure  distribution,  but  is  visible  on  shadowgraph  flow  visualisations  not  presented  here.  The  shock  is  heavily 
smeared  in  the  boundary  layer.  Fig  9b  shows  an  example  for  the  unsteady  blade  pressure  distribution.  On  the 
pressure  side,  the  strongest  unsteady  response  is  observed  near  the  leading  edge.  On  the  suction  side  however,  the 
most  important  responses  are  observed  near  the  trailing  edge  downstream  of  the  recompression  zone  and  the  shock. 
Data  fluctuations  (indicated  by  the  vertical  bars  through  the  data  symbols)  are  important  for  the  rearmost  pressure 
transducer,  indicating  high  turbulence  levels  due  to  flow  separations. 

The  pressure  side  phase  angles  are  fairly  constant  around  d>=0°,  whereas  on  the  suction  side  a  jump  in  the  sign  of  the 
phase  at  x/c=0.4  is  observed.  This  location  corresponds  to  the  end  of  the  recompression  zone  of  the  suction  side  flow 
on  the  profile. 

The  correlation  of  the  trend  between  travelling  wave  data  and  predicted  aerodynamic  damping  from  single  blade 
vibration  influence  coefficients  agrees  extremely  well  (Fig  9c),  as  in  the  previous  cases.  However,  somewhat  larger 
discrepancies  than  previously  are  noticeable  in  the  absolute  values. 

Subsonic  flow 

In  test  case  5  (from  cascade  II)  the  entire  flow  field  through  the  cascade  is  subsonic.  A  smooth  expansion  on  the 
suction  side  over  the  first  30%  of  the  chord  is  terminated  by  an  almost  constant  flow  (Fig  10a).  The  unsteady  pressure 
coefficients  in  Fig.  10a  show  a  distribution  similar  to  cases  2  and  3  for  the  pressure  side,  which  is  to  be  expected  since 
the  pressure  side  flow  is  similar  for  nil  cutici  flow  velocities.  The  sue*'''"  side  pressure  distribution  again  shows  the 
dominant  interaction  within  the  interblade  channel;  it  is  quite  similar  to  test  case  2. 

Again,  the  correlation  between  travelling  wave  data  and  predicted  single  blade  damping  is  good  (Fig  1 0b);  the  shape 
of  the  suction  side  damping  curve  in  this  case  indicates  the  relatively  important  influence  of  blades  more  distant  than 
the  "+r  and  *-1”  blade.  Note  the  similanty  ot  the  pressure  side  damping  curves  with  the  test  cases  2  and  3  (Figs  7c. 
8c). 

Test  case  6  is  taken  from  cascade  III,  where  a  supersonic  region  still  exists  on  the  blade  suction  side  near  the  leading 
edge,  extending  to  ca  8%  of  the  chord  length  (Fig  11a).  The  first  pressure  transducer  is  located  in  this  area,  all  the 
others  in  subsonic  part  of  the  flow.  The  unsteady  pressures  in  the  example  for  o=180°  (Fig  11b)  are.  with  the  exception 
of  one  transducer  on  the  pressure  side,  almost  in  opposite  phase  between  pressure  and  suction  surface  of  the  profile; 
the  amplitudes  are  important  near  the  leading  edge.  In  this  case  also,  the  essential  features  ot  the  reconstructed 
damping  coefficient  from  single  blade  influence  coefficients  are  the  same  as  the  travelling  wave  data  (Fig  11c). 


Conclusions 


The  superposition  principle  of  unsteady  effects  in  oscillating  cascades  postulates  the  equivalence  of  single  vibrating 
blades  with  travelling  wave  vibration  modes  as  regards  the  resulting  unsteady  load,  i.e. :  The  unsteady  load  observed 
on  a  cascade  vibrating  in  a  travelling  wave  mode  is  the  sum  ot  the  influences  of  single  vibrating  blades  in  the  cascade 
Attempts  to  validate  this  postulate  experimentally  have  been  performed  by  seveial  authors  in  the  past,  but  without 
conclusive  results  as  regards  the  validity  in  compressible  flow  regimes.  Furthermore  most  ot  their  work  was  conducted 
in  linear  cascades  with  their  inherent  disadvantage  of  lateral  boundaries  to  the  flow,  which  may  invalidate  the  results 

The  work  presented  above  validates  the  superposition  principle  of  unsteady  effects  in  cascades  in  the  following 
respects: 

•  The  tests  have  been  performed  in  an  annular  cascade.  The  annular  cascade  is  the  only  one  to  be  truly  pitchwise 
periodic.  Lateral  boundaries  as  in  linear  test  facilities  do  not  exist  and  therefore  cannot  influence  the 
experimental  results.  For  this  reason  the  annular  set-up  is  best  suited  to  verify  the  superposition  principle. 


•  The  tests  have  been  conducted  with  three  different  cascades  (derived  from  gas  and  steam  turbines  at  different 
blade  sections),  operating  at  reduced  frequencies  in  the  range  k=0.08-0.21. 

•  The  tests  cover  flow  conditions  with  outlet  flow  velocity  varying  from  subsonic  to  supersonic. 

The  results  show  in  all  cases  that  the  superposition  principle  unconditionnally  holds  for  any  flow  regime,  as  far  as  can 
be  established  by  an  experimental  investigation.  Unsteady  blade  forces  and  aerodynamic  damping  coefficients 
measured  in  the  travelling  vibration  mode  with  all  20  blades  vibrating  at  constant  interblade  phase  angle  and  constant 
amplitude  are  very  similar  to  predictions  derived  from  influence  coefficients  determined  from  single  vibrating  blades. 

In  the  cascades  investigated,  the  coupling  effects  decay  rapidly  pitchwise;  blade-to-blade  interactions  between  direct 
neighbor  b'ades  are  the  most  important  cascade  effect.  The  influences  from  blades  more  distant  than  two  to  three 
pitches  only  marginally  affect  the  global  unsteady  behaviour  of  the  cascade  (stability  limit).  However,  this  does  not 
prove  that  lateral  boundaries  in  linear  cascades  may  not  falsify  the  superposition  under  certain  circumstances. 

In  the  experiments  discussed  here  no  evidence  of  acoustic  resonance  phenomena  as  predicted  by  theoretical  models 
was  found.  In  the  annular  test  facility,  as  well  as  in  a  real  turbine,  the  conditions  for  the  apparition  of  such  phenomena 
(i.e.  homogeneous  up-  and  downstream  flow  conditions  extending  to  infinity)  are  not  realized.  Also,  the  range  of 
interblade  phase  angles  with  potentially  superresonant  conditions  is  very  small  in  the  upstream  flow  (i.e.  -8°  <  Oak  res  < 
0°);  in  the  downstream  flow  it  is  somewhat  larger  (typically  -10°  <  oak  res  <  90°).  but  the  flow  inhomogeneity  (wakes, 
shocks)  probably  prevents  such  phenomena  to  develop  in  a  experimentally  perceptible  manner. 
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Fig  la:  Blade  numbering  scheme  in  the  cascade 
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Fig  lb:  Superposition  of  influence  coefficients. 
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Fig  1c:  Example  of  unsteady  blade  pressure  locus 
with  influences  from  several  blades 
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Annular  test  facility 


Cascade  I:  Gas  turbine  cascade,  midspan  section  Cascade  II:  Steam  turbine  cascade,  midspan  section 


Cascade  III:  Steam  turbine  cascade,  tip  section 


Fig  3:  Model  cascades.  Dots  indicate  pressure  transducer  locations 
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Fig  4a:  Schematic  view  ol  the  blade  oscillation  system  Fig  4b:  Blade  vibration  amplitude  and  phase 

fluctuations  for  travelling  wave  vibration 
mode  (Cascade  I).  Bars  indicate  95% 
confidence  interval 


Fig  5:  Evaluation  of  confidence  intends.  Each  point 
represents  the  mean  value  of  a  data  frame 
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the  -travelling  wave"  formulation  are  rather  difficult  to  integrate  into  the  structural  analysts  ol  a  rotor. 
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Fig  7a:  Cascade  II:  Steady  state  flow  conditions  (pr=-  13c,  M2%=  i  43)  Unsteady  pressure  transducer  locations  are 
marked  by  closed  symbols. 
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Fig  7b:  Cascade  II:  Unsteady  pressure  distnbution  for  interblade  phase  Fig  7c:  Cascade  II  Experimental 
angle  a=t80°  (P,=-t3’  Mys=t-43)  aerodynamic  damping  in  the  travelling 

wave  vibration  mode  vs  predicted  values 
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Fig  8a:  Cascade  II:  Steady  state  flow  conditions  (ftt=-21c,  M2S=1.04).  Unsteady  pressure  transducer  locations  are 
marked  by  closed  symbols 
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Fig  9a:  Cascade  III:  Steady  state  flow  conditions  (ft,=-69\  M2S=1.07).  Unsteady  pressure  transducer  locations 
marked  by  closed  symbols 
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Fig  9b;  Cascade  III  Unsteady  pressure  distribution  for  an  interblade 
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Fig  9c:  Cascade  HI  E  xpenmentai 
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Fig  10a:  Cascade  II:  Steady  stale  How  conditions  and  unsteady  pressure  distribution  on  blade  for  interblade  phase 
angle  o=180°  C/3,  =-15°.  M2s  =  0.85) 


Fig  10b:  Cascade  II:  Experimental 
aerodynamic  damping  in  the  travelling 
wave  vibration  mode  and  predicted 
values  from  single  blade  vibration  mode 
influence  coefficients 
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Fig  1  la:  Cascade  III :  Steady  state  flow  conditions  and  unsteady  pressure  distribution  on  blade  tor  interblade  phase 
angle  0=180°  (P,=-69°.  M2,=  t.07) 
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DISCISSION 


M.Guillemier  -  DRET  ,  France 

Quelles  sent  les  1  mites  d' utilisation  de  la  thdorie  des  perturbations  par  rapport  aux 
amplitudes  des  vibrations  des  grilles  d'aubes  ? 


Author's  response 

The  vibration  amplitudes  in  the  experiment  were  in  the  order  of  0.5  percent  of  the  blade 
chord,  hechamcal  failure  of  the  cascade  is  expected  for  an  amplitude  of  approximately  1.2  percent 
chord  length,  therefore  the  author  did  not  try  to  explore  the  limit  of  validity  of  the  small 
perturbation  theory. 
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8UMMARY 

A  method  is  discussed  for  the  development  of  design  charts  which  provide 
guidance  in  the  selection  of  a  stage  design  loading  coefficient  and  flow 
coefficient  which  minimizes  the  generation  of  unsteady  forces  in  a  blade  row  due 
to  its  interaction  with  the  wakes  of  an  upstream  blade  row.  Two  configurations 
are  discussed,  (1)  the  forces  on  a  rotor  operating  in  the  wakes  of  an  inlet 
stator  or  guide  vane  and  (2)  the  forces  on  a  stator  downstream  of  a  rotor.  An 
example  demonstrating  the  generation  of  a  design  chart  for  the  first 
configuration  is  presented. 

Symbols 

b  =  wake  width 
c  *  blade  chord 

C  =  fluid  velocity  relative  to  casing 

CD  =  drag  coefficient 

CL  =  unsteady  lift  coefficient 

1  =  disturbance  wavelength 
p  =  pressure 

s  =  spacing 
U  =  blade  speed 

W  =  fluid  velocity  relative  to  rotor 
w  =  wake  velocity  defect 
wd  =  maximum  wake  velocity  defect 
x  =  axial  direction 
y  =  pitch  direction 

a  -  fluid  angle  measured  from  axial  direction  relative  to  the  casing 

fl  =  fluid  angle  measured  from  axial  direction  relative  to  the  rotor 

<t>  -  flow  coefficient 

=  stage  loading  coefficient 
£  =  stagger  angle 

u  =  reduced  frequency 

Subscripts 

ra  =  mean  value  between  leading  and  trailing  edge 

2  =  exit  of  inlet  stator,  inlet  to  rotor 

3  =  exit  of  rotor  blade  row,  inlet  to  downstream  stator 

4  =  exit  of  downstream  stator 
I  =  inlet  stator 

R  =  rotor 

5  =  downstream  stator 
INTRODUCTION 

Unsteady  forces  on  the  blades  of  axial  flow  turbomachines  can  occur  due  to 
potential  flow  effects  arising  from  the  relative  movement  of  neighboring  blade 
rows  (Kemp  and  Sears,  1953),  and  due  to  their  interaction  with  the  viscous  wakes 
arising  from  blades  upstream  (Kemp  and  Sears,  1955),  figure  1.  Kemp  and  Sears 
derived  expressions  for  the  disturbance  velocities  normal  to  the  blade  chord, 
and  applied  the  analysis  developed  by  Sears  (1941)  to  calculate  the  unsteady 
lift  on  the  blade. 

The  analysis  by  Sears  (1941)  is  for  an  isolated  aerofoil,  and  has  been  shown  to 
be  inadequate  for  closely  spaced  aerofoils  in  cascades.  Whitehead  (I960)  and 
Smith  (1972)  have  modelled  such  a  cascade  using  a  discrete  number  of  vortices  to 
represent  each  aerofoil;  Henderson  and  Daneshyar  (1972)  have  used  a  continuous 
vorticity  distribution  on  the  central  (or  reference)  aerofoil  and  single 
vortices  on  neighboring  aerofoils.  These  authors  have  derived  expressions  for 
the  unsteady  lift  coefficient  as  a  function  of  blade  stagger  angle,  space-chord 
ratio,  intra-blade  frequency  and  reduced  frequency. 

The  cascade  analyses  provide  alternative,  improved  methods  of  assessing  the 
unsteady  lift  for  various  turbomachinery  stage  geometries,  as  Kemp  and  Sears  did 
using  the  Sears  analysis  for  infinite  spacing.  However,  the  application  of 
these  analyses  to  stage  design  has  not  been  undertaken  in  a  systematic  way,  and 
that  is  the  purpose  of  this  paper.  A  method  for  developing  design  charts  is 
demonstrated  which  permits  the  minimization  of  the  magnitude  of  unsteady  lift 
generated  on  a  blade  as  a  function  of  the  stage  design  parameters  (loading 
coefficient  and  flow  coefficient).  The  viscous  wakes  from  upstream  blades  are 
taken  as  the  cause  of  the  unsteadiness,  since  the  blade  row  axial  spacings  used 
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in  practice  indicate  that  the  unsteadiness  due  to  viscous  effects  is 
considerably  greater  than  that  due  to  potential  flow  interaction. 

The  reduced  frequency  that  appears  in  the  cascade  analysis  merits  discussion. 

It  is  defined  as  the  time  required  for  the  flow  moving  past  the  blades  at  mean 
relative  velocity  (W.)  to  traverse  half  the  aerofoil  chord  (c/2)  divided  by  the 
period  of  the  disturbance  past  the  aerofoil.  The  circular  frequency  (1/period) 
at  which  disturbances  occur  is  2rU/l ,  where  U  is  the  velocity  at  which  the 
blades  moves  through  a  disturbance  of  wavelength  i .  The  reduced  frequency  is 
then  defined  as 


Whitehead  (1959)  used  an  actuator  disc  analysis  to  estimate  the  rotor  unsteady 
forces  at  very  low  values  of  frequency  parameter,  u  -*  0  (chord  c  being  very 
small  in  comparison  with  disturbances  wavelength  i)  and  Horlock,  Greitzer  and 
Henderson  (1977)  have  used  semi-actuator  disc  analysis  to  study  the  performance 
of  closely  spaced  blades  at  low  frequency  parameters.  But  in  practical  designs 
the  first  harmonic  of  the  disturbance  will  have  a  wavelength  roughly  equal  to 
the  spacing  of  the  upstream  row.  With  a  blade  spacing  of  the  same  order  of 
magnitude  of  the  blade  chord,  and  U  of  the  same  order  of  magnitude  as  WB,  the 
reduced  frequency  will  be  of  the  order  of  magnitude  of  n .  Not  only  is  the  use 
of  the  Sears  analysis  invalid  (because  of  the  assumption  of  infinite  spacing) , 
but  also  the  whitehead  actuator  disc  analysis  for  very  low  frequency  parameter 
is  not  applicable  for  practical  cases  of  a  turbomachine  stage.  The  analysis  by 
Horlock,  Greitzer  and  Henderson  (1977)  is  also  limited  in  application  to  very 
low  space-chord  ratios. 

As  a  result  there  is  no  real  alternative  to  the  use  of  a  cascade  vortex  analysis 
for  practical  design  of  blade  rows  with  closely  spaced  blades.  Here  we  will  use 
one  developed  by  Shen  (1980)  based  on  the  Henderson/Daneshyar  (1972)  analysis. 

To  apply  this  method  to  the  entire  range  of  compressor  geometries  would  be  a 
formidable  task,  so  we  have  restricted  the  applications  to  the  mean  radius 
design  of  a  compressor  stage  with  axial  inlet  flow.  We  have  then  considered 
cases  in  which  the  flow  is  discharged  at  different  flow  angles,  including  axial 
discharge,  to  a  higher  static  pressure.  At  the  same  time  we  have  varied  the 
flow  angle  leaving  the  stator  row  upstream  of  the  rotor.  The  calculated 
unsteady  Lift  coefficient  on  a  blade  is  presented  as  a  fraction  of  the  stage 
loading  coefficient.  An  alternate  presentation  could  consider  the  estimation  of 
the  total  unsteady  axial  force  on  the  shaft/hub  of  a  blade  row  (rotor  or 
stator) ,  as  a  fraction  of  the  stage  thrust  (pressure  rise  times  flow  area) . 

STAGE  CONFIGURATIONS  CONSIDERED 

We  have  considered  two  simple  stage  configurations;  (1)  an  inlet  stator,  or 
guide  vane  depending  on  the  direction  of  its  fluid  discharge,  followed  by  a 
rotor  and  (2)  a  rotor  operating  in  a  uniform  inlet  flow,  no  swirl,  followed  by  a 
stator  with  different  exit  flow  angles.  Figure  2  shows  the  velocity  triangles 
and  nomenclature  used  to  describe  these  configurations. 

The  ideal  stage  loading  coefficient  (0)  and  the  stage  flow  coefficient  (0)  can 
be  written  in  terms  of  the  fluid  angles  a  and  0.  From  the  velocity  triangles  of 
Figure  2 

U 

tan  B3  -  -  -  tan  a3 

so  that  the  flow  coefficient  becomes 
1  1 

*  "  (tan  B3  +  tan  a3)  "  (tan  B2  +  tan  a2)  ^ 

The  increase  in  the  stagnation  pressure  through  the  stage,  assuming  an  ideal, 
incompressible  flow,  is  given  by 

^  1  -  0(tan  B3  +  tan  a2)  (2) 

The  first  configuration  considered  (Design  A) ,  employs  an  inlet  guide  vane 
(stator)  and  a  rotor.  As  an  inlet  guide  vane  fluid  contra-swirl  is  provided  to 
the  rotor,  a2  <  0,  or  if  swirl  is  added  in  the  direction  of  rotor  rotation,  a2  > 
0,  the  configuration  models  an  inlet  stator  of  a  multistage  machine.  The  rotor 
is  selected  to  discharge  the  absolute  flow  at  different  angles  (a3)  to  the  axial 
direction.  Figure  3  shows  the  relation  between  0,  0  and  o3  for  different  values 
of  a2. 

In  the  second  design  considered  (Design  B)  the  rotor  receives  an  axial  inlet 
flow  (a2  *  0)  and  adds  tangential  momentum.  From  the  velocity  triangles  at  the 
mean  radius  and  eq. (1) 


B- 


(3) 
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The  increase  in  the  stagnation  pressure  for  an  ideal,  incompressible  flow  is 
given  by  eq.  (2). 


We  shall  discuss  the  unsteady  flow  for  the  following  blade  row  arrangements: 

(i)  Design  A  in  which  the  inlet  guide  vane  (stator)  wakes  produce  unsteady 
forces  on  the  downstream  rotor  blades?  and 

(ii)  Design  B  in  which  rotor  wakes  produce  unsteady  forces  on  the  downstream 
stator  blades. 
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Kemp  and  Sears  (1955)  based  their  estimates  of  unsteady  forces  on  the 
experimental  studies  of  wake  flows  by  Silverstein,  Katzoff  and  Bullivant  (1939). 
They  described  the  •'far-field*1  wake  from  an  aerofoil  (figure  4)  in  terms  of 
three  quantities  —  the  velocity  distribution  across  the  wake  (w) ,  the  wake 
half-width  (b)  and  center  line  maximum  velocity  deficit  (wd) .  These  remain  the 
essential  parameters  for  a  description  of  blade  wakes. 

In  a  series  of  papers,  Lakshminarayana  and  colleagues  have  provided  a 
comprehensive  database  of  the  wakes  from  aerofoils  and  lifting  blades  in 
cascades,  e.g.  Raj  and  Lakshminarayana  (1973)  and  Lakshminarayana  and  Davino 
(1980).  From  this  extensive  database  we  have  selected  the  correlation  of  the 
latter  authors  for  the  maximum  velocity  defect  (wd)  in  the  wake.  Using  the 
inlet  stator  as  the  example,  figure  4,  the  maximum  velocity  defect  is  written  as 

0.98  C2  CD 

w<,  -  /— - (4> 

U+  °-6S7 

where  Cz  is  the  free  stream  velocity  at  the  stator  exit,  C0  is  the  drag 
coefficient  of  a  single  inlet  stator  blade,  and  x'  =  x  secxa2  is  measured  from 
the  trailing  edge  along  the  free  stream  direction. 

Lakshminarayana  and  Davino  (1980)  suggest  that  the  variation  of  the  velocity 
defect  across  the  wake  is  given  lay 


where  r?  =  y/Lt  or  y/4,,  and  L,  and  4,  are  distances  from  the  center  of  the  wake 
on  the  suction  and  pressure  sides,  respectively,  to  the  point  where  w  =  wd  /2. 
No  separate  correlations  for  the  length  scales  L,  and  I*  are  given,  but  an1 
expression  for  the  wake  half-width  in  the  far  wake  is 


br  =  (L.  +  4) 


where  sx  is  the  blade  spacing. 


(6) 


It  is  possible  to  express  the  wake  in  its  various  Fourier  components,  as  Kemp 
and  Sears  (1955)  did  for  the  exponential  form  of  eq. (5) .  However,  their 
analysis  is  very  complex  and  based  on  adding  together  the  blade  wakes  from 
neighboring  blades  (each  treated  as  an  isolated  aerofoil).  On  the  other  hand 
the  Lakshminarayana  and  Davino  (1980)  experimental  correlations  are  obtained 
from  direct  measurement  of  annular  cascade  wakes. 


In  Appendix  A  we  present  a  simple  Fourier  analysis  of  the  variation  of  the 
velocity  defect  across  the  blade  pitch  (s)  using  the  expression  originally  given 
by  Silverstein,  et  al.. 


w  wy  1  (  wy\ 

w„-  cos  V  ■  +  cos  TJ 

The  resulting  Fourier  series  representation  becomes 


The  first  harmonic  (n-2)  has  the  greatest  magnitude  and  therefore  controls  the 
magnitude  of  the  unsteady  lift.  In  Appendix  A  it  is  demonstarted  that  the 
amplitude  of  the  first  harmonic  is  simply  2b/s  for  small  values  of  b/s.  The 
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amplitudes  of  the  higher  order  terms  in  the  series  decrease  gradually  with 
increasing  n,  By  restricting  our  considerations  to  the  first  Fourier  component 
we  will  examine  the  worst  case,  the  highest  disturbance  velocity.  Therefore 

w"->  =  w<(t)  <9> 

When  the  Lakshminarayana  and  Davino  (1980)  correlations,  eqs.  (4)  and  (6),  are 
used  to  represent  wd  and  2b/s,  it  follows  that  the  amplitude  of  the  first 
harmonic  of  the  inlet  stator  velocity  deficit  shown  in  figure  4  is 

v„.x  -  1.155  C^Cj.  (10) 

Since  the  data  correlations  used  are  for  the  blade  far  wake,  eq. (10)  is  for 
axial  blade  row  spacings  of  the  order  of  a  blade  chord  or  more. 
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Figure  2  depicts  the  flow  through  a  three  blade  row  compressor  stage.  Stations 
1,  2,  3,  4  denote  entry  to  the  inlet  stator,  inlet  stator  exit  and  rotor  inlet, 
rotor  exit  and  stator  inlet,  and  stator  exit,  respectively.  In  practice  the 
consideration  of  the  unsteady  flow  through  a  compressor  stage  during  design  is 
usually  limited  to  two  blade  rows  at  a  time.  This  is  because  it  is  not  possible 
to  estimate  the  effect  of  an  intermediate  blade  row  on  the  wakes  passing  through 
it  from  an  upstream  blade  row,  i.e.  the  effects  of  wake  chopping  and  mixing. 
Therefore  either  the  inlet  stator  is  omitted  and  a  rotor  and  downstream  stator 
configuration  results  (Design  B)  or  a  guide  vane  with  contra-swirl,  or  an  stator 
with  positive  swirl,  located  upstream  of  rotor  is  considered  (Design  A) .  The 
general  notation  of  figure  2  is  for  both  configurations  which  allows  the  two 
design  examples  to  be  combined  to  represent  a  multistage  machine. 

We  define  the  flow  coefficient  as  0  =  C^/u  and  the  ideal  stage  loading 
coefficient  *  from  eq. (2) .  For  a  repeating  entry  and  exit  flow,  Cx  =  C*, 
the  loading  coefficient  is  defined  in  terms  of  static  pressure  rise 
V*  *  (p*  -  Pi)/pUz.  We  consider  first  the  case  of  a  inlet  stator  and  rotor 
combination  (Design  A)  so  that  unsteadiness  is  produced  on  the  rotor  ’  ** j 

interaction  with  the  inlet  stator  wakes. 


The  amplitude  of  the  first  harmonic  of  the  unsteady  rotor  lift  is  given  as 

I*  =  * Pw.CRwn-iCCLc  sin  *R  -  ^  cos  cR]  e1**1  (11) 

where  W.  -  Cx  sec  6.  and  the  mean  flow  angle  defined  as 
(tan  B2  +  tan  B3) 

tan  B.  =  - - -  (12) 

The  angle  £R  is  defined  in  figure  1.  The  terms  CL  and  CL  are  the  unsteady  lift 
response  functions  for  chordwise  and  normal  gusts'  respectively.  The 
calculations  to  be  presented  later  use  the  analysis  by  Henderson  and  Daneshyar 
(1972)  and  modified  by  Shen  (1980) ,  to  determine  the  terms  CL  and  CL  The 

expression  for  the  velocity  deficit  entering  the  rotor  is  given  by  eq.  (10).  We 
then  express  the  unsteady  rotor  lift  coefficient  as  a  fraction  of  the  stage 
loading  coefficient 


With  W.  -  C,  sec  B«,  C2 
follows  that 


2.31jtC0  C2 

- i - 1  w.  [CH  sin  £r  '  cHi  cos  £r1 

*  Cx  sec  a2,  and  *  «  (tan  a3  -  tan  a2)/(tan  B2  + 


(13) 

tan  a2)  ,  it 


2.31  w  C0, 


/tan  0i  +  tan  a\<fcos  0\ 
i\tan  a3  -  tan  cxj^os  a J 


[Cl  Sin  eR 


(14) 


From  figure  l,  cR  ■  90  -  ( £ R  +  a2)  ,  where  <R  is  the  rotor  stagger  angle.  For 
zero  mean  incidence  and  a  circular  arc  camber  line,  B.  =  £R  =  atan[ (B2  +B3)/2]. 
Hence 


2.31  ir  C, 


(tan  02  +  tan  a2\cos  0a 
tan  a3  -  tan  cxj cos  a2  [C^cos  (0m  +  a2) 


C^sin  (/3.  +  a2)  )  (15) 


The  unsteady  response  of  the  blades  to  the  upstream  wakes  is  a  function  of  the 
frequency  at  which  the  interaction  occurs.  For  this  configuration  the  reduced 
frequency  is  expressed  as 

xCr  re* 

wR  »  (sin  fR  +  cos  fR  tan  a2)  «  — -  (sin  B.  +  cos  B.  tan  a2)  (16) 

si  *i 


The  intra-blade  phase  angle  rR  =  -2vsK/sl  relates  the  spacing  of  the  blade  row 
under  consideration  and  the  wavelength  of  the  disturbance,  or  upstream  stator 
spacing. 


Hence 


tan  _ 

cSa~03  [Clc  cos  +  "  CH,  sin  («•  +  W)  (27> 

Similarly  it  may  be  shown  that  for  Design  A 
2.31  C0  Cj  A„<*>2  tan  fa 

R*  =  - - cos  a  cos  +  “*>  '  S,  sin  +  “^1  l28) 


* 


where 


CALCULATION  OP  UNSTEADY  RESPONSE 

To  provide  an  indication  of  the  influence  of  the  design  parameters  on  the 
unsteady  response,  calculations  have  been  made  for  Design  A  configuration.  The 
following  stage  geometry  and  operating  parameters  were  selected  and  calculations 
performed. 


TABLE  I  -  DESIGN  A  PARAMETERS 


Parameter 

Sr/Cb 


Si/sr  =  Nx/Nr 


Value 

0.5,  0.75,  1.0,  1.5 
-20  deg 

0,  10,  20,  30,  40  deg 
0.7 


Calculations  of  H„  have  been  made  for  the  Design  A  configuration,  inlet  stators 
and  rotor,  using  eg.  (13)  and  for  a  range  of  values  of  0  and  0.  The  resulting 
values  Hr  are  presented  as  a  function  of  </>  for  constant  values  of  0  and  a.  for 
each  of  the  selected  rotor  space-to-chord  ratios  in  figures  5,  6  and  i.  These 
results  were  then  cross  plotted  to  give  contours  of  constant  HR  on  a  plot  of  * 
versus  0,  figure  8.  These  contours  indicate  the  values  of  *  and  0  to  be  select 
to  minimize  the  unsteady  rotor  response  for  a  given  value  of  Sr/ck. 


CONCLUSIONS 

The  analysis  presented  is  an  attempt  to  define  the  interaction  between  two  blade 
rows  of  an  axial  flow  turbomachine  in  a  manner  which  permits  the  selection  of 
design  values  of  V>  and  0  to  minimize  the  unsteady  response  of  t.e  downstream 
blade  row.  Calculations  for  a  configuration  of  a  rotor  operating  downstream  of 
a  set  of  inlet  guide  vanes  indicate  that  there  are  values  of  i>  and  0  which 
result  in  zero  unsteady  force  on  the  rotor.  While  there  are  many  assumptions 
required  to  obtain  these  calculations,  it  is  felt  that  the  results  do  identity 
operating  conditions  leading  to  minimum  unsteady  response. 
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Appendix  A;.  Fourier  Analysis  of  the.  Wake 

Consider  the  expression  given  by  Silverstein,  Katzoff,  and  Bullivant  (1939)  for 
the  variation  of  the  wake  defect  w  =  C^,  -  c  in  a  direction  normal  to  the  wake 
centerline,  y. 

w  1  /  *y\ 

-  =  i  (^1  +  COS  Tj  (A-l) 

The  magnitude  of  the  unsteady  lift  on  a  blade  is  a  function  of  the  amplitude  of 
the  wake  defect  which  interacts  with  the  blade.  Since  the  thec.ies  used  tc 
describe  this  interaction  assume  that  the  blade  response  is  haraonic,  the  wake 
must  be  decomposed  into  a  Fourier  series  and  the  contributions  of  the  separate 
harmonics  examined.  Note  that  eq.  (A-l)  describes  the  wake  when  -b  <  y  <  b,  but 
that  w  *  0.0  when  -i  -  -s/2  <  y  <  -b  and  b  <  y  <  /  =  s/2.  The  Fourier 
representation  of  the  wake  profile  becomes 

w  •  niry 

«„  =  a» + 1  a" cos  (A'2) 
rwl 

where 


a°  “  2i 


If  we  assume  that  the  wake  fills  a  certain  portion  of  the  blade  passage,  then  we 
can  calculate  the  Fourier  coefficients  and  examine  their  relative  magnitudes. 

For  example, 


nirb 


b/i  =  0.25 

a0  =  0.1250 
=  0.2400 

a2  =  0.2122 
a-,  =  0.1715 
a*  =  0.1250 
a5  =  0.0800 


b/i  =  0.50 

0.2500 

0.4240 

0.2500 

0.2550 

0.0 

0.0610 


From  these  calculations  we  observe: 


(1)  The  magnitude  of  the  first  harmonic  is  the  largest  and  th_*  hiqher 
harmonics  deny  quite  slowly. 

(2)  For  small  values  of  b/i  the  magnitude  of  the  first  harmonic  can  be 
approximated  as  b/i.  For  example,  when  b/i  =  1/4  a  value  of  aj  =  0.24 
was  calculated  demonstrating  an  error  of  4  percent.  As  b/i  decreases 
so  does  this  error. 


We  conclude  that  if  we  assume  the  magnitude  of  the  wake  defect  to  be  equal  to 
the  magnitude  of  the  first  harmonic,  this  represents  the  case  leading  to  the 
maximum  predicted  level  of  unsteady  lift.  We  will  also  assume  that  the  a;  *  b/f 
which  gives. 
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since  i  equals  1/2  of  the  blade  spacing  s. 


Figure  1  -  Blade  Row  Wake  Interaction 


Figure  2  -  Stage  Velocity  Diagrams 
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Figure  6 


Rotor  Unsteady  Response 
a>  *  -20  deg  and  s,/cp  ■*-  1  . 
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DISCUSSION 


W. Koriiq  -  University  of  Darmstadt 

The  proposed  Method  wakes  use  of  experiments  carried  out  by  Pr.Lakshwinarayana,  Perm  State 
Uriiversity,  for  measuring  the  velocity  decay  arid  the  wake  width  of  rotating  compressor  blades.  Host  of 
these  experiments  are  done  in  the  low  speed  compressor  rig  and  thereby  the  question  arises,  whether 
the  method  is  applicable  on  high  speed  compressors,  for  example  a  fan  stage5 


Author's  response  : 

The  calculations  presented  in  Figure  B  of  the  paper  were  done  assuming  incompressible  flow 
within  the  blade  row  being  analyzed.  The  wake  correlations  by  Lakshminarayana  and  Davino  were  obtained 
at  low  Mach  numbers  and  the  theory  used  for  the  prediction  of  unsteady  forces  on  the  blades  assumes  an 
incompressible  flow.  If  wake  correlations  and  an  unsteady  force  predictor  are  available  which  include 
the  effects  of  compressibility,  they  could  be  substituted  fpw  the  ones  used  in  this  paper.  For 
instance,  Smith  (see  reference  below)  describes  a  flat  plate  airfoil  theory  which  includes  the  effects 
of  compressibility.  The  authors  are  not  aware  of  a  database  from  which  wake  correlations  have  been 
done  for  a  compressible  flow.  As  a  first  approximation  for  high  subsonic  flews,  the  Lakshminarayana 
and  Davino  correlation  could  be  used  with  a  compressible  flow  airfoil  drag  coefficient. 

Reference  :  Smith,  S,  "Discrete  Frequency  Sound  Generation  in  Axial  Flew  Turbomach ires’  Aeronautical 
Research  Council,  Great  Britain,  RJM  3709,1972. 

Y.N.Chen  -  Sulzer  Brothers  Ltd,  Switzerland 

Figure  B  of  the  paper  shows  that  the  stage  loading  increases  with  the  decrease  in  S«/C»  from 
1.5  to  0.75.  But  curve  S«/Cn  =  0.50  has  a  reverse  trend  compared  to  the  others.lt  drops  steeply  in  the 
range  of  flow  coefficients  .  Mould  the  authors  give  a  physical  explanation  of  this  special  trend1 
Kriebel,  Seidel  arid  Schwind  (19601  showed  in  their  stationary  circular  cascade  that  rotating  stall 
occurs  earlier  at  cascades  with  very  small  blade  spacing  due  to  the  shedding  of  very  strong  Karman 
vortices.  Is  there  any  relationship  between  the  steep  drop  mentioned  and  the  early  occurrence  of 
rotating  stall1 

Author’ s  response  : 

The  reason  that  the  curve  representing  a  s/c  -  0.5  has  a  different  trend  than  the  large 
values  of  s/c  presented  can  be  attributed  to  several  effects.  First  the  theory  by  Shen  is  mathematical 
limited  to  s/c)0.5  and  stagger  angles  (60  deg..  Therefore  the  calculations  are  near  these  limits  arid 
are  starting  to  reflect  numerical  inaccuracies.  In  addition  the  low  value  of  s/c  means  that  the 
blade-to-biade  interaction  is  large  as  the  commentator  suggests.  This  can  lead  to  significantly 
different  unsteady  response.  The  theory  bv  Shen  is  linearized  and  cannot  represent  rotating  stall. 
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RESUME 

Les  aubes  de  stator  des  comp res seu^s  axiaux  sont  soumises  a  des  fluctuations  de  vitesses  liees  aux 
sill  ages  des  aubes  mobiles  les  precedant.  L'ecoulement  instationnaire  qui  resulte  de  cette  interaction  ro¬ 
tor-stator  induit  des  excitations  aerodynainiques  qui  peuvent  provoquer  one  augmentation  de  la  fatique  v<- 
bratoire  des  aubes  et  mettre  en  peril  1' integrity  du  moteu.*. 

Pour  etudier  ces  phenomenes,  un  code  de  calcu1  base  sur  la  resolution  des  equations  d'fuler  ?V  3  ote 
mis  au  point.  Les  fluctuations  de  conditions  amont  sont  model isees  a  ''aide  de  correlations  etaclies  3 
partir  d'essais.  Les  pressions  instat ionnaires  calculctes  a  l'aide  du  modele  sont  ensuite  introduites  «Jar-s 
un  ctxle  de  calcul  mecanique  permettant  d'estimer  les  contraintes  dynamiques  au  sein  de  la  structure  de 
1 '  aube. 

L' influence  des  grandeurs  aerodyrtamiques  tel  les  que  les  pertes  dans  la  roue  mobile  et  qecmetr  ■  q.»es 
telles  que  l'espacement  inter  roue  ou  I’ influence  du  nombre  d'aubes  du  stator  a  ete  condjite  :  et  ai»’si 
d£s  la  conception  aeromecan ique  des*  comprosseurs,  certains  choix  de  d iniens ionnement  pourrcnt  etr«  f>’* 
pour  minimiser  les  contraintes  -sur  l'aubage. 


AERODYNAMIC  STUDY  ON  FORCED  VIBRATIONS  ON  STATOR  ROWS 
OF  AXIAL  COMPRESSORS. 


ABSTRACT 

Stator  vane  rows  of  axial  compressors  are  dependant  from  velocity  fluctuation',  ‘rdured  by  ‘he  >■ 
of  the  previous  upstream  blades  row.  The  unsteady  flow  resulting  from  this  rotor-'- 1  as  1  tut  er  t  *  «  .. 
tes  aerodynamic  excitations  which  may  initiate  vibrating  fatigue  stress  in  the  .a»V‘-  ind  :  sa::*  •- 

qine. 


In  order  to  take  into  account  these  phenomena,  a  numerical  model  based  or-  two  cl  men «  'ona  1  fi.U-r  ••■i.i- 
tions  was  studied.  The  upstream  conditions  fluctuations  come  from  correlations  established  *•  -  *1  • 
experimental  testing.  The  unsteady  pressures  calculated  from  the  model  are  afterwards  'htroduc  •  •  1  *- 

nical  model  which  estimate  the  dynamic  stress  inside  the  vane-struc t n»p 

The  variation  of  aerodynamic  values  such  as  pressure  loss  in  the  blade  and  qenmotnc  ,ne  v.,.-: ii  a*  rci- 
tor-stator  spacing  or  fluctuation  of  the  number  of  the  vanes  of  stator  have  been  s’. .died  ;  therefore, 
soon  as  the  development  of  aeromechanic  design  charts  of  compressor,  some  sizing  chosio  ..u/o  :  \  • 

minimize  the  stress  cn  blade  assembly. 


INTRODUCTION 

Afirt  d’eviter  la  rupture  de-»  aubes  de  turbomachine  par  fafiaue  v  ibrutoiro,  t-  importe  ;ie  proncm 
phenomenes  aeroelast igues  des  le  stade  de  1 .1  ri.ru  ept  ion. 

les  phAnomenes  vibratoires  pouvant  conduire  a  la  rupture  des  aubes  peuvent  etr*1  sc  ir.}A<-  1*  .■ 

tegories  :  le  flottement  et  les  vibrations  forceps.  ;  e  premier  type  de  vibration  est  prrvnq  n-:  ,*■* 

m» nut  ion  de  1‘ «v-o»  t  i ssement  aeri.-clynuinque  de  I’aube,  la  force  ien>dvna:inqur  depend  ,tu  viewer .*-•.»  v : : . »  at 

de  la  structure  (ref.  1  et.  V ) .  ..»■  second  phenomene  t  lip  \  unr-  \.u,m  e  ,  .1-*  »«,rr  d  •■«.  1 '  1* 
stlligr*  ties  aubes  amont,  dvr  <<  <  as  <  1  lt-s  ■.  os  t  ,11  •  or .»  r- d»  !'••<  d*-*  i -i*-  v.  ■ 

Vaubf.  ;  figure  1). 

Af  in  de  p  re-.oiir  lVhsnmb’.r  de  1  es  phAnompres ,  I  ^  \  dr  ,e '-.pp.=  .r  p  \*S  m  ■-  tee.  .  ■  : 

> ff<*  s  modele*  numer  iu-je,  .luss  •  i-,*,n  ip*  odynim  i  ij  j»*  «juv  mAi  i»  tijue. 

!  1  precision  de  t  '  amort  1  ssement  ae'  O.jy.  rt-  ofr  .}»•  t  -r  *i ••  •  »  •'  » ’  •  de  .*  ’  i  *• 

des  de  rafc.it  hdSAs  s.jr  la  t-C  ’ -jt  I  .n  d«.«,  Aq.,al  <<m'  t  cu‘»'r  .inp'i-1  •  •  .>  ■  P'vns  r.e  * 

suit  »>n  fr  1  d  1  mens f .nee  1  fret. 4 

.  es  yibr.it  1  on-,  tore  ees  At  .,di »»»•'.  1  .1  d  dr-  }i  •  >  •  .  Jo  •  »•;•••*  •  •  "  ■  t  a*i  •  •  •  * 

1 ».};,» - 1  les  ef  f  1  r  t  >.  « r.s  t  a  f  1 ;  un  a  1  •  •  •  As  •>  I  1  •-  -n  1 »  ■ 1  /me?  f  1 .  -  1  .  >  *ir*  ?  •  ’  d  *  »*i.  ,S  \ 

'  -»d»-  de  mIm,I  :  i*.A  '.ijt  la  rp’ e  lit  :.ri  des  ,  !*  i.-.ns  J  !  .  1  »-*  .  »  At  t-  »•  .  ipj  •  ;  .  * 

l.j'Je  •>'  Mjilt  »*s*..-i»  '■  de  C  Ijmp»  i'S  S 
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1  -  METHODE  OE  CALCUL 

Hormis  dans  le  cas  de  la  premiere  roue  d'un  compresseur,  les  aubes  de  turbomachines  ne  sont  pas  a  1  i - 
mentoes  par  un  ecoulement  axisymetrique.  Ces  hEtErogenei tes  d' al imentation  sont  dues  aux  sillages  des  au- 
bages  amont  qui  induisent  des  efforts  instationnaires  dont  le  premier  harmonique  de  la  frequence  est  egal 
au  produit  du  nombre  d'aubes  amont  par  la  vitesse  de  rotation.  Si  cette  frequence  ou  un  de  ses  multiples 
est  proche  dlun  des  modes  prop^es  de  l'aubage  alors  celui-ci  pourra  se  mettre  a  vibrer  et  si  1' amort  is* 
sement  structure!  n'est  pas  assez  important  une  rupture  prematuree  de  l'aubage  se  produi ra. 

1.1.-  Model e  aerodynamique 

Bien  que  les  sillages  soient  d'origine  visqueuse,  les  efforts  aerodynamiques  qu'ils  engendrent  peu~ 
vent  Etre  calculus  a  l'aide  d'un  modele  du  type  fluide  parfait  (ref  7). 

Les  equations  d'Euler  completes  sont  ecrites  sur  une  nappe  de  courant  : 

Equation  de  continuite  :  ^  apbrW.  dpllW,  Q 

at  *’  a™  *  as  = 


Equation  de  quantite  de  mouvement  : 


Equation  d'energie 
Equation  d'etat  : 


apbrW*, 

8br(p^i  +  - 

at 

6m 

d^brV/g 

8pbrW«  Wg 

dt 

8m 

i(PE»^)b-W, 

af“  * 

8m 

ee 

ae 


=  RT 


Le  domaine  de  calcul  est  limite  a  un  seul  canal  interaube,  le  ma ill  age  en  H  comporte  SO  x  15  points 
(figure  n°2) . 


Le  schema  numerique  de  resolution  est  du  type  explicite,  il  fait  appel  a  une  formulation  du  type  vo¬ 
lumes  finis.  11  appartient  a  la  classe  des  schemas  de  Lax-Wendrof f ,  sa  precision  est  du  second  ©rare  en 
espace  et  en  temps  (ref. 8) 


Afin  d'Eviter  les  oscillations  numEriques  en  presence  de  forts  gradients,  une  dissipation  numerique 
du  second  ordre  est  ajoutee  au  schema  numerique  (ref. 9). 

Les  conditions  aux  limites  sont  traitees  a  l'aide  de  la  theorie  des  relations  de  com, pat i bi li t e  (ref. 

10)  : 

-  Sur  la  frontiere  amont  [AA* ]  la  pression  totale,  la  temperature  totale  ainsi  que  1 'angle  de  1' Ecoulement 
sont  imposes. Ces  grandeurs  sont  issues  d'une  model isation  du  sillage  de  la  roue  amont.  La  formulation  ana- 
1  y t i que  repose  sur  la  theorie  de  Prandtl,  l'ajustement  des  coefficeints  a  ete  realise  a  l'aide  de  mesures 
effectuEes  sur  une  grille  d'aubes  de  compresseur. 

-  Sur  les  frontieres  amont  [AB]  et  [A'B1]  une  condition  de  coupure  est  imposee.  Afin  de  limiter  le  domain*;- 

de  calcul  a  un  seul  canal  interaube  qu'elle  que  soit  la  frequence  de  l'excitation,  la  condition  do  con¬ 

tinuity  a  travers  la  frontiere  est  rEalisEe  a  l’aide  d'une  hypothese  de  periodicue  spatio-temporel  le 
( rEf . 3) . 

-  Sur  le  prof i 1  [8C]  et  [ B ’ C *  J  une  condition  de  glissement  est  imposee. 

*  Sur  les  frontieres  aval  [CO]  et  [ C ' 0 '  ]  une  condition  de  sillage  associee  a  une  hypothese  Je  period  kite 

spat  io- temporelle  assure  la  continuity  de  la  pression,  de  la  masse  -.'olumique  et  do  la  vitesse  norma1  e. 

-  A  1 ' aval .  la  frontiere  [DO*],  ou  une  condition  do  non  rEf lex  inn  •st  imposee. 


Apres  un  premier  rahul  stat  ionna  ire,  un  calcul  instat  ionnaire  est  conduit  pendant  une  quinzaiee  J* 
periodes.  Les  pressions  instat  ionna  i  res  obtemjes  sur  le  prof  i  1  sont  decotnposees  en  set  le  de  lo-jrier. 
calcul  est  effertue  pour  plusieurs  coupes  et  les  result  at  s  sont.  n***Es  a  vet  une  mEme  reference  .le  phase, 
les  pressions  instationnaires  en  chaque  point  du  redresseur  sont  ilms  introduces  dans  'e  modele  de  re- 
pon*-e  t.tEcaniq-.-e. 


t . 2  .  Module  mEr  an  >  gu** 


Id  rEponse  met  an  i  que  de  -a  structure  au*  e»t  *♦  it  inns  aEr  ..,dyn  am  iq  ,es  os’  t  .ak-ilee  a  :'nd<-  -f  >  t- 
r  ae  tEr  t  sat  i  on  mod  ale  du  r  edr  *■  s  s  •.»>  ,r  .  «ftr*  ha'-e  module  est  lakulE'*  a  l'i*de  dun**  *n,'del  is  it  mw  t  1  enicr  t  \ 
f  in •  s  '  F l"i  . 

•Jn  iraort  is  semen  t  strut  t  ur**l  •lErodynamiqje  *••>;  ««•!  ru«lu  •  t  tans  1«*  mod*- i  *■  l*-  n-pniv-,  .  e  i  *>  !"■;■  > 

>nt  r* ;  r  t  e  en  'baq.e-  in!  .}»•  )i  .-ale  est  at  .*  s  *1*-*  »»r  m  •  r.»> 
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2  -  RE SUL TATS 

Une  etude  parametrique  a  ete  conduite  sur  un  redresseur  comportant  12u  aubes  et  soumis  a  1 'excita¬ 
tion  de  la  roue  mobile  comportant  64  aubes. 

L'aubage  du  redresseur  etant  encastre  en  pied  et  en  t$te  les  calculs  aerodynamiques  ont  ete  realises 
uniquement  sur  la  coupe  mediane.  Les  conditions  de  fonctionnement  stat  ionnaires  sont  les  suivantes  : 

01  =  -  22.6° 

MW1  =  0.470 

32  =  -  3.9° 

MW2  -  0.435 

La  repartition  du  nombre  de  M?ch  {fig.  3)  fait  apparaTtre  une  survitesse  au  bord  d’attaque  intrados 
du  fait  d' une  incidence  negative  du  profil,  en  effet  le  point  de  fonct ionnement  pour  lequel  tous  les  cal¬ 
culs  ont  ete  men£s  est  place  en  hors  adaptation. 

Le  sillage  du  rotor  amont  induit  sur  le  redresseur  une  fluctuation  de  I'angle  de  l’ecoulement  amont 
de  l'ordre  de  +  2°  a  -  20°  par  rapport  a  I'angle  moyen  (fig.4). 

Le  module  du  premier  harmonique  des  pressions  instationnaires  (fig.  5)  presente  des  niveaux  compa¬ 
rables  sur  I'extrados  et  1' intrados  de  1'aube.  En  revanche  les  phases  (fig.  6)  sont  assez  differertes,  le 
gradient  de  vitesse  stat ionnaire  induit  des  gradients  de  la  phase  des  pressions  instationnaires.  Ainsi 
les  zones  au  bord  d'attaque  de  I'extrados  et  de  1’ intrados  presentent  des  evolutions  rapides  de  phase  tan- 
dis  que  sur  la  partie  aval  de  1* intrados  la  phase  est  proche  de  zero  et  n'evolue  pas. 

Le  calcul  de  la  reponse  mecanique  induite  par  ces  fluctuations  de  pression  instat ionnaire  permet  de 
determiner  la  contrainte  maximum  rencontree  sur  l'aubage  (fig.  7). 

Influence  de  la  distance  rotor-stator 

Sur  la  figure  n°8  est  repr^sentee  1 'evolution  du  maximum  de  contrainte  avec  la  distance  du  bord  de 
fuite  du  rotor  au  bord  d’attaque  du  stator.  Lorsque  la  distance  est  doublee,  la  contrainte  ne  diminue  que 
de  20  %. 

Ce  parametre  n'apparaU  done  pas  comme  determinant  dans  la  reponse  mecanique  de  l'aubage. 

Influence  des  pertes  de  la  roue  amont 

Les  pertes  de  pression  totale  de  la  roue  mobile  amont  ont  un  effet  nettement  plus  marque  sue  les 
contraintes. 

Ainsi  lorsque  celles-ci  passent  d’une  valeur  de  7  %  a  3,6  %  la  contrainte  diminue  de  60  %.  la  repon¬ 
se  de  t’aubage  a  ces  variations  de  pertes  est  quasi  - 1 inea ire  dans  le  domaine  etudie  (fig. 9'. 

Cette  etude  montre  1’  importance  au  niveau  de  la  conception  de  minimiser  les  pe**tes  non  spu Ir-meot 
pour  l'obtention  de  performances  elevees  mais  aussi  pour  assurer  la  tenue  mecanique  de  cer  tames  »oues. 

Influence  du  nombre  d' aubes. 

Cetic  a  ete  realisee  en  modifiant  le  nombre  d'auhes  du  stator  mais  en  conser-ant  les  memes 

aubes,  par  consequent  le  pas  relatif  et  done  la  charge  stat ionnaire  Avolue.  La  longueur  du  mail! age  entre 
1 'amont  et  le  boi'd  d'attaque  a  et£  conserve?.  Lt  de  la  reponse  mecanique  montre  qu'il  exist?  un 

nombre  d'aubes  optimum  de  sorte  que  la  contrainte  soi*  minima  it  ifig.  .0). 

3  -  CONCLUSIONS 


i  ensemple  des  Etudes  effectives  sur  les  interactions  inter-roues  permet  tent  de  m  t  ,<*  1. 1  imp  rend  re 
I' influence  des  sillages  sur  le  ctimporUinmt  mecanique  des  aubages. 

es  premieres  etudes  parametriques  ont  perms  de  degaqer  1  '  import  a  nee  de  certains  choix  de  dimen- 

s  'Ufirn*r;,rMit . 


(.’utilisation  de  res  codes  de  calcul  au  niveau  de  la  com  option  aeroitier  ariique  des  i  ompresseurs  de- 
vrait.  oviter  les  problem':".  de  torn,*  mer  an  ique  des  auhaqes.  i  p  dr-vel  opponent  des  ♦wiurs  mn* et,rs  en  s««i  a 
h  i.e  ’pi  *.?. 

MMiPl  I  r  MEN’S 

Les  -i.jii'iirs  t  lennent  a  rpn'ori  ier  la  0?  rtr  t  nm  de  la  r.NFfMA  d’ r.  iu?w  *‘.ee  !.i  presente  public 'it  ion. 
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Figure  N°  i  :  Reponse  mecanique  aux  excitations  aerodynamiques 


Figure  N°  2  :  Village  80X15  points 


Frequence 


Figure  N°  7  :  Reponse  mecanique  de  I'aubage 


Contrainte  /  contrainte  nominate 


Distance  (mm) 

Figure  N°  8  Evolution  de  la  contrainte  maximum  en  fonction  de 
la  distance  inter-roue 


Contrainte  /  contrainte  nominrle 


Figure  Ne  9  :  Evolution  de  la  contrainte  maximum  en  fonction  du 
coefficient  de  perte  de  la  roue  amont 


Contrainte  /  contrainte  nominale 


Figure  N°  10  :  Evolution  de  la  contrainte  maximum  en  fonction  du 
nombre  d'aubei  du  redresseur 


DISCUSSION 


A.Klose  -  H  T  U  Munich,  Germany 

(1)  In  order  to  calculate  vibration  amplitudes  you  have  to  know  the  Mechanical  damping.  Do 
you  calculate  this  mechanical  damping  or  do  you  use  values  given  by  the  experience1 

Author's  respone  : 

The  mechanical  model  uses  an  experimental  value  for  mechanical  damping. The  aerodynamical 
damping  is  obtained  by  means  of  an  Euler  code  calculation. 


Q)  In  paper  by  Servaty  and  Gallus,  the  authors  use  MacCormack's  scheme  to  solve  the  Euler 
equations  whereas  you  use  the  Lax-Wendroff  scheme.  Could  you  give  the  reasons1 


Author’s  response  : 

To  solve  the  Euler  code  the  NacCormack  or  the  Lax-Wendroff  schemes  are  used  alternatively. 
AacCormack  is  preferred  for  supersonic  flows  arid  Lax-Uendrcff  for  subsonic  f lows.Furthermore,  Lax- 
Wendroff  scheme  seems  to  be  stronger  in  order  to  take  into  account  high  angles  of  attack.  Some 
comparisons  have  been  made  between  the  two  schemes  and  there  is  no  significant  difference. 


(3)  Did  the  authors  make  any  comparison  with  experiments1 


Author's  response  : 

Up  to  now,  no  comparison  has  been  made  with  experiments. 


A.l.G.  Oldfield  -  Oxford  University,  U.K. 

Can  the  unsteady  prediction  code  presented  predict  unsteady  separations  near  the  blade  leading 
edge1  It  is  very  likely  that  the  strong  wakes  would  cause  separations  on  a  real  blade. 

Author's  response  : 

The  code  presented  is  an  inviscid  code,  so  it  is  impossible  to  take  into  account  with  this 
method  the  separation  that  could  take  place  rear  the  leading  edge. 


UNSTEADY  BLADE  LOADS  DUE  TO  WAKE  INFLUENCE 


) 


S.  Servaty 

MTU  Motoren-  und  Turbinen-Union 

Miinchen  GmbH 

Dachauer  Strafle  665 

8000  Miinchen  50 

Germany 


and  H.E.  Callus 

Institut  fur  Strahlantriebe  und 

Turboarbeitsmaschinen 

RWTH  Aachen 

Templergraben  55 

5100  Aachen 

Germany 


Summary 

An  algorithm  for  calculating  unsteady  blade  forces  and  moments  due  to  incoming  wakes  is  presented.  The  mathematical 
model  describes  the  unsteady  two-dimensional  flow  through  compressor  and  turbine  cascades.  Only  inviscid  transport  of 
the  wake  is  considered. 

The  non-linear  Euler-equations  in  conservative  law  form  are  solved  by  a  combined  method.  MacCormack's  explicit 
predictor -corrector  scheme  is  used  at  interior  points.  Time-dependent  boundary  conditions  are  formulated  by  means  of 
a  characteristics  method. 

Fundamental  studies  and  several  test  cases  are  presented  to  check  the  algorithm.  Comparisons  with  experimental 
results  are  discussed  as  well. 


Nomenclature 


b 

width 

t 

time,  spacing 

c 

chord  length 

u 

velocity  in  x-direction 

e 

energy 

U 

flow  values  (9 ,  S  u,  §  v,  e) 

F,  G 

flux  vectors 

V 

velocity  in  y-direction 

h 

depth  of  the  wake 

*.y 

coordinates 

I 

unity  matrix 

u 

coordinates  for  transformation 

J 

Jacobian 

r 

ratio  of  specific  heats 

P 

pressure 

? 

density 

Subscripts 

Superscript: 

s 

a 

ambient 

n 

value  at  time  t 

D 

wake 

n+1 

value  at  time  t  *■  At 

G 

cascade 

A 

value  after  the  transformation 

P 

profile 

— 

result  of  predictor-step 

t 

total  value 

— 

result  of  corrector-step 

fluctuations 

Introduction 


Design  of  modern  axial-flow  turbomachinery  bladings  has  led  *.o  highly  loaded,  slim  and  comparatively  long  blades. 
These  blades  are  more  sensitive  to  flow  induced  and  self  excited  vibrations.  The  great  number  of  papers  dealing  with 
this  subject  that  have  been  presented  durinq  the  last  years  demonstrates  the  importance  of  these  problems,  see  e.g. 
/i/and  111, 

TKC  paper  presents  a  method  for  computing  the  wake  influence  on  turbomachinery  bladings.  It  is  part  of  a  research 
program  that  aims  at  calculating  the  unsteady  blade  loads  on  oscillating  cascades  due  to  wake  influence  and 
aerodynamic  damping.  An  extensive  description  of  the  algorithm  used  and  results  for  aerodynamic  damping  are  given  in 
a  companion  paper  /3/. 

Within  this  contribution  some  basic  remarks  concerning  the  choice  of  a  suitable  numerical  method  for  handling  the 
problem  of  wake  interaction  and  comparisons  with  linearized  theory  are  given.  Furthermore  the  influence  of  the  form 
of  the  wake  prescribed  at  the  inlet  on  the  pressure  distribution  is  shown. 

Governing  Equations 

Although  the  wakes  are  generated  by  viscous  forces  experimental  results  show  that  their  transport  is  mainly  an  inviscid 
phenomenon.  Therefore  the  problem  of  wake  interaction  may  be  modelled  by  the  Euler-equations  which  correctly 
describe  the  transport  of  vorticity  and  the  entropy-production  due  to  shocks: 


Tt  u  ‘  77  F<u>  *  h  wui  “  0 


This  system  of  four  partial  differential  equations  is  solved  by  a  combined  method  usinq  3  difference  method  at  interior 
points  and  a  bicharacteristics  method  at  the  boundaries.  The  physical  region  (x,y)  is  mapped  onto  a  computational 
domain  (f.j)  by  means  of  the  numerical  transformation  of  Thompson,  Thames  and  Mastin  14).  Subject  to  this 
transformation  the  partial  differential  equation  system  (1)  can  be  written  (see  f*>l): 
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Choice  of  a  numerical  scheme 


Several  methods  may  be  employed  to  solve  the  partial  differential  equation  system  (2)  numerically.  In  the  followinq  two 
well-known  schemes  (  an  implicit  and  an  explicit  one)  are  briefly  described  and  compared  with  each  other  using  a  simple 
test  case. 


°-c3r,i  V/«rrni»*y  scheme; 

A  well-known  representative  for  an  implicit  scheme  is  the  ADl-method  of  Beam  and  Warming  /6/  prcs?nted  in  1978. 
One  advantage  of  the  implicit  scheme  is  that  a  greater  time  step  may  be  chosen  than  allowed  by  the  m. -criterion  / 7/ 
for  explicit  methods.  The  stability  and  usefulness  of  this  scheme  has  been  shown  in  many  applications  (e.g.  /R/,  /9/, 
/10/,  / 1 1/)-  In  the  following  a  brief  description  is  given. 

The  partial  differential  equation  system  (2)  is  linearized  yielding 
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Using  the  trapezoidal  formula  and  splitting  the  difference  operators  into  the  two  coordinate  directions  remits  in  the 
following  solution  scheme: 
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(For  details  see  (61  and  /!'»/). 

Due  to  the  approximate  factorization  a  third  order  term  is  neglected  (ref.  / 12/).  This  does  not  disturb  the  second  order 
accuracy  of  the  scheme  hut  a  dampinq  term  of  higher  order  has  to  he  added  to  guarantee  the  stability  of  the  method. 

MacCormack  scheme: 


The  explicit  predictor-corrector  scheme  has  been  introduced  by  MacCormack  /1 3/  already  in  1969.  In  the  meantime  it 
has  been  applied  to  a  wide  range  of  problems.  Examples  for  some  recent  work  can  be  found  e.q.  in  /1A/  and  / 15/.  The 
two  steps  are: 


Predictor-Step: 
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Averaging  yields  the  value  at  the  new  time  level  n  ♦  1: 
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Details  of  the  application  of  this  numerial  scheme  are  described  in  /V. 


ID-Test  case 


To  compare  the  two  methods  outlined  above  the  unsteady  flow  in  a  finite  duct  has  been  calculated  as  a  first  test  case 
(fiq.  1).  At  the  upstream  boundary  total  pressure  pt  and  total  temperature  T{  are  prescribed.  The  flux  variables  in  the 
duct  are  also  determined  by  these  stagnation  values  since  the  downstream  end  is  closed  by  a  diaphragm.  At  time  t  =  0 
the  pressure  pg  <  Pt  ‘s  imposed  at  the  riqht  boundary  and  causes  a  centered  expansion  wave  propagating  upstream.  At 
the  left  boundary  this  wave  is  reflected  as  a  weaker  compression  wave  that  moves  downstream  and  reflects  in  opposite 
sense  from  the  right  boundary.  This  process  of  expansion  and  compression  is  repeated  until  a  uniform  steady  flow  is 
reached  throughout  the  duct.  This  starting  process  has  been  calculated  using  the  two  methods  described  above.  The 
result  is  shown  in  fig.  2,  where  each  of  the  two  schemes  is  compared  with  a  characteristics  method.  The  first  part  shows 
that  hoth,  MarD ormnck  scheme  and  characteristics  method  yield  a  smooth  rp-irhinn  *hr  —  ’••♦ion 


Dn  the  other  hand,  it  is  demonstrated  in  fig.  2  that  the  Ream-Warming  scheme  needs  an  additional  dampinq  (here  an 
explicit  fourth  order  term  has  been  added)  to  achieve  a  smooth  curve  without  wiqgles.  Nevertheless,  the  steady  state 
solution  is  reached  with  this  scheme  as  well.  (Since  for  both  schemes  boundary  points  are  calculated  with  the 
characteristics  method  this  example  shows  also  that  it  is  possible  to  combine  such  two  numerical  methods.) 


2D-test  case 


Tn  examine  the  influence  of  the  numerical  dampinq  a  simple  two-dimensional  test  case  as  shown  in  fiq.  3  has  been  set 
up,  where  a  velocity  distribution  in  y-direction  is  prescribed  at  the  left  boundary.  Starting  with  the  known  steady  state 
values  for  uniform  inflow  th*»  development  of  the  flow  in  x-direction  is  calculated  by  MacCormack  and  Ream-Warming 
scheme.  Having  reached  a  cnnverqed  state  the  velocity  distribution  in  y-direction  is  checked  at  every  axial  position. 

f  ig.  U  shows  the  result:  the  velocity  defect  prescribed  at  the  inlet  decreases  almost  linearly  when  using  Beam-Warminq 
algori'hm  due  to  the  artifical  dissipation.  Since  no  additional  damping  is  used  with  MacCormack  scheme  the  velocity 
distribution  remains  nearly  constant  as  it  should  he  for  an  inviscid  calculation. 


Boundary  conditions 

According  tn  the  results  of  the  comparison  presented  above  the  numerical  algorithm  for  computing  the  2-dim., 
unsteady,  subsonic  flow  uses  MacCormack's  schemp  for  calculating  the  flow  variables  at  the  interior  points.  The 
boundaries  arc  treated  by  the  bicharacteristics  method  according  tn  Rutler  / 16/  and  Delaney  / 17/.  The  application  of 
this  algorithm  is  described  in  detail  in  references  11,  10. 


T allowing  boundary  conditions  are  prescribed  (cf.  Fig.  *>): 


At  the  inlet  the  wake  of  the  preceding  cascade  is  described  by  a  nrrumfprrnt  ial  distribution  of  flow  velocity.  A 
symmetrical  distribution  according  to  a  gaussian  curve  in  the  rotatinq  frame  of  reference  has  been  assumed.  Trom 
the  qivpn  velocity  the  corresponding  distribution  nf  total  pressure,  total  temperature  and  flow  anqle  is  calculated 
and  used  as  boundary  condition  at.  the  inlet. 


At  the  downstream  boundary  static  pressure  is  assum  *  ‘mown. 
t  i'-„  .•i-jency  L-Qf  lull  inn  is  used  at  I  he  bladr  profiles. 
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Downstream  of  the  blading,  the  boundaries  R5  and  R6  are  represented  by  the  slipstreams  leaving  the  trailing  edge  of 
each  blade.  This  model  has  been  used  by  duller  1161,  Pandolfi  !\9 /  and  other  authors.  It  requires  that  the  pressure 
and  the  component  of  the  velocity  normal  to  this  line  are  continuous,  whereas  the  tangential  components  will  show  a 
jump  representing  the  concentrated  vorticity. 

The  periodic  boundaries  (R5  and  R6)  are  handled  by  a  special  treatment  presented  by  Erdos  and  Alzner  /20/  in  1977. 
Taking  into  account  that  each  channel  experiences  the  same  states  with  a  constant  phase  lag  the  computational 
domain  can  be  reduced  to  a  single  channel.  This  method  has  been  used  in  the  calculation  of  oscillating  cascades  by 
several  authors  (e.g.  Fransson  / 2 1/)  and  is  described  in  more  detail  in  /3/. 

Comparison  with  linearized  theory 

To  validate  the  method  outlined  above  a  cascade  of  flat  plates  is  considered.  At  tne  inlet  boundary  a  sinusoidal  wake  is 
assumed.  The  amplitude  being  small  enough  this  configuration  (cf.  fiq.  6)  can  be  analysed  using  the  program  LINSUB 
developed  by  Whitehead  /22/  based  upon  the  theory  of  Smith  /23/. 

A  comparison  between  the  results  of  LINSUB  and  the  present  method  (EULER)  are  shown  in  fig.  6.  The  results  of  the 
FlJLFR-method  are  non-dimensionalized  in  exactly  the  same  manner  as  done  by  LINSUB,  using  the  product  of  the  mean 
density,  the  mean  speed,  and  the  maximum  wake  velocity  normal  to  the  blade.  To  be  able  to  compare  phase  results  the 
wake  definitions  at  the  inflow  are  specified  such  that  the  centerline  of  the  wake  passes  through  the  blade  leadinq  edge 
at  the  beginning  of  the  period.  The  agreement  between  the  results  obtained  by  the  linearized  theory  and  by  the  FULER 
method  are  quite  well  with  respect  to  amplitude  as  well  as  phase  lag. 

As  a  second  example  a  configuration  according  to  fig.  7  lias  been  calculated.  The  pilch  of  the  wake  being  twice  the 
pitch  of  the  cascade  (tp  =  2*tft)  this  example  is  also  a  test  case  for  the  special  periodicity  condition.  The  results  of  the 
two  methods  are  compared  in  fig.  7.  Amplitude  of  differentia)  pressure  and  phase  Jag  agree  fairly  well. 

Results  for  a  compressor  cascade 

The  results  for  a  flat  plate  cascade  beinq  quite  promising  the  method  has  been  applied  to  a  real  compressor  rascade. 
First  calculations  /24/  indicated  that  the  mesh  size  had  to  be  refined  significantly  to  qet  a  proper  resolution  of  the 
wake.  Using  a  computational  grid  with  smaller  cell  size  it  was  found  necessary  to  add  a  little  amount  of  numerical 
dampinq  to  the  MacCormack  scheme  for  the  sake  of  stability.  A  fourth  order  damping  term  according  to  Jameson  et  ai. 
/25/  was  introduced.  The  effect  of  this  dampinq  on  the  development  of  the  wake  is  shown  in  fig.  0  usinq  the  previously 
presented  test  case  (see  fiq.  3).  With  a  dampinq  factor  of  t  -  10*^  the  wake  depth  reduces  only  by  1.5%. 

As  a  first  example  the  effect  of  a  sinusoidal  velocity  distribution  prescribed  at  the  inlet  has  been  calculated.  The 
computed  pressure  distribution  is  presented  in  fig.  9.  On  the  pressure  side  the  amplitude  nf  the  nan  Vic  pressure 
continuously  decreases,  while  nr,  the  u.  lion  side  a  varying  amplitude  is  observed  with  a  lc'-ul  minimum  at  x/hp«o.6  and 
local  maxima  at  x/bp*0.25  and  x/bp**  0.6.  A  3D-plot  of  the  prpssure  distribution  on  suction  and  pressure  side  is  given  in 
fiq.  10.  The  temporal  shift  in  the  pressure  signals  indicates  that  the  influence  of  the  velocity  oefert  i«*  convecteri 
downstream  with  approximately  mean  flow  velocity. 

The  pressure  amplitudes  shown  in  fig.  11  are  due  to  a  gaussian  velocity  distribution  prescribed  at  the  inlet,  Compared 
with  fig.  9  (sinusoidal  wake  prescribed)  the  pressure  amplitudes  are  larger  and  a  local  maximum  appears  on  the  pressure 
side  at  x/bp  0.6,  too.  The  3D-p!ot  of  the  pressure  fluctuations  in  fig.  12  shows  the  influence  of  biqher  harmonics,  as 
expected  according  to  the  gaussian  velocity  distribution. 

For  the  calculations  presented  above  an  H-type  computational  grid  with  253x65  points  has  been  used,  r ompared  with  a 
mesh  consisting  of  76x25  points  the  calculated  dynamic  pressure  amplitudes  are  approximately  twice  as  high  on  the 
refined  grid.  Nevertheless,  measured  pressure  fluctuations  /26/  are  even  larger  so  that  further  mesh  refinement  is 
necessary. 

r  onclusion 

A  method  for  computing  wake  interaction  effects  in  axial  turb^machines  is  presented.  The  non-linear  ruler-equations 
describing  the  t wo-dimensional,  unsteady,  compressible,  inviscid  flow  are  solved  by  a  comhjned  algorithm.  Mac^ or- 
mack’s  predictor-corrector  scheme  is  used  at  interior  points  while  boundaries  are  handled  by  means  of  a  hicharacter- 
istics  method. 

Using  a  simple  test  case  MacCormack's  scheme  and  the  ADI  scheme  of  Beam-Warminq  are  compared  with  «ach  other. 
Since  the  explicit  method  requires  less  damping  the  depth  of  the  wake  remains  nearly  constant. 

The  algorithm  is  compared  with  linearized  theory  for  a  flat  plate  cascade.  Results  are  very  good  and  demonstrate  the 
feasibility  of  the  special  periodicity  condition  that  is  used  tn  restrict  the  computational  domain  to  one  channel  even  for 
different  cascade  and  wake  pitches. 

The  calculations  for  a  real  compressor  cascade  indicate  the  influence  of  the  wake  profile  prescribed  at  the  inlet 
boundary.  Thouqh  a  mesh  with  253x65  grid  points  has  been  used  comparison  with  experimental  results  shows  that  further 
mesh  refinement  is  neccssary. 
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Computational  Domain 


Fig.  1:  One-dimensional  test  case:  flow  in  a  duct 


Fig.  2:  Velocity  distribution  for  ID  test  case  during  starting  process 


Fig.  3:  Two-dimensional  test  case:  computational  grid  for  a  flat  plate  cascade 
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R1  -  Upstream  boundary 

R2  -  Downstream  boundary 

R3.RC  -Blade  surface 
R5.R6  -Slipstream 
R7.R8  -  Periodical  boundary 


Fig.  5:  Computational  domain 
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Fig.  10:  Pressure  fluctuations  on  suction  and  pressure  side  due  'o  sinusoidal  wake 
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SUMMARY 

A  detailed  study  of  the  propagation  of  nozzle  guide  vane  trailing  edge  shock  waves  and  wakes 
through  a  turbine  rotor  passage  is  presented,  using  experimental  data  from  a  transient  cascade  tunnel 
with  a  rotating  bar  shock  and  wake  generator.  Both  unsteady  and  mean  blade  surface  pressure 
measurements,  together  with  schlieren  flow  visualisation  were  used  to  unravel  the  complex  sequence  of 
refraction,  reflection,  and  re-reflection  of  the  moving  NGV  shock  waves,  together  the  effects  they  have 
on  both  the  unsteady  and  time  averaged  blade  surface  pressures.  The  effects  of  the  wakes  are 
similarly  described.  As  well  as  contributing  to  the  fundamental  understanding  of  the  inherently 
unsteady  turbine  aerodynamics,  this  paper  shows  the  phenomena  which  must  be  predicted  by  any 
successful  unsteady  computational  fluid  dynamic  prediction  of  the  flow. 

NQM6NCUTURS 


CdV 

Axial  chord  (m) 
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Static  pressure  (Pa) 

M 

Mach  No. 

Pc, 

Total  pressure  (Pa) 

MP 

Model  point 
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Radius  (m) 

Mt>re! 

Flow  Mach  No  relative  to  moving  bar 

Re 

Reynolds  number 

P 

Pressure  (Pa) 

X 

Streamwise  direction  (m> 

INTRODUCTION 

With  the  striving  for  greater  efficiency  and  performance  from  modern  gas  turbine  engines  the 
need  for  a  clear  understanding  of  the  unsteady  processes  which  occur  is  increasing  The  flow 
perturbations  are  intrinsic  in  the  operation  of  any  turbine,  they  are  associated  with  the  periodic 
chopping  of  the  wakes  from  an  upstream  blade  row  by  the  next  row.  With  the  increasing  use  o! 
transonic  exit  flows  from  stator  and  rotor  passages  the  importance  of  the  shock  wave  passing  is  also 
becoming  more  significant.  The  effect  of  these  perturbations  on  the  aerodynamic  performance  of  the 
passage,  the  thermal  loading  of  the  blades  and  the  blade  profile  losses  needs  to  be  understood. 

Much  of  the  previous  work  in  this  field  has  used  unsteady  blade  surface  heat  transfer 
measurements  to  study  moving  wakes  and  shock  waves  in  turbines,  either  in  cascade  U.2.3.4.5.M  or  in  a 
rotating  turbine  Large  rapid  surface  pressure  fluctuations  were  also  seen  (3 i  and  it  has  been  shown 
that  these  cause  correspondingly  large  fluctuations  in  heat  transfer  1 10.111 

The  present  work  concentrates  on  describing  in  detail  the  propagation  of  nozzle  guide  vane 
shocks  and  wakes  through  the  rotor  passage  as  detected  by  measurements  of  time  resolved  and  lime 
averaged  surface  pressures  together  with  flow  visualisation  using  schlieren  photography.  Analysis  ol 
these  results  reveals  a  complex  sequence  of  NGV  shock  wave  movements  and  reflections  through  the 
blade  passage,  and  these  along  with  the  wake  propagation,  can  be  related  to  features  in  the  measured 
unsteady  pressures. 

EXPERIMENTAL  CONDITIONS  AMD  METHODS 

The  tests  were  carried  out  in  the  Oxford  Turbomachinery  Group  MS]  Isentropic  Light  Piston 
Tunnel  (ll.PT)  113, 14, LSI  fitted  with  a  linear  cascade  working  section  together  with  an  NGV  wake  and 
shock  wave  simulation  system  III.  The  ILPT  is  capable  of  modelling  Full  engine  Reynolds  No..  Mach  No 
and  Gas  to  Wall  temperature  ratios.  The  utnel  is  a  transient  facility  and  is  capable  of  maintaining 
constant  flow  for  between  0  3  and  2  0  seconds.  The  ILPT  was  fitted  with  a  <>  passage  transonic  turbine 
rotor  blade  cascade  (Fig.  1).  as  used  by  15,10,111.  The  blade  represents  the  mid-height  profile  of  a 
transonic  HP  turbine  The  rotor  dimensions  and  test  flow  conditions,  which  are  the  same  as  would  be 
expected  in  an  engine  in  terms  of  Mach  number  and  Reynolds  number, but  not  temperature  ratio,  are 
shown  in  Table  1 

The  stationary  NGV  ring  of  the  HP  stage  of  an  engine  will  produce  wakes,  and  recompresuion 
shock  waves  If  It  is  transonic.  These  will  be  converted  into  the  rotating  rotor  blade  row  as  periodic 
flow  fluctuations  To  simulate  this  phenomenon  in  th*»  ILPT.  the  rotor  blade  cascade  remains 
stationary,  while  the  periodic  wakes  and  shock  waves  are  produced  by  moving  circular  cylinders  in  a 
parallel  plane  upstream  of  the  cascade  leading  edge  (Fig  I)  The  test  configuration  is  that  described  in 
1 10.11 1.  In  most  of  the  tests  there  was  no  upstream  turbulence  grid.  Two  configurations  of  bar  were 
used: 


(a)  16  bars  at  the  NGV  pitch  to  model  the  engine  situation-, 

(b)  2  bars  to  give  isolated  shock  and  wake  passing  events 
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Isfek  1  flow  goadlsigai 


Inlet  Mach  number  0.38 

Isentropic  exit  Mach  number  1.18 

Bar  relative  Mach  Number  Mbrei: 

Schlieren  tests  1.165 

Transonic  tests  1.13 

Subsonic  test  0.75 

Reynolds  number  (based  on  blade  I-O^IO6 
chord  and  isentropic  exit  conditions) 

Hade  angle  10° 


Blade  inlet  span 

50.0  mm 

Blade  pitch 

34.3  mm 

Blade  chord 

41.2  mm 

Blade  axial  chord 

34.8  mm 

Inlet  angle 

48° 

Flow  Total  temperature 

2‘>0  K 

Total  pressure 

170  kPo 

Bar  generator  rotational  speed 

17.000  rpir 

Bar  diameter 

1.6  mm 

For  the  surface  pressure  measurements,  two  rotating  bar  speeds  were  used:  the  first  simulated 
a  supersonic  NGV  exit  flow  with  M^rei  s  113  and  the  second  a  subsonic  exit  flow  with  =  0.75. 

For  the  schlieren  tests  a  slightly  higher  supersonic  Mb  =  1.165  was  used.  The  wake  propagation  though 

the  passage  has  similar  characteristics  at  all  three  values  of  Mbr<.j. 

The  bar  generated  flow  field  is  dependent  upon  the  bar  relative  Mach  numher,  Mb re/.  which, 
with  the  bars  mounted  radially  from  a  rotating  disk,  is  a  function  of  the  radius  of  the  r!ow  generating 
segment  of  the  bar  from  the  axis  of  the  disk.  Consequently  the  flow  perturbations  being  detected  b> 
the  blade  mounted  instrumentation  will  vary  slightly  along  the  span.  In  these  experiments  the  pressure 

tappings  were  distributed  across  the  blade  from  30%  to  70%  of  the  leading  edge  span  (Fig  2).  The 

nominal  of  1.13  varied  from  1.08  to  118  over  this  40%  of  C-e  sPan.  and  consequently  the  wake 

angle  varied  from  74.5°  to  77.5°.  There  is  also  a  small  timing  shift  associated  with  the  spanwise 
position  of  the  surface  mounted  instrumentation.  Time  averaged  pressure  distributions  were  measured 
with  two  blades.  (Fig.  2)  with  small  pressure  tappings  connected  via  short  flexible  tubing  to  Sensym 
pressure  transducers,  type  LX-1620D. 

As  the 

rotating  disk  and  turbine  were  mounted  on  the  back  of  the  working  section,  it  was  therefore  necessary 
to  use  a  double  pass  schlieren  system 

The  unsteady  surface  pressure  measurements  were  made  using  three  different  blade 
configurations  The  first  used  three  Kulite  XCQ-060-50D  pressure  transducers  mounted  flush  with  the 
blade  suction  surface  These  were  then  transplanted  Into  the  pressure  surface  of  another  blade  for  the 
second  series  of  tests.  Tests  were  carried  out  with  this  blade  in  both  the  upper  and  lower  blade 
positions,  giving  leading  edge  data  for  both  at  the  top  and  bottom  of  the  instrumented  passage  Finally 
a  flat  pack  Kulite  LQ9-080-50D  was  mounted  in  the  pressure  surface  to  measure  fluctuations  closer  to 
the  trailing  edge. 

The  cylindrical  pressure  transducers.  XCQ  types,  are  normally  supplied  with  a  protective  screen 
covering  the  diaphragm,  to  give  it  increased  durability  The  diaphragm  has  a  natural  frequency  of  (.00 
kHz,  but  the  screening  limits  the  frequency  response  to  about  20  kHz.  A  single  transducer  was 
supplied  without  the  protective  screen,  but  with  RTV  sprayed  onto  the  diaphragm  for  protective 
purposes,  this  reduced  its  natural  frequency  to  ISO  kHz,  but  still  gave  a  much  better  frequency 
response  than  the  conventional  models  The  positions  of  the  unscreened  transducer  are  indicated  b\  an 
■  in  Fig  2.  The  LQ'I  transducer  was  supplied  without  protective  screens  but  with  RTV  coatings  and  had 
a  similar  frequency  response  to  the  unscreened  device. 

UNSTEADY  WAKE  EFFECTS 

Time  Resolved  Surface  Pressure  Measurements  for  Mt|  J|=0.75 

Typical  raw  unfiltered  wide  bandwidth  pressure  measurements  recorded  on  the  suction  surface 
at  MR.  PI6.  x/cax  =  0  39  are  presented  In  Fig.  3.  The  data  recorded  in  the  It.  bars  configuration  tests 
shows  evidence  of  overlaying  of  phenomena  associated  with  ad|acent  bars  The  overall  effect  of  the 
NGV  simulation  is  for  the  pressure  trace  to  have  a  regular  wave  shape,  with  the  same  period  as  that 
of  the  bar  passing.  Examples  of  this  data  which  have  been  phase- lock  li  e  ensemble)  averaged  over  30 
cvcles  are  shown  in  Fig.  4.  The  data  recorded  in  the  two  bar  configuration  tests  show  evidence  of 
separate  Identifiable  events  (Fig.  Si  Each  trace,  which  represents  one  complete  period  of  the  bar 
passing,  has  been  ensemble  averaged  over  four  periods  for  the  pressure  surface  and  leading  edge 
measurements  and  two  cycles  for  the  suction  surface,  with  th«  latter  data  filtered  with  a  30  kHz 
Hamming  window  filter. 

The  transducers  used  in  these  tens  were  mounted  at  different  spanwise  positions  on  the  blade 

This  was  necessary  due  to  the  physical  shape  of  the  trensducer  bodies.  The  maximum  timing  variations 
associated  with  this  spanwise  variation  In  Instrumentation  position  Is  approximately  20  ps,  while  the 
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range  of  Mbr#,  over  this  radius  is  from  0.722  to  0.772,  this  variation  will  lead  to  a  variation  of  7X  in 
the  maximum  wake  velocity  deficit  and  of  14%  in  the  pressure  signals  associated  with  It. 

A  large  drop  in  surface  pressure,  labelled  “A"  and  "B",  in  Fig.  5,  for  the  pressure  and  suction 
surfaces  respectively,  can  be  seen  in  the  data.  It  is  first  detected  in  the  instrumented  passage  at  the 
leading  edge  of  the  upper  blade.  The  measured  signals  indicate  that  the  phenomenon  causing  the 

pressure  drop  moves  along  the  pressure  surface  towards  the  trailing  edge  at  less  than  the  local 
freestream  velocity.  It  is  detected  on  the  crown  of  the  suction  surface  approximately  70  (is  after  it  is 
first  seen  on  the  leading  edge  of  the  upper  blade.  It  should  be  noted  that  the  results  for  the  two 
surfaces  were  recorded  on  different  runs  so  the  accuracy  of  the  timing  synchronisation  is  limited  by 
the  build  to  build  variation  in  the  mounting  of  the  bar  position  detector  This  makes  the 

synchronisation  accurate  to  only  ♦  40  ps.  The  transducer  in  the  leading  edge  of  the  blade  and  that  at 
MP  P16  on  the  crown  of  the  suction  surface  are  both  at  mid  span  on  the  respective  blades  so  there 
are  no  spanwise  synchronisation  errors.  It  takes  280  ps  for  the  bar  to  move  through  on  rotor  passage 
pitch  so  the  phenomenon  causing  this  drop  in  pressure  moves  across  the  passage,  even  allowing  for 
the  maximum  synchronisation  error,  faster  than  the  bar  itself,  indicating  that  this  is  caused  by  a 
pressure  wav«*  rather  than  the  wake. 

A  large  pressure  rise  was  seen  on  the  suction  surface,  this  is  labelled  **C"  in  Fig.  S.  It  was 
first  detected  at  the  crown  of  the  blade  and  was  seen  propagating  towards  the  trailing  edge  of  the 
blade.  There  were  no  pressure  transducers  mounted  on  the  blade  surface  between  the  crown  and  the 
leading  edge  of  the  blade  so  its  existence  could  not  be  tested  between  these  two  points.  The 

propagation  velocity  of  the  perturbation  was  approximately  M  =  0.2S,  lower  than  the  local  freestream 
velocity,  suggesting  that  it  was  propagating  with  the  wake.  Its  appearance  on  the  suction  surface  is 
coincident  with  the  expected  position  of  the  wake  calculated  from  the  timing  of  the  pressure  drop  at 
the  two  leading  edge  pressure  transducers. 

There  is  a  small  pressure  rise  which  is  measured  on  both  surfaces  of  the  passage,  labelled  "D" 
in  the  Fig.  5.  The  effect  is  first  detected  at  the  leading  edge  of  the  upper  blade,  from  where  it 
propagates  back  along  the  pressure  surface  towards  the  trailing  edge  and  across  the  passage  to  the 
suction  surface.  Its  propagation  velocity  on  both  surfaces  is  well  above  the  local  freestream  velocity.  It 
is  detected  on  the  blade  mounted  pressure  transducers  long  before  the  arrival  of  the  wake,  careful 
analysis  of  the  data  has  shown  that  it  is  detected  while  the  bar  is  still  in  the  slot  in  the  tunnel 
sidewall. 

There  is  a  further  rise  in  pressure  detected  on  the  blade  surfaces,  labelled  "E"  in  Fig.  5  This 
occurs  after  the  passing  of  the  wake  associated  effects,  first  appearing  near  to  the  back  of  the 
pressure  surface.  The  pressure  signature  propagates  forward  along  towards  the  leading  edge  of  this 
blade  then  from  the  crown  of  the  suction  surface  towards  the  trailing  edge  of  the  lower  blade.  The 
propagation  of  this  effect  along  the  suction  surface  of  the  passage  is  at  the  same  time  interval 
relative  to  the  leading  edge  of  the  upper  blade  as  the  first  pressure  pulse  detected.  "D”.  It  appears  to 
be  a  pressure  wave  which  first  contacts  the  pressure  surface  near  to  its  trailing  edge. 

Schlieren  Photography  Results 

There  were  no  schlieren  tests  carried  out  with  an  A/brW  of  0  75.  but  the  wake  propagation 
identified  in  the  results  taken  at  Mbr^,  =  1.165  can  be  analysed  with  if  careful  consideration  is  given  to 
the  differences.  The  tests  carried  out  with  the  higher  Mbrrl  will  have  a  wake  that  is  both  narrower 
and  of  smaller  velo.-ity  deflnt  than  one  produced  by  a  bar  with  M-Ui  #J-  =  0.75. 

The  position  of  the  wake  In  the  rotor  passage  can  be  identified  in  the  schlieren  photographs,  as 
shown  In  Fig.  7  for  the  two  bar  test  case.  As  the  wake  propagates  through  the  passage,  it  appears  to 
berome  narrower  on  the  pressure  surface  and  wider  on  the  suction  surface.  This  is  caused  by  a 
combination  of  two  effects  [17].  Firstly,  non  uniform  passage  velocity  field  slows  the  flow  close  to  the 
pressure  surface  and  speeds  it  up  close  to  the  suction  surface.  Secondly  there  is  the  effect  known  as 
the  "negative  jet",  where  the  highly  turbulent  wake  fluid  is  convected  from  the  pressure  surface  to  the 
suction  surface.  In  the  tests  carried  out  in  the  16  bar  configuration  the  wakes  from  adjacent  bars 
merge  together  and  this  makes  analysis  of  wake  propagation  behaviour  from  this  data  impossible 

Wake  Propagation  and  Pressure  Wave  Effects 

The  momentum  associated  with  across  passage  convection  of  the  wake  ("negative  jet")  causes  a 
temporary  rise  in  pressure  on  the  suction  surface  of  the  blade  and  a  corresponding  drop  on  the 
pressure  surface  These  effects  can  be  seen  in  the  experimental  results  In  Fig  5.  The  drop  in  pressure 
measured  on  the  pressure  surface  labelled  "A"  and  the  pressure  Increase  on  the  suction  surface 
labelled  "C"  is  caused  by  this  phenomenon.  The  results  have  also  Indicated  that  there  are  various  other 
phenomena  which  should  also  be  considered.  Many  of  the  effects  detected  with  the  surface  pressure 
transducers  are  weak  pressure  waves  or  expansions  which  propagate  across  the  passage  and  intersect 
the  surfaces.  As  the  waves  are  only  weak  then  the  theory  of  linear  superposition  can  be  applied  during 
the  analysis  of  the  pressure 
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A  drop  in  surface  pressure.  "B'\  is  measured  on  the  suction  surface  of  the  blade.  This 
phenomenon  was  unexpected .  The  reduction  is  caused  by  an  expansion  wave  which  is  detected 
propagating  from  the  leading  edge  of  the  cascade.  The  expansion  will  travel  through  the  passage  at 
approximately  sonic  speed  relative  to  the  local  flow,  while  the  wake  will  be  convected  with  the  flow. 
So  the  drop  in  pressure  caused  by  this  expansion  and  the  rise  associated  with  the  "'negative  jet",  which 
are  overlayed  at  MP.  P15  (x/cax  =  0.28,  Fig.  5(f))  will  move  apart  further  along  the  blade.  The  signal 
measured  at  MP.  P19  (x/cax  =  0.65,  Fig.  5(h))  shows  that  the  two  effects  have  separated. 

The  pressure  rise,  D,  detected  on  the  blades  in  the  figures  propagates  through  the  passage  very 
quickly,  at  a  much  higher  velocity  than  the  wake  propagation.  It  enters  the  passage  at  the  leading  edge 
of  the  upper  blade,  propagating  as  a  pressure  wave  and  appearing  to  be  washed  out  as  it  moves  across 
the  passage  and  towards  the  trailing  edge  of  the  lower  blade.  It  is  first  detected  in  the  passage  at  the 
leading  edge  of  the  upper  blade,  600  before  the  bar  synchronisation  timing  signal,  this  represents  a 
time  before  the  bar  is  even  level  with  the  upper  blade.  If  the  bar  was  moving  at  a  supersonic  velocity 
relative  to  the  local  flow  then  we  would  expect  to  see  a  bow  shock  wave  in  front  of  it.  In  this  case 
however  the  Affar^,  is  subsonic,  so  there  will  be  no  bow  shock  wave,  but  there  will  be  a  weak 
potential  effect  travelling  upstream  of  the  bar  and  it  is  this  pressure  wave  which  is  detected  as  the 
pressure  rise  in  the  passage.  This  effect  will  not  occur  in  the  full  engine  case,  although  it  will  occur 
in  the  16  bar  test  cases. 

The  final  phenomenon  detected  in  the  pressure  signals  is  another  rise  in  surface  pressure, 
labelled  "E"  in  the  figures.  This  is  detected  on  the  pressure  surface  after  the  large  pressure  rise 
associated  with  the  "negative  jet"  phenomena  has  been  detected  on  the  crown  of  the  suction  surface.  A 
pressure  wave  is  formed  on  the  suction  surface  of  the  passage  by  this  large  rise,  it  then  propagates 
out  from  there  at  sonic  velocity  relative  to  the  local  flow  field.  It  moves  across  the  passage  appearing 
first  at  the  trailing  edge  of  the  pressure  surface,  while  the  remainder  of  the  wave  moves  closer  to  the 
surface.  The  surface  pressure  rise  appears  to  move  along  the  blade  very  quickly.  It  will  be  reflected 
off  the  pressure  surface  back  across  the  passage.  Moving  at  sonic  velocity  relative  to  the  local  flow  it 
will  be  convected  downstream  as  it  crosses  the  passage,  showing  similar  propagation  behaviour  to  that 
of  first  pressure  wave,  labelled  "D".  The  pressure  signal  from  the  wave  becomes  smaller  in  amplitude 
as  it  propagates  across  the  passage. 

The  propagation  of  these  pressure  waves  is  similar  to  the  propagation  of  the  unsteady  shock 
waves,  described  later.  Ail  of  the  pressure  waves  will  be  reflected  across  the  passage,  but  they  will 
also  become  weaker,  so  although  the  waves  are  there  they  may  not  be  detected  because  they  are  either 
too  weak  or  their  effects  are  swamped  by  other  pressure  effects 

16  Bar  Test  Results 

The  analysis  carried  out  so  far  has  been  on  the  two  bar  data  and  it  must  be  shown  that  the 
same  effects  occur  in  the  16  bar  tests  for  the  results  to  apply  to  the  engine  case  A  programme  was 
written  which  would  overlay  the  results  recorded  in  the  two  bar  tests  with  the  relevant  phase  shift, 
which,  assuming  superposition  of  the  pressure  signals,  would  predict  the  It*  bar  pressure  results  from 
the  two  bar  data  The  results  of  this  are  shown  in  Fig.6  and  are  comparable  with  the  16  bar  results  in 
Fig.  4 


The  agreement  between  the  two  signals  is  very  good  in  terms  of  amplitude,  but  the  higher 
harmonics  are  not  repeated  with  the  same  level  of  accuracy.  The  same  phenomena  can  be  identified,  eg 
the  sharp  spike  seen  in  the  suction  surface  data,  but  the  relative  phase  of  these  effects  is  different.  It 
is  thought  that  this  is  because  of  the  variation  in  bar  speed  between  different  runs.  The  time  base  «:» 
stretched  so  that  the  relative  phase  of  the  bar  passing  is  correct,  but  in  doing  this  the  sonic  velocity 
is  rhanged.  so  although  the  phasing  of  the  major  changes  is  correct,  the  propagation  of  the  sonic 
waves  is  incorrect. 

UNSTEADY  SHOCK  WAVE  PASSING  EFFECTS 

Analysis  of  the  NGV  trailing  edge  shock  wave  propagation  through  the  rotor  passage  was  based 
on  a  series  of  schlieren  photographs  ( Mbrrl  ~  1-16)  and  blade  surface  pressure  measurements  - 

1.13).  The  data  is  presented  first,  followed  by  an  analysis  of  the  shock  wave  behavior 

Review  pf  Schlieren  Data 

Typical  examples  of  the  schlieren  results  are  shown  in  Figs  7.  H  and  ')  The  16  bar  test  data 
shows  the  typical  overlaying  of  effects  from  adjacent  bar  passing  events  In  the  2  bar  test  case  the 

effects  from  individual  bar  passing  events  are  almost  completely  isolated.  There  are.  however,  some 
very  weak  residual  shock  waves  visible  in  the  lower  passage  preceding  the  arrival  of  the  bow  shock. 

Propagation  of  a  Single  Shock  Wave  Through  a  Rotor  Passage 

An  understanding  of  the  shock  wave  propagation  was  derived  from  the  results  of  more  than  ISO 
schlieren  images.  A  shock  wave  propagating  in  a  flow  field  will  move  at  a  velocity  slightly  above  the 
local  sonic  speed  relative  to  the  local  flow  Hence,  if  a  plane  shock  was  moving  in  a  uniform  flow 
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field  then  its  shape  would  remain  constant.  In  a  rotor  passage,  however,  the  flow  field  is  non  uniform 
so  any  waves  which  are  moving  through  the  passage  will  become  distorted. 

As  a  shock  wave,  "a"  in  Fig.  10,  passes  the  leading  edge  of  a  rotor  blade  it  appears  to  refract 
around  that  point  forming  a  tightly  curved  shock  wave  'V  which  can  be  seen  in  Fig.  8.  This  is  due  to 
the  high  pressure  gas  from  behind  the  Incident  shock  wave  forming  a  Mach  wave  as  it  expands  into 
the  low  pressure  region  in  the  passage  which  has  not  seen  the  incoming  wave.  The  formation  and 
propagation  of  this  Mach  wave  is  almost  completely  independent  of  the  strength  or  angle  of  the 
incident  wave.  The  shock  wave  propagation  seen  in  the  passage  is  dominated  by  these  Mach  waves,  so 
the  results  of  the  shock  wave  tracking  for  the  bow  and  recompression  shock  waves  produced  b>  the 
bar  are  very  similar.  The  analysis  presented  here  is  for  a  single  wave  and  applies  to  both  bow  and 
recompression  waves. 

The  intersection  between  the  Mach  wave  and  the  pressure  surface,  is  initial l>  normal  to  the 
blade,  producing  no  reflection.  As  it  moves  along  the  pressure  surface  towards  the  trailing  edge  the 
wave  becomes  distorted  due  to  the  non  uniform  passage  velocity  field  with  the  fluid  further  awa>  from 
the  wall  moving  faster  than  the  fluid  close  to  the  wall.  The  wave  becomes  oblique  to  the  local  flow 
and  forms  a  weak  reflected  wave  at  the  pressure  surface  "c"  in  Fig.  10.2.  It  is  clear  in  the  schlieren 
photographs  (Fig.  *1)  that  this  interaction  is  not  a  simple  reflection  as  a  third  wave  is  formed  further 
behind  the  reflection. 

The  original  shock  wave,  moves  across  the  passage  to  intersect  with  the  suction  surface  of  the 
lower  blade  at  its  crown.  The  centre  of  the  wave,  ‘d'\  is  reflected  off  the  blade,  leaving  the  end 
segment,  "e",  to  propagate  down  to  the  end  of  the  passage.  The  intersection  of  the  original  incident 
wave  with  the  blade.  "P*.  continues  to  move  from  the  crown  towards  the  leading  edge  of  the  lower 
blade,  as  seen  in  Fig.  10.  As  the  shock  wave  moves  past  the  stagnation  point  and  into  the  next 
passage,  the  intersection  with  the  blade  surface  ceases  to  form  a  reflection,  leaving  only  the  Mach 
wave  to  hit  the  pressure  surface  with  no  reflection.  A  bifurcation  is  formed  between  the  original 
incoming  wave  and  the  wave  which  had  been  reflected  off  the  suction  surface,  this  is  labelled  "g"  in 
Fig  10.1.  where  it  is  seen  with  the  incident  wave  first  entering  the  passage,  and  can  also  be  seen  »n 
Fig.  8  associated  with  the  recompression  shock  wave. 

As  the  reflected  wave.  "d".  formed  off  the  suction  surface  moves  across  the  passage  it  appears 
to  become  weaker  and  distorted,  appearing  to  rotate.  Again  this  is  due  to  the  non  uniform  passage 
flow  field.  It  initially  hits  the  pressure  surface  of  the  upper  blade,  near  to  its  trailing  edge,  as  labelled 
*h”  in  Fig.  10.3.  It  then  propagates  across  the  passage  towards  the  upper  surface  and  out  from  the 
leading  edge  plane,  as  seen  in  Fig.  8.  As  it  moves  forward  there  is  evidence  of  a  bifurcation  in  the 
wave,  as  labelled  "k"  in  Fig.  10.3.  This  is  the  result  of  the  bifurcation,  "g",  formed  around  the  leading 

edge  of  the  blade  having  been  reflected  off  the  suction  surface  of  the  blade  with  the  incident  wave 
The  intersection  of  the  reflected  wave  with  the  pressure  surface,  "h”.  moves  forward  from  the  trailing 
edge  as  the  wave  propagates  across  the  passage  causing  a  re-reflected  wave  to  form,  as  labelled  "I”  in 
Fig.  10.4. 

This  re-reflected  wave  starts  to  re-traverse  the  passage.  Its  intersection  with  the  pressure 
surface  moves  much  faster  towards  the  leading  edge,  in  absolute  terms,  through  the  low  velocit)  flow 
the..;  the  wave  itself  towards  the  suction  surface,  As  the  intersection  propagates  around  the  leading 
edge  of  the  blade  a  tightly  curved  wave  forms  around  the  stagnation  point,  labelled  "m"  in  Fig  10. S 
and  shown  In  Fig.  8.  the  end  of  the  wave  will  start  to  propagate  along  the  suction  surface  of  the  next 
passage,  although  by  this  time  the  wave  will  be  very  weak  and  hard  to  identify. 

The  main  re-reflected  wave.  ”1”,  moves  across  the  passage,  almost  parallel  to  the  pressure 
surface,  as  shown  in  Fig.  10. S.  It  hits  the  suction  surface  of  the  lower  blade  close  to  the  passage 
shock  wave,  “p”.  As  the  remainder  of  the  wave  comes  closer  to  the  suction  surface  the  intersection 
moves  forward  towards  the  crown,  forming  another  reflected  wave,  as  labelled  "n"  in  Fig.  10.<*.  As  the 
intersection  approaches  the  crown  the  shock  wave  appears  to  become  stronger.  The  re-reflected  wave 
moves  forward  through  the  passage  and  out  through  the  leading  edge  plane,  while  the  next  wave 
propagates  back  across  the  passage  to  Intersect  with  the  pressure  surface  near  to  the  trailing  edge 
once  more. 

At  this  point  in  the  shock  wave  cycle  the  data  available  from  the  schlieren  photographs 
becomes  impossible  to  interpret  accurately.  This  is  because  the  waves  have  become  weaker  as  the> 
repeatedly  crossed  the  passage.  It  is  clear,  however,  that  the  waves  continue  to  be  reflected  across  the 
passage  for  a  relatively  long  time  after  the  bar  passing  event.  In  the  2  bar  tests  there  is  evidence  of 
the  shock  waves  still  In  the  rotor  passages  when  the  bow  shock  wave  from  the  next  bar  arrives,  as 
shown  In  Fig.  7(bl. 
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The  shock  wave  propagation  within  an  engine  rotor  passage  will  be  similar  to  that  seen  in 
these  tests.  In  a  full  stage,  however,  when  the  shock  waves  propagate  out  of  the  leading  edge  plane  of 
the  rotor  they  will  be  reflected  back  into  the  passage  by  the  suction  surface  of  the  upstream  NGV 

[163.  In  the  cascade  tests  the  weak  shock  waves  propagate  out  of  the  leading  edge  of  the  cascade  and 

continue  upstream  into  the  low  velocity  flow. 

Interaction  between  Different  Shock  Waves  and  the  Wake 

There  are  many  examples  of  the  shock  waves  passing  through  each  other.  Typically,  when  the 
reflected  bow  shock  wave  is  propagating  towards  the  pressure  surface,  it  crosses  over  the 
recompression  shock  wave,  which  is  being  refracted  around  the  leading  edge  of  the  upper  blade.  In  all 

of  the  cases  studied  the  waves  cross  with  no  indication  of  any  interaction.  This  suggests  that  they  are 

all  weak  shock  waves  The  interaction  between  the  waves  and  wakes  appears  to  have  little  effect  on 
either,  other  than  to  reduce  the  definition  of  the  waves  in  the  schJieren  images. 

Time  Resolved  Surface  Pressure  Measurements  for  Mbre,£  U3 

The  surface  pressure  measurements  presented  in  this  section  has  been  either  ensemble  averaged 
or  filtered  using  a  Hanning  filter.  Typical  16  bar  data  are  shown  in  Fig.  12.  All  show  the  characteristic 

overlaying  of  phenomena.  The  net  effect  is  a  periodic  waveform  characterised  by  a  number  of  vprj 
steep  positive  and  negative  spikes.  These  spikes  are  associated  with  the  passing  of  unsteady  shock 
waves.  In  the  two  bar  configuration  tests,  as  shown  in  Fig.  13  the  strongest  bar  associated  effects  have 
been  isolated  although  there  is  again  some  evidence  of  residual  pressure  fluctuations  in  the  passage 
when  the  bow  shock  wave  from  the  next  bar  arrives.  The  amplitude  of  the  pressure  fluctuations  is 

more  than  twice  that  measured  in  the  comparable  tests  with  no  rotating  bars. 

It  has  been  shown  [163  that  the  wake  produced  by  the  bar  with  an  Mbrel  of  1.13  is  much 
smaller  in  terms  of  width  and  velocity  deficit  ratio  than  the  wake  produced  by  the  bar  with  an  Mbrei 
of  0.75.  The  maximum  velocity  deficit  ratio  for  the  subsonic  tests  was  approximately  0  3  compared  with 

0.1  for  the  supersonic  test  case.  The  maximum  "negative  jet"  velocity  in  the  wake  for  the  subsonic  test 

will  be  M  =  0.215,  while  that  for  the  high  speed  case  will  be  M  =  0.'.13.  There  will,  therefore,  be  a 
surface  pressure  fluctuation  on  the  blade  associated  with  the  wake  passing,  though  it  will  be 
approximately  1/^  of  the  amplitude  of  the  perturbations  detected  in  the  subsonic  bar  tests.  The 
pressure  wave  reflected  off  the  suction  surface  when  the  "negative  jet"  impinges  there  will  also  exist, 
as  will  the  reduction  In  pressure  caused  by  the  interaction  between  the  "negative  jet"  and  the 
accelerating  flow  in  the  leading  edge  plane.  The  pressure  rise  detected  in  the  rotor  passage  bet  ore  the 
arrival  of  the  wake  will  exist  in  these  tests  but  in  the  form  of  a  detached  bow  shock  wave  and  will 
therefore  be  larger  and  steeper  than  the  pressure  change  seen  in  the  subsonic  tests.  The  measured 
pressure  fluctuations  associated  with  the  shock  waves  are  almost  an  order  of  magnitude  larger  than 
those  expected  from  the  wake.  It  is  unlikely,  therefore,  that  the  pressure  fluctuations  associated  with 
the  wake  will  be  identifiable. 

The  position  and  shape  of  the  recompression  shock  wave  will  be  independent  of  Mt and  so 
it  will  remain  parallel  to  the  bar.  The  maximum  synchronisation  error  associated  with  the  spanwise 
variation  in  transducer  position  will  be  approximately  10  ps  for  the  recompression  shock  wave  The 
position  and  strength  of  the  bow  shock  wave  is  strongly  dependent  upon  the  local  M hiel  of  the  bar. 
the  errors  associated  with  the  calculation  of  the  detached  bow  wave  position  make  it  impossible  to 
predict  the  position  of  the  bow  wave  with  any  confidence,  although  the  trend  is  for  it  to  move  closer 
to  the  stagnation  point  as  the  flow  speed  increases.  The  strength  of  the  bow  wave  will,  therefore,  vary 
over  the  spanwise  range  of  the  surface  instrumentation.  The  most  accurate  indication  of  the  bow  wave 
strength  over  the  range  of  Mbr^t  considered  is  the  static  pressure  rise  across  a  normal  shock  wave 
with  that  value  of  upstream  Mach  number.  The  range  of  Mbr*i  forming  the  waves  seen  by  the  surface 
irstrumentation  is  1.08  -  1.18  t  p/po  -  1-194  -  1.458.  This  is  a  significant  range  in  shock  wave  strengths 
and  must  be  considered  when  analysing  the  shock  wave  passing  effects  on  the  time  resolved  pressure 
signals. 


The  two  large  pressure  pulses  labelled  “A"  and  ”B"  on  the  two  bar  pressure  traces.  Figs  13. 
are  the  result  of  the  impingement  of  the  bow  and  recompression  shock  waves  on  the  blade  surface. 
The  effects  of  the  synchronisation  errors  caused  by  the  spanwise  transducer  positions  is  dear  in  this 
data,  comparing  Figs.  13(c)  and  (d)  at  MPs  P3  and  P*  K/cax  -  0.3!  and  <»  3‘h  respectively  on  the 
pressure  surface.  The  latter  data  is  recorded  at  a  point  at  a  radius  of  |C*0  mm  from  the  centre  of  the 
disk,  while  the  former  comes  from  a  point  at  a  radius  of  140  mm  In  the  data  the  pressure  pulse  from 
MP  P4  (x/eax  =  0.39)  is  larger  in  terms  of  amplitude  and  closer  in  terms  of  time  to  the  pulse 
associated  with  the  recompression  shock  wave.  The  duration  of  the  pulses  associated  with  both  waves 
increases  as  the  waves  propagate  along  the  pressure  surface. This  is  due  to  the  splitting  of  the  wave 
seen  in  the  schlleren  results.  Both  waves  become  weaker  as  they  propagate  through  the  passage  as 
they  are  divergent. 
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On  the  early  part  of  both  surfaces  there  is  a  large  drop  in  pressure  "C"  between  the  two 
waves  (Figs.  13).  This  is  caused  by  the  expansion  fan  which  exists  around  the  bar.  The  effect  is 
reduced  as  the  expansion  propagates  through  the  passage. 

The  two  waves  reflect  off  the  suction  surface  and  re-traverse  the  passage,  impinging  onto  and 
being  reflected  off  the  blade  near  to  the  trailing  edge  of  the  pressure  surface  first,  then  propagating 
forward.  The  pressure  pulses  associated  with  this  are  labelled  "D”  and  ”E'\  Fig.  13.  In  the  data  for  MP 
P+  (x/cax  =  0.39)  the  pulse  caused  by  the  recompression  shock  wave  "B"  and  that  caused  b>  the 
refected  bow  wave  *’D"  lie  exactly  on  top  of  each  other  causing  a  single  large  pulse. 

When  the  waves  impinge  on  the  pressure  surface  they  form  a  re-reflected  wave  which  is 
propagated  back  across  the  passage  to  the  suction  surface.  The  pulses  associated  with  this 
impingement  are  labelled  “F”  and  "G''in  Fig.  13.  The  relative  timing  of  the  two  waves  is  such  that  as 
the  re-reflected  recompression  wave  is  impinging  upon  the  suction  surface,  the  bow  shock  wave  which 
has  made  one  more  crossing  of  the  passage  and  almost  merges  with  it.  Also  shown  in  Fig.  13  is  a 
pressure  pulse  "H".  This  is  due  to  shock  reflections  from  the  endwalls  of  the  tunnel,  because  of  an 
initial  spanwise  velocity  of  the  shock  waves  leaving  the  rotating  bar. 

The  propagation  of  the  shock  waves  becomes  difficult  to  analyse  later  than  this  point  due  to 
the  overlaying  of  the  bow  and  recompression  shock  wave  reflections,  together  with  those  reflected  off 
the  end  wall.  It  is  clear  that  the  waves  continue  to  be  reflected  across  the  passage  causing  surface 
pressure  fluctuations  until  the  arrival  of  the  bow  shock  wave  associated  with  the  next  bar. 

16  Bar  Test  Results 

The  two-bar  surface  pressure  data  was  again  reprocessed  to  simulate  the  16  bar  traces.  The 
results  of  this  are  shown  in  Fig.  14  which  can  be  compared  with  Fig.  12. The  agreement  between  the 
two  sets  of  data  is  fairly  good,  although  the  amplitude  of  the  high  peaks  and  deep  troughs  are  greater 
in  the  superposed  2  bar  data.  This  suggests  that  there  is  a  weak  interaction  between  the  strong  shock 
waves  and  the  expansion  fan. 

TIME  AVERAGED  RESULTS 

The  mean  effect  of  the  NGV  simulation  on  the  surface  pressure  can  be  seen  in  Fig.  II.  Data  are 
presented  with  no  bars,  and  with  16  bars  for  two  bar  relative  Mach  numbers  of  0.75  and  1 .13.  The  total 
pressure  was  measured  with  a  Pitot  tube  mounted  downstream  of  the  rotating  bars,  as  this  is  the  total 
pressure  seen  by  the  blades.  The  static  pressure  ratio  measured  on  the  pressure  surface  of  the  blade  is 
independent  of  the  rotating  bars  at  an  Mbrel  =  0.75.  but  shows  a  slighht  reduction  at  Mbrel  =  1.13. 
However,  the  effect  on  the  suction  surface  is  much  greater.  The  static  pressure  ratio  rises,  indicating 
an  unloading  of  the  blade.  This  is  due  to  the  "negative  jet”  effect  of  the  wake  contacting  the  suction 
surface  of  the  blade.  It  is  very  prominent  up  to  an  axial  chord  of  0.6.  the  region  of  the  throat  After 
this  the  two  lines  diverge  slightly,  showing  slight  unloading  of  the  blade.  The  unloading  is  greater  for 
Mbrr j=  1.13  than  Mbre/*0.75,  because  of  the  greater  bar  velocity  and  hence  greater  transverse  wake 

momentum  transfered  to  the  blade. 

CONCLUSIONS 

Analysis  of  the  isolated  wake  results  at  M^rel  =  0.75  has  demonstrated  the  existence  of  a 
various  phenomena  such  as  the  "negative  jet"  associated  with  wake  passing.  A  number  of  pressure 
waves  which  have  been  shown  to  propagate  across  the  passage.  The  first,  caused  by  a  pressure  wave 
moving  in  front  of  the  bar,  will  exist  in  the  16  bar  tests  but  not  in  a  full  turbine  stage.  The  second  is 
caused  by  the  impingement  of  the  "negative  jet",  which  causes  a  pressure  rise  on  the  suction  surface 
and  hence  a  wave  which  propagates  through  the  passage.  An  expansion  wave  causes  a  pressure  drop  on 
the  suction  surface  before  the  arrival  of  the  wake.  It  is  the  result  of  an  interaction  between  the  wake 
and  the  accelerating  fluid  crossing  the  leading  edge  plane  of  the  cascade  and  is  likely  to  influence  the 
turbine  loss  characteristics. 

Analysis  of  the  data  recorded  in  the  two  bar  configuration  tests  has  highlighted  the  behaviour 
of  many  previously  known  phenomena  and  has  also  demonstrated  the  existance  of  new  phenomena  It 
has  also  been  shown  that  these  effects  occur  in  the  16  bar  tests  and  many  will  occur  in  a  full  turbine 
stage 

The  time  averaged  surface  pressure  measurements  have  shown  that  the  NGV  simulation  has 
little  effect  on  the  pressure  surface  total  to  static  pressure  ratio.  On  the  suction  surface,  the  effect  is 
to  increase  the  surface  pressure  and  reduce  the  lift  on  the  blade.  The  effect  of  the  shock  waves  on 
the  mean  surface  pressure  measurements  is  to  unload  the  blade 

Propagation  of  the  simulated  NGV  trailing  edge  shock  waves  has  been  followed  in  detail  from 
schlieren  flow  visualisation  and  pressure  measurements,  and  it  has  been  shown  that  the  complex  series 
of  reflections  within  the  blade  passage  can  be  related  to  unsteady  blade  surface  pressure  fluctuations 
The  detail  of  the  shock  wave  propagation  model  presented  forms  a  test  case  for  comparison  with  the 
results  of  CFD  codes  used  to  model  unsteady  rotor  passage  effects. 
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FI*.  1  Rotating  disk  and  bars  with  linear  rotor  blade 


cascade. 


Fig.  2  Position  of  surface  pressure  tappings  for 
time  averaged  pressure  measurements  also 
indicating  position  of  spanwise  instrumentation 
plane  from  centre  of  the  rotating  disk.  The 
positions  of  wide  bandwidth  surface  pressure 
instrumentation  are  indicated  by  a 


Fig.  7(a)  Schlieren  photograph  recorded  in  16  bar 
configuration.  Afbre/  =  1.16,  approximate  bar 
positions  shown. 


Fig.  7(b)  Schlieren  photograph  recorded  in  2  bar 
configuration.  MbrW  =  1.16.  approximate  bar 
position  shown. 


Rf.  6  Propagation  of  shock  waves  though  rotor 
passage,  2  bars,  Mbrmt  *  1.1*. 


leading  edge  nucleating  vortex  and  separation 
bubble,  also  pressure  surface,  shock  wave 
interaction.  2  bars.  Mbr9l  *  1.16. 
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Rg.  12  Ensemble  averaged  time  resolved  surface 
pressure  measurements  for  l<*  bar.  Mbrt.f  =  J.J3 


TIME  US> 

la)  leading  edge  MP  Pi 


aw 


_1_ 


an  i.s  i.n  2.co 

TIME  6.0 

(bl  Pressure  surface  MP  P3.  \/t  a\  =  0.21 


Suction  surface  MP  Pll>,  \/ca\  =  0.21 


Pa-155kP*  M*0. 31 


-on  -as  as  an  i.oo 

<b>  Pressure  surface.  MP  P3.  \/rd\  =  0  21 


Fig.  13  I  nsemhle  averaged  time  resolved  surl 
pressure  measurements  for  2  bar.  M(,,„|  =  1 


Fig.  14  Predicted  ff»  bar  lime  resolved  surface 
pressure  measurements,  from  2  bar.  Mbr_,  =  1.13 
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N.A.flhwed  -  Cranfield  Institute  of  Technology,  U.K. 

Hem  repeteable  were  the  results,  say  e.g.  those  presented  in  figure  131  Can  the  authors  give 
some  estimates  or  a  few  figures  to  illustrate  the*. 

Author's  response: 

The  results  are  very  repeteable.  The  curve  in  figure  13(fi  has  been  low  pass  filtered  with  a 
30  KHz  bandwith  and  enseable  averaged  in  order  to  remove  rand  cm  pressure  fluctuations  and  highlight  the 
features  associated  with  the  periodic  band  passing.  Too  Hide  bandwidth  (MOO  KHz!  raw  data  are  shown  in 
the  figure  below.  In  spite  of  the  added  random  pressure  fluctuation  and  instrumentation  noise,  the  major 
features  due  to  shock  wave  passing  highlighted  in  figure  13(f)  are  easily  identified  and  repeat  both 
cycle-  ter  cycle  and  run-to-run.  Similar  good  repeatability  has  been  seen  with  16  bars. 


TIME  (SEC) 

Raw  data  traces  from  runs  6240  and  6241  for  2-bars. 

M^rel  s  ITT.  Suction  surface  model  point  16  lA  pressure  scale  offset  has  not 
been  removed) 
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SUMMARY 

*  he  linearized  unsteady  aerodynamic  re  nuise  of  a  cascade  of  airfoils  subject*  d  to  entropic.  vorti.  al.  and  acoustic  gusts  is 
analyzed.  Field  equations  for  the  first-order  unsteady  perturbation  flow  are  obtained  by  linearizing  t lie  full  lime-dependent  mass, 
momentum,  and  energy  conservation  ’quations  about  a  nonlinear,  isentropic.  mid  irrotntional  mean  or  steady  II  a.  A  splitting 
technique  is  then  used  to  decompose  the  unsteady  velocity  field  into  irrotatioiial  and  rotational  | »«» i » leading  to  field  equation' 
for  the  unsteady  en*ropy.  rotational  velocity,  and  irrotatioiial  velocity  duel  nations  that  are  coupled  only  sequentially.  I  lie 
entropic  and  rotational  velocity  Hii‘tuatio»*s  can  be  described  in  terms  of  the  mean  flow  drift  and  stream  functions  whii.li  can  be 
computed  numern  ally.  The  irrotatioiial  unsteady  velocity  is  described  by  an  inhomogeiieou.-  linearize*  1  potential  equal  ion  winch 
contains  a  source  term  that  depends  on  the  rotational  velocity  In  Id.  This  equa'ion  is  solved  via  a  tinite  difference  leiltniyu*. 
Results  are  presented  to  indicate  t fie  status  <*f  the  numerical  solut ion  procedure  and  to  demons! rate  th  imp.o  t  of  blade  ginn-et  i  v 
and  mean  blade  loading  on  tin1  aerodynamic  response  of  cascades  to  vortical  gust  excitations.  I  lie  analysis  described  herein 
leads  to  very  efficient  predictions  of  cascade  unsteady  aerodynamic  phenomena  makiiie  it  useful  f« «r  'urhoma<  hmcry  a«T«*el,i-t  <. 
and  aeroacoustic  design  appl nations. 

I.  INTRODUCTION 

Destructive  f«  rcro  vibrations  ran  occur  in  ti/rbornarhinrry  bfotiinj*  when  a  periodic  aerodynamic  force,  with  frequem  >  •  !<•-,  *•. 
a  system  natural  fseouericy.  acts  on  the  blades  in  a  given  row .  A  primary  source  of  such  vihrat  ions  i-,  the  uei  (.dynamic  mtet.'u  t  !«■•••■ 
t*et ween  adjacent  blade  rows,  of  which  the  two  principal  types  are  traditionally  refen e« I  i<.  as  potential  !l**w  npet.e  •  i< -n 
.vake  interaction.  The  former  results  f  >m  the  variation  ir  the  velocity  potential  .  .r  piossuie  tieM  .i"<«  iaie.i  wti  U  >  !<;.  *■!<■>  .  f 
a  given  row  and  their  effrv't  on  the  blades  of  a  neighboring  row  moving  at  a  different  rotational  spewf.  |  hi*  ‘\pe  .*!  .ir.T.e  t.o- 
is  of  serious  concern  when  the  axial  spanngs  between  neighboring  blade  rows  are  small  or  flow  Mach  number  are  h •*» h  \\ak« 
interaction  is  the  effect  of  the  wakes  shed  by  one  or  more  upstream  rows  upon  the  flow  through  a  given  blade  row  Vljp  type 
of  interaction  can  persist  over  considerable  axial  distances. 

Until  recently,  the  iriviscid  unsteady  aerodynamic  analyses  that  have  be*e»  available  fur  turbomac  hinery  aeroelasfii  appli 
cations  were  based  on  classical  linearized  theory  (for  an  in  formative  review  see  Whitehead  l]l.  Here  the  stead.  and  hartnoni*' 
unsteady  departures  of  the  flow  variables  from  a  unifoii  i  free- stream  are  regarded  as  small  and  of  the  same  order  of  rnag:.iiu  lr. 
leading  to  uncoupled  linear  constant  coefficient  boundary- value  problems  for  the  steady  and  the  complex  amplitude  ..f  the 
unsteady  disturbances.  Thus,  unsteady  solutions  based  on  the  classical  linearization  are  essentially  restricted  t.»  cascades  <  *' 
unloaded  Hat -plate  blades  which  operate  in  an  entirely  subsonic  ut  an  entirely  supersonic  eiivirunrneni .  Very  efficient 
analytic  solution  procedures  have  been  developed  for  two-dimensional  attached  subsonic  J'J.d.-t.  and  supersonic  "> .t . . 7 . ^  tl«*w». 
and  have  h«*en  applied  with  some  success  in  turbornachinery  aeroelastic  am!  aeioacoiistir  design  * -alcul.it ion-.  I'  'di<*u!d  abo  b* 
mentioned  that  extensive  efforts  have  l»een  ma-'  *  to  develop  three-dimensional  unsteady  aerodynamic  analyses.  based  on  he 
classical  linearizalii-*  for  turbornachinery  aeroelastic  and  aeroacoustic  applications  [!>]. 

Hecause  of  the  limitations  in  physical  modeling  associated  will,  tin*  classical  linearization,  mure  gemual  nvo  dimensional 
invisrid  linearizations  have  been  developed  (10.11.12).  These  methods  ace  t*t  for  the  etlWis.  nf  important  cl.*-ign  features 

such  as  real  blade  geometry,  mean  blade  loading  and  operation  at  transonic  Mach  numbers  oi,  t| . n-t«*ady  ,»er..d\ TM.ni. 

re.sp.,ri>e  of  a  cascade.  Here,  unsteady  disturbances  are  regarded  as  small  amplitude  harmonic  Mu  'nations  about  ,i  :i.-;r:*isf.»n; 
st<a<ly  bac  kgro'  *'d  How  I  he  steady  flow  is  determined  as  a  solution  of  a  nonlinear  uivt-c  i-l  expiation  i.  and  the  t-jti-'f  •*.n  |\ 
How  is  governed  by  a  si*i  of  linear  equations  with  v  iable  m>  'li*  ienis  that  depend  upon  the*  umlerlvuit'  tradv  flow  I  U* 
type  of  analytical  model  has  receiver!  considerable  attention  in  recruit  yeais.  ami  we  refc*  the  reader  to  *!.*'  recent  articles  by 
Verdou  (ld.ltj  for  a  t|et ailed  description  of  the  theoretical  formnlatioii.  Useful  solution  .Jporithms  for  » li«*  tiuiTm  tr  sie.tdv 

problem  ar«*  currently  available,  and  solution  meihorls  jl’i]  for  linearize**!  unsteady  p**rturbaiions  of  eent topic  .in.j  nr . ’kih.i! 

s 'early  background  Hows-  h.iv«'  rea/hed  the  stage  where  it  is  appropriate  '•»  consj der  them  f*>r  t  urhcim.n  him‘ry  aeroei.v.tjr  and 
aeroacoustic  design  applications.  Unfort unalely.  for  tlie  most  part,  these  have  oidy  been  developed  for  Made  flutter  and  amustn 
r*  sprmse  applications.  Recently.  Hall  ami  Urawley  [I’iJ  us«  -I  the  linearized  Filler  «*qiiati»uis  <"  desc  ribe  tlie  umf.  ady  ll->u  in 
<  as*  acles  subjr « t#*d  to  wake  (*•  ,  topic  and  vortical )  excitations.  I  lie  linearize-*  Euler  technique  whil«*  sn»nitn  ant  ly  more  efficient 
than  time  marching  Euler  codes,  is  not  as  .-fficient  as  a  linearized  analysis  based  on  tlie  isenfrope  and  imitation;-!  mean  flow 
asMimpt  ions 

If  the  How  is  subsonic  or  transonic  with  weak  shocks,  then  ihe  mean  flow  is  irrotatioiial  and  isen»ropi«;.  I  mEr  these 
circumstances,  the  invisrid  conservation  eq  at  ions  ran  be  simplified.  (loldstein  (It*. 1 7;  expos.*—!  the  linearized  tn\i-<  id  equal  >ns 


Figure  l:  Two-dimensional  compressor  cascade 

ui  noncon-rrvativr  form  and  used  a  splitting  technique*  to  study  the  behavior  of  vortical  and  entropic  gusts  fur  flows  iu  which 
the  steady  component  is  both  irrolational  and  isentropic.  Hie  unsteady  velocity  field  is  split  into  irrotational  and  rotational 
parts  leading  to  linear  variable  coellicient  equations  for  the  entropy,  rotational  velocity,  and  velocity  potential.  These  field 
equations  are  sequentially  coupled  sir  that  the  entropy  transport  equation,  the  rotational  velocity  transport  equation,  and  the 
elliptic  velocity  potential  equation  can  be  solved  in  order.  Furthermore,  the  entropy  and  rotational  velocity  can  be  expressed  in 
closed  form,  finally,  the  unsteady  potential  is  described  by  an  inhomogeneous  wave  equation  in  which  the  source  term  depends 
upon  the  rotational  velocity  field.  I  lie  major  computational  expense  is  associated  with  .solving  the  latter  equation.  Heme,  this 
appioach  like  the  linean/ed  Kuler  technique  can  be  used  to  analyze  the  gust  response  problem,  but  it  is  nearly  as  efficient 
as  the  potential  techniques  used  for  flutter  prediction.  Furthermore,  since  the  potential  equation  is  essential!)  the  same  as  that 
-okvxi  using  th<  current  unsteady  potential  codes  [10.!  lj.  the  splitting  technique  can  bo  incorporated  into  these  existing  codes 
One  drawback  of  <  ioldstein’s  velocity  splitting  technique  is  that  the  rotational  velocity  is  singular  along  blade  and  wake  surfaces 
t«*r  flow-  containing  stagnation  points.  At  as  si  and  (Irzedzinski  jlJS]  have.  Iiowevet.  proposed  .1  mmlific  at  ion  to  (iold-tein‘>  them) 
w  I ii«’ii  1  «‘ii  i*  .\e>  *  hi-  singularity. 

In  this  papei.  an  analysis  based  on  Atassi  and  Cl rzedzin ski's  formulation  is  presented.  This  analysis  ha.-  h<vu  implemented 
into  an  **\i-tinc  computer  code  I.INI  I.O  which  can  be  u>e<l  to  predict  the  unsteady  pressure  rej.pon.-e  of  tea!i-tii  cascade 
configurations  to  prescribed  external  aerodynamic  ii.e.,  incident  entropic.  vortical  and  acoustic  disim banco j  and  structural 
1  Idad**  motions)  excitations.  I  he  analysis  is  applied  herein  to  .1  number  of  cascade  configurations,  and  the  results  demonstrate 
1  hat  mean  loading  has  a  strong  effec  t  on  the  unsteady  aerodynamic  response  to  iu<  idem  vurtiial  excitations 

2.  PHYSICAL  PROBLEM 

\\e  wi-li  to  consider  tin*  aerodynamic  response  of  a  cascade  of  blades,  such  as  the  nr.'*  shown  in  Fig.  1.  that  uitera>  ts  with 
wakes  or  inlet  flow  distort  ictus  1  he  main  positions  of  the  blade  chord  lines  coincide  with  the  line  segments  y  -  s  tan  B  *  m(  /.  (t  • 
l  ’  cost-).  in  -■  0.  +1,  f  2.  .  .  .  where  £  and  y  are  coordinates  in  the  cascade  axial  md  “circumferential’"  direct  ion*.  p*spe«  tively. 
m  is  a  blade  number  index.  B  is  the  cascade  stagger  at.gle,  and  (i  is  the  cascade  gap  veitor  which  1-  directed  .done  the  »/  axis 
with  magnitude  equal  to  the  blade  spacing.  In  the  present  discussion  all  physical  quantities  are  dimensionless  lengths  are 
scaled  with  respeel  to  blade  chord,  time  with  respect  to  the  ratio  of  blade  chord  to  upstream  free*  'I  ream  speed,  density  and 
\e|o«ity  with  respect  to  upstream  free- 'i ream  density  and  flow  speed,  respectively,  pressure  with  respe.  t  in  t|i<-  pioduct  of  the 
up-fream  free  stream  density  and  the  piare  of  the  upstream  free- stream  spied,  and  entropy  with  respect  in  'le-  fluid  specific 

heat  ,ii  diii'i;t:ii  pressure, 

I  he  time  dependent  or  unsteady  fluctuation-  in  the  flow  can  arise  from  one  or  more  of  ihe  following  s«*ur«es  blade  mot  mits. 
up-tream  and/oi  downstream  acoustic  di-turbahces  which  carry  energy  towaid  the  blade  tow.  and  npstieam  eutropn  and 
vortical  disturbances  which  are  converted  through  the  blade  row  by  the  mean  flow.  I  he  foregoing  rxi  it  at  ion-  are  ea«  fi  assumed 
to  be  of  small  amplitude*,  i.e..  of  order  c,  periodic  m  time,  and  to  occur  at  temporal  frequeurv  *.■  |  lie  external  aerodynamic 

excitations  are  also  spatially  periodic.  In  the  present  investigation,  we  are  primarily  concerned  with  inlet  entropic  and  vottual 
disturbances.  Far  upstream  of  the  blade  ;«.av  the  entropic  and  vortical  disturbances  are  of  the  form 

.'(X.t)  -  /b  {. s  X  exp[i(rc  .x  -  x+o.‘f)j}  111 


C(X.  0  “  Hf{ C-  ,  exp[i(rc  .  •  x  +  *•/))}  . 
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where  s.,*,  and  £_<*,  are  the  complex  amplitudes  of  incident  entropic  and  vortical  fluctuations,  x  is  a  position  vector  and  t  is 
time.  We  use  the  symbol  *_«>  to  denote  the  wave  number  of  an  incident  disturbance.  Also,  the  temporal  frequency  and  wave 
number  of  an  incident  entropic  or  vortical  disturbance  are  related  by  =  —«_«»  •  V..*,,  where  is  the  uniform  relative  inlet 
velocity. 

3.  UNSTEADY  PERTURBATIONS  ABOUT  A  POTENTIAL  MEAN  FLOW 


While  the  actual  flow  through  a  blade  row  is  extremely  complex,  i.e.,  viscous,  heat  conducting,  and  three-dimensional,  the 
physics  of  the  gust  response  problem  in  axial  flow  machines  is  dominated  by  inviscid  effects  -  at  least  for  attached  flows.  Hence, 
we  assume  that  the  fluid  motion  is  governed  by  differential  forms  of  the  mass,  momentum  and  energy  conservation  laws  for  an 
iriviscid  perfect  gas  (i.e.,  the  Euler  equations).  For  small  amplitude  excitations,  the  time-dependent  flow  can  be  reguarded  as  a 

small  perturbation  about  an  underlying  nonlinear  mean  or  steady  background  flow.  Thus,  for  example,  we  can  set 

V(x.()  =  V(x)  +  v(x,i)4  0(fJ)  (3) 

where  V  is  the  local  steady  velocity,  and  v  is  the  local  unsteady  perturbation  velocity. 

We  assume  that  the  mean  flow  far  upstream  of  the  blade  row  is  at  most  a  small  irrotational  perturbation  from  a  subsonic 
uniform  flow.  In  addition,  any  shocks  that  might  occur  are  assumed  to  be  of  weak  to  moderate  strength  and  have  small  curvat  ure. 
Thus,  changes  in  the  entropy  and  vorticity  of  a  fluid  particle  as  it  passes  through  shocks  can  be  regarded  as  negligible.  Hence, 
the  background  flow  will  be  isentropic  and  irrotational;  i.e.,  V  =  V<1>.  where  4>  is  the  velocity  potential.  I  he  field  equations 
that  govern  the  underlying  steady  flow  follow  from  the  mass  and  momentum  conservation  laws  and  the  isentropic  relations  for 
a  perfect  gas  and  are  given  by 

V-(/>V<D)=0  (4) 

.  _  i 

(.V.  -  />  =  b;Vi =  I  -  bp.'CJtV*)'  -  Ij  .  (Si 

where  XI.  .1.  ft  and  P  are  the  local  Mach  number,  speed  of  sound  propagation,  density  and  pressure,  respectively,  and  is  the 
specific  heat  ratio  of  the  fluid.  Numerical  procedures  for  determining  two-dimensional  steady  potential  flows  through  cascades 
have  been  developed  extensively,  e.g..  see  j  19,21)].  particularly  for  flows  with  subsonic  relative  inlet  and  exit  Mach  numbers  {i.e.. 
\tTX  <  I). 

1'he  field  equations  that  govern  the  first-order  unsteady  perturbation  of  a  nonlinear  isentropic  and  irrotational  steady  flow  are 
determined  from  the  full  nonlinear  time-dependent  mass,  momentum  and  entropy- transport  equations  and  the  thermodynamic 
equation  relating  the  entropy,  pressure  and  density  of  a  perfect  gas.  After  performing  some  straightforward  algebra  (see  ’1 3.14]). 
we  obtain  a  system  of  differential  equations  for  the  first-order  entropy  (■>).  velocity  (V)  and  pressure  (/»).  respectively.  Ihesc 
equations  can  he  cast  in  a  very  convenient  form  by  introducing  the  Goldstein  velocity  decomposition  [16,17].  Thus,  after 
setting  v  =  V&  +  v/j  where  the  unsteady  potential  fluctuation  o  governs  the  unsteady  pressure  fluctuation  through  the  relation 
p  =  -f/Do/Pt.  and  D/Dt  -  dje H  +  V<1>  V  is  a  mean  flow  convective  derivative  operator,  we  find  that  the  field  equations  l fiat 
govern  the  unsteady  flow  variables  can  be  written  in  the  form 


AG 

Dt 


=  0  . 


and 


-  .sV4>/2)  -f  ((v/<  -  .sV<I>/'2)  •  V;V«1>  =  U  . 
7^(4 2~T7?)  -  V  ■  fpVo)  =  />  '  ‘V  (pv»i  . 


i  x ! 


Several  interesting  features  of  these  equations  are  worth  noting.  First,  they  are  linear  and  contain  variable  foeilifieni s  that 
depend  upon  the  mean  flow.  Second,  the  equations  for  s,  v fi,  and  o  are  sequentially  coupled.  Hence,  instead  of  solving  a  coupled 
set  of  four  filiations,  we  can  solve,  in  order,  a  scalar  equation  for  the  entropy,  a  vector  equation  for  the  rotational  velocity,  and 
a  scalar  filiation  for  the  velocity  potential.  Finally,  a  convection  equation  describes  the  behavior  of  the  entropy,  a  modified 
convert  ion  equation  describes  the  rotational  velocity,  and  an  inhomogeneous  converted  wave  equation  with  a  sour<e  tern,  that 
depends  upon  the  rotational  velocity  describes  tin-  velocity  potential. 

1  his  form  of  the  governing  equal  ions  is  very  general  in  that  it  describes  the  complete  t  itne  dependent  firM  order  pert  urbai  ion 
about  ai.  isentropic  and  irrotational  mean  flow.  Most  flows  of  interest  in  turbomachinery,  however,  arc’  periodic  in  time  with 
period  7  .  Hence,  the  unsteady  flow  can  be  represented  by  a  Fourier  series  iti  which  the  fundamental  frequenc  y  is  2*/ T.  Since 
the  first -order  equations  are  linear,  the  behavior  of  each  Fourier  component  can  lie  analyzed  individually,  then  summed  together 
to  form  the  total  solution,  rims,  without  loss  in  generality,  we  could  analyze  the  Fourier  components  term  by  term,  and  then 
sum  the  results.  In  this  case,  the  time  dependent  terms  in  Fqs.  (ti)-(S)  would  be  replaced  by  the  individual  terms  of  the  l-ouricr 
series,  e  g..  «Mx.U  — *  tftxfexpf  and  the  convective  derivative  operator  by  P/Pl  t*.  t  V4*  V 

(  sing  the  harmonic  description  of  the  unsteady  flow,  the  explicit  time  dependence  ran  be  removed  from  the  linearized 
problem.  Equations  (fi)  (7)  for  the  entropy  and  rotational  velocity  can  be  solved  over  a  single  extended  blade  passage  region 
subject  to  boundary  conditions  along  l lie  upstream  far- field  boundary.  I  he  potential  equation.  Eq.  IS).  requires  boundarv 
condition*  around  the  entire  domain,  i.e..  the  upstream  and  downstream  far  field  boundaries,  the  upstream  periodic  boundaries, 
and  t  lie  airfoil  and  wake  surfaces  (see  fig  2). 
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Figure  2:  Extended  blade-passage  solution  domain  and  computational  grid. 


3.1  Entropy  and  Rotational  Velocity  Fluctuations 

As  demonstrated  by  Goldstein  (16},  closed  form  solutions  for  the  entropy  and  rotational  velocity  fluctuations  throughout  an 
extended  blade-passage  region  can  be  determined  in  terms  of  the  drift  (A)  and  stream  ('!')  functions  of  the  steady  background 
flow.  The  former  measures  the  time  required  for  a  fluid  particle  to  traverse  the  distance  between  points  on  a  streamline,  lor 
the  present  application  we  define  the  drift  and  stream  functions  as  follows 

A(x)  =  A0-t  /  (9) 

<'x^+(pV):)x*(x)e.v 

and  r, 

'I'(x)  =  +  J  /i(e.  x  V )  •  dr  .  (I0i 

In  equations  (9)  and  (10),  x_  is  the  position  vector  to  (lie  point  of  intersection  »■£_.»/_ i  of  (lie  reference  blade  stagnation 
streamline  and  the  axial  Jine£  —  .  e,  is  a  unit  vector  pointing  out  from  the  page.  e\  =  e.  x\’.,  /V_-<  is  a  unit  vector  normal 

to  the  upstream  free- stream  velocity,  dr*  is  a  differential  element  of  arc  length  along  a  streamline,  and  dr  i*.  a  differential  vector 
tangent  to  the  path  of  integration  in  (10).  I  lie  value  of  A  at  a  given  point  x  is  determined  l»v  pertormitig  the  integration  i:;  idi 
along  the  streamline  that  passes  through  x,  whereas  'l'(x)  is  independent  of  the  patli  list  d  to  evaluate  tin*  line  integral  in  [  10 1 
VVe  introduce  the  vector  X  -  Vx  t  =  T_-*,(A  -  <)er  +  (^ -•  x)1  where  e;  is  a  mm  vector  pointing  in  the  dinvtiou  of  the 
upstream  free-stroam  velocity,  and  the  functions  A  -  t  and  are  independent  material  properties  <or  l  agrangian  coordinate^ 
of  tlie  steady  background  flow.  Furthermore,  we  choose  t lie*  constants  d'c,  and  Ao  so  that  X  x.  as  £  —  -  x  It  follow ^  that 
any  arbitrary  scalar  or  vector  function,  say  F .  of  (X  -  V_-».  t)  is  converted  without  <hnngo  by  the  steady  background  How  and 
that  J-  is  a  function  of  x  -  V_^f  far  upstream  of  the  blade  row.  i.e.. 

-  V_„«)  =  0  ..ml  _l.ni  ^ilX  -  V_x/fl  =  :F(x  V„xfl  (1C 

1  he  foregoing  considerations  permit  us  to  write  immediately  the  sob'.'  ion  to  the  entropy  transport  equation  (t* 1  whit!.  sat  i sties 
the  upstream  condition  ( 1 )  as 

s (X.n  =  .'-,[(x  v.x/:>M-.x«-xpiiK_x  (X  v_xnj}  -  vp.^t w  .  .u> 

where  .«(x)  -  exp(iK_-^  X  I  is  the  complex  amplitude  of  the  lirst -order  entropy  fluctuation. 

The  rotational  velocity  fluctuation  can  also  be  expressed  in  terms  of  the  drift  and  stream  functions  of  the  steady  background 
flow  and,  in  this  case,  the  pr«*scribed  upstream  rotational  velocity  distribution.  For  a  two  dimensional  irrotational  steady 
background  flow,  the  general  solution  to  the  rotational  velocity  transport  equation  i"i  is  given  by 

Vft  ~  V  X  •  -4(X  -  V_v.f)  +  -V4>  (13 1 

The  particular  solution  to  Kq.  (7)  that  satisfies  the  far  upstream  condition  (2)  can  be  obtained  by  setting 

AiX-  V_„f)  =  vw._„(X  -  V_yf)  -  .h.„(X  -  V. ,  MV.x/2  .  1 14) 


il'_x,/)  is  given  above  and 


vH._x.(X  -  V_x.f) --  expftK,  (X  v . ,  nj| 
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After  combining  (12)  through  (15),  we  find 

vr(x,/)  =  R(  {[V  (•:  X  •  A..*.  +  .s_^.V4>/2)cxp(?#c_.x.  ■  (X  -  V_.x./)]}  =  vn(x)<*xp(i-d)  ,  (16) 

where  A.*.  =  V/j V-^/2  and  V«(x)  is  the  complex  amplitude  of  the  rotational  velocity  fluctuation. 

3.2  Modification  to  the  Goldstein  Velocity  Splitting 

At  this  point  we  have  expressed  the  entropy  and  rotational  velocity  fluctuations  in  terms  of  the  mean  flow  drift  and  stream 
functions.  Therefore,  these  fluctuations  and  the  source  term,  /r’V  •  (pv«).  in  the  unsteady  potential  equation  (8)  can  be 
evaluated  once  the  drift  and  stream  functions,  and  their  derivatives,  are  determined  from  a  solution  for  the  underlying  steady 
flow-.  However,  as  pointed  out  by  Goldstein  and  later  by  A l ass i  and  Grzedzinski  j  1 8] .  if  the  background  flow  has  leading-edge 
stagnation  points,  the  rotational  velocity  will  be  singular  along  blade  and  wake  surfaces.  Such  behavior  is  a  result  of  the  singular 
behavior  of  the  drift  function,  i.e.,  A  — *  n0ln  n  as  n  -h ►  0,  where  n  is  the  normal  distance  from  the  airfoil  or  wake  surface,  an  ’ 
«o  is  a  constant  which  describes  the  behavior  of  the  flow’  in  the  vicinity  of  the  stagnation  point. 

Consider  the  perturbation  velocity 

v  =  Vo  +  v«  .  (17) 

Atassi  and  Grzedzinski  showed  that  if  one  used  the  velocity  decomposition 

V  =  (V<£~  V<?‘)  4  +  V<?*)  =  Vf>'  +  v'w  .  (18) 


where  O'  is  a  pressure-less  or  conve  .cd  potential,  i.e.,  1)0' j Dl  =  0,  then  v'w  satisfies  the  same  transport  equation  [Kq.  (7)]  as 
vrt.  Similarly,  o'  satisfies  th  same  potential  equation  [i.e.,  Kq.  (8)]  as  0 •  Furthermore.  if  one  chooses  o’  carefully.  \'n  will  be 
regular  on  the  blade  -  /id  wake  surfaces.  In  particular,  if  we  set 

*•  =  R.-{[-iu.-'A.x  V..>;+  /•■(>  )]  cxp[(«L _ (X  -V.,./)]}  .  (HI) 


the  rotational  velocity,  v'n  is  given  bv 


=  Re  |  V  c  :  X  •  /•'  +  ^c2  4-  W  4  >  exp[/K_>.  •  (X  -  V  .  .  t  );| 


1 2(1. 


where  Cj  =  -u,’-1  V'_  x  x  A_x)  •  e.  and  /*'(V)  is  a  function  which  depends  upon,  among  other  tilings,  tlie  l>eh  t\  uh  of  the 
mean  flow  in  the  vicinity  of  a  stagnation  point .  This  function  is  chosen  in  such  a  wav  that  the  rotational  velocity  vanishes  at 
blade  and  wake  surfaces,  lit  particular,  we  set 


(k_x  x  A—x. )  ■  e.(7 cos f L x  2jt(V  -  >k) 

-  /«<>*■')  ( f’cosU 


where  )  is  4t/(pV’)-oc .  This  choice  of  F  eliminates  the  singular  behavior  of  the  rotational  velocity.  Indeed.  v'w  -  0  on  blade 
and  wake  surfaces.  However,  the  perturbation  potential  source  term.  p~]  V  (pv',j),  is  still  singular  at  these  surfaces. 

Equations  (12)  and  (20)  relate  the  complex  amplitudes  of  the  firsi -order  unsteady  entropy  ami  rotational  velocity  fluctuations 
to  their  prescribed  amplitudes.  s_^  and  and  wave  number.  #c_.v.  at  inlet  and  to  tin-  velocity,  drift  function  and  stream 

function  of  the  steady  background  flow.  Note  that  \'n  depends  upon  A  and  ^  and  the  first  partial  derivative  of  these  functions. 
Therefore,  the  unsteady  vort icily.  V  x  v'H.  and  the  source  term,  p  ~’(V  pvJ,)  depend  also  upon  the  second  partial  derivative* 
of  the  mean-flow  drift  and  stream  functions.  Thus,  an  accurate  solution  for  the  nonlinear  steady  background  flow  is  a  critical 
prerequisite  to  properly  determining  the  unsteady  efforts  associated  with  inlet  entropic  and  vortical  excitations. 


4.  NUMERICAL  SOLUTION  PROCEDURE 


The  theoretical  foundation  for  the  prevent  linearized  analysis  has  been  outlined.  We  will  proceed  to  discuss  the  procedures 
used  *o  determine  the  complex  amplitude®  of  the  un*teadv  entropy,  a.  rotational  velocity.  v'w,  and  source  term.  p~l  V  (pv'wi. 
Hie  finite-difference  numerical  model  used  to  solve  the  boundary-value  problem  for  the  complex  amplitude  of  the  unsteady 
potential.  O',  has  been  described  in  previous  work.  Since  the  only  changes  required  For  the  gust  problem  are  those  needed  to 
accomodate  the  source  term  in  the  field  equation  (S)  and  rotational  velocity  eflVvts  in  the  far -field  boundary  conditions,  we  will 
not  repeat  the  description  here,  but  simply  refer  the  reader  to  Refs.  [11.21.22]  for  the  details. 


4.1  Generation  of  Streamline  Grid 


In  the  previous  section,  it  was  shown  that  the  unsteady  entropy  and  rotational  velocity  can  be  expressed  in  terms  of  the 
drift  and  stream  functions,  A  and  <!*,  of  the  steady  background  flow.  For  this  reason  it  is  convenient  to  use  an  //  grid  in  which 
one  set  of  mesh  linos  arc  the  streamlines  of  the  steady  background  flow  for  the  numerical  evaluation  of  these  unsteady  flow 
variables.  The  first  step  in  the  grid  generation  process  is  to  specify  the  grid  point  locations  on  the  boundary  of  the  physical 
solution  domain,  i.e.,  the  single  extended  blade- passage  region  of  finite  extent  shown  in  Fig.  2.  The  boundaries  of  this  region 
are  the  suction  and  pressure  surfaces  of  the  blades,  the  upstream  and  downstream  axial  lines  £  -  and  the  upstream  and 
downstream  stagnation  streamlines.  The  stagnation  streamlines  locations  arc  determiner!  from  the  solution  for  the  nonlinear 
steady  background  flow. 
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The  locations  of  the  stagnation  streamlines  are  found  by  particle  tracing,  i.e.,  by  integrating  the  equation 


dr 


-  V 


(22) 


using  a  variable-step,  fifth-order,  Runge-Kutta  algorithm  (23],  from  the  leading  and  trailing  edges  of  a  blade  to  the  far  upstream 
(£  =  £-)  &nd  far  downstream  (£  =  £+)  boundaries.  The  location  of  the  leading-edge  stagnation  point  is  determined  by  curve 
fitting  the  blade  profile  and  the  steady  potential  distribution  along  the  blade  using  cubic  splines.  The  stagnation  point  is  defined 
as  the  point  on  this  curve  at  which  the  steady  potential  has  a  minimum  value,  and  is  found  by  bisection.  After  integrating 
Eq.  (22)  from  the  leading-edge  stagnation  and  the  trailing-edge  points  to  the  far-field  boundaries,  the  calculated  points  on  the 
.lipes  v  '•vvc  fit.  using  cubic  splines. 

Once  the  boundaries  of  the  H- grid  have  been  determined,  the  locations  of  tne  interior  points  are  fonud  u*’T'3  *rid 

generation  technique  similar  to  that  developed  by  Thompson  et  al.  [24].  An  elliptic  grid  generator  offers  the  advantages  that 
relatively  smooth  grids  can  be  determined  and  grids  for  complicated  flow  geometries,  such  as  those  associated  with  cascades 
of  thick,  highly  cambered  blades,  are  easy  to  generate.  Following  Thompson  et  al.,  the  grid  lines  are  described  by  the  partial 
differential  equations 

V2E  =  P  (23) 


and 


V7H  =  Q  . 


(24) 


The  “axial”  and  “streamwise”  grid  lines  correspond  to  lines  of  constant  E  and  H,  respectively.  The  functions  P  and  Q  can  be 
used  to  control  the  spacing  and  orthogonality  of  the  grid  lines.  In  this  investigation,  however,  we  have  chosen  the  function  Q 
so  that  H  is  the  stream  function  4*  of  the  irrotational  steady  background  flow,  i.e.,  Q  =  V  xVp. 

Rather  than  solve  Eqs.  (23)  and  (24)  for  E  and  'P  as  functions  of  £  and  r/,  we  invert  these  equations  to  determine  £  and  r? 
as  functions  of  E  and  tf.  It  can  be  shown  that 


SB?  SBJSi  +  7 


and 


.A  .  S'n 

SZ 1  ^SZdi+^SV 


Si*  (  SZ  *dil 

(  E  vwj  ’ 


(25) 

(26) 


where  D  is  the  determinant  of  the  Jacobian  of  the  independent  variable  transformation,  (£,7)  (E,  ty),  i.e.. 


and  the  coefficients  a,  /?,  and  7  are  given  by 


o  _  ULih.  _  Hi 

SZSi  dtSZ' 


a 


SZd'i'  T~  \dz)  {SZ) 


(27) 

(28) 


The  nonlinear  partial  differential  equations  (25)  and  (26)  are  solved  numerically  over  a  rectangular  region  in  E,  $ -space 
subject  to  Dirichlet  conditions  on  £  and  7  at  the  boundary.  The  values  of  £  and  7  along  the  boundary  of  the  rectangular  domain 
are  defined  by  their  values  at  the  prescribed  points  along  the  boundary  of  the  extended  blade-passage  domain.  Because  the  E, 
ty-grid  is  rectangular,  difference  approximations  are  easy  to  construct.  In  the  present  investigation,  nonconstant  transformed 
grid  spacings  are  used  to  control  the  spacings  in  the  physical  plane.  For  example,  by  choosing  appropriate  values  of  AE,  and 
A#;,  the  8treamwise  and  axial  grid  lines  can  be  packed  near  blade  and  wake  surfaces  and  near  the  leading  and  trailing  edges 
of  the  blades,  respectively. 

The  difference  equations  for  (  and  r)  are  solved  using  &  successive  line  over-relaxation  procedure  in  which  the  coefficients 
a,  /?  and  7,  and  the  terms  on  the  right- hand -sides  of  Eqs.  (25)  and  (26)  are  lagged,  i.e,,  they  are  computed  just  prior  to  each 
line  over- relaxation.  Also,  because  the  function  Q  is  fairly  expensive  to  compute,  and  because  it  is  fairly  insensitive  to  small 
changes  in  £  and  7,  this  function  is  updated  only  every  tenth  iteration. 

A  typical  grid  generated  for  a  compressor  cascade  operating  at  an  inlet  Mach  number  of  0.3  and  an  inlet  flow  angle  of  40.0 
deg  is  shown  in  Fig.  2.  The  blades  are  thick  and  highly  cambered,  and  the  cascade  has  a  gap-to-chord  ratio,  G,  of  0.6  and  a 
stagger  angle  9  of  15  deg.  The  steady  flow,  which  is  determined  using  the  analysis  of  Ref.  (19j  is  used  to  generate  the  stagnation 
streamlines  and  to  determine  the  function  Q  in  Eqs.  (25)  and  (26).  For  the  grid  shown  in  Fig.  2,  the  function  P  has  been  set 
equal  to  0.  Note  the  clustering  of  streamlines  near  the  blade  and  wake  surfaces  and  axial  lines  in  the  vicinity  of  the  blade  leading 
and  trailing  edges,  which  is  achieved  by  employing  nonconstant  rectangular  grid  spacings,  AZ,  and  A^;,  in  the  transformed 
plane. 


4.2  Drift  Function 


Because  a  streamline  mesh  is  used,  the  drift  function  can  be  evaluated  by  straightforward  numerical  integration  of  Eq.  (9). 
The  procedure  is  simply  to  specify  the  drift  function  along  the  far  upstream  boundary  (  =  £_ ,  and  then  to  evaluate  this  function 
along  each  streamline  using  the  second-order  difference  approximation 


A.+ij  =  A, .  + 


Tt+i.j  - 


0.5(|Vl+lJ-F|VtJ|) 


(29) 


Since  the  reciprocal  of  the  steady  flow  speed,  V~l,  appears  in  the  denominator  of  the  integrand  in  Eq.  (9),  the  drift  function 
will  be  singular  at  flow  stagnation  points.  Hence,  for  a  blade  having  a  blunt  leading  edge  this  function  will  be  singular  along 
the  entire  surface  of  each  blade  and  its  wake. 


Figure  3:  Drift  and  stream  contours  for  two-dimensional  steady  cascade  flow. 


The  calculated  drift  and  stream  function  contours  for  the  the  compressor  cascade  of  Fig.  2  are  shown  in  Fig.  3.  Note  tf-q 
the  drift  function  contours  are  orthogonal  to  the  streamlines  far  upstream  of  the  blade  row.  Thi«  is  ::c,i  a  requirement,  hut  it 
does  simplify  certain  parts  of  the  formulation.  Note  also  the  singular  behavior  indicated  hv  the  drift  function  contours  near  the 
blade  and  wake  surfaces. 

The  derivatives  of  the  drift  and  stream  functions  at  a  given  grid  point  are  determined  using  the  finite  difference  operators 
developed  by  Caspar  and  Verdon  [21].  Because  the  drift  function  is  singular  along  blade  and  wake  surfaces,  one-sided  difference 
approximations  are  used  to  evaluate  its  derivatives  at  the  nodes  on  the  first  streamlines  away  from  theses  surfaces.  I  he 
derivatives  of  the  drift  function  at  blade  and  wake  surfaces  are  singular,  but  are  not  lequired  to  evaluate  v,/  and  />  1 V  •  <  /jvw'« 
on  these  surfaces  or  in  the  field. 

As  noted  previously,  a  numerical  resolution  of  the  linear,  variable-coefficient,  unsteady,  boundary- value  problem  that  governs 
the  velocity  potential  is  require*!  over  a  single  extended  blade-passage  region  of  finite  extent.  The  field  equation.  Kq.  (St.  must 
he  solved  in  continuous  regions  of  the  flow  subject  to  boundary  or  jump  conditions  which  are  imposed  at  the  mean  positions 
of  the  blade,  wake  and  shock  surfaces.  Also,  the  unsteady  near-field  numerical  solution  must  be  matched  ,«r-fiold  analytical 
solutions  (see  [23] J  at  finite  axial  distances  (£  =  (T)  upstream  and  downstream  h*A***  i  ,,  The  numertcal  procedures 
fur  determining  o'  are  described  in  Kefs.  [1 1.21.22}. 

5.  NUMERICAL  RESULTS 

Unsteady  aerodynamic  response  predictions  are  given  below  to  demonstrate  important  features  of  the  foregoing  linearized 
analysis.  We  will  consider  flat -plate  cascades  and  cascades  consisting  of  blades  that  are  constructed  by  superposing  the  thickness 
rlistribution  of  a  NAC.A  four-digit  series  airfoil  on  a  circular  an-  camber  line.  For  the  latter.  Hj  is  the  blade  thickness  and 
Hr  is  the  height  of  the  circular-arc  camber  line  at  the  blade  midchord.  I  he  flows  to  be  considered  here  are  *ntirely  subsonic. 
The  steady  background  flows  have  been  determined  using  the  methods  of  Ref.  [I0j.  In  each  case  a  K.nta  comlition  ha>  luvn 
applied  at  blade  trailing  edges  and  therefor**,  only  inlet  uniform  flow  information,  e  g..  .V_x  ami  ll_  .  .  must  b<*  specified  for 
the  steady  calculation.  First- harmonic  unsteady  solutions  were  determined  on  an  If- type  mesh  ls»«e  Fig  21  consisting  of  120 
“axial"  lines  and  30  mean-flow  streamlines.  The  grid  lines  were  “packed"  near  tin*  blade  and  wake*  surfaces  and  near  (he  Made 
edges,  respectively. 

We  will  first  apply  the  analysis  to  flat-plate  cascades  in  which  the  blade  mean  positions  are  aligned  with  the  inlet  fr*v*  -stream 
flow  direction,  i.e..  (-)  =  f l_x.  to  compare  present  response  predictions  with  those  based  on  Smith's  [1]  classical  linearized 
analysis.  We  will  then  consider  cascades  of  uncambered  NACA  airfoils  to  study  the  elfects  of  blade  thickness  on  the  unsteady 
aerodynamic  response  to  an  incident  vortical  gust.  Finally,  we  will  examine  the  response  of  a  more  realistic  cascade  configuration, 
a  compressor  exit,  guide  vane  (KfiV)  consisting  of  thick,  highly  cambered  blades  (//7  =  0.12,  llc  -  0.13). 

We  are  primarily  interested  linearized  unsteady  flows  excited  by  vortical  gusts,  such  as  those  that  arise,  for  example,  from 
wakes  tiff  the  blades  of  an  adjacent  upstream  blade  row.  If  the  “circumferential"  spacing  between  the  blades  in  the  adjacent 
upstream  row  is  GV.xc  and  if  these  blades  move  at  velocity  V’kxi’®*i  relative  to  the  blade  row  under  consideration,  then  the 
interblade  phase  angle  (i.e.,  the  difference  in  the  phase  of  a  disturbance  from  one  Inade  to  the  next)  and  temporal  frequency 
of  the  fundamental  or  blade  passing  vortical  excitation  are  n  =  -  -2?r (if(fy,\r  and  «,*  =  x  Vp.xr  =  <*(»' '  1  Vxc- 

where  =  — 2jr/f’»EX(’  is  the  circumferential  wave  number  of  the  excitation.  For  the  present  study,  we  will  choose  a  -  -  J?r. 

w  =  5  and  va  —  (1,0)  to  describe  a  “standard”  vortical  gust.  Here.  vg  is  the  complex  amplitude  of  the  gust  velocity  component 
normal  to  the  inlet  free-strearn  flow  direction  at  the  point  (j*,y)  =  (0,0).  Note  that  vt  is  the  amplitude  at  the  leading  edge 
of  the  reference  blade  that  would  exist  if  the  incident  gust  was  converted  through  the  blade  row,  without  distortion,  by  the 
uniform  inlet  flow. 


10-8 


Figure  4.  Effect  of  Mach  number  on  the  unsteady  pressure- 
difference  response  of  a  flat-plate  cascade  with  ft  =  0  =  45 
deg  and  G  =  1  subjected  to  an  incident  vortical  gust  with 
v«  —  (liO).  w  -  5  and  rj  —  -2x:  (a)  in-phase  component 
(real  part)  of  Ap,  (b)  out-of-phase  component  (imaginary 
part); - Smith  analysis  (4),  -  present  analysis. 


Figure  5:  Unsteady  lift  versus  interblade  phase  angle  for  a  flat- 
plate  cascade  with  M  =  0.3,  fl  =  0  =  45  deg  and  G  =  1:  (a) 
unsteady  lift  due  to  incident  vortical  gusts  with  vg  =  (1,0) 
and  a*  =  5;  (b)  unsteady  lift  due  to  blade  bending  vibrations 

with  hy  =  (1,0)  and  ui  =  5; - Smith  analysis  [4|,  - 

present  analysis. 


5.1  Flat-Plate  Cascade 

The  example  flat-plate  cascade  has  a  stagger  angle,  ©,  of  45  deg  and  a  blade  spacing,  G,  of  1.0  and  operates  at  three  different 
inlet  Mach  numbers,  i.e.,  —  0.3,  0.5  and  0.7.  In  each  case  the  inlet  flow  angle,  fl-,*,,  is  45  deg  and  vortical  excitations 

with  vg  =  (1,0)  and  u>  =  5  are  imposed  far  upstream  of  the  blade  row.  Predicted  unsteady  pressure-difference  distributions 
acting  on  the  reference  (m  =  0)  blade  for  the  standard  vortical  excitation  at  o  =  -2x  are  shown  in  Fig.  4,  where  the  solid  and 
dashed  curves  represent  the  results  of  the  present  and  of  Smith’s  analysis,  respectively.  Recall  that  in  the  present  analysis  the 
unsteady  potential  equation  contains  the  source  term  p~l  V  •  (pv'w)  and  V<t>'  •  n  =  0  on  blade  and  wake  surfaces,  whereas  in 
the  classical  linearization  the  potential  equation  is  homogeneous,  and  the  normal  component  of  the  irrotational  velocity  must 
cancel  the  normal  component  of  the  gust  velocity  at  blade  surfaces.  The  results  in  Fig.  4  show  that  the  two  analyses  yield 
pressure-difference  predictions  that  are  in  very  good  agreement  for  A/.*,  =  0.3  and  =  0.5,  but  the  agreement  is  not  quite 
so  satisfactory  for  A/-^  =  0.7.  We  suspect  that  the  differences  at  =  0.7  occur  because  the  computational  grid  used  in 
the  present  numerical  calculation  was  not  dense  enough  to  resolve  the  high  wave  number  acoustic  response  phenomena  that  are 
associated  with  high  subsonic  Mach  numbers  and  high  excitation  frequencies.  Therefore,  such  differences  should  disappear  if  a 
mesh  of  sufficient  density  is  employed  in  the  numerical  calculation. 

The  unsteady  lift  responses  at  the  reference  blade  of  the  flat- plate  cascade  operating  at  =  0.5  to  prescribed  vortical 
excitations  with  vg  =  (1,0)  and  u>  =  5  and  to  prescribed  blade  translations,  A„ex p(iud).  normal  to  the  blade  chord  with 
hv  =  (1,0)  and  u>  =  5  are  plotted  versus  interblade  phase  angle  in  Fig.  5.  The  excitations  occur  over  interblade  phase  range 
extending  from  —540  deg  (-3x)  to  -180  deg  (-x).  Abrupt  changes  in  the  lift  response  curves  occur  at  o  -  —473.8  deg 
(— 2.62x)  and  -471.1  deg  (— 2.63x).  The  excitations  at  these  interblade  phase  angles  produce  resonant  acoustic  response 
disturbances  in  the  far  field.  The  lift  responses  to  the  vortical  excitations  predicted  by  the  numerical  and  semi-analytic  solution 
procedures  are  in  good  agreement;  however,  this  agreement  is  not  nearly  as  good  as  that  between  the  lift  responses  to  the  blade 
translational  excitations,  suggesting  that  the  present  numerical  analysis  still  requires  some  improvements  so  that  the  source 
term,  p~]  V  ■  (pv/j),  can  be  evaluated  more  accurately. 
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Figure  6:  Effect  of  blade  thickness  on  the  unsteady  pressure-difference  response  of  NACA  OOXX  cascades  with  M_,»  =  0.3,  fi-oo  =  45 
deg,  0-45  deg  and  G  =  1  subjected  to  an  incident  vortical  gust  with  vg  =  (1,0),  u)  =  5,  and  a  =  — 2»:  (a)  and  (b)  as  in  Fig.  4. 


5.2  Effects  of  Blade  Thickness 

We  proceed  to  evaluate  the  present  analysis  by  applying  it  to  a  family  of  cascade  configurations.  Here  0  =  45  deg.  G  -  1. 
the  blades  are  uncambered  (He  =  0),  but  the  blade  thickness  varies  from  Hr  —  0  to  Hr  =  012.  These  cascades  operate  at 
an  inlet  Mach  number  of  0.3  and  an  inlet  flow  angle  of  45  deg,  and  are  subjected  to  the  standard  vortical  gust  excitation  at 
vg  =  (1 ,0),  u  =  5  and  cr  =  -2ir. 

This  cascade  family  has  been  studied  to  indicate  the  effects  of  blade  thickness  on  the  unsteady  aerodynamic  response  to  a 
vortical  gust  excitation.  It  should  be  noted  that  although  the  blades  are  uncambered  and  their  chord  lines  are  aligned  with 
the  inlet  flow  direction,  i.e.,  0  =  f L,*,.  there  is  a  small  mean  or  steady  lift  force  acting  on  the  blades  for  //y  ^  0.  This  force 
increases  in  magnitude,  from  0  for  II r  =  0  to  0.062  for  Hr  —  0.12,  with  increasing  blade  thickness.  The  exit  Mach  numbers 
(A/,x)  vary  from  0.3  for  Hr  —  0  to  0.314  for  Hr  —  0.12,  and  the  exit  flow  angles  (floe)  from  *15°  to  47.22°.  The  unsteady 
pressure-difference  distributions  along  t  he  reference  blades  of  the  cascades  with  Hr  =  0.  0.04,  0.08  and  0.12  are  shown  in  Fig.  fi 
These  results  indicate  that  blade  thickness  has  only  a  limited  impact  on  the  aerodynamic  response  to  a  vortical  excitation 
Indeed,  the  pressure- difference  response  for  the  cascade  of  2%  thick  blades  (not  shown)  closely  resembles  that  for  the  flat-plate 
(Hr  =  0)  cascade.  This  result  provides  an  important  check  on  the  present  analysis,  indicating  that  the  mathematical  difficulties 
associated  with  mean  flow  stagnation  at  blade  leading  edges  have  been  successfully  overcome. 

5.3  Exit  Guide  Vane 

We  turn  now  to  a  more  realistic  configuration,  i.e.,  we  consider  the  compressor  exit  guide  vane  {EGV)  which  consists  of 
thick,  Hj  —  0.12,  highly  cambered,  //p  =  0.13,  modified  NACA  four  digit  airfoils.  The  EGV  has  a  stagger  angle  of  15  deg, 
a  blade  sparing  of  0.G  and  operates  at  a  prescribed  inlet  Mach  number  and  inlet  flow  angle  of  0.3  and  10  dog.  respectively 
The  calculated  exit  Mach  number,  exit  flow  angle  and  mean  lift  force.  l\,  acting  on  each  blade  are  0.220.  -7.4  deg  and  0.30. 
respectively.  Steady  Mach  number  contours  and  Mach  number  distributions  along  the  blade  surface  for  this  configuration  are 
depicted  in  Fig.  7. 

We  will  examine  the  unsteady  pressure  response  of  this  cascade  to  incident  vortical  excitations  and  compare  it  to  that 
for  a  corresponding  flat- plate  cascade  with  0  =  =  40  deg.  (I  —  0.0  and  A/_x  =  0.3.  Note  that  since  the  blade  mean 

positions  are  aligned  with  the  inlet  flow,  the  local  steady  Mach  number.  A/,  and  flow  angle.  12,  are  constant  for  the  flat-plate 
configuration.  Contours  of  the  real  part  of  the  complex  amplitude  of  the  unsteady  vort icily  ami  pressure  for  unsteady  flows 
through  the  EGV  and  the  corresponding  flat  plate  cascade  are  shown  in  Figures.  8  anti  9,  respectively.  Here,  the  unsteady 
flows  are  excited  bv  the  standard  vortical  gust.  The  prescribed  gust  is  severely  distorted  as  it  is  converted  by  the  nonuniform 
mean  flow  through  the  EGV  blade  row.  In  contrast,  this  same  gust  is  convected  without  distortion  by  the  uniform  mean  flow 
through  the  flat  plate  blade  row.  Also,  since  the  vorticity  is  convected  at  different  mean  velocities  along  the  upper  and  lower 
surfaces  of  the  EGV  blades,  it  is  discontinuous  across  their  wakes.  Finally,  the  contours  depicted  in  Fig.  9  indicate  that  the 
unsteady  pressure  behaviors  associated  with  the  EGV'  and  flat -plate  cascades  are  similar  far  upstream,  but  differ  substantially 
in  the  vicinity  of  the  blade  surfaces  and  downstream  of  the  blade  row. 

The  press u re- difference  responses  along  the  reference  blade  of  the  EGV  and  flat  plate  cascades  to  the  standard  vortical 
excitation  at  vg  =  (1,0),  u;  =  5  and  a  =  -2ir  are  shown  in  Fig  10.  The  unsteady  lift  forces  acting  on  the  reference  blades  of 
the  two  cascades  are  plotted  versus  inlerblade  phase  angle  for  vortical  excitations  at  r,  =  (1,0).  w  =  5  and  <  a  <  -it 
in  Fig.  II.  The  excitations  at  ft  —  —404.2  deg  and  -293.9  deg  produce  resonant,  acoustic  response  disturbances  far  upstream 
and  fa.  downstream  of  the  flat  -  plate  cascade  and  far  upstream  of  the  EGV;  those  at  n  -  -414.3  deg  and  -308.8  deg  produce 
such  response  disturbances  far  downstream  of  the  EGV'.  The  results  in  Figures  10  and  11  indicate,  to  some  extent,  the  relative 
importance  of  nonuniform  mean  flow  phenomena  on  the  local  and  global  unsteady  aerodynamic  response  at  a  blade  surface  for 
cascades  subjected  to  incident  vortical  excitations.  It  should  be  noted  that  the  unsteady  lift  acts  in  the  direction  of  the  positive 
y-axis  (see  Fig.  1),  and  this  is  inclined  at  different  angles  relative  to  the  axial  flow  direction  for  the  EGV  (0  =  15  deg)  and 
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Figure  10:  Unsteady  pressure-difference  response  for  the  EGV 
and  corresponding  flat-plate  cascades  subjected  to  an  incident 
vortical  gust  with  vg  =  (1,0),  w  =  5  and  a  —  -hr.  (a) 
in-phase  component  (real  part);  (b)  out-of-phase  component 
(imaginary  part); - flat-plate  cascade, - EGV  cascade. 


Figure  11:  Unsteady  lift  versus  interblade  phase  angle  for 
the  EGV  and  corresponding  flat-plate  cascade  subjected  to 
incident  vortical  gusts  with  vg  =  (1.0)  and  =  5:  (a),  (b). 
- and  - as  in  Fig.  10. 


flat-plate  (0  =  40  deg)  cascades.  Also,  the  flat-plate  pressure- difference  distributions  in  Fig.  10  are  ni  very  good  agreement 
with  the  corresponding  results  of  Smith’s  analysis.  Finally,  the  flat-plate  lift  distributions  in  Fig.  1 1  arc  in  good  agreement  with 
Smith’s  results,  except  for  interblade  phase  angles  lying  in  the  range-  -540 deg  <r  a  <  -404.2 deg,  where  the  out  of -phase  lift 
responses,  i.e.,  Im (/„),  predicted  by  the  two  analyses  are  similar  qualitatively  but  show  small  quantitative  difference's. 


6.  CONCLUDING  REMARKS 

A  method  for  predicting  the  linearized  unsteady  aerodynamic  response  of  a  cascade  of  airfoils  to  external  aerodynamic 
excitations  has  been  presented.  The  unsteady  flow  is  regarded  as  a  small  perturbation  of  a  nommiform  isentropic  ami  irrotational 
steady  background  flow.  Goldstein's  splitting,  (16,17),  along  with  a  recent  modification  introduced  by  Atassi  ami  (irzedzinski 
(18]  are  used  to  decompose  the  linearized  unsteady  velocity  into  irrotational  and  rotational  parts  leading  to  equations  for  the 
linearized  unsteady  entropy,  rotational  velocity,  and  velocity  potential  which  are  coupled  only  sequentially.  The  en tropic  and 
rotational  velocity  fluctuations  are  described  in  terms  of  the  mean-flow  drift  and  stream  functions,  and  the  potential  fluctuation 
is  governed  by  an  inhomogeneous  converted  wave  equation  in  which  the  source  term  depends  on  the  rotational  velocity  field. 
In  this  paper  the  analytical  and  numerical  techniques  used  to  determine  the  linearized  unsteady  flow  have  hern  out  line'll  and 
demonstrated  through  a  series  of  numerical  examples. 

The  results  obtained  using  the  present  analysis  were  found  to  be  in  very  good  agreement  with  the  results  of  Smith's  [4| 
analysis  for  flat-plate  cascades  operating  at  low  (A/  =  0.3)  and  moderate  (A/  =  0.5)  Mach  numbers,  but  the  agnvment  for 
flat-plates  operating  at  high  subsonic  Mach  number  (M  =  0.7)  was  not  satisfactory.  It  appears  that  the  grid  used  in  the 
numerical  calculation  was  not  adequate  for  resolving  the  high  wave  ntiml>er  acoustic  response  phenomena  that  is  associated 
with  high  steady  flow  Mach  numbers  And  high  excitation  frequencies.  Results  for  the  cascades  of  symmetric  NA(’A  00XX 
airfoils  show  reasonable  trends  with  varying  blade  thickness,  and  indicate  that  blade  thickness  has  only  a  limited  impact  on  the 
response  of  a  cascade  to  incident  vortical  gusts.  The  blade  thickness  study  also  indicates  that  the  pr«*senl  analysis  overcomes 
the  mathematical  difficulties  associated  with  unsteady  vortical  perturbations  of  potential  mean  flows  containing  leading  edge 
stagnation  points. 
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More  detailed  gust  response  predictions  have  been  presented  for  a  compressor  exit  guide  vane  (KdY),  including  conUmrs 
of  vort icily  and  pressure  that  illustrate  the  manner  »n  whit U  a  vortical  gust  is  distorted  as  it  is  converted.  by  the  mean  How. 
through  a  blade  row  and  the  unsteady  pressure  response  that  is  excited  by  tin1  interaction  of  this  gust  with  the  blade  row.  These 
numerical  results  serve  to  demonstrate  the  capabilities  of  the  present  analysis  for  predicting  tin*  unsteady  pressure  r* .ipoiiM.  of 
cascades  operating  under  high  mean  load  conditions. 

The  analysis  described  in  this  paper  leads  to  very  ellicient  predictions  of  the  aerodynamic  response  of  realistic  cascade 
configurations  to  unsteady  aerodynamic  excitations.  1  liorefoiv  this  analysis  should  be  useful  in  tmbumac 'hiuery  aeiuejastic  and 
aeroacousi ir  design  investigations.  Improvements  are  still  needed  to  resolve  high  wave  number  acoustic  response  phenomena 
and  to  accurately  calculate  the  source  term  over  broad  ranges  of  reduced  frequencies  and  interblade  phase  angles.  Also,  in 
future*  work  the  composite- mesh  solution  capability  of  Ref.  [22j  should  be*  incorporated  into  the  present  gust  analysis  so  that 
eutropi*'  and  vortical  excitations  of  transonic  flows  with  weak  shocks  can  !><•  analyzed. 

References 

[ll  1).  S.  Whitehead.  "Classical  I  wo Dimensional  Methods."  .-If/.-l  til)  Manual  on  ,li  rot  lti-1  n  il y  in  \jial-  h  low  I  'urbontticlt  no  -. 
Vol.  1.  /  nsttady  Turboniachtni  ry  At  rodyn  tunics.  M.  F.  Platzei  and  1  .  O.  (‘aria,  editors.  AdARD  A(I-298.  March  l'lsT. 
Cha|>ter  III. 

[2]  I).  S.  Whitehead.  "Vibration  and  Sound  ( lonerat ion  in  a  Cascade  of  Flat  Plate-  in  Subsonic  Flow/  Cambridge  I’niv 
engineering  Department .  Cambridge.  CK.  CCFD/A  Tut  bo/ III  15.  197U. 

[5]  S.  Kaji  and  1’.  Oka/aki.  "Propagation  of  Sound  Waves  Through  a  Blade*  Row.  11.  Analysis  Based  oti  the  A* v 'elerat mu 
Potential  Method."  Journal  of  Sound  andVibrutton.  Vol.  )l|5).  March  1970.  pp.  5V>  575. 

[l!  S.  .V  .Smith.  "Discrete*  Frequency  Sound  denotation  in  Axial  Flow  Tutboiuaciiincs.  British  Aeronautical  Research  Council. 
I.otuhm.  CK,  Reports  and  Memoranda  5709.  1971. 

jo]  .1.  M.  Verdori.  "Further  Developments  in  the  Aerodynamic  Analysis  of  Instead}  Supersonic  Cascade**.  I.  'I  he  CnsUad} 
Pressure  •  Field.  II.  Aerodynamic  Response*  Predictions.**  Trans.  1  SMI:',  A:  Journal  of  F.nytnt  t  mu//  for  /  W«  r.  Vol.  99i  it. 
Oc  tober  1 077.  pp.  509  5*25. 

[(«]  T.  N’agashima  and  I).  S.  Whitehead.  “Linearized  Supersonic  Cnsteady  Mow  in  Cascades."  British  Aeronautical  Research 
C< fttnei ),  London,  FK.  Rc*fK>rts  an»l  Mcunoranda  5*)).  JOT''. 

[7]  •).  .1.  Adatnc/yk  an*l  M.  F.  doldxtein.  "Cnsteady  Flow  in  a  Supersonic  Cascade  with  Subsonic  beading  Fd.ge  1  ons.”  \l  \  \ 
Journal.  Vol.  16(1*2),  December  1978.  pp.  1*2-18  1251. 

(Sj  K.  H.  Ni.  "A  Rational  Analysis  of  Periodic  Flow  Perturbation  in  Supersonic  Two-dimen-ional  Cascade."  linn \S\fl  ! 
Journal  of  ting  in  it  ring  for  Fain  r,  Vol.  101(5).  July  1979,  pp.  Ill  159 

1 9]  M .  Namba.  "  1  hre*c’ Dimensional  Hows."  AGAHD  Manual  on  At  1-otlastn'tly  m  \jial-Floir  Turbonmt  hint  >.  Vol.  1.  I' u -had  a 
Turhomarhint  ry  At  rod yn tomes ,  M.  F.  Plat  zer  awl  F.  0.  Carla,  editors.  Ad  A  RD- Ad-298.  Match  19x7.  Chaplet  IV 

[10]  I).  S.  Whitehead.  *  Flu*  Calculation  of  Steady  and  Cnsteady  Transonic  Flow  in  Cascades."  <  'amluidgc*  Cniv.  FntMUeerim: 
Department.  Cambridge.  CK.  Cl'I'D/A  Ttirbo/TR  118.  198*2. 

[llj  .1.  M.  Verdcm  and  J.  R.  Caspar.  “A  Linearized  Cnsteady  Aerodynamic  Analysis  for  Transonic-  Cascades."  Journal  of  /  /tin/ 
Mfrlmmcs.  Vol.  M9,  December  1981,  pp.  105  -129. 

[12]  K.  (*.  Hall  and  K.  F.  Crawley,  “Calculation  of  Cnsteady  f  lows  in  Tiirbmnac  hiwry  Csing  ihe  f  .iuean/cd  Culer  Fquat  ion-.** 
•1/.*1,4  Journal.  Vol.  27(b).  June  1989,  pp.  777  787. 

]l5j  .).  M.  Verdon.  “Linearized  Cnsteady  Aerodynamic  ’1  henry."  AGAHI)  Manual  on  At  rot  la-ln  ity  in  Axial-Flaw  hnboiaa- 
ehmts,  Vol.  1,  (nsttady  Turbomtuhtnt  ry  At  rodynamies,  M.  F.  Plat  zer  and  V.  ().  Carla,  editors,  AdARD  Ad  2**8.  Man  h 
1987,  Chapter  II. 

/II]  M.  Verchm.  “Cnsteady  Aerodynamics  for  Turboninchinory  Aeroelastic  Application**."  lusttady  lixui.-oni,  b  nuli/nnnnrs, 
Froyrt .s.s  in  Astronautics  and  At  ronautics ,  l).  Nixon,  editor.  Fi'otjn >.s  m  \-twnautic.s  and  b  ronautr  •  Vol.  I  JO.  AI\A. 
New  York.  1989. 

[15)  K.  Acton  and  S.  d.  Newton,  “Numerical  .Methods  for  Cnsteady  Transonic  Flow."  \d\llll  Manual  on  At  nn  lasfieity  m 
Afial-Floir  Turbo  tnarhint  s,  Vol.  1,  Fttslrtnly  Turboiiiaehint  ry  Antidyuauitrs .  M.  F.  Plat  zer  and  F.  O.  t'arta.  editor*. 
AdARD  Ad  298.  March  1987.  Chapter  VI. 

[//>}  M-  F-  doldstein,  “Cnsteady  Vortical  and  Knlropic  Distortions  of  Potential  Flows  Round  Arbitrary  Obstacles."  Journal  of 
Fluid  Mtehanus.  Vol.  89.  December  1978.  pp.  155  -Mix.  Part  5. 

jl7|  M.  K.  doldstein.  “Turbulence  denerated  by  the  Interaction  of  Knlropy  Hint  nations  with  Non  uniform  Mean  Mows.' 
Journal  of  Fluid  Mtehanics,  Vol.  95,  July  1979,  pp.  209  22)  Part  2. 

[18]  IF  M.  Alassi  and  J.  dr/edzinski.  Unsteady  disturbances  of  streaming  motions  around  bodies,  to  be*  published  iri  the  Journal 
of  Fluid  Mcrhanirt i,  1989. 


lti-13 


[19]  J.  H.  Caspar,  “Unconditionally  Stable  Calculation  of  Transonic  Potential  Flow  Through  Cascades  Using  an  Adaptive  Mesh 
for  Shock  Capture,"  Ttwis.  ASME.  A:  Journal  of  Engineering  for  Power, ,  Vol.  105(d),  July  1 98:1.  pp.  504  513. 

[20]  D.  S.  Whitehead  and  S.  G.  Newton,  “A  Finite  Element  Method  for  the  Solution  of  Two-Dimensional  Transonic  Flows  in 
Cascades."  International  Journal  for  Numerical  Methods  in  Fluids,  Vol.  5,  February  1985.  pp.  1 15  132. 

[21]  J.  R.  Caspar  and  J.  M.  Verdon,  “Numerical  Treatment  of  Unsteady  Subsonic  Flow  Past  an  Oscillating  Cascade."  AlAA 
Journal.  Vol.  19(12),  December  1981,  pp.  1531  1539. 

[22]  J.  M.  Verdon  and  W.  J.  Usab,  Jr..  “Advances  in  the  Numerical  analysis  of  Linearized  Unsteady  Cascade  Flows."  Department 
of  the  Air  Force,  Air  Force  Systems  Command,  U.S.  Air  Force  Report  AFWAL  TR-  8°  2055.  August  1988.  UTRC  Report 
R88-957685-1. 


[23]  W.  H.  Press,  H.P.  Flannery,  S.  A.  Teukolsky,  and  W.  T.  Vetterling,  Numerical  Recipes:  The  Art  of  Scientific  Computing. 
Cambridge  University  Press.  Cambridge,  England,  1986.  pp.  550  560. 

[24]  J.  F.  1  hompson,  F.  C.  Thames,  and  W.  Mast  in,  “A  Code  for  Numerical  Generation  of  Boundary- Fitted  Curvilinear 
Coordinate  Systems  on  Fields  Containing  any  Number  of  Arbitrary  Two-Dimensional  Bodies,"  Joui'tial  of  C'omputational 
Physics.  Vol.  24(3).  1977.  pp.  274-302. 

[25]  J.  M.  Verdon.  “The  Unsteady  Flow  in  the  Far  Field  of  an  Isolated  Blade  Row."  Journal  of  Fluids  and  Structures.  Vol.  3(2). 
March  1989.  pp.  123  -149. 


Acknowledgements 

This  work  was  supported  by  1  lie  NASA  Lewis  Research  Center  under  Contract  NAS3  25425  with  Mr.  George  Stefko  serving 
as  NASA  Program  Manager.  The  authors  are  indebted  to  Prof.  H.  M.  Atassi  of  the  University  of  Notre  Dame  and  Dr.  J.  Scott 
of  the  NASA  Lewis  Research  Center  for  offering  important  insights  on  the  velocity  decomposition  techniques  used  iri  this  paper. 
1  he  authors  would  also  like  to  thank  Ms.  R.  Rudewicz  for  her  help  in  running  the  computer  code  described  herein,  and  for  her 
help  in  the  preparation  of  this  manuscript. 


NUMERICAL  PREDICTION  OF  AXIAL  TURBINE  STAGE  AERODYNAMICS 


H.  V.  McConnaughey  and 
L.  W.  Griffin 

NASA  George  C.  Marshall  Space  Flight  Center 
ED32  Computational  Fluid  Dynamics  Branch 
Marshall  Space  Flight  Center,  Alabama  35812 
U.S.A. 


SUMMARY 


A  preliminary  assessment  is  made  of  two  NASA-developed  unsteady  turbine  stage  computer 
codes.  The  methodology  and  previous  partial  validation  of  the  codes  are  briefly  outlined . 
Application  of  these  codes  to  a  Space  Shuttle  main  engine  turbine  for  two  sets  of  operating 
conditions  is  then  described.  Steady  and  unsteady,  two  and  three-dimensional  results  are 
presented,  compared,  and  discussed.  These  results  include  time-mean  and  instantaneous 
airfoil  pressure  distributions  and  pressure  fluctuations,  streamlines  on  the  airfoil 
surfaces  and  endwalls,  and  relative  total  pressure  contours  at  different  axial  locations  in 
the  rotor  passage.  Although  not  available  e'  the  time  this  writing,  experimental  data 
for  one  of  the  operating  cor  liti^ns  simulatel  is  forth,  nming  and  will  be  used  to  assess  the 
accuracy  of  the  unsteady  as  well  as  the  steady  predictions  presented  here.  Issues  related 
to  code  usage  and  resource  requirements  of  the  two  ..odes  are  also  discussed. 


INTRODUCTION 

Improvements  in  the  performance  and  durability  of  turbomachinas  is  desired  of  future 
engines,  especially  In  the  rocket  propulsion  c.ena  where  the  operating  environment  can  be 
hostile.  The  goal  of  increased  payload  capability  drives  the  requirements  of  low  weight 
and  high  comi ustion  chamber  pressure.  These,  in  turn,  severely  limit  the  engine  size  (and 
thus  turbine  diameter  and  airfoil  aspect  ratio)  and  impose  high  turbine  temperatures, 
pressures,  and  rotor  speeds  Additionally,  the  rapid  start-up  and  shut-down  processes 
subject  the  turbine  to  severe  transient  loads.  Consequently,  r>  -t  engine  turbii 
experience  an  unsteady  environment  which  is  extreme,  both  during  transient  and  steady- s  ate 
operation,  and  the  turbine  flowfield  is  highly  three-dimensional.  Tv  unsteadiness  and 
three-dimensional  nature  of  the  flow  significantly  compromise  the  turbine's  durability  and 
performance.  Were  the  turbine  designer  better  able  to  characterize  and  analyze  these 
unsteady  and  three-dimensional  effects,  he  could  better  compensate  foi  them  in  the  design 
of  turbines  for  future  rocket  propulsion  systems  to  yield  enhanced  durability  and 
performance . 

The  aim  of  this  paper  is  to  present  an  independent,  preliminary  assessment  of 
analytical  tools  which  have  become  available  during  the  past  few  years  for  tne  analysis  of 
unsteady,  three-dimensional  turbine  stage  flowfields.  The  tools,  which  are  computational 
fluid  dynamics  codes,  are  not  sufficiently  advanced  to  accurately  analyze  many  of  the 
adverse  conditions  experienced  by  rocket  engine  turbomachinery .  They  do  offer  promise, 
however,  in  the  analysis  of  nominal  operation  and  associated  unsteady  (periodic)  loading, 
flow  angle  variations,  and  high-cycle  fatigue.  This  information  alone  i..  of  interest  and 
benefit  to  the  designer.  In  addition,  unsteady  turbine  stage  codes  may  become  very  useful 
in  enhancing  one's  understanding  of  the  physics  of  unsteady  flows  in  turbomachines  an'  _he 
effect,  of  various  nonuniformities  or  geometry  variations  on  these  unsteady  flows. 

Examples  of  such  turbine-stage  codes  which  are  in  the  puhlic  domain  and  which  have 
already  been  partially  validated  by  the  code  developers  are  -escribed  in  references  1-4 
To  d-.»te,  validation  efforts  have  focused  on  comparison  of  time-averaged  numerical  results 
with  time-mean  experimental  data  reported  in  references  5  and  6.  Additional  code 
validation  and  assessment  is  desirable,  however.  In  particular,  the  accuracy  of 
time-resolved  predictions  snould  be  evaluated,  and  the  suitability  for  rocket  propulsion 
applications  should  be  assessed.  Such  is  the  ait..  of  the  work  reported  here. 

Specifically,  the  two-dimensional  code  reported  in  reference  1  and  a  three-dimensional 
code  derived  from  that  reported  in  reference  4  are  used  to  analyze  flows  in  the  high 
pressure  fuel  turbopump  (HPFTP)  turbine  of  the  Space  Shuttle  main  engine  ( SSME ) .  Two 
different  sets  of  operating  conditions  have  been  analyzed  to  date:  those  corresponding  to 
SSME  10h%  power  level  (FPL)  operation  and  those  corresponding  to  nominal  rig  conditions  for 
two  full-scale  HPFTP  turbine  test  articles.  The  time-resolved  and  time-mean  rig  data  will 
not  be  measured  until  late  1989  or  early  1990,  thus  the  results  presented  here  constitute 
true  predictions.  Because  the  data  in  not  available  at  the  time  of  this  writing,  the 
accuracy  of  the  SSME  analyses  cannot  be  well  evaluated.  Computed  results  are  compared  with 
each  other,  however,  and  the  code  performance,  efficiency,  ease  of  use,  computational 
resources,  and  other  issues  associated  with  the  two  codes  used  In  this  study  are  discussed 
here.  These  codes  represent  different  solution  methodologies  and  philosophies  of  approach 
and  have  distinct  advantages  and  disadvantages.  These  are  discussed  along  with  the 
numerical  results. 


IIOGY  AND  PREVIOUS  VALIDATION 


The  two  codes  used  in  the  present  stud;,  are  ROTOR1,  developed  by  M.  M.  Rai  (ref.  1)  and 
FDNS3D  developed  by  Y.  S.  Chen  (ref.  7).  Ti.e  methodology  upon  which  each  code  is  based  is 
thoroughly  described  in  the  cited  references,  thus  details  of  the  solution  procedures  are 
omitted  in  the  present  discussion.  An  overview  of  the  two  approaches  is  provided,  however. 

The  code  R0T0R1  is  an  axial  turbine  stage  code  which  solves  the  unsteady,  thin-layer, 
compressible  Navier-Stokes  equations  in  two  space  dimensions.  It  features  a  factored, 
iterative,  implicit  solution  algorithm,  first-order  accuracy  in  time,  and  a  third-order 
accurate  upwind  differencing  scheme.  The  Baldwin- Lomax  turbulence  model  is  applied  down  to 
the  solid  wall,  thus  requiring  resolution  of  the  viscous  sublayer.  The  laminar  viscosity 
is  calculated  based  on  Sutherland's  law. 

A  system  of  four  grids  are  usri  to  discretize  the  domain:  a  very  fine  (151  X  51) 

O-grid  surrounds  each  airfoil  and  is  overlaid  on  a  coarser  (66  X  71)  H  -grid  as  shown  in 
figure  1.  The  two  H-grids  ara  patched  together  at  a  common  interface  and  the  rotor  H-grid 
slides  by  the  stato1”  ii  id  in  time  to  simulate  rotor-stator  passage.  All  viscous  terms 
are  neglected  in  the  H-g~lds.  The  turbine  stage  is  assumed  to  have  an  equal  number  of 
stator  vanes  and  rotor  bla-cs  in  order  to  impose  periodicity  across  one  pitch.  To  correct 
for  the  incorrect  blockage  which  this  assumption  would  otherwise  entail,  the  rotor  blade  is 
scaled  up  by  a  factor  of  NR/NS,  where  NR  is  the  number  of  rotor  blades  and  NS  is  the  number 
of  stator  vanes  in  the  stage.  At  the  inlet,  Riemann  invariant  R.  and  the  entropy  are  held 
fixed,  the  flow  angle  is  fixed  at  zero,  and  the  Riemann  invariant  R_  is  extrapolated  from 
the  interior.  The  static  pressure  is  fixed  at  the  exit  and  the  exit  values  of  all  other 
variables  are  extrapolated.  Periodicity  is  imposed  at  the  upper  and  lower  H-grid 
ooundaries.  The  no-slip  condition,  zero  normal  pressure  gradient,  and  an  adiabatic  wall 
are  imposed  along  the  airfoil  surfaces.  Conservative  patch  boundary  conditions  are  applied 
at  the  zonal  interface  between  the  H-grids,  and  interpolation  is  used  to  couple  each  O-grid 
solution  to  its  companion  H-grid  solution. 


Figure  1.  ROTOR  1  grid 


The  code  FDNS3D  is  a  general  three-dimensional  code  which  -mploys  a  pressure-oased 
solution  algorithm,  a  first  or  second-order,  t<mc  entered  time  marching  scheme,  and  a 
spatial  discretization  procedure  involving  second -order  central  differencing  plus  variable 
order  (usually  third-order)  upwind  disslpat ion .  It  solves  the  unsteady  Reynolds  averaged 
Navier-Stokes  equations  and  is  capable  of  simulating  incompressible  or  compressible,  steady 
or  unsteady  flows.  For  turbulent  flows,  a  two  equation  k-« turbulence  model  (either  the 
standard  or  the  extended,  high  Reynolds  number  [ref.  8]  version,  is  coupled  with  the 
standard  wall  function  approach  and  eddy  vlr^osity  turbulence  concept.  The  laminar 
viscosity  calculation  assumes  a  power  la:  'e.atlon  between  viscosity  and  temperature 

For  insteady  turbine  stage  analysis,  a  multiple  zone  approach  is  taken  in  which  an 
H-grid  surrounding  the  rotor  blade  slides  past  a  stationary  stator  H-grid  and  the 
stationary  rotor  shroud.  The  two  H-grids  overlap  by  one  cell  but  are  di scor tinuous  at 
their  interface.  Because  the  wall  function  approach  is  followed,  rather  than 
boundary- layer  resolution,  a  fine  grid  system  may  not  be  required.  F'„r  the  FT  FTP 
calculations  to  be  reported  here,  the  grid  used  was  very  coarse  (71  X  33  X  31)  as  shown  in 
figure  2.  At  the  Interface  between  the  two  H-grtds,  simple  interpolation  is  implemented  to 
communicate  solution  information  between  the  zones.  Periodieit-  is  imposed  at  the  upper 
and  lower  (midchannel)  boundaries  which,  like  the  R0T0R1  Simula  ion",  incorrectly  assumes  a 
one  stator  vane  to  one  rotor  blade  correspondence.  Again,  the  rotor  blade  size  is 


increased  to  account  for  the  correct  blockage.  At  the  inlet  boundary,  density, 
temperature,  and  velocity  are  held  fixed  at  a  constant  value.  At  the  exit  boundary,  all 
variables  are  extrapolated  such  that  mass  conservation  is  enforced.  This  nonref lective 
boundary  condition  allows  any  pressure  waves  generated  to  escape  the  flowfield.  A 
prescribed  exit  pressure  boundary  condition  can  also  be  implemented,  but  this  was  not  done 
for  the  present  study.  The  solid  wall  boundary  conditions  are  the  no-slip  and  zero 
pressure  gradient  conditions,  and  the  wall  temperature  is  fixed  at  90%  of  the  freestream 
value.  Boundary  conditions  and  interface  interpolation  are  implemented  implicitly. 


Figure  2.  FDNS3D  grid 


Both  codes  and/or  their  derivatives  have  been  partially  validated  by  comparison  of 
numerical  predictions  with  experimental  data  reported  in  references  5  and  6.  In 
particular,  predictions  by  the  ROTOR  series  of  codes  (references  1-3,  9)  have  been  compared 
with  measured  time-mean  stator  and  rotor  pressure  distributions  at  2%,  50%,  and  89%  or  98% 
span.  Excellent  agreement  with  the  experimental  data  was  exhibited  except  for  the  case  of 
the  rotor  suction  surface  at  the  hub.  Computed  and  measured  amplitudes  of  the  pressure 
fluctuations  on  the  airfoils  at  the  same  spanwise  locations  were  also  compared  to  assess 
the  time  accuracy  of  the  calculations.  The  agreement  was  fairly  good  in  most  cases. 

Errors  were  attributed  to  the  incorrect  blade/  ane  ratio  assumed  and  to  the  reflective  exit 
boundary  condition.  In  addition,  very  good  agreement  was  achieved  between  predicted 
limiting  streamlines  and  experimental  visualization  of  flew  on  the  airfoil  surfaces  and 
between  fine  grid  (ref.  9)  predictions  and  measurements  of  total  pressure  contours  in  the 
stator  and  rotor  exit  planes.  The  ROTOR  codes  have  thus  far  been  shown  to  yield  high 
accuracy,  high  resolution  results.  The  computer  time  required  to  obtain  a  periodic 
solution  in  three  dimensions  is  reportedly  exorbitant,  however,  which  precludes  the  routine 
application  of  this  series  of  codes. 

A  precursor  of  the  FDNS3D  code  has  also  been  partially  validated  for  turbine  stage 
predictions  against  the  data  in  reference  5.  This  work,  reported  in  reference  4,  compares 
results  of  a  two-dimensional,  arbitrary  blade/vane  count  simulation  to  the  time-mean 
airfoil  pressure  distributions  and  pressure  amplitudes  reported  by  Dring  (ref.  5).  The 
numerical  results  are  comparable  to  the  R0T0R2  (ref.  2)  results,  i.e.  time-mean  predictions 
exhibit  excellent  agreement  with  the  data  while  the  agreement  between  measured  and 
predicted  pressure  amplitudes  is  fair.  Three-dimensional  turbine  si  age  predictions  using 
FDNS3D  have  not  yet  been  calibrated  by  comparison  with  experimental  data.  This  will  be 
done  when  the  HPFTP  rig  data  becomes  available. 

Because  the  ROTOR  codes  and  the  FDNS3D  precursor  codes  have  performed  well  and 
comparably  for  Dring 's  experimental  configuration,  it  is  reasonable  to  expect  that  they 
would  produce  similar  and  accurate  time-averaged  numerical  results  for  the  cases  run  in  the 
present  study.  These  cases  are  described  in  the  following  section. 


APPLICATION  CONFIGURATIONS 


The  HPFTP  turbine  is  a  two-stage  turbine  with  a  mean  r  of  25  cm  (10  in),  41 

first-stage  vanes  and  63  first-stage  blades  with  average  airfoil  chord  and  span  of  less 
than  2.5  cm  (1  in),  and  FPL  power  output  of  56  MW  (75,000  hp).  At  109%  power  level  (ref. 

18  Sept.,  1985  engine  power - ba 1 ance ) ,  the  turbine  rotates  at  36,600  rpm  and  is  driven  by  a 
gaseous  hydrogen  and  steam  mixture  which  enters  the  turbine  at  approximately  1050  K 
(1900  R),  3750  N/ctn  (5440  lbf/inj,  and  70  kg/s  (154  lbm/s).  The  inlet  Mach  number^ 
is  .13  and  the  Reynolds  number  per  2.5  cm  (1  in)  based  on  inlet  velocity  is  3.3  X  10°. 

This  is  one  of  the  operation  points  for  which  numerical  results  will  be  presented. 

The  second  set  of  operating  conditions  numerically  simulated  in  the  present  study 
corresponds  to  the  nominal  test  conditions  for  two  full-scale  HPFTP  turbine  test  articles. 
One  will  be  tested  in  a  blow-down  air  facility  at  NASA  Marshall  Space  Flight  Center  (MSFC), 
and  will  produce  performance  and  time-mean  aerodynamic  data.  The  second  test  article  will 
be  tested  in  a  shock  tunnel  facility  at  the  Calspan  University  of  Buffalo  Research  Center 
(CUBRC).  The  latter  test  series  will  generate  time-resolved  as  well  as  time-mean 
aerodynamic  and  heat  transfer  data.  Both  series  of  tests  are  expected  to  begin  in  the  next 
six  months  and  both  will  use  as  its  reference  test  condition  the  104%  SSME  power  level 
(ref.  27  April,  1987  engine  power-balance ) ,  which  is  the  current  SSME  flight  power  level. 
This  corresponds  to  a  power  output  of249  MW  (65,400  hp),  inlet  temperature  of  1012  K 
(1830°R),  inlet  pressure  of  3578  N/cin  (5190  psi),  and  flowrate  of  68  kg/s 
(149  lbm/s).  The  inlet  Mach  number  is  .14.  Air  equivalent  conditions  will  be  tested,  but 
the  Reynolds  number  will  not  be  matched  in  the  case  of  the  MSFC  tests  due  to  facility 
limitations.  CUBRC  will  test  at  both  the  MSFC  Reynolds  number  (8  X  10°)  and  the  SSME 
Reynolds  number  (3.4  X  10  ; .  The  MSFC  case  is  that  simulated  in  the  second  set  of 
calculations  performed  for  this  study. 

In  actuality,  the  conditions  simulated  by  the  calculations  reported  here  and  by  the 
experiments  to  be  performed  are  not  true  to  the  real  HPFTP  operating  environment.  The 
already  severe  environment  is  exacerbated  by  rotor  eccentricity,  leakage  flow  at  the 
platform  seals,  radially  and  circumferentially  nonuniform  inlet  profiles  generated  by  the 
upstream  fuel  preburner,  and  a  circumferential  pressure  gradient  at  the  turbine  exit  caused 
by  the  asymmetric  manifold  located  downstream.  It  is  hoped  that  current  unsteady  turbine 
analysis  codes  will  eventually  evolve  to  the  point  of  being  able  to  analyze  the  effects  of 
such  nonuniformities  on  the  flowfield  characteristics. 

RESULTS  AND  DISCUSSION 

Aerodynamic  results  for  the  HPFTP  first  stage  are  now  presented  for  the  two  sets  of 
nominal  operating  conditions  just  described.  The  SSME  FPL  case  is  presented  first  and 
R0T0R1  results  are  emphasized.  For  the  MSFC  rig  conditions  which  follow  the  FPL  case,  the 
FDNS3D  simulation  is  highlighted.  In  all  cases,  the  time-averaged  pressure  coefficients  are 
defined  as 
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where  p  is  the  time-averaged  pressure,  and  and  W  represent  averages  of  density  and 
relative  velocity  across  one  midspan  pitch  at°the  stator  or  rotor  inlet,  p  is  the 
midspan  relative  total  pressure  at  the  stator  or  rotor  inlet  and  x  is  the  Sx?al  distance 
from  the  airfoil  leading  edge.  The  pressure  amplitudes  are  defined  as 
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The  time-averaged  pressure  coefficients  at  the  midspan  of  the  HPFTP  first  stator  and 
first  rotor  are  plotted  in  Figures  3  and  4  for  two  different  cases.  One  corresponds  to  the 
prediction  obtained  using  the  standard  laminar  viscosity  model  found  in  R0T0R1,  i.e. 
Sutherland’s  law  with  constants  appropriate  for  air.  As  pointed  out  in  reference  10, 
Sutherland's  law  is  not  valid  for  the  HPFTP  turbine  gas  mixture  for  any  choice  of  the 
Sutherland's  constant.  Consequently,  we  have  incorporated  real  gas  properties  into  R0T0R1 
for  more  correct  analysis  of  rocket  engine  turbines.  Predictions  using  the  real  gas 
properties  to  approximate  the  laminar  viscosity  are  seen  as  the  dashed  curves  in  figures  3 
and  4,  while  those  obtained  using  Sutherland's  law  are  represented  by  solid  curves. 
Virtually  no  differences  are  seen  between  the  pressure  coefficients  obtained  using  the  two 
different  laminar  viscosity  calculations.  A  very  significant  effect  has  been  seen, 
however,  in  a  parallel  investigation  of  HPFTP  turbine  heat  transfer  using  R0T0R1. 
Consequently,  the  Sutherland's  law  is  no  longer  used  at  MSFC  for  analysis  of  turbines 
operating  in  gases  other  than  air.  Sutherland's  law  for  air  is  a  very  common  model  for 
approximating  laminar  viscosity  in  turbulent  flow  calculations  of  all  kinds.  The  analyst 
should  be  aware  that  this  may  be  a  very  inappropriate  model  for  any  rocket  propulsion 
analysis  involving  other  than  purely  aerodynamic  effects  and  that  its  use  may  significantly 
contaminate  numerical  results. 
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Figure  3.  Stator  midspan  pressure  distribution  Figure  4.  Rotor  midspan  pressure  distribution 

Instantaneous  stator-wake/rotor  relative  positions  and  associated  instantaneous  stator 
and  rotor  airfoil  pressure  fluctuations  are  shown  in  figures  5  and  6.  These  illustrate  the 
variation  in  time  of  the  loading  experienced  by  each  airfoil  due  to  rotor-stator 
interaction.  The  profile  shapes  are  seen  to  vary  significantly  from  one  time  to  the  next, 
and  the  amplitudes  of  the  fluctuations  are  most  pronounced  on  the  rotor,  as  is  to  be 
expected.  The  unsteady  pressure  fluctuations  have  been  animated  to  allow  viewing  of  a 
nearly  continuous  variation  in  time  of  the  airfoil  loadings.  Disturbances  caused  by  stator 
wake  passage  are  seen  to  travel  down  the  rotor  blade  in  an  indulant  manner.  Quantitative 
information  about  the  fluctuating  airfoil  loads  is  of  importance  to  the  structural 
dynamicist  in  assessing  the  dynamic  response  of  the  rotor  to  vane  wake  passage.  In 
addition,  unsteady  loadings  are  required  by  the  stress  analyst  when  transient  blade  stress 
analyses  are  performed.  It  is  thus  important  to  validate,  or  at  least  calibrate,  the 
accuracy  of  these  instantaneous  predictions.  That  will  be  accomplished  when  the  CUBRC  data 
becomes  available. 


Figure  S:  Entropy  contours  showing  stator-wake/rotor  relative  location 
at  four  equally  spaced  times  within  one  ROTOR1  cycle. 
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Figure  6:  Instantaneous  stator  (a)  and  rotor  (b)  pressure  fluctuations  (In  lbf/in2)  at 
the  four  times  illustrated  in  figure  5. 


Predictions  obtained  for  SSME  FPL  operation  using  a  predecessor  of  the  FDNS3D  code  have 
been  reported  by  the  code  developer  in  reference  4.  Side-by-side  comparisons  of  the 
raidspan  FDNS3D  results  cannot  be  made  with  figures  3  and  4,  however,  because  a  different 
engine  power-balance  reference  and  a  different  nondimensionalization  were  used  in  reference 
4.  The  FDNS3D  profile  shapes  appear  to  be  nearly  identical  to  the  R0T0R1  profile  shapes, 
however,  with  one  set  being  merely  scaled  relative  to  the  other. 

MSFC  RIG  TEST  CONDITION 

Time-averaged  pressure  coefficients  and  fluctuating  pressures  predicted  by  FDNS3D  are 
shown  as  the  solid  curves  in  Figures  7  and  8  for  three  spanwise  locations  of  the  HPFTP 
turbine  first  stage  airfoils  operating  at  the  nominal  MSFC  test  condition  described  in  the 
previous  section.  Little  spanwise  variation  in  the  stator  pressure  distribution  is 
reflected  by  figure  7,  however,  the  rotor  profiles  vary  considerably  from  hub  to  tip.  The 
net  force  on  the  rotor  hub  is  small  while  the  tip  is  highly  loaded.  The  high  pressure  on 
the  rotor  hub  suction  surface  is  presumably  due  to  the  impingment  of  the  leading  edge 
vortex  and  the  associated  radial  outflow  which  it  causes.  This  is  further  discussed  in 
connection  with  figure  9.  The  low  pressure  region  at  the  tip  of  the  rotor  suction  surface 
at  approximately  60%  chord  corresponds  to  the  minimum  pressure  region  of  the  rotor  tip 
vortex.  The  dashed  lines  in  figure  7  correspond  to  the  R0T0R1  prediction  for  the  stator 
and  rotor  midspan.  The  latter  25%  of  the  stator  suction  surface  and  the  entire  rotor 
surface  are  predicted  to  have  somewhat  different  pressure  distributions  than  indicaced  by 
FDNS3D.  The  likely  explanation  for  this  is  the  difference  in  exit  boundary  conditions. 

The  nonref lective  exit  boundary  condition  used  in  the  FDNS3D  calculation  does  not  fix  the 
exit  pressure.  At  convergence,  the  pressure  ratio  across  the  stage  was  .845  in  contrast  to 
the  value  of  .808  resulting  from  imposition  of  a  pressure  ratio  of  .80  in  the  R0T0R1 
calculation.  (A  pressure  ratio  of  .80  is  indicated  by  the  mean  diameter  velocity  vector 
diagram  for  this  operating  condition).  Also,  the  relative  Mach  number  at  the  rotor  inlet 
calculated  by  FDNS3D  was  .167,  whereas  R0T0R1  predicted  a  value  of  .185.  To  assess  the 
role  of  the  exit  boundary  condition  in  these  discrepancies,  the  FDNS3D  calculation  will  be 
redone  with  a  fixed  pressure  ratio  of  .80  imposed.  Ultimately,  the  data  obtained  in  the 
rig  test  will  indicate  the  correct  airfoil  loading.  The  discrepancy  between  FDNS3D  and 
ROTOR1  predictions  is  puzzling  in  light  of  the  very  similar  predictions  the  two  codes 
produced  for  the  test  configuration  of  reference  5.  This  shows  the  importance  of 
considering  more  than  one  database  in  validating  the  accuracy  of  a  given  code. 

The  pressure  amplitudes  on  the  stator  and  rotor  hub,  midspan,  and  tip  as  predicted  by 
FDNS3D  are  shown  in  figure  8.  The  lack  of  smoothness  in  the  curves  is  a  result  of  the  very 
coarse  grid.  Little  fluctuation  is  seen  on  the  stator  except  at  the  trailing  edge  and  at 
approximately  80%  axial  chord  on  the  suction  surface,  but  the  amplitude  of  the  fluctuations 
is  small.  On  the  rotor,  more  substantial  fluctuations  are  seen  at  the  leading  edge  and 
especially  at  the  tip  due  to  the  tip  leakage  flow  and  tip  vortex.  € 

The  three-dimensional  nature  of  the  flow  is  clearly  depicted  in  figure  9  which  shows 
particle  traces  in  the  fluid  near  the  solid  surfaces.  Although  the  stator  pressure  surface 
flow  apears  to  be  essentially  two-dimensional,  the  suction  surface  streamlines  show 
evidence  of  a  strong  secondary  flow  at  the  tip  over  the  last  third  of  the  vane.  No  hub 
vortex  is  indicated  by  the  vane  or  hub  streamlines,  however.  It  is  likely  that  the  grid  is 
too  coarse  to  detect  the  weaker  horseshoe  vortex  which  is  expected  at  the  hub.  The  rotor 
endwall  flow  traces  do  indicate  the  formation  of  a  horseshoe  vortex  at  the  rotor  leading 
edge,  on  the  other  hand,  causing  a  strong  passage  vortex  which  impinges  on  the  suction 
surface.  This  passage  vortex  is  seen  to  induce  strong  radial  flow  on  the  suction  surface 
and  extends  to  over  60%  span  at  the  trailing  edge.  A  significant  tip  vortex  is  also  formed 
on  the  rotor  and  the  radial  flow  toward  the  tip  due  to  the  relative  eddy  (ref.  11)  is  also 
distinctly  seen  on  the  pressure  surface.  The  nature  of  the  surface  flow  represented  by  the 
streamlines  in  figure  9  is  common  to  all  of  the  instantaneous  flow  solutions  observed 
indicating  that  this  is  an  essentially  steady-state  behavior. 

The  unsteady  nature  of  the  overall  turbine  stage  flow  is  manifested  in  figures  10  and 
11.  Figure  10  shows  entropy  contours  for  flow  in  the  midspan  plane  of  the  stage  at  four 
instants  of  time.  The  changing  position  of  the  rotor  relative  to  the  stator  can  been  seen, 
and  the  interaction  between  the  rotor  and  stator  wake  is  evident.  Corresponding  to  these 
four  time  "slices"  and  relative  midspan  rotor-stator  positions  are  plots  in  figure  11  of 
relative  total  pressure  in  the  rotor  passage  at  three  axial  locations.  The  vertical  lines 
in  the  four  plots  of  figure  10  show  the  position  of  these  axial  locations. 
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Figure  7:  Time-averaged  pressure  coefficients  at  stator  (a) 
and  rotor  (b)  hub,  midspan,  and  tip. 
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Figure  8:  Pressure  amplitudes  at  stator  (a)  and  rotor  (b)  hub,  midspan,  and  tip. 
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Figure  9.  Particle  traces  on  airfoil  surfaces  and  hub  endwalls. 


The  rotor  passage  depicted  in  figures  lla-c  is  oriented  with  hub  at  the  base,  tip 
endwall  at  the  top,  and  the  rotor  rotates  to  the  right.  Thus  in  figures  lib,  the  rotor 
suction  surface  is  to  the  left  and  pressure  surface  is  to  the  right.  The  axial  position 
shown  in  figure  11a  is  located  just  upstream  of  the  rotor  leading  edge,  and  the  relative 
total  pressure  contours  in  this  plane  clearly  show  the  periodic  nature  of  the  inlet  profile 
experienced  by  the  rotor.  The  stator  wake  seen  in  figure  11a  is  at  the  rotor  leading  edge 
at  time  1,  moves  toward  the  center  of  the  passage  at  time  2,  is  in  the  center  of  the  plane 
at  time  3,  and  moves  back  toward  the  suction  surface  at  time  4.  This  is  entirely 
consistent  with  figure  10.  Figure  11a  also  shows  the  passage  vortex  which  was  generated  at 
the  stator  tip  endwall,  as  discussed  earlier  in  connection  with  figure  9,  to  enter  between 
rotor  blades  at  time  1,  and  to  be  at  the  rotor  leading  edge  at  time  3.  The  plane  in 
figure  lib  is  located  downstream  of  the  rotor  leading  edge  at  approximately  15%  chord.  In 
this  portion  of  the  rotor  passage,  the  stator  wake  appears  inclined  toward  the  tip  of  the 
suction  surface  and  the  passage  vortex  is  correspondingly  skewed.  At  time  1,  the  stator 
wake  is  approximately  centered  on  the  hub  but  is  approaching  the  suction  surface  near  the 
tip.  At  time  2,  the  wake  is  on  the  suction  surface  at  the  top  of  the  blade  enabling  the 
oncoming  passage  vortex  to  flow  through  the  passage  relatively  freely  and  thus  to  fill  the 
upper  passage.  Just  after  the  wake  of  the  next  stator  impinges  on  the  pressure  side  (time 
3),  the  oncoming  vortex  from  the  next  stator  passage  enters  the  plane  and  the  former 
passage  vortex  moves  toward  the  suction  side.  The  continuation  of  this  progression  is  seen 
at  time  4.  For  the  plane  just  downstream  of  the  rotor  trailing  edge  (figure  11c),  the 
relative  total  pressure  contours  become  more  9teady.  The  strong  tip  leakage  vortex 
occupies  the  upper  one-third  of  the  span  and  two-thirds  of  the  pitch  and  has  the  smallest 
relative  total  pressure.  The  rotor  wake  and  associated  low  total  pressure  region  fills 
most  of  the  right  side  of  the  plane.  The  passage  vortex  is  squeezed  between  consec  itive 
rotor  wakes  and  occupies  the  left  side  of  the  plane  below  the  tip  leakage  vortex. 
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Figure  11.  Relative  total  pressure  contours  at  4  times  shown  In  figure  10  at 
axial  locations:  (a)  just  upstream  of  rotor  leading  edge  (b)  In  rotor 
passage  at  15%  chord  (c)  at  rotor  exit.  Dark  shade  Indicates  lowest 
relative  total  pressure 
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Further  graphical  interrogation  of  the  numerical  solution  can  shed  additional  light  on 
the  behavior  of  the  unsteady  three-dimensional  flow  through  the  turbine  stage.  Although 
the  solution  has  not  yet  been  quantitatively  validated  via  comparison  with  data,  the  nature 
of  the  flow  as  depicted  in  figures  7-11  is  reasonable.  The  characteristics  of  the  flow  are 
seen  to  be  remarkably  similar  (qualitatively)  to  the  experimental  results  presented  in 
reference  6.  Forthcoming  data  from  MSFC  and  CUBRC,  which  will  enable  true  verification  or 
calibration  of  the  unsteady  predictions  of  both  the  FDNS3D  and  ROTOR1  codes,  will  include 
time-resolved  and/or  time-mean  airfoil  pressures  at  10%,  50%,  and  90%  span,  endwall 
pressure  distributions,  and  exit-plane  total  pressure,  total  temperature,  and  flow  angle 
distributions  (spanwise  and  blade-to-blade ) . 

CODE  USAGE  AND  RESOURCE  REQUIREMENTS 

Both  codes  are  relatively  easy  to  use  and  to  read.  FDNS3D  contains  approximately  5,000 
lines  of  FORTRAN  while  ROTOR1  contains  3180  lines;  both  of  these  counts  include  comment 
lines  and  exclude  grid  generators.  FDNS3D  is  conveniently  run  from  an  input  file,  whereas 
the  R0T0R1  source  code  must  be  modified  for  each  different  application.  Both  codes  require 
the  user  to  process  and  interpret  output  files  containing  airfoil  pressure  information  to 
assess  "convergence,"  i.e.  the  attainment  of  perodicity  in  time.  R0T0R1  conveniently 
provides  time -aver aged,  maximum  and  minimum  (over  one  cycle)  values  at  each  airfoil  node 
while  FDNS3D  provides  instantaneous  values  of  pressure.  Both  codes  are  fairly  robust,  but 
ROTOR 1  must  be  "soft-started,”  i.e.  the  rotor  must  be  brought  up  to  full  rotational  speed 
gradually  if  starting  from  freestream  conditions.  Also,  very  small  time  steps  (e.g.,  2000 
steps/cycle)  are  required  by  R0T0R1  during  the  first  several  cycles  when  starting  from 
freestream  conditions.  R0T0R1  has  one  intrinsic  deficiency  associated  with  its 
nonref lective  inlet  boundary  condition.  Because  the  dependent  flow  variables  are  not  fixed 
there,  they  tend  to  reach  values  at  the  attainment  of  periodicity  in  time  which  are 
different  than  the  freestream  values  assumed  at  the  outset  of  the  calculation.  Thus  the 
rotor  speed  must  be  adjusted  and  additional  cycles  run  to  again  reach  time-periodicity. 

The  inlet  values  attained  at  "convergence"  must  again  be  examined  and  this  iterative 
process  must  be  repeated  until  the  flow  coefficient  based  on  the  final  inlet  values  is 
equal  to  the  required  flow  coefficient.  This  can  significantly  add  to  the  computer  time 
required  to  obtain  the  final  solution.  The  FDNS3D  code,  on  the  other  hand,  is  seen  to 
yield  potentially  erroneous  exit  pressures  when  run  with  its  nonref lective  boundary 
condition. 

For  the  calculations  simulating  the  nominal  MSFC  rig  condition,  R0T0R1  was  found  to 
require  .00013  sec  per  grid  point  per  time  step  on  a  CRAY  X-MP  computer.  Two  hundred  time 
steps  per  cycle  were  used  and  5  cycles  were  required  to  attain  periodicity  in  time  for  the 
first  iteration  on  flow  coefficient  starting  from  a  "good"  initial  flowfield  solution  (the 
final  FPL  solution).  A  total  of  3  iterations  on  flow  coefficient  were  required.  In  all, 

15  cycles  were  required  to  obtain  the  final  two-dimensional  solution  corresponding  to  3  CPU 
hours.  For  the  SSME  FPL  case,  25  cycles  starting  from  freestream  values  and  9  CPU  hours 
were  needed.  In  both  cases,  2,100,000  words  of  core  memory  plus  400,000  words  of  SSD 
(solid-state  storage  device)  were  used.  The  MSFC  rig  calculation  using  FDNS3D  used  .0003 
sec  per  grid  point  per  time  step,  200  time  steps  per  cycle,  and  five  cycles  to  reach 
periodicity  in  time  when  starting  from  an  initial  flowfield  corresponding  to  a  turbulent, 
steady  turbine  stage  flowfield  with  a  stationary  rotor  grid  and  slip  at  the  interface 
between  H-grids.  (This  was  provided  by  Y.  S.  Chen.)  The  five  unsteady  cycles  required  six 
CPU  hours  and  the  initial  flowfield  generation  consumed  2  CPU  hours  for  a  total  of  8  hours 
to  obtain  the  final  time- periodic  solution  in  three  space  dimensions.  Forty-nine  words  of 
core  memory  per  grid  point  were  required. 

SUMMARY  AND  CONCLUSIONS 

The  unsteady  turbine  stage  codes  R0T0R1  and  FDNS3D  have  been  applied  to  the  first  stage 
of  the  SSME  HPFTP  turbine  for  two  sets  of  operating  conditions.  Time-resolved  and/or 
time-averaged  experimental  data  will  soon  be  taken  which  will  correspond  directly  to  one  of 
the  operating  conditions  simulated  here.  This  data  will  be  used  to  calibrate  the  accuracy 
of  the  calculations  performed  in  this  study. 

The  ROTOR 1  code  has  previously  been  seen  to  yield  high-resolution,  smooth  solutions 
which  offer  the  promise  of  high  accuracy  and  resolution  of  fine  scale  flow  phenomena.  The 
associated  requirement  of  fine  spatial  resolution  carries  with  it  the  penalty  of  large 
computer  time  requirements,  however.  The  code  is  useful  for  providing  unsteady  midspan 
airfoil  loadings  and  for  characterizing  unsteady  features  of  the  turbine  stage  flowfield. 

The  FDNS3D  code  has  not  yet  been  validated  for  three-dimensional  turbine  stage 
predictions,  and  this  study  should  provide  some  code  calibration  when  coupled  with 
forthcoming  rig  data.  Numerical  predictions  for  the  MSFC  rig  conditions  appear  reasonable, 
however.  Results  admittedly  lack  smoothness,  in  some  ways,  due  to  the  coarse  spatial 
resolution  of  the  grid  used.  Nevertheless,  important  flow  features  are  revealed  and  at 
relatively  low  computer  and  manhour  requirements.  This  code  has  the  potential  of  being  a 
useful  analysis  tool  which  can  be  used  in  a  quick-turnaround  manner  to  provide  unsteady 
flow  information  to  the  turbine  designer  and  analyst.  Care  must  be  taken,  however,  to 
carefully  assess  its  accuracy  and  understand  its  limitations  before  it  is  used  to  influence 
hardware  design. 
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Author’s  response  i 

The  main  problem  is  loosing  definition  of  the  wake  when  one  goes  from  one  grid  to  the  other. 
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RESUME 


Dins  I'dtude  adrodynamique  des  turboaachines,  la  siaulation  nuadrique 
des  dcouleaents  occupe  unc  place  grandissante.  Ces  dcouleaents  de  fluide 
visqueux  et  coapressibles  sont  tridiaensionnela  et  instationnaires  :  ila  sont 
done  tdgis  par  les  Equations  de  Navier-Stokes  coapldtes. 

Toutefois,  les  adthod^s  ..uadriques  rdsolvant  ces  Equations  sont,  pour 
le  aoaent,  d ’utilisation  liaitde  et  seules  des  applications  dea  ad t bodes 
"Euler"  sont  prdsentdea  d -et  article.  Apr**  un  bref  rappel  dea  phdnoadnes 
physiques  et  de  la  adtheie  nuadrique  utilisde,  les  conditions  sur  lea  fron- 
tidrea  du  doaaine  de  calcul  sont  ddcritea.  L' accent  eat  ais  sur  les  hypothdsss 
siaplificatricea  peraettant  le  calcul  d'un  dtage  coaplet.  Lea  exeapies 
prdaentda  concernent  d«*a  aiaulationa  d'dcouleaenta  inatationnairea  dans  un 
dtage  de  turbine  cl  dans  une  tuydre  supersonigue. 


NUMERICAL  SIMULATION  0 T  THREE-DIMENSIONAL  UNSTEADY  FLCVS 
IN  TURBOMACHINES 

ABSTRACT 


for  the  aerodynaaic  study  of  turboaachinery,  the  nuaerical  flow- 
aiaulation  takes  a  larger  and  larger  place.  These  viscous  and  coapressible 
fluid  flows  are  tbree-diaensional  and  unsteady  :  so  they  are  governed  by  the 
full  Navier-Stokes  equations. 

Nevertheless,  the  use  of  nuaerical  aethods  solving  these  equations  is 
Halted  at  the  present  tiae,  and  only  applications  of  "Euler"  aethods  are 
presented  m  this  paper.  After  a  short  description  of  the  physical  phenoaena 
and  of  the  nuaerical  aethod  used,  the  conditions  on  the  calculation  doaain 
boundaries  are  described.  The  siaplifying  assuaptions  vich  allow  the  coaplete 
stage  coaputation,  are  eaphasized.  The  exaaples  presented  concern  unsteady  flow 
siaulations  in  a  turbine  stage  and  in  a  supersonic  nozzle. 


Notations 


v* 

vr 

v9 

^ .  v^. 
$  -  X  x 

1  -  $*) 


1.  INTRODUCTION 


:  vecteur  vitesse  avec  : 

:  coaposante  axiale 
:  coaposante  radiale 
:  coaposante  aziautale 
:  coaposante  adridienne 

:  angle  de  l'dcouleaent  par  rapport  au  plan  a^ridien 
(\J»,  -  \Jeoe|*,  j  M©  =  Va.-.  £  ) 


angle  odridien 

is  - 


**0 


Cet  article  est  destind  4  presenter  les  diffdrentes  possibility*  de  simulation  nuadrique  des 
dcouleaenta  coapressibles  dans  les  turboaachines.  D'une  fagon  gdndrale,  ces  dcouleaents  sont  tridiaen- 
sionnels,  visqueux  et  instationnaires .  Ils  sont  done  rdgis  par  les  Equations  de  Navier-Stokes  completes. 
Les  diffdrentes  approches  actuelleaent  utilisdes  dependent  du  degrd  des  siaplif ications  adaises  dans  ces 
Equations  selon  1 'analyse  physique  des  phdnoadnes  ryels.  La  preaiyre  partie  de  cet  article  est  prdci- 
syaent  consacrye  k  une  brdve  description  des  aspects  3D,  visqueux  et  instationnaires  ainsi  qu’4  la 
prysentation  des  hypothyses  actuelleaent  retenues  dans  les  programmes  de  calcul.  Ensuite,  divers 
rysultats  obtenus  sur  des  configurations  varies  peraettront  d'apprycier  les  capacitds  des  diffyrents 
codes  dyveloppys  4  l'ONERA  pour  la  siaulation  nuadrique  des  ycouleaents  dans  les  turboaachines. 

2.  ASPECTS  VISQUEUX.  TRIDIMENS IOWNELS  ET  INSTATIONNAIRES 

L' analyse  nuadrique  des  phdnoadnes  visqueux  nycessite  des  aythodes  "Navier-Stokes",  qui  font 
actuelleaent  l'objet  d'un  effort  iaportant  de  dyveloppeaent  et  de  validation,  notaaaent  en  ce  qui  con- 
cerne  la  aodyiisation  de  la  turbulence.  Ces  adthodes  sont  ndanaoins  lourdes  et  coflteuses  d'eaploi, 
coaparativeaent  aux  adthodes  "Euler"  ou  adthodes  de  "fluide  parfait".  Lorsque  les  effets  visqueux  sont 
estiads  peu  iaportants,  l'approche  "Euler”  est  utilisde  avec  profit  :  elle  peraet  de  aener  rapideaent  et 
4  aoindre  coQt  des  calculs  o 0  les  effets  tridiaensionnels  et/ou  instationnaires  sont  prioritaires .  Notons 
qu'4  l'ONERA  en  particulier,  un  aoddle  siaple  de  siaulation  des  effets  visqueux,  intdgrd  aux  adthodes 
"Euler",  peraet  d'aadliorer  notableaent  la  quality  des  rdsultats  obtenus. 

L' aspect  tridiaensionnel  se  traduit  par  le  gauchisseaent  des  surfaces  de  courant  4  la  traversde 
d'un  canal  interaube,  et  seuls  des  calculs  3D  peuvent  restituer  ce  phdnoadne.  Toutefois  les  calculs  2,5D 
(calculs  aube-4-aube  sur  une  surface  de  courant  axi-syadtrique)  ou  2D  sont  encore  d'une  grande  utility 
pour  de  noabreux  probldaes  :  conception  et  optiaisation  d'aubages  (adthodes  Euler),  dtudes  particulidres 
de  base,  etc. . . 


Quant  aux  phdnoadnes  instationnaires ,  il  iaporte  de  ddfinir  claireaent  le  cadre  de  leur  dtude. 
Un  dcouleaent  stationnaire  dans  une  turboaachine  est  trds  particulier  :  seul  le  cas  d’une  roue  isolde 
considdrde  dans  son  repdre  relatif  avec  des  conditions  aaont  et  aval  constantes  dans  le  teaps  correspond 
4  un  rdgiae  stationnaire.  Par  coaparaison,  l'dcouleaent  dans  un  dtage,  avec  des  conditions  d'entrde  et  de 
sortie  analogues  4  celles  d'une  roue  isolde,  bien  qu'dtant  instationnaire,  possdde  un  caractdre 
peraanent ,  globaleaent  stationnaire  :  on  pourra  ddfinir  des  valeurs  aoyennes  dans  le  teaps  de  adae  nature 
que  les  valeurs  stationnaires.  Le  probldae  est  trds  diffdrent  quand  il  s'agit  de  suivre,  au  cours  du 
teaps,  Involution  d'un  phdnoadne  transitoire  (aaorgage  d'une  tuydre  par  exeaple)  .  On  reviendra  sur  ce 
point  dans  la  suite  de  1' article. 

3.  NETHODKS  PE  CALCUL 


Nous  allons  dans  ce  paragraphs  ddcrire  trds  rapideaent  les  adthodes  de  calcul  utilisdes  pour 
obtenir  les  rdsultats  prdsentds  dans  cet  article. 

Les  dquations  d'Euler  (Aquations  de  continuity,  de  quantity  de  aouveaent  et  d  dnergie)  sont 
directeaent  diserdtisdes  dans  l'espace  physique. 

Dans  le  cas  tridiaensionnel,  le  repdre  choisi  est  un  repdre  cylindrique  (R,  0,  z) ,  tandis  que 

dans  le  cas  2.5D,  il  s'agit  du  repdre  (a,  0). 

Les  Aquations  diserdtisdes  sont  rdsolues  4  l'aide  d'un  schdaa  nuadrique  du  type  prddicteur- 
correcteur  de  Mac  Coraack,  capable  de  calculer  les  dcouleaents  coapressibles  avec  ondes  de  choc. 

Le  traiteaent  des  conditions  aux  liaites  du  doaaine  (ou  des  sous-doaaines)  de  calcul  utilise  la 
thdorie  des  relations  caractdristiques,  ou  relations  de  coapatibilitd. 

Les  ddtails  sur  ces  techniques  nuadriques  pourront  dtre  trouvds  en  [1],  [2],  [3). 

Il  est  dvident  que  la  quality  des  siaulations  nuadriques  ddpend  grandeaent  des  conditions 
appliqudes  aux  front idres  du  doaaine  de  calcul.  Le  paragraphs  suivant,  qui  rappelle  parfois  des  concepts 
dldaentaires,  est  consacrd  4  ce  point  iaportant. 


4.  MATURE  DES  PHENOHENES  ET  SIMULATION  NUMERIQUE 


4.1.  Frontidres  amont  et  aval  du  domaine  de  calcul 

Considdrons  l'exemple  simple  d'upe  roue  isolde  de  turbomachipe  {fig.  1) . 


La  siaulatiop  numdrique  de  l'dcoulement  implique  avant  tout  le  choix  d'un  domaine  de  calcul 
epglobapt  la  roue  et  upe  partie  de  la  veipe  4  l'amont  et  4  l'aval. 

Ce  domaipe  possdde  4  1' Evidence  deux  types  de  frontidres  : 

-  les  frontidres  "solides"  (carters,  aubes)  sur  lesquelles  sera  appliqude  une  condition  d'adhdrence  ou  de 
glissesent , 

-  des  frontidres  "fluides"  externes  4  l'amont  et  4  l'aval,  aur  lesquelles  les  conditions  limites 
appliqudes  devront  dtre  en  accord  au  mieux  avec  la  nature  de  l'dcoulement  rdel.  En  gdndral,  ces 
conditions  sont  adrodynamiquement  assez  simples,  car  il  n'est  pas  possible  de  determiner  avec  surety 
des  conditions  plus  complexes  dependant  du  rayon  ou  de  l'azimut,  voire  du  temps.  Quelques  precautions 
s'imposent  alors  quant  au  choix  de  1 ' emplacement  de  ces  frontidres. 

-  front i4re  amont, 

Lorsque  la  vitesse  debitante  est  subsonique,  il  est  usuel  d'imposer  deux  grandeurs  d' arret 
(pression  et  temperature)  et  deux  grandeurs  statiques  (en  3D)  :  nombre  de  Mach,  ou  angle  &  de  l'dcou- 
lement  ou  vitesse  tangentielle,  et  angle  meridiep  .  Si,  par  exemple,  la  condition  amont  impose  &  =  0, 
=  0  (ecoulement  axial  dans  le  repdre  absolu),  la  frontidre  doit  etre  suffisamment  eioignee  de  la  roue 
pour  que  1' influence  amont  de  cette  dernidre  soit  ndgligeable  ;  de  plus  il  est  n6cessaire  que  la  veine 
soit  4  rayon  constant  au  voisinage  de  la  frontidre  (ecoulement  par  nappes  concentriques,  Cf  =  0) . 

-  frontiere  aval, 

Le  probiene  est  tout  4  fait  similaire  lorsque  l'on  impose  une  condition  de  pression  constante 
suivant  l'azimut  et  le  temps,  mais  variable  en  fonction  du  rayon  suivant  un  equilibre  radial  simple. 

Le  domaine  de  calcul,  en  vue  meridienne,  prend  l'allure  representee  fig.  2. 


FRONTIERE 

\  -0 

AMONT 

ROUE  N ' 

FRONTIERE 

AVAL 

l  '  > 

_ 

Fig  2  -  Roue  isolee  ■  domaine  de  calcul 


D'aprds  ce  qui  precede,  on  entrevoit  que  certains  calculs  seront,  par  principe,  deiicats  4 
mener  en  roue  isolde,  en  particulier  ceux  concernant  une  roue  alimentee  par  un  ecoulement  avec  pre¬ 
rotation  {&  i  0) .  C'est  le  cas,  par  exemple,  d'une  roue  mobile  de  turbine  on  d'un  redresseur  d'etage  de 
compresseur.  La  condition  amont  devra  en  effet  restituer  une  evolution  radiale  moyenne  de  la  prdrotation, 
connue  (ou  souhaitee)  juste  devant  la  roue. 

La  difficulte  de  trouver  une  telle  condition  amont  a  ete  4  1'o.igine  des  calculs  en  etage 
prdsentds  dans  la  suite  de  cet  article. 

4.2.  Par tage  du  domaine  de  calcul  en  sous-domaines 

4.2.1  Roue  Isolde 

Pour  le  calcul  de  l'dcoulement  stationnaire  dans  une  roue  isolde,  le  domaine  se  rdduit  4  un 
canal  interaube  (fig.  3).  On  voit  apparaitre  d'autres  frontiers*  fluides,  4  travers  lesquelles  la 
continuitd  azimutale  de  l'dcoulement  est  assures  grice  4  la  pdriodieitd  spatiale. 

Ces  domaines  pourront  4tre  divisds  en  sous-domaines,  en  vue  d'amdliorer  la  qualitd  des 
rdsultats  (maillages  B,  0,  C...). 


Fig.  3  -  Domaine  de  caJcul  pour  un  canal 


4.2.2.  Etage  : 

L’approche  pr6c6dente  n'est  plus  valable  pour  le  calcul  de  l'6coulement  dans  un  etage  compost 
de  deux  rouey  dont  les  nombres  d'aubes  sont  diffArents.  Bien  que  chaque  roue  presente  encore  une  periodi¬ 
city  g6ooetrique,  1  * 6eoulement  y  est  instationnaire  et  non  p£riodique  d'un  canal  A  1‘ autre. 

Pour  des  raisons  pratiques,  le  domaine  de  calcul  sera  forme  de  plusieurs  sous-domames  (type 
"profil"  ou  "canal").  Outre  les  frontiers  fluides  internes  entre  deux  canaux  adjacents,  apparaissent  les 
frontieres  fluides  internes  entre  les  deux  roues  (fig.  4). 


Fig  4  Domaine  de  calcul  pout  un  etage 


Si  le  domaine  de  calcul  inclut  tous  les  canaux  de  chaque  roue,  c’est-A-dire  si  le  calcul  est 
■end  sur  1 'etage  complet,  les  conditions  limites  sur  les  frontieres  internes  est  traduite  par  la 
continuity  azimutale  (A  la  place  de  la  periodicity  spatiale  en  roue  isoiee)  et  la  continuity  axialo- 
radiale. 


Dans  cette  hypothAse,  la  taille-memoire  d'ordinateur  et  le  temps  de  calcul  seraient  trAs 
importants,  et  mAme  inacceptables .  C'est  pourquoi  diverse*  techniques  ont  Ate  proposAes,  ayant  comae  but 
commun  de  rAduire  la  taille  du  domaine  de  calcul  A  des  proportions  compatibles  avec  les  capacitAs  des 
calculateurs  actuellement  disponibles. 

4.3.  Technics  de  reduction  du  domaine  de  calcul 

Dans  leur  majority,  ces  techniques  visent  A  retrouver  une  periodicity  spatiale  de  l'Acoulement 
sur  un  nombre  rAduit  de  canaux  de  chaque  roue  [4],  [5]. 


Certaines  font  appel  4  un  changeoent  d'dchelle  des  profils  permettant  da  retrouver  la  pdrio- 
dicitfc  gdomfetrique  et  done  la  pdriodicitd  adrodynamique.  Ce  type  d'approche,  justifiable  en  dcoulement 
bidimensionnel,  parait  ndanmoins  ddlicat  4  nettre  en  oeuvre  sur  des  aachines  tridiaensionnelles  ovs  les 
carters  subiasent  de  fortes  variations  du  rayon  (aachines  axialo-radiales  notamment). 

D’autres  aettent  en  jeu  diverses  aoyennes  aziautales,  effectudes  coupe  par  coupe,  ce  qui  a  pour 
consequence  de  nasquer  certains  effets  tridinensionnels,  en  particulier  la  variation  aziautale  de 
1' angle  (pente  mdridienne  de  1 ' dcoulement)  4  l’entrde  de  chaque  roue. 

On  peut  dgaleaent  citer  des  voies  sensibleaent  diffdrentes  : 

-  utilisation  des  propridtds  de  ddphasage  espace-teaps  pour  1 'dtablissement  de  conditions  liaites 
instationnaires  pdriodiques  [6], 

-  passage  des  coordonndes  physiques  4  des  coordonndes  de  calcul  dans  lesquelles  1' dcoulement  est  spatia- 
lenent  pdriodique  (7J. 

La  technique  ddveloppde  4  l’ONERA  [8]  peraet  de  contourner  certains  des  obstacles  dvoquds  ci- 
dessus.  Elle  va  dtre  rapideaent  ddcrite  dans  les  lignes  qui  suivent. 

On  considdre  un  dtage  comportant  Ni  aubes  dans  la  roue  aaont  et  N*  dans  la  roue  aval.  On 
cboisit  tout  d’abord  deux  entiers  Ki  et  fc  aussi  petits  que  possible,  mais  tels  que  les  rapports  Ki/fa  et 
Hi/Vg  soient  voisins.  Ki  et  K2  reprdsentent  les  noabres  de  canaux  ef fectiveoent  calculds  respect ivement 
dans  la  roue  aaont  et  la  roue  aval. 


-  pour  la 

-  pour  la 


Les  extensions  azinutales  de  chaque  groupe  de  canaux  sont  : 
roue  1  =  Ki  pi  »  Ki  x  2n/Ni 

roue  2  £2  =  K*  P2  *  K*  x  2  lt/Na 


On  ddfinit  alors  une  extension  moyenne  par  : 
=  1/2  (et  +  e8) 


ainsi  que 


K  -  *«/«,. 


( h.  -  li.  -  5!i .  \ 

\>-t  "  Nl  ) 


Lea  quantity,  ^  1  et  ^  i  aeraent,  au  cours  du  calcul,  4  dilater  ou  contracter  les  gradients 
azimutaux  4  V  interlace  des  deux  roues  de  faqon  4  les  rapporter  4  1 'extension  circonfdrentielle  cooaune 
ec,  4  travers  laquelle  on  assure  la  continuity  axialo-radiale.  Par  ce  biais  il  est  alors  possible 
d'appliquer  la  condition  de  pdriodicitd  spatiale  sur  les  frontidres  hautes  et  basses  de  chaque  groupe  de 
canaux. 


Quelaues  remarques  : 

-  comae  on  le  voit,  il  s'agit  seuleaent  d'un  traiteaent  aux  frontidres  de  continuitd  (frontidres  fluides 

internes)  du  doaaine  de  calcul.  En  particulier,  il  est  important  de  noter  que  les  gdondtries  rdelles 

des  canaux  ne  sont  pas  affeetdes,  et  que  n'inporte  quel  type  de  machine  peut  dtre  pris  en  coapte, 

-  les  approximations  induites  sont  d'autant  plus  faibles  que  Ki/Kt  est  proche  de  Hi/N«  :  la  solution  est 
d'ailleurs  exacts  si  Ki/Ka  «  Ni /Uz  , 

-  il  est  aisd  de  ddaontrer  que  les  valeurs  aoyennes  (dans  le  temps)  de  grandeurs  globales  comme  le  ddbit 

ou  la  charge  sur  les  roues  sont  inddpendantes  du  choix  des  noabres  Ki  et  Ki , 

-  cette  technique  peut  dtre  dtendue  4  un  noabre  de  roues  supdrieur  4  2  par 

ee  =  ^  X  ICi.ni  K  - 

Les  rdsultats  de  calcul  prdsentds  ultdrieurement  porteront  sur  la  validation  de  cette  technique 
sur  une  coupe  d'dtage  de  turbine  transsonique  et  sur  son  application  4  un  dtage  3D. 

4.4.  Simulation  des  dcouleaents  transitoires 


Ce  genre  de  siaulation  peut  concerner  lea  phdnoadnes  physiques  suivants  : 

-  dvolution  au  cours  du  temps  des  conditions  aaont  et/ou  aval 

-  variation  de  la  vitesse  de  rotation. 

Lorsque  ces  changements  sont  trdf  rapides,  ils  peuvent  induire  des  efforts  important! 
(analogues  4  des  chocs),  dventuellement  doamageables  pour  les  structures  de  la  machine. 

D'un  point  de  vue  numdrique,  les  mdthodes  utilisdes  pour  les  rdgimes  stationnaires  ou 
permanents  s'appliquent  aux  rdgimea  transitoires,  aprds  quelques  modifications  miniaes. 

Du  point  de  vue  informatique,  lea  choses  sont  diffdrentes  :  une  solution  convergde  (3D,  rdgime 
stationoaire  en  roue  Isolde  ou  permanent  sn  dtage)  eat  obtenue  en  quelques  millisecondes  de  temps  rdel,  4 
raison  de  5000  4  8Q0Q  Itdrations  par  milliseconds.  Pour  un  maillage  de  l'ordre  de  40  000  points,  ceci 
rsprdsente  environ  3h  de  CRAY  XHP.18.  La  description  d'un  phdnomdne  transitoire  sur  1  seconds  ndees- 
siteralt  200  4  250  fois  plus  de  temps,  soit  quelques  30  jours  C.P.U.  !  On  conqoit  que  ce  genre  de  calcul 
soit  llnitd  aux  dcouleaents  bidimensionnels  dont  la  phase  transitoire  sst  sxtrdmement  brdve. 


5.  VISUALISATION  DES  RESULTATS  DE  CALCUL 

Lorsque  l'on  effectue  des  calculs  instationnaires,  on  pease  naturellement  4  visualiser  certains 
rEsultats  sous  forae  d’un  film  d'aniaation,  ce  qui  permet  de  aieux  percevoir  Involution  des  phEnomEnea 
au  cours  du  temps. 

Pour  cela  il  est  intEressant  de  disposer  de  logiciels  simples,  peu  coQteux  en  temps  de  calcul 
et  surtout  qui  puissent  etre  totaleaent  intEgrEs  au  programme  principal. 

C’est  en  fonction  de  ces  quelques  contraintes  qu’a  EtE  dEveloppE  un  procEdE  de  creation 
d' images  de  synthase  pour  la  visualisation  de  champs  divers  sur  des  surfaces  gauches  dEfinies  dans 
1‘espace  3D  telles  l'extrados  et  l'intraios  d'une  aube  de  turbomachine. 

Ceci  se  deroule  en  deux  stapes.  La  premiere  est  celle  de  la  creation  d'une  matrice  numErique  2D 
dont  chaque  ElEaent  sera  ultErieurement  assocife  4  un  pixel  (point)  de  1‘ image  »ur  i  ecran  de  visuali¬ 
sation.  La  surface  4  reprEsenter  est  dEcomposEe  en  facettes  triangulaires  ElEmentaires  projetEes  sur  le 
plan  image,  et  un  simple  test  sur  la  distance  permet  1 ’Elimination  des  zones  cachEes.  Les  matrices  ainsi 
crEEes  sont  stockEes  pour,  dans  une  seconde  Etape,  Etre  visualisEes  sur  un  Ecran  graphique,  et  servir  4 
la  rEalisation  de  courts  films  d ’animation. 


6.  RESULTATS  NUKERIQUES 


6.1.  Coupe  d’Etage  de  turbine 

Des  calculs  2,5D  ont  EtE  menEs  sur  une  coupe  de  pied  d’Etage  de  turbine  transsonique  dans  le 
but  de  valider  la  technique  proposEe  ci-dessus  (traitement  des  conditions-limites  sur  les  frontiEres 
fluides  internes,  associE  4  la  rEduction  du  domaine  de  calcul). 

Le  distributeur  comprend  Ni  =  31  aubes,  et  la  roue  N2  =  53,  soit  un  rapport  Ni /N*  =  0,585. 


Les  diffErents  cas  envisagEs  sont  les  suivants  : 


Cas  1.1  Ki  =  1,  Ka  =  1 
Cas  1.2  Ki  =  1,  Ka  =  2 
Cas  3.5  Ki  =3,  K2  =5 
Cas  exact  par  utilisation 
proche  de  celle  dEcrite  en  rEf.  [6]. 


(Ki/Ka  =  1) 

(Kj/Ka  =  0.5) 

(Kt/Ka  =  0.6) 

des  propriEtEs  de  dEphasage  espace-temps,  grace  4  une  technique 


Dans  cet  Etage  de  turbine,  un  Ecoulement  supersonique  est  amorcE  dans  le  distributeur,  dounant 
4  1 ’aval  de  celui-ci  un  systEme  d’ondes  de  choc  et  de  dEtente,  et  provoquant  done  des  gradients  azimutaux 
des  grandeurs  aErodynamiques.  Si  l’on  passe  du  repEre  fixe  au  repEre  tournant,  la  roue  se  voit  done 
attaquEe  par  un  Ecoulement  subsonique  non  uniforme.  Les  fluctuations  les  plus  importantes  sont  celles  de 
l’angle  relatif  d’entrEe  (amplitude  de  l’ordre  de  20°).  Tout  ceci  induit  dans  l’Ecoulement  des  effets 
instationnaires  non  nEgligeables,  nettement  plus  accentuEs  pour  la  roue  mobile  que  pour  le  distributeur 
[8].  Ils  sont  mis  en  Evidence  par  exemple  sur  Involution  au  cours  du  temps  de  la  rEpartition  de  la 
pression  statique  sur  une  aube  du  rotor  (pression  rapportEe  4  la  pression  gEnEratrice  de  1 ’Ecoulement 
amont)  (fig.  5).  L’intervalle  couvert  (pEriode)  correspond  au  f ranchissement  d’un  pas  du  distributeur  ; 
ce  rEsultat  concerne  le  calcul  exact  (cas  n°  4) . 
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Fig  5  Evolution  au  cours  du  temps  de  la  pression  statique  sur  une  aube  du  rotor 
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Une  analyse  comparative  poussde  des  quatre  configurations  de  calcul  a  dtd  effectude  pour  mieux 
corner  les  differences  existant  de  l'une  4  1' autre.  On  a  examine  notamaent  les  evolutions  au  cours  du 
temps  de  grandeurs  intdgrdes  (charge  des  profils,  debit)  ou  de  grandeurs  locales,  moyenndes  ou  non  en 
espace  (angles  et  vitesses  en  repdres  relatif  et  absolu)  ainsi  que  les  moyennes  en  temps  de  diffdrentes 
quantitds. 

En  particulier,  1 'observation  de  1’ evolution  temporelle  du  debit  dans  un  canal  de  la  roue 
mobile  (fig.  6)  permet  de  for muler  les  deux  remarques  suivantes  : 

a)  Le  cas  1.1  est  trds  different  des  autres  car  la  pdriodicitd  y  a  6te  forcde  d’un  canal  4  1' autre  :  il 
n'est  done  pas  possible  d' avoir,  4  un  instant  donnd,  des  debits  diffdrents  dans  des  canaux  voisins, 
alors  que,  dans  la  rdalitd,  le  fluide  entrant  dans  la  roue  mobile  a  la  faculte  de  se  rdpartir  indga- 
lement  dans  les  canaux,  donnant  ainsi  des  fluctuations  nettement  plus  importantes  (fig.  6d) . 

b)  Si  l'on  examine  les  cas  intermediates,  on  note  des  differences  quasi-insignifiantee  entre  le  cas  3.5 
(fig.  6c)  par  rapport  au  cas  exact  pris  comme  reference.  Les  differences  sont  plus  marquees,  mais 
restent  raisonnables  pour  le  cas  1.2  (fig.  6b). 

Pouvoir  rdpartir  indgalement  le  debit  entre  plusieurs  canaux  semble  done  etre  un  eidment-cld 
important  dd*  lore  que  l'dcoulement  presente  azimutalement  une  non  uniformite  significative.  Dans  le  cas 
prdcis  de  l'dtage  de  turbine  presente,  1 'approximation  1-1  apparait  insuffisante,  alors  que  1 'approxi¬ 
mation  1-2,  nettement  plus  proche  du  cas  reel,  represents  un  bon  compromis  entre  le  coQt  d'un  calcul  et, 
la  qualite  des  rdsultats  qu'elle  fournit.  Elle  a  d'ailleurs  ete  utilisde  pour  l’dtage  3D  prdsente 
maintenant. 


b)  CAS  1.2 


c>CA53  5  d)  CAS  EXACT 


Fig.  6  -  Debit  a  I’entree  d  un  canal  de  la  roue  mobile 


6.2.  Etaae  3D  de  turbine 

II  s’agit  de  l'dtage  correspondent  4  la  coupe  ddcrite  ci-dessus.  Les  nombres  d'aubes  sont  done 
31  et  53.  Prdcisons  les  principales  caractdristiques  de  fonctionnement  : 


taux  de  ddtente  sans  pertes  T  >3,25 

taux  de  ddtente  avec  pertes  X*  *  3,48 

pression  gdndratrice  amont  =  11,08  10®  Pa 

temperature  gdndratrice  amont  *  1250  R 

rapport  des  chaleurs  spdcifiques  x  B 

chaleur  opdcifique  4  pression  constants  Cp  ■  1182  J/fcg/R 
coefficient  de  frottement  C?  »  0,0025. 


Les  maillages  utilises  sont  prdsentds  sur  la  fig.  7  ;  l'ensemble  comporte  environ  44000  points. 
Avec  ces  maillages,  le  regime  permanent  est  attaint  aprdf  12000  4  15000  iterations  (temps  CPU  sur  CRAY  de 
l’ordre  de  3h) . 


Cet  dtage  a  fait  l'objet  de  deux  sdries  de  calcul  [9,  10],  la  premidre  en  fluide  parfait,  la 
seconds  avec  simulation  des  effets  visqueux  par  introduction  d'un  frottement  parietal.  Les  deux  calculs 
prdsentds  ici  correspondent  4  la  mdme  chute  d'enthalpie  (ce  qui  explique  que  les  taux  de  ddtente  soient 
diffdrents) . 
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Dans  la  partie  aaont  du  distributeur,  l'effet  de  la  simulation  des  pertes  est  pratiquement 
inexistant.  Dans  la  partie  aval,  ainai  que  dans  la  roue  nobile,  deux  points  soot  4  signaler  : 

1)  Introduire  un  frottement  provoque  une  diminution  de  la  section  de  passage  disponible  :  en  4coulenent 
supersonique  la  vitesse  atteint  un  niveau  loins  6lev4,  avec  le  contraire  en  4couleaent  subsonique. 
Ceci  est  observe  sur  l'extrados  du  distributeur. 

2)  La  vitesse  et  la  direction  de  l'4couleaent  de  sortie  du  stator  sont  nodifites,  ce  qui  entraine  un 

changeaent  notable  de  la  vitesse  et  de  1' angle  relatif  4  1' entree  de  la  roue  Mobile  (fig.  8)  :  dans 
cette  roue,  les  effets  visqueux  siaul6s  contribuent  4  augaenter  le  niveau  aoyen  de  la  pression  sur 
l'extrados  pr4s  du  bord  d'attaque.  II  y  a  aussi  transf ornation  de  Involution  dans  le  teaps  du  dtbit 
dans  le  rotor  (fig.  9)  :  avec  pertes,  l'aaplitude  est  un  peu  accrue  4  l'entrte.  Dais  diainute  4  la 


Fig.  8  Angle  relatif  devant  un  bord  d'attaque  du  rotor  en  fonction  du  temps. 
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Fig  9  •  Debit  dans  un  canaJ  de  la  roue  mobile  en  fonction  du  temps. 


1 

r 

1  PAS  DlSTRIBUTEUR 

to- 

INTR  EXTR 

INTR.  EXTR 

5- 

\ 

N 

\ 

"  -  N 

- —  — 

-5- 

Fig.  10  -  Angle  meridian  a  I’ interface  (coupe  moyenne). 


Les  effets  tridiaensionnels  presents  dans  cet  At  age  peuvent  traverser  1' interface  entre  les 
deux  roues  grAce  au  traiteeent  propose  pour  les  conditions-linites.  Ils  sont  traduits  par  Involution 
azinutale  de  I'angle  ,  aontrAe  pour  un  instant  arbitraire  (fig.  10). 

6.3.  Aaorcaae  d'une  tuyere  bidiaensionnelle 

La  phase  d'aaorgage  d'une  tuyere  est  caractArisAe  par  une  variation  rapide  du  taux  de  detente 
(pression  statique  aval  rapportAe  A  la  pression  d'arrAt  aaont) .  On  peut  obtenir  ceci  de  plusieurs 
fagons  : 

-  soit  par  v»Hation  1«  pression  d'arrAt  s»nnt,  la  pression  aval  Atant  aaintenue  constante, 

-  soit  par  variation  de  la  pression  statique  aval,  la  pression  d'arrAt  aaont  ne  changeant  pas, 

-  soit  par  variation  sinultanAe  des  deux  pressions. 

II  est  Evident  que  la  phase  transitoire  ne  sera  pas  la  aAae  suivant  le  choix  de  la  variation  du 
taux  de  dAtente.  Pour  l'exenple  prAsentA,  (fig.  11),  on  a  retenu  la  seconds  possibility  [10].  L'Acou- 
leaent  initial  est  stationnaire,  A  basse  vitesse  sauf  dans  la  rAgion  du  col  o4  il  y  a  une  onde  de  choc 
droite  de  faible  intensity.  Au  fur  et  4  assure  de  l'aaorgage,  cette  onde  se  propage  dans  le  divergent,  se 
transferee  en  onde  de  choc  oblique  d’ intensity  dycroissante.  En  fin  d'aaorgage  l'Acouleaent  redevient 
stationnaire  aprAs  la  stabilisation  de  la  pression  aval. 

Ces  rAsultats  aontrent  qu'il  exists  des  ondes  de  choc  d' intensity  non  nAgligeable  :  la 
validity  de  l'approche  "Euler”  pourrait  Atre  reaise  en  cause  quant  A  sa  signification  physique.  II  n'en 
rests  pas  noins  que  cette  approche  peraet  une  preaiAre  coaprAhension  des  phAnoaAnes  rAels. 

On  notera  enfin  que  la  solution  obtenue  depend  Atroiteaent  des  conditions-liaites  (aaont  et 
aval)  parfois  difficiles  A  Avaluer  avec  surety  dans  la  *-AalitA. 


7.  CONCLUSION 


Dans  cet  article,  1* accent  a  6t6  mis  sur  l'iaportance  des  conditions-linites  dans  la  simulation 
num^rique  de  l'dcouleaent  dans  des  616aents  de  turboaachines . 

Actuellement ,  on  est  toujours  conduit,  selon  le  but  recherche,  k  privildgier  certains  aspects 
de  1 '6coulement,  et  done  k  en  n6gliger  d'autres  ;  il  convient  alors  naturelleaent  de  ne  pas  oublier  que 
les  rdsultats  de  calculs  sont  fonction  des  hypotheses  simplif icatrices  adoptees. 

En  d^pit  de  ces  hypotheses,  1' utilisation  des  aethodes  de  calcul  s'avdre  etre  d'une  grande 
utilite  pour  1' analyse  et  la  comprehension  des  dcouleaents  coapressibles  de  turboaachines.  En  effet,  ces 
aethodes  aettent  en  evidence  les  aspects  tridinensionnels  instationnaires  et  visqueux  des  ecouleaents, 
parfois  aal  connus  sur  le  plan  experimental . 

On  notera  enfin  que  les  aethodes  "Euler"  seront  sans  doute  encore  largeaent  exploiteea  dans  les 
anndes  k  venir,  car  les  aethodes  "Navier  Stokes",  qui  coaaencent  k  etre  op6rationnelles,  restent  trds 
coOteuses . 
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DISCUSSION 


A.Uger  -0  D  T  U,  Turkey 

(1)  The  downstream  condition  used  by  the  authors  is  the  non-reflection  condition.  What  is 
the  upstream  condition. 

Author’s  response  : 

At  the  upstreaa  boundary  the  total  pressure,  the  total  temperature  and  one  static  condition, 
e.g.  the  flc«  angle,  are  iaposed. 

<21  Is  the  3-d  code  taking  into  account  losses  and  horn  is  it  managed? 

Author's  response  : 

A  conventional  friction  coefficient  is  imposed  on  the  malls  mhenever  the  flom  does  not 
separate,  and  constant  pressure  mhen  the  flom  separates. 


Oxford  University,  u.K. 

There  is  a  general  comment  to  be  made  from  the  viewpoint  of  the  experimentalists: 

it  mould  be  useful  to  have  calculation  results  presented  as  curves  duplicating  test  results. 
For  example  a  plot  of  unsteady  pressures  on  the  blade  surface  can  be  directly  compared  to  tes  results, 
whereas  pressures  inside  the  passage  cannot  be  compared  to  test  results. 

Author's  response  : 

There  is  certainly  a  lack  of  experimental  results  and  theoreticians  and  experimentalists 
should  reach  an  agreement  how  to  present  results  in  order  to  allow  comparison  between  computation  and 
tests. 


H.Joubert,  SNECNA  Villaroetie,  France 


Pourquoi  les  auteurs  n'utilisent-ils  pas  une  condition  de  pdriodicitd  spatio-temporelle  pour 
diminuer  le  domaine  de  calcul  ? 

Rpponse  de  1' auteur  : 

le  cas  bi-dieensiormel  31/53  aubes  a  ttd  fait  dans  ces  conditions,  lorsque  le  nombre 
d'dtages  devient  plus  important,  cela  est  pratiquenent  impossible. 
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smmRY 

In  research  and  development  testing  of  axial  flow  fan  and  compressor  rigs  the  overall  performance  can 
normally  be  determined  to  a  satisfactory  accuracy  using  conventional  methods.  It  is  known,  however,  that 
conventional  slow  response  instrumentation  does  not  respond  correctly  to  the  highly  unsteady  flows 
encountered  between  blade  rows  in  high  speed  turbomachines.  Consequently  measurements  made  in  these 
areas,  in  an  attempt  to  "split  the  loss"  of  the  machine,  typically  lead  to  gross  errors  in  stage,  or  blade 
element,  performance  assessments.  A  novel  slow  response  temperature  sensor,  the  Reverse-Kiel  probe,  has 
been  created  by  employing  a  judicious  shield  design  in  an  attempt  to  allow  the  probe  to  indicate  the 
correct  mass-weighted  temperature  of  such  unsteady  turbomachinery  flows. 

The  mass-weighted  Reverse-Kiel  tenperature  probe  has  been  developed  using  some  simple  arguments 
supported  by  flow  visualisation  and  computational  modelling.  The  predicted  best  probe  designs  were 
evaluated  and  confirmed  on  the  purpose  built  'Blade-Wake'  rig.  The  optimum  probe  has  been  built  as  a 
standard  rig  probe  and  now  is  undergoing  preliminary  test  studies. 


LIST  or  SYMBOLS 

C  Absolute  flow  velocity 

d  Probe  inlet  hole  diameter 

K  constant 

k  Kinetic  energy  of  turbulence 

m  Mass  flux  per  unit  area  entering  probe  shield 

M  Mass  flux  per  unit  area  of  flow  (external  to  probe) 

Mn  Mach  number  of  flow 

Re  Reynolds  number 

Rf  Recovery  factor 

t  Time 

T  Absolute  temperature 

Tp  Probe  indicated  temperature 
Ts  Calibration  tunnel  static  temperature 

Tt  Calibration  tunnel  total  temperature 

U  Rotor  blade  speed 

V  Relative  flow  velocity 

SUBSCRIPTS 

a  Axial  component 

R  Rotor  relative 

O  Total  quantity 

1  Rotor  inlet 

2  Rotor  exit 

GREEK  SYMBOLS 

e  Rate  of  turbulence  dissipation 
0  Flow  incidence  angle  relative  to  rig  axis 
p  Fluid  density 

x  Period  of  pulsatile  flow 


l.  imwductccn 

The  advanced  measurement  technique  detailed  in  this  report  has  been  developed  to  aid  compressor 
research  and  development.  Compressor  rig  testing  is  carried  out  to  determine  the  compressor 
characteristics  over  a  range  of  speeds  and  flow  conditions.  A  schematic  of  a  typical  compressor  test 
facility  is  shown  in  Figure  1.  Upstream  of  the  test  unit  or  coopressor  the  inlet  mass  flow,  pressure  and 
tenperature  are  measured  to  the  required  accuracy.  Downstream  of  the  coopressor  the  outlet  tenperature 
and  pressure  are  measured.  It  is  then  a  single  matter  to  derive  the  isentropic  (or  polytropic)  efficiency 
of  the  unit.  A  multistage  coopressor  (6  to  10  stages)  will  typically  produce  a  temperature  rise  of  250  K 
to  550  K.  However  a  single  stage  coopressor  typically  produces  only  a  temperature  rise  of  50  K.  It  has 
been  found  that  when  a  small  temperature  rise  is  to  be  measured  on  a  rig  it  is  more  accurate  to  derive 
work  input  using  a  shaft  torquemeter  (Reference  1)  rather  than  make  the  measurement  directly  with  a 
thermocouple  system.  A  non-contacting  shaft  torquemeter,  such  as  the  highly  accurate  phase-shift 
transducer  (Reference  2)  yields  net  torque  after  corrections  are  made  for  rig  bearing  losses  and  windage, 
and  shaft  modulus  variation  with  temperature.  From  the  net  shaft  torque  and  inlet  mass  flew  function  the 
temperature  rise  through  the  compressor  can  be  calculated.  The  inherent  high  accuracy  of  the  torque 
measuring  devices  leads  to  a  more  accurate  determination  of  temperature  rise  than  could  be  obtained  frcm  a 
direct  temperature  measurement  (in  the  case  of  small  tenperature  rises). 


Hence  the  overall  efficiency  of  a  compressor  can  be  determined  to  a  satisfactory  accuracy  but  a  major 
problem  occurs  when  attempts  are  made  to  make  efficiency  measurement  between  blade  rows.  This  is  required 

on  a  single  stage  machine,  such  as  a  model  fan,  to  provide  a  thorough  analysis  of  the  individual 

performances  of  the  fan  and  the  by-pass  outlet  guide  vanes.  Additionally  the  radial  distribution  of  loss 
(or  efficiency)  is  required  in  order  to  assess  the  elemental  performance  of  the  fan  blade  which  usually 
has  large  changes  of  stagger  and  camber  over  the  blade  span.  In  a  multistage  compressor  rig,  detailed 

knowledge  is  required  of  the  performance  of  each  of  the  stages  (and  individual  blade  rows).  It  is  found 

that  conventional,  slow  response  pressure  and  tenperature  probes  do  not  respond  correctly  to  the  highly 
unsteady  flows  encountered  between  blade  rows  in  high  speed  turbomachinery  and  the  resultant  efficiency 
derived  from  these  measurements  can  be  grossly  in  error.  Consequently,  compressor  research  and 
development  is  hampered  by  the  poor  accuracy  of  conventional  measurement  techniques  which  do  not  permit 
the  compressor  engineer  to  resolve  the  areas  of  deficiency  along  a  blade  span  or  between  blade  rows.  This 
leads  directly  to  longer  and  more  costly  compressor  development  paths. 

The  interstage  instrumentation  limitations  arise  because  a  steady  state  measurement  approach  has  been 
adopted  without  an  appreciation  of  the  effect  of  the  unsteady  flow  on  the  input  to  the  instrumentation. 
The  interstage  flow  is  highly  complex  comprising  unsteady  rotating  and  stationary  wakes,  the  residuals  of 
passage  vortices  etc.  This  paper  concerns  itself  with  the  development  of  an  interstage  measurement 
technique  which  yields  encouraging  improvements  in  performance  assessments.  The  technique  is  required  to 
be  low  cost,  rugged  enough  for  routine  testing  and  be  preferably  sinple  to  manufacture,  operate,  record 
and  analyse.  The  target  measurement  accuracy  for  radial  distribution  of  efficiency  over  a  blade  span,  or 
individual  blade  efficiency  within  a  multistage  compressor  is  +0.5%  of  a  point  in  efficiency. 

The  temr stature  required  to  yield  accurate  efficiency  measurements  in  turbomachinery  ±s  the 
mass-averageu  empecature.  In  a  pulsatile  flow  of  period  t  this  equates  to: 

M.T.  dt 

TWA  «  J*  (1) 


r  . 

M.  dt 


and  in  conditions  of  fluctuating  density  and  axial  velocity  is  found  not  to  be  equal  to  the  time-averaged 
ten^erature,  which  is  given  by: 


i  rr 

T  -  -  T.  dt 


(2) 


Simple  velocity  triangles  are  drawn  in  Figure  2  for  a  compressor  rotor.  The  flow  associated  with  the 
wake  is  arbitrarily  taken  to  have  40%  reduction  of  rotor  relative  velocity  compared  to  the  free  stream  or 
jet  flow.  The  rotor  relative  angle  of  the  wake  and  jet  flows  are  assumed  to  be  equal.  Consequently  the 
absolute  angle  of  the  wake  flow  increases  over  that  of  the  jet  flow.  There  is,  howt/er,  only  a  minimal 
increase  in  the  speed  of  the  wake  flow  over  the  jet  flow.  Most  importantly,  it  can  readily  be  seen  that 
the  whirl  velocity  (and  therefore  temperature  rise  via  Euler)  is  increased  in  the  wake  and  the  axial 
velocity  is  reduced  in  the  wake.  Hence  in  order  to  obtain  the  correct  mass  averaged  temperature  in  a 
pulsatile  flow  field,  oscillating  between  jet  and  wake  flows,  it  is  necessary  that  the  hot  wake  flow  is 
weighted  by  it's  correspondingly  lew  axial  velocity  and  not  by  it's  relatively  high  absolute  velocity. 
This  presents  the  instrumentation  engineer  with  a  difficult  task. 


In  this  study  a  slow  response  temperature  sensor  (type  K  thermocouple )  has  been  combined  with  a 
judicious  shield  design  in  an  attempt  to  permit  the  probe  to  respond  correctly  in  unsteady  flows.  In 
particular,  the  design  intent  has  been  to  produce  a  temperature  probe  which  indicates  the  correct 
mass-averaged  temperature  of  the  unsteady  flows. 


2.  REVIEW  OF  PREVIOUS  WORK 


PREVIOUS  RCT^S-ROYCE/CRANFIEIb  SHJDIES 

In  recognition  of  the  requirement  to  make  sensible  (close  to  rotor)  temperature  measurements, 
Cranfield  and  Rolls-Royce  undertook  a  study  to  identify  the  error  mechanism  and  to  produce  a  new  design  of 
probe  which  was  demonstrably  better.  Much  of  the  work  carried  out  has  already  been  reported  as  Reference 
3  but  additional  work  was  undertaken  with  modified  temperature  probes  which  led  to  the  discovery  of  a  new 
probe  type  with  an  apparently  significantly  improved  res'vjnse  in  unsteady  flows.  The  following  precis  of 
the  work  leads  onto  the  previously  unreported  new  probe  i.ype. 

The  Cranfield  study  began  by  considering  the  velocity  triangles  at  hui ,  mid-height  and  tip  for  a 
typical  fan.  Convective  heat  transfer  from  cylindrical  sensors  (hot  wires)  and  spherical  sensors 
(thermocouple  beads)  was  considered.  Internal  conduction  effects  and  sensor  shielding  was  also  modelled. 
By  assuming  the  pulsatile  flow  to  be  an  alternation  of  jet  and  wake  flows  at  variable  mark-space  ratios  it 
was  shown  that  an  error  would  indeed  exist  between  the  temperature  a  sensor  would  indicate  and  the  mass 
averaged  ten^ierature.  The  magnitude  of  the  error  was  shown  to  be  a  function  of  the  relative  convective 
heat  transfer  coefficients  of  the  jet  and  wake,  the  axial  velocities  and  densities  of  the  jet  and  wake 
flows,  the  proportion  of  the  blade  pitch  that  the  wake  occupies  and  the  flow  sampling  characteristics  of 
the  probe  itself.  In  practise,  however,  it  would  be  highly  unlikely  that  such  details  would  be  known 
about  the  probe  and  flow  (permitting  the  error  to  be  defined).  Therefore  the  use  of  the  model,  beyond 
identifying  the  salient  parameters,  is  restricted  to  estimating  likely  measured  errors  based  on  reasonable 
estimates  of  the  above  parameters. 

The  model  was  used  to  estimate  errors  that  a  shielded  and  unshielded  (bare  thermocouple  bead!  probe 
would  experience  when  exposed  to  the  hub,  mid-height  and  tip  velocity  triangles  in  a  typical  fan.  In 
general  it  was  confirmed  that  due  to  the  large  difference  between  the  time  averaged  flow  temperature  and 


the  mass  averaged  flew  temperature,  significant  errors  (relative  to  the  mass  averaged  temperature)  would 
be  expected  from  the  shielded  probe,  with  a  marginal  improvement  it  an  unshielded  probe  was  used.  In  all 
cases  the  largest  errors  were  seen  at  the  fan  tip. 

Having  produced  a  model  which  showed  that  the  largest  errors  were  associated  with  fan  tip  conditions, 
a  rig  (Blade-Wake  rig)  which  simulated  the  gross  flow  difference,  at  representative  frequencies,  was 
developed.  The  rig  was  calibrated  with  a  constant  current  anemometer  to  measure  the  dynamic  temperature 
profile,  and  calibrated  using  a  constant  temperature  anemometer  to  record  the  dynamic  velocity  profile. 
The  rig  was  found  to  generate  a  wake  of  son*.  40%  of  the  blade  pitch  which  was  approximately  25  K  hotter 
than  the  jet  flow.  Various  industry  standard  design  probes  (Reference  4/  were  exposed  to  the  flow  on  the 
blade  wake  rig  and  their  response  recorded.  As  expected  the  largest  errors  were  seen  close  to  the  rotor 
trailing  edge;  at  a  downstream  distance  equal  to  0.125  rotor  chord,  an  open  bead  read  7.5  K  high,  a  Kiel 
shrouded  probe  read  6.5  K  to  11  K  high  (depending  on  bleed  hole  area),  a  Cobra  probe  fitted  with  a 
thermoccuple  read  5  K  high  and  a  cylindrical  probe  indicated  6  K  high.  However  at  one  rotor  chord 
downstream  all  the  probes  indicated  a  temperature  in  close  agreement  with  the  ness  averaged  temperature. 

It  was  suspected  by  Agnew  (co-author  of  Reference  3)  that  a  probe  with  a  ma  .ed  yaw  sensitivity  would 
be  less  influenced  by  wake  (off  angle)  flow  and  using  information  in  Reference  4,  concerning  angular 
sensitivity  of  pneumatic  probes,  coupled  with  an  empirical  approach,  he  developed  the  "Reverse-Kiel" 
probe.  A  number  of  Reverse-Kiel  probes  were  built  with  *arying  inlet  diameters  and  applied  to  the  Blade 
Wake  rig.  The  datum  design,  illustrated  in  Figure  3,  seemed  to  be  excellent  showing  negligible  error  at 
only  0.25  rotor  chord  downstream  of  the  rotor.  It  was  then  discovered  that  the  cut  relation  between  probe 
performance  and  probe  design  was  not  straightforward  and  that  an  understanding  of  the  probe  was  largely 
based  on  intuition  and  experimental  evidence  rathe.,  than  detailed  analysis.  Consequently  it  was  decided 
to  initiate  a  further  programme  of  study  to  appreciate  how  the  Reverse-Kiel  probe  tended  to  respond  to  the 
flow  mass  averaged  temperature  and  to  determine  how  to  further  improve  the  response  of  the  probe. 

3^ _ DEVElOPHPrr  OF  a  HAS5-AVERA6ING  (REVERSE-KIEL)  TEMPERATURE  PROBE 

The  nature  of  the  flow  within  the  shield  of  the  original  (datum)  Reverse-Kiel  probe  has  been  studied 
using  both,  flow  visualisation  and  computational  studies.  The  flow  visualisation  was  carried  out  on  large 
scale  perspex  models  of  the  probe  head,  using  smoke  wire,  and  a  novel  hot  wire  method.  These  techniques 
revealed  the  internal  flow  structure.  In  parallel  with  the  flow  visualisation,  a  3D  finite  difference 
numerical  technique  was  used  to  model  the  probe  and  the  flow  which  was  used  to  assess  a  number  of  the 
probe  geometries  investigated  during  the  flow  visualisat.cn  s  udies.  Subsequently  the  flow  predictions 
were  confirmed  by  the  flow  visualisation  results.  A  theory  is  then  proposed  to  explain  how  he  Reverse- 
Kiel  temperature  probe  tends  to  indicate  the  desired  flow  mass-averaged  terp^rature .  A  parametric 
variation  study  on  the  original  (datim  Reve.se-Kiel  probe  design  was  carried  out  by  combining  the 
quantitative  data  from  the  numerical  model  with  the  developed  theory  to  predict  the  probe  optimum  design 
which  was  tested  on  the  purpose  built  Blade-Wake  rig. 

CONSIDERATION  OF  FLOW  P1EU3S  IN  GEOHETEUCALLY  SIMILAR  amvamns 

The  geometry  of  the  Reverse-Kiel  probe  and  its  orientation  relative  to  the  incident  flo  suggests 
that  a  jet  like  flow  will  be  internally  generated  through  the  small  inlet  orifice  of  the  probe.  Knowledge 
of  the  jet  flow  (or  its  resultant)  within  the  shield  is  therefore  required  ir  order  to  appreciate  why  th--* 
thermocouple  junction  in  the  Reverse-Kiel  probe  tends  to  indicate  a  mass  aveLaged  temperature  and  how  the 
jet  flow  can  ve  controlled  to  improve  and  stabilise  the  probe  response. 

A  review  of  literature  on  axisyraroetri''  jets  revealed  that  this  classical  problem  cf  turbulent  mixing 
has  largely  been  the  subject  of  semi -empirical  theories.  Refert  ice  5  gives  a  number  of  simple  engineering 
expressions  for  the  genera)  case  of  a  turbulent  jet  issuing  into  paralle  moving  air  streams,  and  it  is  a 
trivial  matter  to  reduce  these  expressions  to  the  limiting  case  of  a  jet  is-**  :og  into  a  stationary  fluid 
However  an  important  difference  which  exists  between  the  jet  cases  reported  ubove  and  the  internal  flow  in 
the  Reverse-Kiel  Probe  is  the  presence  and  proximity  of  the  internal  walls  of  the  shroud  relative  to  the 
flow  issuing  through  the  inlet  orifice.  In  effect  the  situation  equates  to  a  sudden  enlargement  of  c:oss 
sectional  area  of  1:64.  The  internal  geometry  and  small  inlet  orifice  of  the  Reverse-Kiel  Probe  is  not 
unlike  the  rooms,  and  associated  ventilation  holes,  studied  in  Reference  6.  The  study  of  mean  flow  fi  Ids 
within  gas  turbine  axisyrametirc  combustors  is  also  of  relevance  to  the  Reverse-Kiel  Probe  because  of  the 
similarity  of  internal  geometries  and  possibly  internal  flows  (e.g.  reference  7). 

The  studies  of  axisynmetric  jets,  ventilating  into  rooms  and  combustion  chamber  flows  can  be  expecte- 
to  be  of  limited  use  in  fully  understanding  the  internal  flow  generated  within  the  Reverse-Kiel  Probes  js 
none  of  the  flow  situations  or  geometries  exactly  match  that  in  the  Reverse-Kiel  Probe  where  tne  flow  r.  .o 
the  probe  is  certainly  not  fully  developed  and  where  a  large  sudden  expansion  takes  pl^-e  into  an  ipen 
ended  cavity  of  length  less  tnan  2.5  cavity  diameters.  The  work  reported  aoove  has,  however,  been  helpful 
in  establishing  an  initial  assessment  A  the  flow  process. 

PLOW  VISUALISATION  STUDIES 

The  successful  use  of  flow  visual isat  jn  techniques  in  comb*  ion  chamber  flows  encouraged 

exploration  of  the  possibility  of  performing  similar  studies  for  the  Reverse-Kiel  probe  geometry.  A 
variety  of  combustion  chamber  flews  had  been  modelled  txit  each  inlet  flow  was  fixed  and  remained  steady. 
The  flow  onto  a  Reverse-Kjel  probe  in  a  compressor  is  neither  fixed  nor  steady,  with  varying  conditions  of 
speed,  incidence,  temperature,  heat  transfer,  turbulence  etc.  in  tht  wake  and  free  stream.  Consideration 
of  the  probe  size,  flow  velocity  and  flow  periodicity,  however,  suggest  an  improved  understanding  of  the 
problem  could  be  obtained  using  a  quasi-steady  model  for  the  following  reasons.  Consider  the  datum 
Reverse-Kiel  probe  geometry  (Figure  3)  and  the  application  of  such  a  probe  to  a  typical  research 

compressor  downstream  of  the  rotor  with  absolute  speed  of  250  m/s  and  blade  passing  frequency  of  8  kHz. 

In  this  case  the  flow  is  periodic  repeating  every  125  */s  and  he  flow  transit  period  through  the  probe  is 
15  Hence  it  is  proposed  that  the  flow  through  the  prob.1  can  be  approximated  to  a  quasi -steady  flow 

switching  between  states  (this  is  clearly  an  assumption  retiring  justification). 

Flow  visuall  .ation  through  a  "full-size"  model  of  the  Reverse-Kiel  probe  was  considered  to  be 

impracticable  due  to  the  minature  dimensions  of  the  probe.  Consequently  a  larger  scale  model  was 
constructed  to  give  a  reasonable  seeding  and  viewing  volume.  Various  flew  visualis'.tion  techniques  were 
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considered  to  determine  the  external,  but  more  importantly  the  internal  flow  (Reference  8).  Ttie  most 
premising  and  convenient  technique  for  flow  visualisation  of  this  particular  geonetry  and  flow  appeared  to 
be  smoke  (vaporised  oil)  flow  visualisation  (Reference  9).  With  the  working  fluid  (air)  being  the  sane  for 
the  probe  and  model  cases,  dynamic  similarity  dictates  that  a  scaled-up  model  would  need  to  be  tested  in  a 
corresponding  air  velocity.  Consequently  the  datum  probe  geometry  when  exposed  to  a  flow  of  200  tn/s  was 
simulated  by  a  50  times  size  model  ( conveniently  giving  an  inlet  diameter  of  9  nm}  in  a  4  m/s  flow. 

Consequently  a  50  times  size  perspex  model  of  the  probe  shield  was  constructed  and  run  on  a  purpose 
built  smoke  flow  visualisation  tunnel  at  the  Transport  Technology  Department  at  Loughborough  University. 
Smoke  filaments  were  generated  by  a  SO  element  smoke  rake  positioned  in  the  contraction  area  upstream  of 
the  tunnel  working  section.  The  model  shield  could  be  yawed  relative  to  the  incident  flow.  Figure  4  is 
an  example  of  the  results  obtained  from  the  Loughborough  tunnel.  The  datum  probe  geometry  is  shown  at  an 
incidence  of  60°  to  the  tunnel  flow.  The  flow  external  to  the  perspex  model  is  clearly  visible,  with 
acceleration  around,  and  separation  from,  the  perspex  model.  A  single  smoke  filament  enters  the  model  and 
remains  essentially  axi symmetric  (relative  to  the  model)  throughout  its  length.  This  characteristic  was 
seen  to  persist  over  a  wide  yaw  range  (±  75°).  Generally  the  Loughborough  tunnel  was  quick  and  easy  to 
use  and  provided  a  useful  Reynolds  number  range  (based  on  inlet  plate  diameter)  up  to  1800.  Unfortunately 
the  tunnel  provided  only  details  of  the  flow  external  to  the  shield  but  nothing  on  the  internal  flow 
structure  (except  along  the  shield  centre  line). 

An  alternative  facility,  within  Rolls-Royce,  was  used  to  study  flows  internal  to  the  probe  at  a  more 
useful  Reynolds  number  range  of  1800  <  Re  <  3000.  The  method  chosen  to  visualise  the  internal  flow  in  th* 
same  model  was  the  smoke-wire  technique  (References  10  and  11).  Three  pairs  of  bosses  were  fixed  into  the 
model  to  allow  fine  wires  to  be  fixed  horizontally  across  an  internal  diameter  within  the  shield.  The 
wire  was  coated  with  a  suitable  oil  (such  as  Shell  "Oxiina”)  so  that  small  beads  of  oil  form  along  the 
length  of  the  wire.  The  wire  is  suddenly  heated  (electrically)  causing  smoke  filaments  to  originate  from 
each  bead.  Provided  the  Reynolds  number  (based  upon  wire  diameter)  does  not  exceed  approximately  20,  the 
flow  around  the  wire  does  not  break  down  into  a  laminar  vortex  sheet  and  reasonable  smoke  filaments  are 
produced.  The  fixed  wire  positions  were  at  axial  distances  of  2d,  8d  and  12. 5d  downstream  of  the  inlet 
orifice  (diameter  d),  with  the  12. 5d  position  corresponding  to  the  axial  location  of  the  thermocouple  bead 
within  the  actual  probe.  The  wires  were  spring  loaded  to  maintain  a  diametral  orientation  without  sagging 
at  temperature. 

An  alternative  utilisation  of  the  wires  fitted  for  smoke  flow  visualisation  is  the  novel  hot  wire 
visualisation  technique  (developed  as  part  of  this  programme).  By  continuously  operating  the  wires  at 
elevated  temperatures  (through  resistive  heating)  to  glow  red  (greater  than  600°C)  the  convective  heat 
transfer  over  the  wire  length  could  be  qualatatively  judged  by  looking  for  grey  (cooler)  lengths  of  wire 
corresponding  to  higher  convective  heat  transfer  and  thus  higher  velocities.  In  particular  this  technique 
was  found  to  be  very  useful  in  defining  the  width,  at  each  wire  location,  of  the  relatively  high  velocity 
jet  flow. 

Results  from  the  flow  visualisation  of  the  datum  geometry  model  at  15°  incidence  on  the  Rolls-Royce 
tunnel  are  included  as  Figure  5a  (smoke  flow  visualisation)  and  Figure  5b  (hot  wire  visualisation).  At 
this  2d  position  the  central  jet  flow  is  evident  with  recirculation  regions  either  side  of  the  jet. 
Figures  6a  and  6b  show  similar  results  for  the  12. 5d  sensor  position  at  a  model  incidence  of  30°.  A  clear 
asynmetry  of  the  jet  within  the  probe  is  evident  with  both  flow  visualisation  techniques. 

The  use  of  flow  visualisation  techniques  in  conjunction  with  a  large  scale  perspex  model  of  the 
Reverse-Kiel  probe  has  facilitated  a  good  appreciation  of  the  detailed  flow  structure  expected  within  th-1 
actual  Reverse-Kiel  probe.  The  smoke  flow  visualisation  studies  at  Loughborough  University  i-dicat^d  that 
there  appeared  to  be  surprisingly  little  difference  in  probe  centre-line  internal  flow  over  the  range  of 
model  geometries  tested,  and  over  a  wide  range  of  flow  incidences.  The  complimentary  flow  visualisation 
studies  carried  out  at  Rolls-Royce  (using  smoke  wire  and  the  novel  hot  wire  flow  visualisation  techniques' 
revealed  the  detailed  internal  flows.  It  was  found  that  although  a  jet-like  structure  was  maintained  to 
large  angles  of  incidence,  there  was  a  clear  jet  asymmetry  within  the  shield  of  the  nodel  probe.  These 
observations  of  the  detailed  internal  flow  serve  as  a  means  of  qualitative  validation  of  numerical  models. 

3D  FINITE  DIFFERENCE  MKERICAL  MODELLING  OF  FLOWS 

In  parallel  with  the  flow  visualisation  studies  it  was  also  decided  to  numerically  model  the 
Reverse-Kiel  probe  geometry  and  associated  flows.  It  was  hoped  that  numerical  modelling  would  enable  a 
faster,  more  efficient,  more  detailed  parametric  study  of  the  probe  geometry  than  could  be  achieved  using 
physical  models  with  smoke  flow  visualisati  in.  The  Rolls-Royce  Predictions  of  Aerodynamics  and  Combustor 
Emissions  (PACE)  suite  of  programnes  was  identified  as  being  able  to  model  the  three  diirensional,  steady, 
elliptic,  isothermal,  turbulent  flows  associated  with  the  Reverse-Kiel  probe.  PACE  takes  the  continuity 
equation  and  the  three  momentum  equations  or  Navier-Stokes  equations,  and  solves  these  four  simultaneous 
partial  differential  equations  to  yield  pressure  and  the  three  components  of  velocity.  The  pressure  field 
must  be  chosen  in  such  a  way  that  the  solutions  of  the  momentum  equations  (in  which  the  gradient  of  the 
pressure  appears)  yield  a  velocity  field  which  also  satisfies  continuity.  This  is  achieved  by  using  an 
iterative  technique,  incorporating  pressure  and  velocity  corrections  at  each  step,  until  both  the 
continuity  and  momentum  equations  are  satisfied  simultaneously.  This  scheme  is  based  on  that  discussed  in 
Reference  12.  A  grid  distribution,  or  mesh,  is  defined  over  the  flow  domain  to  be  solved  for.  A  finite 
difference  scheme  is  used  to  replace  the  partial  differentials  in  the  flow  equations  with  ratios  of  finite 
differences.  PACE  uses  the  k-E  turbulence  model  (Reference  13)  to  represent  time  averaged  turbulence 
effects. 

The  initial  flow  geometries  modelled  using  PACE  were  very  simple  (2  dimensional)  but  the  model  was 
progressively  extended  until  a  3  dimensional  model,  suitable  for  the  intended  parametric  design  variation, 
was  developed.  The  final  version  of  the  3  dimensional  model  was  based  on  a  suitable  mesh  for  the  datum 
Reverse-Kiel  probe,  but  had  sufficient  resolution  to  be  a  reasonable  mesh  for  a  useful  variation  of  inlet 
hole  diameter,  inlet  plate  thickness,  shield  length  and  shield  wall  thickness  (ie.  outlet  hole  diameter ). 
The  mesh  size  was  30  axial  lines  x  27  radial  lines  x  17  circumferential  lines.  This  gave  a  resolution  of 
5  axial  lines  and  5  radial  lines  th rough  the  inlet  hole  of  the  datum  Reverse-Kiel  probe. 


The  flow  predictions  for  the  datum  geometry  at  zero  incidence  were  compared  to  earlier  two 
dimensional  flow  predictions  and  found  to  be  in  good  agreement.  Additionally,  the  spread  of  the  internal 
jet  flow  was  measured  and  found  to  be  in  reasonable  agreement  with  jet  spread  angles  noted  with 
axisyrametric  jets,  ventilation  flows  and  combustion  chamber  flows.  The  hot  wire  flow  visualisation 
studies  also  fully  supported  the  numerical  predictions.  Figures  7  and  8  show  PACE  predictions  for  an 
axial  velocity  of  200  ii^/s  with  a  flow  incidence  of  45°  onto  the  datum  geometry.  Flow  is  seen  to  enter  the 
solution  domain  along  the  left  hand  side  and  bottom  boundaries  and  exit  the  flow  domain  along  the  right 
hand  side  and  upper  boundaries.  The  presence  of  the  centre  line  blockages,  simulating  the  datum  probe 
geometry,  is  seen  to  distort  the  flow  field  local  to  the  probe  geometry,  but  far  downstream  of  the  probe 
the  flow  field  is  relatively  undisturbed.  Figure  8  is  a  windowed  down  version  of  Figure  7,  to  allow 
closer  examination  o  the  flow  within  the  shield.  Flow  enters  the  probe  through  the  inlet  orifice  and 
issues  as  a  jet  into  the  probe  shield.  However  the  internal  jet  is  actually  slightly  offset  {relative  to 
the  probe  centre  lin<  axis)  tending  to  turn  back  on  the  external  flow  direction.  This  characteristic  was 
also  present  in  the  results  of  the  experimental  modelling  (Figure  6).  Hence  the  PACE  computations  for 
incident  flow  onto  the  datum  Reverse-Kiel  geometry  correctly  predicted  the  asymmetrical  nature  of  the  jet 
within  the  probe  shield,  and  it  was  concluded  that  the  3D  PACE  model  could  be  used  to  examine  parametric 
design  variations  to  the  datum  probe  geometry. 

4 .  _  CAVITY  AVERAGED  TEMPERATURE  THEORY  AND  PARAMETRIC  VARIATION 

With  a  suitable  model  available  for  the  parametric  variation  study,  some  criterion  was  sought  by 
which  to  judge  various  designs.  To  this  end  it  was  proposed  that  the  thermocouple  bead  responds  to  the 
average  temperature  of  the  flow  within  the  shield,  "the  cavity  averaged  temperature"  determined  by 
evaluating  the  energy  flow  into  the  shield  over  a  complete  cycle  as  follows 


m  dt 

where  to  is  the  flow  per  unit  area  entering  the  cavity,  Figure  9. 

Now  the  true  mass  averaged  temperature  of  the  flow  (equation  1)  is:- 

j  MT  dt 


M  dt 


(3) 


(1) 


and  M  is  the  external  mass  flow  per  unit  area.  Therefore,  it  is  reasonable  to  expect  the  Reverse  Kiel 
probe  to  provide  the  correct  result  only  if  m  is  proportional  to  M. 

That  is,  the  correct  result  can  be  expected  only  if  the  mass  flow  entering  the  cavity  is  at  all  times 
proportional  to  the  external  velocity  and  the  cosine  of  its  incidence  onto  the  probe,  t  for  constant 
density  flows). 

i.e.  m  =  K  C  cos  0  (where  K  is  a  constant) 

A  shield  design  which  satisfies  Equation  (4),  over  a  given  range  of  flows,  will  input  the  correctly 
•weighted  mass  flux  into  the  shield.  Thus  the  cavity  averaged  temperature  will  equal  the  mass  averaged 
temperature  over  the  given  range  of  flows.  This  criterion  can  be  used  to  evaluate  Reverse-Kiel  probe 
designs. 

The  main  PACE  solver  was  specified  to  include  a  calculation,  based  on  flow  information  from  the  last 
iteration  step,  of  the  convected  inlet  mass  flux  through  the  inlet  orifice  of  the  shield  being  modelled. 
The  parametric  design  variation  encompassed  14  configurations  and  for  each  simulated  probe  geometry  it  was 
considered  that  a  minimum  of  3  flow  angles  (0°,  30°  and  60°)  were  required  to  establish  how  close  the 

particular  design  was  to  satisfying  Equation  (4).  A  constant  value  of  absolute  velocity  of  250  m/s  was 

chosen  for  the  three  flow  angles  as  this  required  a  variation  in  the  axial  velocity  component,  and 
therefore  mass  flow,  as  the  flow  angle  varied. 

A  selection  of  results  from  PACE  of  the  parametric  design  study  are  shown  in  Figure  10.  If  the 

characteristics  of  a  probe  are  to  satisfy  Equation  (4),  then  the  non-dimensional  inlet  mass  flow  function 

will  be  seen  to  vary  with  the  cosine  of  the  incident  flow  angle.  Hence  Figure  10  includes  a  curve 
representing  this  ideal  characteristic  as  a  reference.  Figure  10(a)  indicates  the  effect  on  probe 
performance  of  varying  the  inlet  hole  diameter  for  an  otherwise  datum  probe  design.  Results  are  shown  for 

inlet  diameters  of  0.2  mm  (datum),  0.3  iron,  0.5  iron,  0.9  mm  and  1.5  mm.  The  0.2  mm  diameter  inlet 

represents  the  practical  minimum  for  an  aerodynamic  probe  not  to  suffer  from  "clogging"  with  airborne 

contaminants.  The  datum  probe  is  seen  to  have  the  worst  response  of  the  probes  with  the  0.5  trot)  and  0.9  iran 

inlet  diameters  very  closely  following  the  desired  cosine  response.  At  60°  incidence,  the  predicted  order 
of  inlet  diameter  improving  probe  response  is  0.2  iron,  0.3  iron,  1.5  mm,  0.9  mm  and  0.5.  Figure  10(b) 
indicates  the  effect  on  probe  performance  of  varying  the  inlet  hole  diametei  for  a  probe  with  a  shield 
length  of  2.5  mn.  Results  are  shown  for  inlet  diameters  of  0.2  wn  (datum),  0.5  iran  and  0.9  rran.  Comparing 
Figures  10(a)  and  (b)  it  is  clear  that  reducing  the  shield  length  for  a  given  inlet  diameter  increases  the 
angular  sensitivity  of  the  resultant  probe.  The  results  shown  indicate  that  the  short  probes  with  the  0.5 
mm  and  0.9  iron  inlet  holes  are  actually  over-sensi tive  to  incidence  angle  relative  to  the  desired  cosine 
response . 


I 


It  was  recognised  that  a  more  complete  analysis  of  total  convected  mass  flux  would  be  achieved  by 
considering  the  flew  at  the  exit  of  the  probe,  across  the  outlet  hole  diameter.  However  preliminary 
analysis  had  shown  that  the  inlet  mass  flux  gieatly  exceeded  the  reverse  mass  flux  at  the  probe  exit  for 
all  tut  the  extreme  flow  angles  ie.  greater  than  60°.  Also  the  magnitude  of  the  reverse  mass  flux 
relative  to  the  inlet  mass  flux  reduced  with  increasing  inlet  diameter  {the  direction  of  the  parametric 
variation) . 

In  conclusion  to  the  parametric  design  variation  and  subsequent  analysis  based  on  the  cavity  averaged 
temperature  theory,  PACE  predictions  (tendered  by  practicalities)  included  a  marginal  improvement  in  the 
datum  probe  response  when  fitted  with  a  thinner  inlet  plate  or  a  shorter  overall  shield  length.  No 
advantage  was  predicted  for  reducing  the  exit  hole  diameter  and  the  level  of  turbulence  specified  for  the 
PACE  solutions  was  found  to  have  a  minimal  effect  on  the  predicted  results.  However  the  main  design 
feature  governing  probe  response  was  predicted  to  be  the  inlet  hole  diameter  with  the  optimum  inlet  hole 
diameter,  for  an  otherwise  datum  probe,  being  0.5  ran  or  0.9  ran  (the  original  Cranfield  study  did  not 
include  any  probes  of  a  greater  inlet  diameter  than  0.3  ran.  Probes  with  inlet  hole  diameters  of  0.5  ran  or 
0.9  ram  coupled  with  short  (2.5  ran)  length  shields  were  predicted  to  be  overly  sensititve  to  incidence.  As 
a  result  of  these  numerical  predictions,  test  thermocouple  probes  were  manufactured  as  a  modular  kit  for 
application  on  the  Blade-Wake  rig  to  examine  both  their  response  and  the  cavity  averaged  temperature 
theory  predictions  and  subsequently  to  select  the  optimum  probe  to  be  built  as  a  rig  standard  instrument. 

5.  BLADE-WAKE  RIG  TESTING 

As  a  result  of  the  development  of  the  slow  response,  mass  averaging,  Reverse-Kiel  temperature  probe, 
test  thermocouple  probes  were  manufactured  and  applied  to  the  Blade-Wake  rig.  Hie  Blade-Wake  rig,  shown 
in  Figure  11  and  fully  described  in  Reference  3,  was  a  free  running  axial  flow  air  turbine  with  37  blades 
(25.4  mm  axial  chord,  12.7  ran  height)  running  at  a  design  speed  of  8,000  r.p.m.  To  generate  a  wide, 
energetic  wake  the  turbine  blade  trailing  edges  were  blunt  and  occupied  some  33%  of  the  blade  pitch.  The 
blade  loading  was  light,  comprising  only  of  windage  and  bearing  losses.  Fourteen  configurations  (see 
Table  1)  of  Reverse-Kiel  temperature  probe  were  applied  to  the  Blade-Wake  rig  at  0.125,  0.25,  0.375,  0.5, 
0.75,  1.0,  2.0  and  3.0  rotor  axial  chord  lengths  downstream  of  the  rotor  (trailing  edge).  At  each  axial 
position  the  test  probe  temperature  relative  to  a  downstream  reference  probe  tenperature  (the  "error")  was 
noted.  In  recognition  that  the  reference  probe  and  the  test  probes  will  not  necessarily  have  the  sane 
recovery  characteristics,  the  collated  results  are  corrected  by  taking  the  "error"  at  any  given  axial 
location  and  deducting  from  it  the  "error"  at  a  distance  of  5  axial  chords  downstream.  In  this  way  the 
reference  probe  characteristics  are  eliminated  from  the  results,  with  the  test  probe  performance  being 
compared  to  itself  at  a  far  downstream  position. 

With  all  probes  tested,  the  greatest  errors  were  seen  close  to  rotor  trailing  edge  and  these  reduced 
to  zero  (ie.  probe  temperature  equal  to  flow  mass  meaned  temperature)  as  the  flow  became  more  ordered  with 
advancing  distance  from  the  rotor.  It  was  found  that  the  error  associated  with  probes  having  the  datum 
inlet  hole  diameter  (0.2  ran)  was  independent  of  inlet  hole  length  (over  the  tested  4:1  range).  It  was 
also  noted  that  the  general  trend  was  that  reducing  the  shield  length  marginally  improved  probe 
performance.  The  main  design  feature  which  controlled  probe  performance  was  the  inlet  hole  diameter. 
Results  are  shown  in  Figure  12(a)  which  includes  results  from  the  bare  wire  thermocouple  probe  (H).  It  is 
noteworthy  that  the  earlier  work  had  included  a  full  flow  survey  at  three  radial  heights  with  hot  wire 
anemoraetry.  Significant  radial  variations  were  noted  at  rotor  exit  and  the  characteristic  of  certain 
probes  at  certain  axial  locations  indicated  a  temperature  less  than  the  apparent  mass  meaned  temperature 
which  * js  attributed  to  radial  fluid  migration.  Of  the  probes  tested  during  this  study,  IF  had  the 
largest  inlet  diameter,  which  samples  some  12%  (in  the  radial  direction)  of  the  rig  annulus,  and  was 
therefore  most  susceptible  to  radial  fluid  migration  confusing  equi-radial  flow  analysis.  Figure  12(b) 
shows  the  performance  of  the  short  length  shield  probes  of  differing  inlet  hole  diameters.  The  bare  wire 
thermocouple  probe  was  again  included  as  a  reference.  At  0.125,  0.25  and  0.375  rotor  axial  chord,  probe 
2D  (0.9  ran  diameter  inlet  hole)  was  consistently  more  accurate  than  the  other  probes.  From  0.5  rotor 
axial  chord  onwards  there  was  again  little  difference  between  the  probes.  Also,  as  before,  the  larger 
inlet  diameter  probes,  tend  to  indicate  a  slightly  lower  than  correct  mass  averaged  temperature  until 
beyond  0.5  rotor  axial  chord. 

Hie  probe  configurations  tested  as  IE  and  2E  require  some  explanation.  Having  proposed  the  Cavity 
Averaged  Temperature  theory  as  the  mechanism  for  the  success  of  the  Reverse-Kiel  class  of  probe,  it  is 
apparent  that  the  convected  inlet  mass  flux,  rather  than  any  consideration  of  an  internal  jet  flow,  is  the 
key  feature  to  be  be  considered.  A  more  uniform  inlet  distribution  of  convected  mass  flux  might  be 
achieved  if  mote  than  one  inlet  orifice  was  enployed.  The  modelling  limitations  of  PACE  prohibited 
investigation  of  multi-hole  inlet  plates,  but  it  was  a  sinple  matter  to  make  up  probes  IE  and  2E  with  a 
central  0.2  ran  diameter  hole  and  8  x  0.2  mm  diameter  holes  equi-spaced  on  a  pitch  circle  diameter  of  1  mm. 
Based  on  inlet  areas,  this  is  equivalent  to  a  single  central  0.6  ran  diameter  inlet  hole.  Hie  performance 
of  the  standard  length  probe  IE  is  shown  in  Figure  12(c),  as  the  probe  indicated  error  versus  axial 
downstream  distance.  Hie  responses  of  probes  ID  (0.9  ran  diameter)  and  1G  (0.5  ran  diameter)  are  also 
included.  The  cumulative  inlet  area  of  the  E-series  probe  response  is  seen  to  lie  between  the  G-series 
and  D-series  probes.  It  appears  that  the  response  of  the  probe  is  closely  governed  by  the  inlet  areas  and 
that  the  fora  of  that  area  (single  or  multi-hole)  is  not  critical  to  the  performance  of  the  probe.  This, 
of  course,  is  not  inconsistent  with  the  Cavity  Averaged  Temperature  theory. 

The  probe  which  indicated  the  least  error  on  the  Blade-Wake  rig  was  2D.  At  0.25  and  0.375  rotor 
axial  chord  the  probe  error  was  0.5  K  and  0.2  K  respectively.  At  these  same  positions  the  datum 
Reverse-Kiel  pcobe,  lA,  indicated  errors  of  1.6  K  and  0.9  K  respectively.  The  bare  bead  (unshielded) 
thermocouple,  probe  H,  was  seen  to  indicate  3  K  and  1.2  K  error  at  these  distances.  Hence  probe  2D  was 
demonstrated  to  reduce  the  error  by  a  factor  of  six  over  a  bare  bead  thermocouple  and  reduce  the  error  by 
a  factor  of  three  to  four  over  the  datum  Reverse-Kiel  probe.  Therefore  probe  2D  was  selected  as  the  basis 
for  the  rig  standard  Reverse-Kiel  probe  and  manufactured  accordingly. 

A  comment  on  the  predictive  accuracies  of  PACE  is  also  relevant  here,  using  the  Cavity  Averaged 
Temperature  theory  in  conjunction  with  PACE  it  was  predicted  that 

(a)  a  marginal  improvement  in  probe  response  could  be  achieved  by  shortening  the  probe  shield, 

(b)  a  marginal  improvement  could  also  be  achieved  by  using  a  thinner  inlet  plate  and 
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<c)  a  major  improvement  could  be  made  by  using  a  0.5  aa  or  0.9  am  diameter  inlet  hole  (the  predicted 
order  of  increasing  probe  accuracy  being  0.2  mo,  0.3  am,  1.5  mm,  0.9  mo,  0.5  am}. 

As  a  result  of  testing  on  the  Blade-Wake  rig  it  was  found  that 

i)  a  marginal  improvement  in  probe  response  was  achieved  by  shortening  the  probe  shield, 

ii)  no  discernible  difference  was  observed  in  varying  the  inlet  plate  thickness  and 

iii)  a  major  improvement  was  made  by  using  an  0.9  mo  diameter  inlet  hole  (the  measured  order  of  increasing 
probe  accuracy  being  0.2mm,  0.5  rm,  1.5  am,  0.9  mm). 

It  is  concluded  that  the  analysis  of  PACE  data  using  the  Cavity  Averaged  Temperature  theory  has  been 
very  successful  in  identifying  the  changes  in  probe  design  necessary  to  optimise  probe  performance. 

6.  AERODYNAMIC  CALIBRATION  DMA 

An  aerodynamic  recovery  factor  calibration  was  carried  out  on  the  rig  standard  Reverse-Kiel  probe  in 
a  wind  tunnel  of  known  flew. 

Recovery  Factor,  Rf  -  Tp  -  Ts  (5) 

Tt  -  Ts 


It  was  found  that  the  recovery  factor  for  this  probe  tended  to  be  low  (~  0.75)  and  its  yaw 
sensitivity  influenced  by  the  precise  position  of  the  bead  within  the  sensor.  This  provides  users  of  the 
probe  with  a  problem  at  high  Mach  numbers  where  the  recovery  correction  can  be  significant. 

7.  Bljl  AM)  COMPRESSOR  RIG  TESTING 

To  date  only  limited  testing  has  been  undertaken  but  where  it  has  been  applied,  integrated  mass 
averaged  temperatures  derived  using  the  Reverse  Kiel  Probe  have  agreed  with  torquemeter  readings  better 
than  those  obtained  using  conventional  combination  probes.  Of  the  very  few  results,  however,  some  have 
been  confusing  and  have  not  been  as  encouraging  as  the  Blade  Wake  measurements  but  further  testing  is  to 
be  undertaken  shortly. 

8.  OCHCLUSICHS  AND  REOO«P1*TICKS 

A  slow  response  temperature  sensor  has  been  combined  with  a  judicious  shield  design  in  an  attempt  to 
permit  the  probe  to  respond  correctly  in  a  variety  of  unsteady  turbomachinery  flows  ie.  to  indicate  the 
correct  mass-weighted  temperature  of  flows. 

8.1  The  mass-weighted  Reverse-Kiel  temperature  probe  has  been  developed  using  ideas  from  flow  fields  in 
similar  geometries,  flow  visualisation  studies  (which  included  the  development  of  the  new  technique 
of  hot  wire  visualisation)  and  computational  fluid  dynamics  modelling.  A  parametric  variation  on  the 
probe  design  was  assessed  using  the  proposed  cavity  averaged  temperature  theory  which  considered  the 
inlet  mass  flux  characteristics  associated  with  each  design.  The  predicted  best  designs  we.e 
manufactured  and  tested  on  the  purpose  built  Blade-Wake  rig. 

8.2  The  testing  on  the  Blade-Wake  rig  largely  confirmed  the  numerical  predictions  and  the  performance  of 
the  optimum  probe  was  quantified.  At  close  to  rotor  trailing  edge  positions  (ie.  0.25  to  0.375  rotor 
axial  chord  downstream)  the  optimum  probe  was  demonstrated  to  reduce  the  error  by  a  factor  of  six 
over  a  bare  bead  thermocouple  and  reduce  the  error  by  a  factor  of  three  to  four  over  the  datum 
Reverse-Kiel  probe.  The  optimum  probe  was  therefore  selected  as  the  basis  for  a  rig  standard 
Reverse-Kiel  probe. 

8.3  It  is  inconvenient,  and  potentially  a  source  of  error,  for  the  Reverse-Kiel  temperature  probe 
recovery  characteristics  to  be  so  low. 

In  conclusion,  it  is  felt  that  a  significant  advance  has  been  achieved  towards  the  goal  of  measuring 
interstage  temperature  using  a  comparatively  'low  technology'  probe  and  its  wider  use  in  research  fan  and 
compi 'ssor  rigs  is  anticipated. 
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Probe 

Designation 

!  Inlet  Plate 

Shield 

Length 
in  ran 

Hole  Diameter 
in  ran 

Hole  Length 
xn  ran 

1A 

0.2 

0.25 

3.4 

2A 

0.2 

0.25 

2.25 

IB 

0.2 

0.125 

3.4 

2B 

0.2 

0.125 

2.25 

1C 

0.2 

0.5 

3.4 

2C 

0.2 

0.5 

2.25 

ID 

0.9 

0.25 

3.4 

2D 

0.9 

0.25 

2.25 

IE  * 

9  x  0.2 

0.25 

3.4 

2E  * 

9  x  0.2 

0.25 

2.25 

IF 

1.5 

- 

3.4 

2F 

1.5 

- 

2.25 

1G 

0.5 

0.25 

3.4 

2G 

0.5 

0.25 

2.25 

*  8  holes  were  drilled  of  0.2mn  diameter  on  a  PCD  of  Iran,  in 

addition  to  a  central  hole  of  0.2mm  diameter. 

A  bare  wire  thermocouple  (unshielded)  was  also  tested  and  is 
designated  probe  H. 
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DESIGNATION  OF  THERMOCOUPLE  PROBE  CONFIGURATIONS 
AS  ItbTMJ  ON  TOE  BlADE-WAKE  RIG  ~ 


TOJEEJ  SCHEMATIC  Of  TYPICAL  COMPRESSOR  TEST  FACIIITY 


FIGURE  2 
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SECTION  THRU'  PROBE 

FIGURE  3.  DESIGN  DETAILS  OF  THE  DATUM  REVERSE  -  KIEL  PROBE 
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Figure  4  Smoke  visualisation  of  Flow  in  the  model 
at  60°  Incidence  (Loughborough  Facility) 
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SUMMARY 

The  influence  of  a  downstream  stator  row  on  the  measurement  of  compressor  rotor  performance  has 
been  examined  using  a  CFD  code  backed  by  laser  anemometry  data  on  a  transonic  fan  stage.  The  upstream 
potential  influence  of  the  stator  causes  unsteady  circulation  about  the  rotor  blades  which  is  a  function  of  the 
rotor  circumferential  position.  This,  in  turn,  results  in  a  non-uniform  circumferential  pattern  of  time  averaged 
temperature  and  pressure  in  the  stationary  frame.  An  analytical  theory  relating  the  temperature  and  pressure 
variations  to  the  circulation  perturbation  is  presented  and  shown  to  give  good  agreement  with  the  numerical 
calculations.  The  results  of  a  parametric  study  show  that  the  magnitude  of  this  effect  is  a  strong  function  of 
rotor-stator  blade  row  spacing  and  relative  blade  counts.  The  effects  range  from  negligible  for  large  spacings 
typical  of  high  bypass  ratio  fans  to  several  percent  of  the  stage  pressure  and  temperature  rise  for  closely  spaced 
blade  rows  typical  of  high  compressors.  Because  the  temperature  and  pressure  perturbations  are  in  spatial 
phase, .the  net  effect  on  measured  rotor  efficiency  is  negligible  so  long  as  the  pressure  and  temperature 
measurements  are  made  in  the  same  location  relative  to  the  stators.  If  they  are  not,  errors  of  ±1.5%  can  result. 
The  effects  of  axial  position  and  stator  loading  are  shown  to  be  relatively  small. 


INTRODUCTION 

Aerodynamic  performance  measurements  are  the  most  basic  of  turbomachincry  tools,  required  for 
research,  design  verification,  and  development.  By  performance  we  refer  to  measurements  of  average 
temperature  and  pressure  made  of  the  machine  inflow  and  outflow  as  well  as  between  the  blade  rows,  used  to 
deduce  the  turbomachine  work  and  efficiency.  It  has  long  been  recognized  that  the  interpretation  of  these 
measurements  is  far  from  straightforward. 

Because  these  turbomachine  flow  fields  are  spatially  nonuniform  and  highly  unsteady,  questions 
concerned  with  averaging  have  received  considerable  attention.  These  concerns  have  started  at  the  probe  inlet 
(how  do  conventional  pitot  type  probes  behave  in  unsteady  flow  fields  (1 ))  and  continue  through  to 
measurement  interpretation  (which  averaging  technique  --  time,  mass,  stream  thrust,  etc.  —  most  closely 
represents  the  thermodynamic  quantities  of  interest  (2|).  Here,  we  are  concerned  with  questions  of  spatial 
uniformity  and  spatial  averaging. 

The  best  agreements  between  aerodynamic  and  shaft  torque-based  efficiency  measurements  are  generally 
found  when  the  aerodynamic  measurements  are  made  far  downstream  of  the  turbomachine  in  a  region  of 
uniform  flow.  In  this  case,  the  fluid  mechanics  of  mixing  have  homogenized  the  flow,  effectively  spatially 
averaging  the  temperature  and  pressure  (and  incurring  a  mixing  loss  in  the  process,  of  course).  Often,  such 
preferred  probe  placement  is  not  possible.  The  probes  may  be  embedded  within  the  blade  rows  and  often,  to 
reduce  blockage,  within  the  stators  themselves.  This  is  especially  true  in  cases  in  which  the  rotor  performance 
is  required,  in  multistage  machines  when  individual  stage  behavior  must  be  measured,  and  in  small  machines  in 
which  instrumentation  placement  is  extremely  constrained  by  blockage  and  access  problems. 

Any  stationary  intra-turbomachine  instrumentation  placement  is  dependent  on  the  presumption  that  the 
flow  is  uniform  in  the  pitchwise  direction  to  the  degree  that  it  is  adequately  sampled  by  relatively  few  rakes 
mounted  about  the  circumference.  For  stator  leading  edge  mounted  probes  in  compressors,  for  example,  the 
flow  is  presumed  to  be  completely  azimulhally  uniform  since  only  one  pitchwise  position  relative  to  the  stators 
(e.g.  the  stator  leading  edge)  is  sampled.  We  know  that  the  flow  is  not  uniform  in  the  case  of  multistage 
machines  in  which  upstream  stators  clearly  introduce  azimuthal  variation.  Circumferential  traversing  of  probes 
and  rakes  solves  this  problem  but  is  often  not  done  (especially  in  compressors)  due  to  access,  blockage,  or  cost 
considerations.  The  goal  of  the  work  described  herein  was  to  examine  the  importance  of  probe  placement  to 
the  measurement  of  aerodynamic  performance  in  high  speed  compressors,  and  then  generate  guidelines  for 
probe  placement  and/or  data  "correction".  This  is  very  much  work  in  progress  but  we  feel  that  the  results  to 
date  are  of  general  interest. 


The  methodology  adopted  was  to  employ  a  multiblade  row,  unsteady  two-dimensional  computational 
fluid  mechanics  (CFD)  calculation  as  the  basic  tool  and  compare  measurements  at  various  locations  as  calculated 
by  the  code  with  the  true  mass  averaged  performance  of  the  compressor.  The  basic  fidelity  of  the  calculation 
was  assessed  by  comparison  of  the  CFD  results  with  laser  anemometer  measurements  where  available.  The 
following  sections  describe  the  calculational  procedure,  the  compressor  examined,  the  code  verification,  the 
calculated  spatial  variation  of  aerodynamic  performance,  a  discussion  of  fluid  mechanic  mechanisms  generating 
the  variations,  and  the  implications  and  recommendations  for  the  accuracy  of  performance  measurements. 


CALCULATIONAL  PROCEDURE 

The  basic  tool  for  this  study  was  a  two-dimensional,  multiblade  row,  unsteady,  computational  fluid 
mechanics  code  known  as  UNSFLO.  UNSFLO  uses  Ni's  explicit  Lax -Wendroff  method  to  solve  the  unsteady 
Euler  equations  on  an  unstructured  grid  of  quadrilateral  cells.  A  time-inclined  computation  plane  facilitates  the 
calculation  of  stages  with  unequal  rotor-stator  numbers,  greatly  reducing  the  computation  time  required.  For 
the  calculations  presented  here,  approximately  16,000  grid  points  were  used.  The  computations  were  done  for 
either  one  rotor  and  one  stator  passage  or  two  rotor  and  three  stator  passages,  depending  on  the  relative  blade 
row  count.  The  time  tilting  then  serves  to  adjust  the  calculation  to  the  desired  blade  row  pitch  ratio.  More 
details  on  the  solution  method  can  be  found  in  [3]  and  (4). 

Approximately  10,000  iterations  were  required  for  an  initial  steady  state  solution  with  approximately  an 
equal  number  required  to  achieve  unsteady  periodicity  (this  was  approximately  30  blade  passing  periods).  A 
typical  solution  time  was  approximately  10  hours  on  a  three  processor  Alliam  FX/8  computer,  or  6  hours  on  a 
Stellar,  or  90  hours  on  a  DEC  pVAX-III  (all  three  machines  were  used  at  different  times). 

The  work  described  herein  uses  an  inviscid  version  of  the  code.  Further  calculations  using  the  viscous 
version  are  underway  and  will  be  reported  at  a  later  date.  A  specific  advantage  of  UNSFLO  for  this 
investigation  is  that  it  permits  essentially  arbitrary  rotor-stator  pitches  (blade  counts)  while  incurring  little 
computational  overhead.  This  greatly  facilitates  parametric  examination  of  the  importance  of  stage  design 
parameters  on  measurement  accuracy. 


COMPRESSOR  DESCRIPTION 

The  compressor  chosen  for  this  study  is  a  1 .68  pressure  ratio,  low  aspect  ratio,  single-stage  transonic  fan 
stage  designed  at  the  NASA  Lewis  Research  Center  in  the  mid  1970's  [5].  Known  as  stage  67.  this  0.5  meter 
diameter  machine  was  selected  primarily  because  of  the  large  amount  of  experimental  data  —  including  laser 
anemometry  [6],  (7),  and  time  resolved  intrastage  flow  measurements  |8]  -  which  are  in  the  public  domain. 
Also,  there  is  a  considerable  number  of  2-D,  3-D,  inviscid,  and  viscous  calculations  published  on  this  geometry 
[9],  [10],  The  flow  path  is  shown  in  Figure  1.  Calculations  were  done  only  for  the  2-D  streamsurface 
indicated,  which  is  slightly  outboard  of  the  sonic  radius.  This  position  was  selected  because  of  the  availability 
of  both  laser  anemometer  and  high  response  probe  data  at  that  location  as  well  as  a  detailed,  unsteady  2-D 
viscous  solution  [  10], 


Fig.  1 :  Flow  path  of  NASA  LcRC  stage  67 
showing  streamline  used  in  this  study 


Fig.  2:  Comparison  of  measured  and  calculated 
shock  positions 
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VERIFICATION  OF  CFD  CALCULATION 

Although  UNSFLO  had  been  shown  to  give  quite  good  results  with  turbines,  it  had  not  been  previously 
used  for  high  speed  compressors.  Therefore,  it  was  thought  important  to  establish  the  fidelity  of  the  calculation 
by  comparison  with  data.  Also,  the  influence  of  the  inviscid  flow  assumption  had  to  be  assessed.  Table  1 
compares  the  calculated  and  measured  values  of  specific  flow  (mass  flow  per  unit  „rea),  and  the  stage  pressure 
and  temperature  ratio  at  the  stage  exit  along  the  selected  streamline  at  the  design  point  conditions.  These  are 
quite  close  for  an  inviscid  calculation.  At  this  condition,  there  is  a  small  discrepancy  between  the  axial  location 
of  the  calculated  and  measured  (by  laser  anemometry  [6])  shock  wave  positions  shown  in  Figure  2.  This  can  be 
explained  by  a  small  difference  in  rotor  blade  incidence  angle  and  the  absence  of  boundary  layer  blockage  in  a 
design  with  small  choke  margin. 


TABLE  1 

Comparison  of  Calculated  and  Measured  Performance 
Along  a  2-D  Streamtube  Near  Midspan 


CFD 

Measured 

Mass  Flow  (pU) 

280.1 

276.8 

Pt3/Pt0 

1.609 

1.634 

Tt3/Tto 

1.153 

1.160 

The  circumferential  variation  in  the  time  averaged  total  temperature  as  calculated  with  the  Huler  turbine 
equation  from  the  circumferential  velocity  change  at  an  axial  station  between  the  rotor  and  stator  is  shown  in 
Figure  3  for  both  the  laser  anemometer  data  and  the  CFD  calculation.  Although  the  absolute  levels  differ  by  a 
small  amount,  the  level  of  circumferential  variation  in  temperature  is  quite  well  predicted.  The  experimental 
and  predicted  pitchwise  variation  in  axial  velocity  perturbation  also  agree  well  (Fig.  4). 

We  conclude  from  comparisons  including  those  above  that  the  inviscid  CFD  calculation  is  capturing  the 
essential  features  of  the  flow  field,  giving  an  adequate  picture  of  the  spatial  distribution  of  the  compressor  flow 


Pitchwise  Position 
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T 

Fig.  3:  Comparison  of  measured  and  calculated 
time -averaged  temperature  estimated  with 
Euler's  turbine  equation  from  the  tangential 
velocity,  as  a  function  of  pitchwise  location. 
T  is  the  local  temperature.  T  the  pitchwise 
averaged  temperature 


Pitchwise  Position 


Fig.  4:  As  in  Fig.  3,  hut  comparison  of  the  lime 
averaged  axial  velocity  distribution.  U  is 
the  local  axial  velocity;  U  the  pitchwise 
averaged  velocity. 
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Fig.  5:  Time  variation  of  rotor  blade  circulation 

and  lift  as  a  function  of  blade  passing  period 
(time  required  to  traverse  one  stator  pitch) 
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Fig.  6:  Pitchwise  vorticity  distribution  at  one  instant 
in  time  illustrating  the  magnitude  of  the  shed 
vorticity  perturbation,  to.  compared  to  the 
time  averaged  vorticity.  to 


CALCULATIONAf  RESULTS 

The  Euler  temperature  measurements  and  calculations  of  Figure  3  show  a  significant  variation  in  the 
flowfield  temperature  with  pitchwise  position,  about  ±1%  (6°K).  Before  looking  in  more  detail  at  probe 
placement  effects,  let  us  try  to  understand  why  the  flowfield  in  the  compressor  behaves  in  this  manner  --  what 
causes  flow  variations  on  the  order  of  the  stator  spacing?  An  obvious  answer  is  the  upstream  influence  of  the 
potential  field  of  the  stator  on  the  rotor  aerodynamics.  Indeed,  this  can  be  seen  in  the  variaiion  of  rotor  blade 
circulation  and  lift  with  pitchwise  position  (Figure  5).  The  change  in  circulation  results  in  the  shedding  of 
vorticity  downstream  of  the  rotor  (Figure  6).  In  addition,  (he  change  in  lilt  and  back  pressure  moves  the 
passage  shock  wave,  varying  its  strength  and  thus  the  entropy  it  produces  This  is  (he  only  explicit  source  of 
loss  in  this  iriviscid  calculation.  Since  the  work  done  by  the  rotor  blade  varies  with  position,  the  temperature 
and  pressure  fields  wili  vary  as  well. 

VORTEX  SHEET  ANALYSIS  OK  THE  TIME  AVERAGED  SPATIAL  FLOW  VARIATION 

Given  the  variation  in  rotor  blade  circulation  induced  by  the  potential  field  ot  the  downstream  stators,  we 
can  calculate  the  spatial  variation  in  the  time  averaged  flow  field  analytically  as  well  as  numerically.  Horlock 
( 1 1 1  calculated  the  stagnation  pressure  variation  due  to  the  circulation  change  for  an  incompressible  flow  using 
a  continuous  vortex  sheet  model,  assuming  the  distribution  to  be  sinusoidal  ti  e.  considering  only  the  first 
spatial  harmonic).  Here,  we  attack  the  problem  somewhat  differently,  permitting  arbitrary  spatial  variation  and 
generalizing  the  analysis  to  enthalpy  variation,  so  that  compressible  flow  may  hi'  analyzed. 

In  the  absolute,  stator  frame  ol  reference,  the  flow  can  be  modelled  as  a  sequence  ot  propagating  vortex 
sheets  passing  through  an  otherwise  irrolational  flow  field.  Since  the  unsteady  circulation  aroumi  the  rotor 
blades  is  phase-locked  to  the  stator  motion  relative  to  the  rotors,  in  the  ahxo'u'e  trame  the  flow  field  is  periodic 
in  time,  with  the  period  being  equal  lo  the  rotor  blade  passing  period.  Thus,  at  a  fixed  point  in  the  absolute 
frame,  the  vortex  sheets  which  pass  by  always  have  the  same  strength  It  is  this  fact  which  causes  the  time 
averaged  stagnation  enthalpy  to  be  spatially  nan-uniform 

The  starting,  point  tor  the  analysis  is  Croce  '  s  theorem  in  the  absolute  'siaiori  flame  ot  relerciko 

TV  S  +  Inin  -  V  1 1(,  +  f,u 
<tt 

with  T.  the  temperature;  S,  the  enthalpy;  u.  the  velocity  sector;  <u  the  vorticiis .  and  II,,.  ihe  stagnation 
enthalpy 
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Assuming  that  the  flow  is  isentropic  and  irrotational,  except  for  the  passing  unsteady  vortex  sheets  shed 
by  the  rotors  due  to  their  varying  circulation,  time-averaging  gives 


VHq  =  uxto 


(2) 


where  the  sole  contribution  to  the  time  average  uxto  comes  from  the  passing  vortex  sheets. 

Defining  uw(x,y)  to  be  the  local  velocity  u(x,y,t)  at  the  lime  t  at  which  the  vortex  sheet  passes  the  point 
(x,y),  y  being  the  tangential  direction,  it  follows  that 


Uo>  ^H0  =  0 


(3) 


and  hence  Hq  is  constant  along  pathlines  generated  by  vortex  sheet  elements. 


Given  this  result  for  the  "convection"  of  Hq  ,  it  js  now  sufficient  to  find  the  variation  of  H()  in  the 
circumferential  y-direction,  at  the  x-location  corresponding  to  the  rotor's  trailing  edge. 

With  a  suitable  choice  of  origin,  the  position  of  the  trailing  edge  of  one  particular  rotor  blade  is  given  by 
(x,y)  =  (O.Vt),  where  V  is  the  rotor  wheel  speed.  Near  the  trailing  edge,  the  vorticity  distribution  is  given  by  a 
delta  function  in  a  coordinate  system  which  is  rotated  to  be  normal  to  the  vortex  sheet. 

co(x,y,t)  =  -yS  ((y-Vt)cos  a  -  x  sin  a) 

a  is  the  rotor-relative  flow  angle  at  the  trailing  edge,  and  y  is  the  strength  of  the  vortex  sheet  shed  at  the 
trailing  edge  of  the  rotor  which  varies  as  the  rotor  moves,  and  so  is  a  function  of  the  position  of  the  trailing 
edge.  Kelvin's  theorem  (which  is  valid  for  an  isentropic  compressible  fluid)  gives  the  following  relationship 
between  y(y)  and  r(y),  the  circulation  around  the  rotor  which  is  also  a  function  of  y.  the  position  of  the  trailing 
edge. 


U 


7“ 


dT  =  v  dr 
dt  dy 


(5) 


In  the  above  equation,  U  is  the  magnitude  of  the  rotor-relative  velocity  at  the  trailing  edge,  averaged  over  the 
two  sides  of  the  trailing  edge.  With  these  pieces,  and  defining  x  to  be  the  blade  passing  period,  it  is  now 
possible  to  calculate  the  variation  of  Hq  in  the  y-direclion. 
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dy 
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Integrating  this  equation  produces  the  final,  simple  relationship  between  the  perturbation  in  the  time- 
averaged  stagnation  enthalpy  Up  and  the  perturbation  in  the  circulation  T". 


(6) 


11.1  = 


0\ 


This  analysis,  of  course,  docs  not  tell  us  what  the  circulation  perturbation  is:  that  would  require 
considerably  more  work. 
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We  can,  however,  take  the  circulation 
perturbation  from  the  numerical  analysis 
(Fig.  5),  and  use  that  to  predict  the  spatial 
variation  in  stagnation  enthalpy.  This  is 
compared  to  the  numerically  calculated 
variation  and  to  that  predicted  using 
Horlock's  method  [11]  in  Figure  7.  The 
close  agreement  among  the  three  is 
primarily  a  consistency  check  between  the 
analytical  and  numerical  methods,  lending 
credence  to  both.  It  also  shows  that,  at  least 
for  this  geometry,  the  spatial  variation  in 
circulation  is  essentially  sinusoidal  and  that 
those  phenomena  modelled  numerically  but 
not  analytically  —  shoik  wave  effects,  for 
example  —  are  not  important  here. 
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Fig.  7:  Pitchwise  enthalpy  distribution  as  calculated 
by  the  CFD  code  UNSFLO,  Eq.  (7),  and 
using  Horlock's  methods  111] 


PARAMETRIC  EXAMINATION  OK  THE  INFLUENCE  OF  DESIGN  VARIABLES 

If  the  pitchwise  flovfield  variation  is  primarily  due  to  the  potential  field  of  the  stators,  we  would  expect 
that  the  magnitude  of  this  effect  to  vary  with  stage  design  parameters  -  in  particular,  with  the  axial  distance 
between  the  rotor  and  stator  (the  gap)  and  the  relative  spacing  between  adjacent  stator  blades  compared  to  the 
spacing  between  rotor  blades  (the  pitch  ratio).  The  rotor-stator  gap  should  be  important  since  the  potential 
influence  of  the  stators  should  die  out  exponentially  upstream  of  the  stators.  Thus,  increasing  the  gap  should 
decrease  the  pitchwise  flowfteld  variations.  Similarly,  increasing  the  pitch  ratio  (the  number  of  stator  blades 
relative  to  the  number  of  rotor  blades)  should  decrease  the  pitchwise  (low  variation  since  in  the  limit  of  an 
infinite  number  of  stators,  the  time  averaged  pitchwise  flowfield  must  be  uniform. 

We  infer  from  the  above  that  it  is  important  to  parametrically  examine  the  influence  of  these  effects, 
especially  since,  depending  upon  the  application,  there  are  very  large  variations  in  rotor-stator  gap  and  pitch 
ratios.  Gaps  can  vary  from  as  low  as  10%  of  rotor  chord  in  high  compressors  to  400%  in  high  bypass  ratio 
fans.  Also,  the  gaps  are,  in  general,  not  fixed  but  can  vary  with  radius  due  to  blade  sweep.  Similarly,  rotor- 
stator  pitch  ratios  can  vary  from  2  to  0,1  (a  few  large  struts  about  the  circumference).  The  stage  studied  has  a 
design  gap  of  0.78  (axial  distance  between  rotor  trailing  edge  and  the  stator  leading  edge  divided  by  the  rotor 
axial  chord)  and  a  pitch  ratio  of  1.45  (rotor  pitch  divided  by  stator  pitch).  Tire  relatively  laige  gap  had  l>een 
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Fig  8  Pitchwise  distribution  of  lime  averaged  Mage  temperature  and  pressure  ratio  at  two  axial  locations  (as 
percentage  of  stator  axial  chord).  Ihc  rotor-stator  gap  is  0.2  and  the  rotor-stator  pitch  ratio  is  1.45. 
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selected  to  facilitate  detailed  intra-stage  measurements.  Because  the  UNSFLO  CFD  code  readily  accepts 
essentially  arbitrary  pitch  ratios,  it  was  straightforward  to  parametrically  vary  the  gap  and  pitch  ratio  of  the 
calculations  (the  stator  pitch  was  varied,  the  rotor  pitch  held  constant  —  essentialiy  stator  blades  were  added  or 
deleted). 

The  calculated  pitchwise  variations  in  the  time  averaged  rotor  temperature  and  pressure  ratio  for  a  gap 
of  0.2  and  pitch  ratio  of  1.45  are  shown  in  Figure  8  for  measurement  simulated  at  two  axial  stations  upstream 
of  the  stator  leading  edge,  15  and  20  percent  of  the  stator  axial  chord.  There  are  several  important 
observations  to  make  here.  The  first  is  that  the  pitchwise  variation  in  flow  quantities  is  quite  substantial,  so 
these  are  not  negligible  effects.  The  second  is  that  the  pitchwise  distribution  of  temperature  and  pressure  are 
more  sensitive  to  the  axial  measurement  location  than  is  the  magnitude  of  the  variation.  The  third  observation 
is  that  the  pressure  and  temperature  variations  are  in  phase  with  each  other  and  of  similar  magnitude.  For  this 
reason,  we  will  only  present  the  results  for  temperature  ratio  from  here  on.  Both  area  and  mass  averages  were 
calculated  but  differed  by  less  than  0.002%  for  these  flows  so  that  only  area  averages  are  presented. 

The  pitchwise  variation  in  the  time  averaged  total  temperature  between  the  rotor  and  stator  is  shown  in 
Figure  9  as  a  function  of  rotor-stator  pitch  ratio  for  a  fixed  gap  of  0.2  for  two  axial  measurement  stations 
immediately  behind  the  rotor  and  10%  of  stator  chord  upstream  of  the  stator  leading  edge.  The  temperature  is 
plotted  as  the  local  deviation  from  the  pitchwise  mean  (the  time  averaged  local  temperature,  T2,  minus  the 
pitchwise  average  of  the  time  averaged  total  temperature,  T2)  normalized  by  the  mean  rotor  temperature  rise 
(T 2  minus  the  average  rotor  inlet  total  temperature,  T ] ).  Note  that  the  magnitude  of  the  pitchwise  temperature 
variation  changes  from  quite  small  at  large  pitch  ratios  (2)  to  quite  large  at  pitch  ratios  approaching  1.  The 
difference  in  distance  between  the  rotor  and  stator  in  the  three  cases  implies  a  difference  in  convection  times 
from  the  rotor  trailing  edge  to  the  stators,  thus  the  relative  phase  shift  seen  in  the  near  stator  leading  edge  plots. 
The  variation  with  rotor-stator  gap  for  the  same  two  axial  nations  is  shown  in  Figure  10  for  a  fixed  pilch  ratio 
of  1.45.  Note  here  that,  at  the  gaps  typical  of  fans  (0.75-4),  the  effects  are  small;  but  at  the  closer  spacing 
typical  to  compressors,  the  spatial  variation  becomes  significant. 

The  above  plots  reflect  the  pitchwise  nonuniformity  of  the  time  averaged  flowfield.  They  also  illustrate 
that  the  flow  is  nonuniform  in  the  axial  direction  as  well.  While  the  variation  with  pitchwise  position  is  larger 
than  that  for  axial  position,  the  axial  variation  is  not  negligible. 
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Fig.  9:  The  effect  of  rotor-stator  pitch  ratio  (number  of  rolors/numbcr  of  stators)  on  the  normalized,  time 
averaged  temperature  rise  as  would  be  measured  at  different  pitchwise  positions 
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Fig.  10:  The  effects  of  rotor-stator  spacing  (gap)  on  the  normalized,  time  averaged  rotor  temperature  rise  as 
would  be  measured  at  different  pitchwise  positions 


EFFECTS  ON  MEASURED  EFFICIENCY 


Pitchwise  Position 


A  primary  measure  of  compressor  performance  is  adiabatic  efficiency,  which  can  be  calculated  from  the 
measured  total  temperature  and  pressure.  The  efficiency  calculated  from  the  time  averaged  temperature  and 
pressure  at  each  pitchwise  location  in  Figure  8  is  plotted  in  Figure  1 1  as  the  efficiency  perturbation  -  the  local 
efficiency,  T|,  minus  the  pitchwise  mean,  t).  Here,  we  see  that  the  variation  of  efficiency  with  pitchwise 
location  is  very  small,  although  the  variations  of  pressure  and  temperature  are  not.  The  reason  for  this  is  that 
the  pitchwise  flow  variations  result  predominantly  from  the  variation  in  rotor  blade  lift  and  work  as  the  roior 
blades  pass  through  the  potential  field  of  the 
stator  blades.  This  variation  in  work  is 
performed  at  essentially  constant  efficiency  (at 
least  in  this  inviscid  calculation)  so  that  the 
pitchwise  variation  in  temperature  and 
pressure  are  in  phase,  as  can  be  seen  in  Fig¬ 
ure  8. 


It  is  very  important  to  note  that  small 
efficiency  variations  seen  in  Figure  1 1  are 
based  on  the  presumption  that  the  pressure  and 
temperature  are  measured  in  exactly  the  same 
pitchwise  location.  This  is  not  necessarily  the 
case  in  all  measurement  programs.  The  result 
of  arbitrary  pitchwise  location  of  the 
temperature  and  pressure  probes  relative  to 
each  other  and  the  stator  leading  edges  at  one 
axial  location  is  shown  in  Figure  12  as 
contours  of  local  adiabatic  efficient  error  (the 
local  value  minus  the  average).  The  variation 
for  the  worst  case  (one  probe  in  mid  passage, 
the  other  at  the  stator  leading  edge)  is  .3%.  a 
significant  error.  We  conclude  from  this  that 
it  is  extr.mely  important  to  locate  pressure  and 
temperature  instrumentation  at  the  same 
pitchwise  locations  relative  to  the  stator  blades 
to  avoid  this  type  of  sampling  errors. 


Fig,  1 1 :  Adiabatic  efficiency  deviation  from  the 
pitchwise  mean  for  the  flow  m  Fig  b  at 
two  axial  stations  upstream  of  the  stator 
leading  edge 
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MEASUREMENTS  NEAR  THE  STATOR  LEADING  EDGE  PLANE 

Instrumentation  on  multistage  compressors  is  most  commonly  done  by  cantilevering  probes  from  the 
stator  leading  edge,  in  order  to  minimize  blockage.  Fortunately,  this  will  also  minimize  the  sampling  errors  in 
efficiency  measurement  by  ensuring  that  the  probes  are  placed  at  the  same  relative  pitchwise  location,  as 
mentioned  above. 

We  wished  to  examine  whether  small  changes  in  axial  probe  position  near  the  stator  leading  edge  plane 
would  influence  accuracy  (in  other  words,  does  the  length  of  the  pitot  tube  cantilever  matter).  In  this  inviscid 
calculation,  the  leading  edge  flows  are  not  resolved  in  sufficient  detail  to  permit  an  accurate  assessment  in  that 
region.  Therefore,  the  fl  >w  near  midpassage  was  examined.  Figure  13  shows  the  deviation  in  measured 
efficiency  for  small  changes  in  the  probe  axial  location.  The  effects  are  essentially  negligible. 


INFLUENCE  OF  STATOR  LOADING 

The  influence  of  stator  loading  on  the  blade  row  interactions  was  examined  by  generating  a  family  of 
similar  airfoils  with  differing  camber.  The  results  are  illustrated  in  Figure  14,  which  shows  a  relatively  small 
influence  on  rotor  exit  temperature  distribution  for  a  ±8  degree  change  in  stator  turning. 


TIME  UNSTEADY  FLOW 

So  far,  we  have  examined  only  the  time  averaged  flow  field.  The  time  resolved  flow  is,  of  course, 
influenced  by  the  blade  row  interaction  as  well.  The  spatial  distribution  of  the  time  average  is  a  reflection  of 
the  variation  of  the  time  resolved  rotor  exit  flow  field  with  instantaneous  pitchwise  position.  This  is  illustrated 
in  Figure  15,  which  shows  the  instantaneous  temperature  ratio  at  two  pitchwise  positions  upstream  at  the  same 
axial  station  in  the  rotor  stator  gap.  Note  that  the  waveform  shape  changes  as  well  as  the  mean  level.  This  may 
introduce  a  small  error  in  pitot  type  probes  [  1  ]. 


CONCLUSIONS 

The  work  to  date  has  concentrated  on  examining  the  influence  of  rotor-stator  interactions  on  the 
measurement  of  compressor  rotor  performance.  The  results  can  be  summarized  as  follows: 

1.  The  upstream  potential  field  of  the  stators  results  in  unsteady  lift  on  the  upstream  rotor  blade. 


Temperature  Probe  Position 


Fig.  12:  Error  in  efficiency  (deviation  from  the 
average  efficiency)  as  a  function  of  the 
locations  of  the  temperature  and  pressure 
probes  relative  to  each  other  and  the 
stators.  —  lire  of  similar  placement. 


Fig.  13:  Variation  tn  apparent  efficiency 

measurement  with  probe  axial  position 
near  stator  midpassage 
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Fig.  14:  Influence  of  stator  loading  on  rotor 
outflow  pitchwise  temperature 
distribution 


Fig.  15:  Instantaneous  total  temperature  as  would 
be  measured  at  two  pitchwise  locations  at 
mid  rotor-stator  gap 


2.  The  unsteady  rotor  lift  results  in  circumferential  or  pitchwise  nonuniformity  of  the  totor  exit  time  averaged 
flow  field. 

3.  The  magnitude  of  the  pitchwise  notvuniformity  is  strongly  dependent  on  the  rotor  stator  spacing  and  the 
relative  number  of  rotor  and  stator  blades. 

4.  At  blade  row  spacings  typical  of  high  bypass  ratio  turbofans,  the  nonuniformity  is  negligible. 

5.  At  blade  row  spacings  typical  of  compressors,  the  flow  nonuniformity  can  be  substantial,  ±2-3%  of  the  stage 
average  temperature  or  pressure  rise  (about  1.5°C  for  the  stage  studied). 

6.  Although  the  temperature  and  pressure  nonuniformity  is  large,  the  adiabatic  efficiency  is  nearly  uniform 
since  the  temperature  and  pressure  variations  are  in  phase. 

7.  Stator  leading  edge  temperature  and  pressure  instmmentation  will,  therefore,  read  about  1%  high  but  the 
resultant  efficiency  will  be  within  0.2%  of  the  true  pitchwise  average. 

8.  Placing  temperature  and  pressure  instmmentation  at  different  relative  circumferential  positions  can  result  in 
large  efficiency  errors.  ±1.5%  for  the  stage  studied. 

This  is  very  much  a  report  on  work  in  progress.  A  viscous  version  of  the  CFD  code  is  now  being  run 

and  other  geometries  will  be  examined.  An  experimental  verification  of  these  conclusions  is  being  planned. 
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DISCUSSION 


Ph. Ramette  -  SEP,  France 

The  paper  is  based  on  inviscid  flow  calculations  using  the  Euler  equations.Has  the  viscous 
version  of  the  code  been  already  tested  and  will  it  sodify  the  conclusions'’ 

Author’s  response  : 

First  results  from  the  viscous  version  of  the  sultiblade  row  code  UNSFO  are  just  arriving.  It 
is  expected  that  the  trends  remain  the  sane,  although  the  sagnitudes  nay  increase  somewhat.  Also  the 
conclusion  that  the  efficiency  remains  alnost  constant  accross  the  stator  gap  if  the  temperature  and 
pressure  probes  are  co-located  nay  change  wnen  viscous  losses  are  present. 

S.C.P.Cook  -  Rolls-Royce,  Derby,  U.K. 

Could  the  authors  comment  on  the  magnitude  of  errors,  seen  typically  in  measuring  efficiency 
by  their  industrial  sponsor,  i.e.  are  the  errors  seen  of  the  sane  order  of  magnitude  or  greater  than 
the  predictions  presented  in  the  paper"’ 

Author's  response  : 

!  Measurement  discrepancies  on  the  order  of  5’H  have  been  observed  in  the  rear  stages  of  high 

pressure  compressors.  This  is  higher  than  the  numbers  presented  in  this  paper  but,  of  course,  the 
geometries  are  different  and  so  one  would  expect  the  flows  to  be  somewhat  different  as  well. 


CCMMmtl  by  H.  B.Ueyer  -  DIR  Cologne,  Bermany 

The  paper  demonstrates  two  sources  of  major  errors  when  performing  measurements  downstream  of 
rotors.  There  is,  however,  a  third  error  often  neglected,  which  derives  from  the  local  throttling  of 
lmnerged  probes. 
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SUMMARY 

A  two-dimensional  finite  volume  TVD  Euler  solver,  suited  to  handle  time-dependent  transonic  flow  fields 
in  turbomachinery  components,  is  here  presented  and  used  togheter  with  a  method  of  characteristics  (using  a 
shock  fitting  technique)  and  with  an  explicit  central-difference  finite  volume  code  in  order  to  investigate 
unsteady  flow  fields.  Special  care  is  given  to  the  accurate  treatment  of  boundary  conditions,  both  of  solid-wall 
and  far-field  type.  The  method  is  used  to  compute  two  unsteady  flow  problems  which  have  features  of  transonic 
internal  flows  of  practical  importance  in  the  analysis  of  turbomachinery  components.  The  problems  are  the 
unsteady  flow  in  a  transonic  nozzle  with  oscillating  back  pressure  and  the  transonic  flow  in  a  rotor  blade  row 
with  translating  disturbances  at  the  inflow  boundary  simulating  the  wakes  shed  by  a  preceding  stator  blade  row. 
In  the  first  problem  the  influence  of  oscillation  frequency  upon  the  flow  field  is  investigated  with  the  three 
methods  so  as  to  obtain  some  indications  of  the  relative  accuracies  of  the  schemes  and  a  better  understanding  of 
the  physical  phenomena  occurring. 


INTRODUCTION 

The  numerical  solution  of  unsteady  fluid  dynamics  in  turbomachinery  is  gaining  more  and  more  interest  in 
view  of  a  better  permormance  prediction  and  a  correct  mechanical  design  of  the  most  stressed  components. 
Actually  the  most  dangerous  and  least  known  stresses  on  turbomachinery  bladings  are  mainly  due  to  pulsating 
forces  and  to.aeroelastic  instability  phenomena.  The  experimental  investigation  in  this  field  often  encounters  great 
difficulties  to  properly  account  for  differences  in  shape,  amplitude  and  frequency  in  a  wind  tunnel,  as  well  as  to 
manage  the  complexities  and  costs  of  experimental  measurements  in  rotating  machines.  For  these  reasons  in  the 
last  thirty  years  analytical  and  semi-analytical  methods  were  developed  to  predict  the  aerodynamic  loadings  in 
presence  of  periodic  disturbances.  Informations  obtained  in  this  way  proved  to  be  very  valuable  and  easy  to 
extend  in  the  frequency  domain,  but  are  limited  to  simple  geometric  configurations,  small  deflections,  and 
incompressible  flows.  As  these  limitations  are  unacceptable  in  many  turbomachinery  flows,  a  great  work  has  been 
devoted  to  the  extension  of  analytical  and  numerical  approaches;  limiting  ourselves  to  consider  inviscid  fluid 
dynamics,  that  nevertheless  includes  a  large  class  of  unsteady  phenomena,  one  can  trace  back  the  following  basic 
steps  of  the  research: 

.  extension  of  analytical  and  semi-analitycal  methods  to  strong  deflections,  thicknesses,  and  to  subsonic, 
transonic  and  supersonic  Hows, 
linear  potential  numf  1  solutions. 

small  perturbations  -  ential  and  Euler)  harmonic  solutions  superimposed  on  non-linear  steady  Euler  ones, 
numerical  solutions  of  unsteady  Euler  equations. 

Obviously  all  these  different  approaches  vary  greatly  in  the  complexity  of  the  physical  models  as  well  as 
in  the  computational  times  required;  depending  on  the  problem  examined,  even  the  old  simplest  methods  can  still 
provide  useful  informations  about  the  influence  of  the  flow  unsteadiness  on  the  blade  characteristics.  In 
particular,  the  small  perturbation  Euler  solutions  of  Ni  [6]  and  Hall  [7]  represent  an  important  improvement  since 
they  allow  to  treat  transonic  problems  characterized  by  the  presence  of  slip  lines  and  shock  waves;  this  is 
especially  worth  in  turbomachines,  where  many  unsteady  aerodynamic  instances  depend  on  chocking  and/or  shock 
wave  motion.  However  there  are  restrictive  conditions  on  amplitude  and  frequency  of  a  disturbance  located  at 
some  boundary  for  the  linearization  to  be  valid  throughout  the  domain.  Perhaphs  the  most  striking  example  of  the 
inherent  non-linearity  of  the  transonic  regime  is  an  oscillating  shock  wave:  the  fluid  interested  by  this  motion 
experiences  finite  variations  no  matter  how  small  is  the  cause  of  the  motion.  Hall  overcame  this  difficulty  (7] 
separating  the  domain  with  discontinuities  (shocks)  whose  motion  can  be  linearized  and  explicitly  accounted  for 
(shock-fitting).  Yet  is  clear  that  a  transonic  flow  field  in  presence  of  high  gradients,  and  hence  great  distortions 
in  the  propagation  of  waves,  is  highly  non  linear  and  an  harmonic  analysis  is  often  not  permissible  with 
perturbations  at  the  boundary  of  the  order  of  a  few  percent.  If  one  turns  to  the  solution  of  the  full  Euler 
equations,  one  must  be  aware  that  the  numerical  scheme  strongly  influences  the  propagation  of  disturbances,  both 
in  phase  and  amplitude.  So  it  is  useful  to  test  different  methods  against  each  other;  especially  those  based  on  the 
correct  physical  signal  propagation.  In  some  situations  the  comparison  is  illuminating  and  emphasizes  the  crucial 
need,  in  turbomachinery  applications,  for  a  rigorous  formulation  of  boundary  conditions. 


THEORETICAL  APPROACH  AND  NUMERICAL  METHODS 

The  basis  of  the  present  flow  analysis  arc  the  unsteady  Euler  equations.  As  previously  seen,  these 
equations  can  be  used  to  model  with  a  good  approximation  several  unsteady  phenomena  in  turbomachinery  blade 
rows.  Using  the  non-linear  Euler  equations  one  is  not  restricted  to  consider  small  unsteadiness  amplitudes  and 
flows  periodic  in  time;  the  counterparts  of  these  advantages  arc  the  increased  computational  difficulty  and  cost  of 
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the  numerical  solution.  In  this  section  the  TVD  (Total  Variation  Diminishing)  method  is  presented  in  some  detail 
togheter  with  a  brief  description  of  the  unsteady  method  of  characteristics  used  in  the  first  unsteady  problem. 
The  TVD  scheme  applies  to  the  two-dimensional  Euler  equations  in  conservation  form;  in  a  Cartesian  coordinate 
system  (;c,y)  they'can  be  written  as 
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and  nXt  ny  are  the  components  of  the  unit  vector  normal  to  the  surface,  fixed  in  space,  that  encloses  the  volume 
V.  The  relation  among  pressure,  density  and  internal  energy  assumes  that  the  fluid  is  an  ideal  gas  with  constant 
specific  heats  of  ratio  equal  to  t 

Euler  equations  in  conservation  form  admit  weak  solutions,  i.e.  solutions  with  discontinuities:  if  one  uses 
an  appropriate  numerical  scheme  to  discretize  eqn.  (1),  discontinuities  in  transonic  and  supersonic  flows  can  be 
automatically  captured  and  followed  in  their  movement;  however  this  appealing  feature  of  the  conservative 
formulation  has  some  drawbacks  that  will  be  addressed  below.  The  Euler  equations  in  integral  form  lead  almost 
naturally  to  a  finite  volume  discretization  which  has  the  advantage  to  fit  well  complex  body  geometries,  thus 
simplifying  the  treatment  of  solid  wall  boundary  conditions;  however,  the  grid  must  be  sufficiently  smooth  and 
not  too  skewed  so  as  not  to  deteriorate  the  accuracy  of  the  numerical  scheme.  Looking  at  the  Euler  equations 
from  another  point  of  view,  it  can  be  shown  that  different  wave  fields,  with  different  directions  and  velocities  of 
propagation,  combine  themselves  to  give  the  solution:  thus  it  is  important,  especially  if  dealing  with  unsteady 
flows,  that  the  numerical  approximation  to  eqn.  (!)  properly  accounts  for  signals  propagation;  in  a  finite  volume 
formulation  this  can  be  obtained  with  a  suitable  definition  of  the  numerical  fluxes  at  cell  interfaces.  The  TVD 
formulation  used  in  the  present  work  tries  to  satisfy  both  the  requirements  of  conservation  and  of  correct  signal 
propagation  by  using  a  conservative  "upwind"  discretization:  globally  the  method  can  be  included  in  the  family  of 
the  so-called  MUSCL  (Monotonic  Upstream-centered  Schemes  for  Conservation  Laws)  type  schemes  which  have 
been  originally  proposed  by  B.  van  Leer  [17,18],  and  further  developed  in  its  various  parts  by  other  authors. 

The  semi-discretization  of  eqn.  (1)  for  the  cell  ij  gives 


where  ff'jj  is  the  product  of  the  average  cell  value  W  times  the  volume  V  of  the  cell  and  the  various  b  represent 
the  numerical  fluxes  normal  to  the  cell  faces.  The  numerical  fluxes  at  cell  interfaces  are  calculated  with  the 
following  procedure  which  combines  the  requirements  of  accuracy  and  upwinding.  In  the  following  we  use  the 
index  m  for  both  i  or  j  and  omit  the  other  index.  At  every  cel!  interface  m+1/2  two  sets  of  variables  and 

fK’m+i/2  are  defined  just  to  the  right  and  to  the  left  of  the  cell  interface.  These  values  are  used  to  set  up  a  local 
Riemann  problem,  the  solution  of  which  gives  the  contribution  to  the  fluxes  associated  with  right  and  left 
travelling  waves.  In  the  present  work  the  Roc’s  approximate  Riemann  solver  [16]  is  employed:  first  one  finds  the 
eigenvalues  and  the  right  and  left  eigenvectors  of  the  Jacobian  matrix  of  Fm+ 1/2  in  the  state  between  Jf'+m+i/2  and 
W'-m4.1/2  defined  by  Roe’s  averaging;  defining  by  wm*i/2  and  vm+i/2  the  velocity  components  normal  and 
tangential  to  the  face  m-fl/2  ,  i.e. 
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where  x  -  (l-l)/2.  The  numerical  flux  Fm(.i/2  is  then  given  by 
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where  a1'  and  a'+  are,  respectively,  the  negative  and  positive  projections  of  the  eigenvalues  on  the  normal  to  the 
face  and  a>  is  defined  as 


a 


Eqn.  (3)  states  that  the  numerical  flux  is  given  by  the  left  (right)  flux  plus  (minus)  the  changes  in  the  flux 
due  tu  the  wave  fields  which  have  negative  (positive)  eigenvalues.  The  accuracy  of  the  scheme  depends  on  the 
definition  of  the  lf,+  and  W'-  values,  which  are  interpolated  from  the  values  in  the  neighboring  cells  taking  care  to 
properly  limit  the  gradients  in  order  to  satisfy  the  TVD  constraint.  Interpolation  is  defined,  field  by  field,  by  the 
following  relations: 


a',  ,  - 

m  -  ^ 

where  the  matrix  L  is  evaluated  in  the  cell  centroid.  The  differences  in  characteristic  variables  are  properly 
limited  in  such  a  way  that  no  new  maxima  or  minima  are  introduced  in  the  reconstruction.  The  limited 
differences  are  defined  using  the  so-called  minmod  function,  i.e. 
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where  the  parameter  k  defines  schemes  of  varying  accuracy;  in  the  one-dimensional  case  with  uniform  mesh 
spacing  and  without  any  limiting,  the  value  k  ~  1/3  results  in  a  third  order  upwind-biased  scheme,  the  choices 
k  «  -1  and  k  *  0  define,  respectively,  the  second  order  fully  upwind  and  the  second  order  Fromm  scheme. 
Reckoning  the  importance  of  reducing  the  dispersion  errors,  here  was  adopted  k  =  1/3.  The  minmod  function  is 
defined  as  minmod(x,y)  =  sign(x)max{0,min[|x|,ysign(x)]}  and  is  0  if  x  and  y  have  opposite  signs;  as  a 
consequence  the  scheme,  second  order  or  third  order  accurate  in  regions  of  smooth  flow,  becomes  first  order 
accurate  at  points  of  maxima  and  minima:  this  is  the  principal  drawback  of  the  TVD  limiter  formulation,  which 
introduces  significant  errors  where  the  gradients  change  sign. 

The  values  W'+m+i/2  and  l^'m+t/2  are  finally  given  by 
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The  finite  volume  discretization  described  above  allows  to  calculate  the  residual  in  each  cell;  from  eqn.  (2) 
the  unknowns  can  be  marched  in  time  by  a  proper  time  discretization.  In  this  work  a  simple  explicit  two  stage 
Runge-Kutta  algorithm  has  been  used: 


Boundary  conditions 

In  turbomachinery  applications  one  usually  finds  four  types  of  boundary  conditions,  namely:  solid  wall, 
periodicity,  inflow',  outflow. 

Solid  wall  boundary  conditions 

An  accurate  treatment  of  solid  wall  boundary  points  is  crucial  especially  for  in  viscid  flows,  because  most 
of  the  spurious  entropy  productions  of  conservative  schemes  arise  at  solid  surfaces.  In  the  TVD  scheme  a 
node -centered  finite  volume  discretization  has  been  used  and  hence  the  boundary  points  lie  just  on  the  boundary, 
on  the  outer  edge  of  a  half  control  volume.  At  the  boundary  points  the  updating  of  unknowns  is  based  on  the 
theory  of  characteristics:  the  compatibility  relations  in  the  direction  normal  to  the  w'al!  arc  found  by  multiplying 
the  matrix  (4)  of  left  eigenvectors  by  the  system  of  eqn.  (1).  The  boundary  condition  is  implemented  substituting 
the  row  of  L  associated  with  the  incoming  eigenvalue  with  the  tangenev  condition.  The  discretized  form  of  the 
compatibility  relations  can  be  written  as 
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where  in  the  matrix  L\  the  row  corresponding  to  the  incoming  eigenvalue  is  set  to  zero;  AH’  expresses  the 
variation  of  the  unknowns  over  the  time  step  and  R{\Vn)  are  the  residuals.  The  residuals  ha\e  a  contribution  from 
the  balance  of  fluxes  along  the  boundary  (performed  as  for  the  interior  points)  and  a  contribution  from  the 
balance  of  fluxes  in  the  transversal  direction  (at  the  wall  containing  only  the  pressure  term).  The  system  of  eqn 
(6)  is  completed  with  the  tangenev  condition,  i.e. 

'l(pu)n  ,  +  d(pi;)n  ¥  -  0  CO 

The  system  of  eqn.  (6)  and  (7)  can  thus  he  solved  for 

(«) 

where  the  matrix  L\  is  equal  to  Lx  except  for  the  null  row  substituted  with  that  deduced  from  eqn.  (7).  The 
described  procedure  is  applied  both  in  the  predictor  and  in  the  corrector  step  of  time  integration. 


Periodicity  boundary  conditions 

If  grid  points  are  periodic  in  tangential  direction  and  if  any  eventual  unsteadiness  along  the  inflow  and 
outflow  boi  ndary  is  periodic  over  the  pitch,  the  periodicity  conditions  are  trivial  to  implement.  The  treatment  of 
disturbances  with  period  different  than  the  pitch  is  more  difficult  because  one  must  introduce  periodicity 
conditions  lagged  in  time  or  perform  the  calculations  over  a  group  of  blades;  an  original  alternative,  proposed  by 
M.  Giles,  is  to  tilt  in  time  the  computational  plane  (see  Ref.  [11]). 

Inflow  and  outflow  boundary  conditions 

A  correct  and  accurate  implementation  of  inflow  and  outflow  b.c.’s  is  extremely  important  both  in  steady 
and  unsteady  calculations;  in  the  former  case  one  is  interested  not  to  introduce  spurious  reflections  that  slow 
down  convergence  and  alter  significantly  the  interior  flow  field  (forcing  one  to  keep  the  boundaries  off  the 
blades),  in  the  latter  one  wants  to  assign  b.c.’s  which  allow  to  specify  the  evolution  in  time  of  some  variables  and 
which  interact  correctly  with  the  interior  of  the  computational  domain.  The  theory  of  characteristics,  with 
different  degrees  of  approximation,  can  be  used  to  specify  both  the  number  and  the  type  of  b.c.’s.  As  for  the 
solid  wall  b.c.’s,  the  TVD  method  updates  inflow  and  outflow  boundary  points  finding  the  local  compatibility 
relations  and  substituting  the  relations  associated  with  the  incoming  eigenvalues  with  the  boundary  conditions.  If 
non-reflecting  b.c.’s  are  desired,  one  must  set  the  values  of  the  characteristic  variables  associated  with  the 
incoming  eigenvalues.  This  is  not  a  trivial  task  even  in  a  one-dimensional  problem  because  one  ten  wants  to 
impose  a  variable  that  is  not  a  characteristic  one  (for  example  the  pressure  at  the  outflow  boundary);  in  two 
dimensions  th»«  is  harder  since  one  has  to  find  the  boundary  distribution  of  characteristic  variables  whi  h  in  turn 
depends  on  the  inner  solution  and  which  satisfies  user  specified  boundary  values  in  an  average  sense.  The 
non-reflecting  b.c.'s  here  implemented  follow  closely  the  theory  developed  by  M.  Giles:  the  complete  descr:piion 
can  be  found  in  Ref.  [10-11].  Briefly,  Giles’  approach  is  based  upon  a  characteristic  analysis  of  the  linearized 
Euler  equations;  the  main  feature  is  that  the  b.c.’s  are  truly  two-dimensional.  In  the  steady  case  the  changes  over 
a  time  step  of  the  incoming  characteristic  variables  are  given  by  an  average  change,  determined  to  satisfy  a 
number  of  specified  average  quantities  (flow  angle,  total  enthalpy  and  entropy  at  inflow,  pressure  at  outflow), 
plus  a  distribution  of  local  changes.  The  spatial  harmonics  of  the  local  changes  in  the  incoming  characteristics  are 
related  to  the  outgoing  ones  through  the  non-reflecting  boundary  conditions.  The  unsteady  b.c.’s  must  prescribe 
unsteady  incoming  disturbances  and  must  be  transparent  to  outgoing  waves.  The  first  function  is  accomplished  by 
defining  appropriate  models  of  the  sources  of  unsteadiness  (for  example  wakes,  weak  shocks,  potential 
disturbances):  note  that  these  models  specify  variations  over  the  time  step  of  all  the  four  conservative  variables, 
however  the  actual  changes  in  the  outgoing  characteristic  variables  depend  upon  the  difference  between  computed 
and  prescribed  values.  The  non-reflecting  condition  leads  to  a  set  of  first-order  partial  differential  equations 
along  the  boundary. 

The  method  of  characteristics  (CHAR)  used  in  this  work  is  presented  in  detail  in  Ref.  [15],  where  it  is 
applied  to  different  problems  (concerning  nozzles,  airfoils  and  turbomachinery  blade  rows).  Essentially  it  solves 
the  two-dimensional  unsteady  Euler  equations  in  non-conservative  form,  where  the  energy  equation  is  substituted 
with  the  conservation  of  entropy  along  the  path  line.  The  set  of  equations  is  hyperbolic  in  time  and  hence  can  be 
reduced  to  a  set  of  compatibility  equations  along  special  bicharacteristic  lines  lying  on  the  Mach  cone  and  along 
the  path  line.  The  numerical  solution  at  each  node  of  the  computational  grid  is  obtained  starting  from  the 
solution  at  the  previous  time  level,  where  the  variables  at  the  intersections  of  the  bicharacteristics  are  evaluated 
by  means  of  a  bi-parabolic  interpolation.  All  the  numerical  interpolations  are  performed  by  accurately  preserving 
the  physical  domain  of  dependence  for  the  Rien^nn  variables.  If  discontinuities  are  detected,  they  are  explicitly- 
introduced  as  slip-lines  or  shock  waves.  The  characteristics  define  the  flow  field  on  both  sides  of  the 
discontinuities  and  the  proper  explicit  relatios  (e.g.  the  Rankine-Hugoniot  relations)  complete  the  solution  giving 
the  speed  and  the  geometry  of  the  discontinuity  surfaces.  The  detection  and  the  geometrical  definition  of  the 
shocks  are  very  complicated  and  at  present  the  method  can  not  treat  intricate  shock  patterns. 


RESULTS  AND  DISCUSSION 

Before  presenting  and  discussing  the  results  of  the  unsteady  computations,  an  example  of  a  steady  flow 
calculation  is  given,  showing  the  effectiveness  of  the  solid  wall  and  of  the  far  field  b.c.’s  implemented  in  the 
TVD  scheme.  For  this  purpose,  the  staggered  wedge  cascade  shown  in  Fig.  1  (an  AGARD  test  case  proposed  by  J. 
Denton)  has  been  chosen  since  it  has  an  analytical  solution  and  presents  some  flow  features  difficult  to  be 
accurately  solved  by  a  numerical  method,  namely:  shock  reflection  and  cancellation,  small  total  pressure  losses, 
strong  trailing  edge  shock  crossing  the  outflow  boundary.  Fig.  2  (isobar  lines  and  total  pressure  distribution  along 
the  blade)  shows  that  no  reflection  originates  at  the  outflow  boundary  and  that  the  total  pressure  loss  is  rather 
close  to  the  analytical  result.  The  improvement  of  these  results  with  respect  to  those  shown  in  Figg.  3  and  4, 
obtained  with  the  well  known  Jameson's  Adaptive  Dissipation  (AD)  method  (Ref.  [14])  and  with  a  previous 
version  of  the  TVD  scheme,  is  striking:  in  the  AD  method  the  far  field  b.c.’s  arc  based  on  a  one-dimensiona! 
characteristic  approach  and  the  pressure  at  solid  walls  is  found  by  using  the  normal  momentum  equation;  in  the 
previous  TVD  version  the  far  field  was  treated  as  in  the  AD  method  and  the  pressure  at  solid  walls  was 
determined  by  solving  a  local  one-dimensional  Riemann  problem.  The  shortcomings  experienced  with  the  TVD 
method  concern  the  high  number  of  operations  per  time  step  and  the  slow  convergence  rate  to  the  steady  state 
(this  behaviour  is  ascribed  by  some  authors  to  the  influence  of  high  frequency  errors  introduced  by  the  flux 
limiters).  The  conclusion  that  stems  from  this  steady  test  case  is  that  the  TVD  method  is  very  accurate  (even  not 
jo  fast  and  easy  to  implement)  and  represents  an  improvement  over  more  commonly  used  schemes. 

The  use  of  numerical  methods  in  unsteady  computations  is  rather  delicate  and  requires  special  attention  to 
the  accuracy,  dissipation  and  dispersion  properties  of  the  schemes  in  order  to  discriminate  between  numerical  and 


physical  aspects  in  the  numerical  solution.  In  the  first  unsteady  flow  problem  considered  in  this  work  three 
different  methods,  namely  the  TVD,  CHAR,  and  AD  methods,  have  been  used  to  perform  a  comparative  study; 
the  aim  was  twofold: 

to  get  some  hints  of  the  numerical  errors  peculiar  to  each  method  by  comparing  the  results  obtained  with  the 
different  schemes; 

to  gain  some  insight  into  the  physical  aspects  of  the  propagation  of  unsteady  perturbations  in  transonic  .  egime. 

The  problem  considered  is  the  transonic  unsteady  flow  in  a  nozzle  with  a  shock  wave  in  the  divergent  part 
subject  to  a  back  pressure  oscillat..  c  sinusoidally  in  time;  the  pressure  oscillation  amplitude  was  set  to  7%  of  the 
steady  value  and  the  influence  of  the  perturbation  frequency  /  (oscillations  per  second)  upon  the  computed  flow 
field  was  examined  spanning  the  following  values  of  reduced  frequency:  1/3,  1,  3,  where  the  reduced  frequency 
/r  is  defined  ».s 


where  L  is  the  nozzle  length  and  C2jS  is  the  outlet  speed  of  sound  based  on  the  isentropic  outlet  conditions  ”ig. 
5  shows  the  60x^0  computational  grid,  algebraically  generated  and  endowed  with  good  properties  of  smoothness 
and  orthogonality;  in  this  Figure  are  also  indicated  the  steady  shock  positions  for  the  maximum,  average,  and 
minimum  outlet  pressure  (corresponding  to  isentropic  Mach  numbers  of  0.565,  0.65,  0.727)  and  the  points  on  the 
axis  where  the  pressure  was  recorded  during  the  unsteady  computations.  The  isoMach  lines  of  Fig.  6  show  how 
the  starting  solution  (.\/2-*  =  0.65)  was  computed  by  the  TVD  and  CHAR  methods:  it  is  noteworthy  tt  despite 
the  conceptual  difference  between  the  two  methods  the  solutions  are  almost  identical.  The  unsteady  behaviour 
was  examined  looking  at  a  global  parameter  (the  intponj  of  nozzle  wall  pressure)  and  at  the  local  pressure  in  the 
aforementioned  points;  in  all  cases  the  unsteady  computations  were  continued  until  the  periodicity  of  the  solution 
was  satisfactory:  note  that  in  the  following  graphs  the  cycle  count  refers  to  the  last  three  complete  periods  of 
oscillation.  As  regards  the  integral  of  wall  pressure  represented  in  Fig.  7,  it  is  evident  a  general  trend:  rising  ;h. 
frequency  of  the  disturbance  increases  the  phase  lag  and  reduces  the  amplitude  of  the  response,  i.e.  the  unsteady 
flow  deviates  more  from  a  quaji-steady  solution.  Analogous  results,  not  reported  here,  are  obtained  with  the  other 
two  methods:  however,  the  AD  method  shows  a  more  pronounced  diffcrence  between  the  results  at  the  highest 
frequency  and  those  at  lower  frequencies.  From  a  careful  examination  of  Fig.  7  it  can  be  argued  that  a  non-line.tr 
behaviour  develops  rising  the  frequency:  this  feature  is  more  clear  in  Figg.  9  and  10  where  the  pressure  evolution 
at  the  stations  on  the  axis  is  represented.  At  the  lowest  frequency  the  pressure  varies  harmonically  at  all  stations 
but  the  one  affected  by  the  sh».ck  motion,  whilst  at  the  highest  frequency  the  pressure  oscillation  is  far  from 
being  sinusoidal.  In  this  latter  case  the  shock  moves  quite  a  short  (see  Fig.  S  where  the  shock 

displacement  has  been  noinaltzcd  over  the  length  of  the  .ozzle  diveigem  po.tion):  this  suggests  the  ohser\ ati on 
that  a  little  shock  displacemcii:  is  not  necessarily  associated  with  a  linear  behaviour  of  the  flow  field.  From  Figg 
II  and  12  it  appears  that  for  /r  =  1/3  the  behaviour  is  quite  similar  for  the  three  methods  (apart  from  the  sh  cl 
region);  on  the  other  hand  the  results  of  T  g.  13  for  fr  =  3  outline  a  marked  phase  difference  between  the  CHAR 
and  TVD  methods  and  a  very  great  phase  and  amplitude  difference  between  the  AD  and  the  other  two  method* 
In  order  to  in  vestigate  n.cse  aspects  mr  re  closely,  the  calculations  for  fr  -  3  have  been  repeated  on  a  refined 
180x30  computational  grid;  Fig.  14  shows  that  the  results  of  the  three  methods  are  now-  in  much  better  agreement 
but  all  strongly  non-linear.  The  comparison  between  coarse  and  fine  mesh  results  allows  to  draw  the  following 
conclusions: 

.  the  AD  method  sul'Urs  from  relevant  errors  in  the  amplitude  and  phase  propagation  of  a  high  frequency 
disturbance;  in  this  respect  the  TVD  and  CHAR  methods  perform  much  better  showing  only  ;.  bit  noisy 
solution. 

the  non-linear  behaviour  of  the  flow  field  depends  on  the  amplitude  and  on  the  frequency  of  the  in  pc.:<'  I 
oscillation:  in  fact,  due  to  the  non-linea  character  of  the  Fuler  equations,  si  uisoidal  disturbances  with  very 
small  amplitude  but  sufficiently  high  frequency  may  develop  into  waves  whit  a  conserve  the  small  ■'  tplitude 

but  ‘J’.at  are  no  longer  sinusoidal.  This  means  that  a  criterion  to  distinguish  bet  eon  linear  and  n-  n- linear  wave 

propagation  should  take  into  account  the  amplitude  of  the  assigned  disturbarc  as  well  ns  its  time  de:;>u;ise 
I  he  second  unsteady  problem  considered  in  this  work  is  the  simulation  a  wakes  shed  by  a  stator  row  ar.d 
entering  the  inflow  boundary  of  the  following  rotor  row.  The  wake  is  mode’ed  in  the  stator  frame  o!  re!  et  once 
where  it  is  supposed  to  be  isobaric  and  isnenthalpic  and  to  have  an  assigned  ve'-xity  defect:  the  assumed  %el  cip. 
profile  has  a  maximum  velocity  defect  of  20'::>  and  its  thickness  is  20%  of  the  p'tch.  In  the  ro:  r  frame  -  : 
reference  the  wake  is  moving  tangential  direction  with  n  velocity  equal  to  twice  the  isentropic  ou.Yt  1 

•peed;  this  exagerale  velocity  has  been  chosen  to  test  the  numerical  accuracy  of  the  method  in  a  severe  «■  n:  ■ : i 

At  ['resent  the  code,  based  on  the  TVD  method,  can  treat  unsteady  distui l  ances  periods.'  over  the  r o : .  r  pit,!., 

moreover,  it  must  be  stressed  that  w-c  successfully  implemented  only  the  one  dimensional  non- reflect. ng  vnbady 
b.c.  s  described  in  wef.  (11).  The  turbine  blade  is  the  .v-dcly  tested  [19]  \  kl  gas  turbine  r.  •,  r  s  'i.e:  lie  ’  v 
'hows  the  128x32  computational  grid  and  the  isoba*  and  isoMach  centaurs  of  the  steady  :-oIu'ion  for  3%,  =  ;.2l 
The  rne-.h  was  generated  with  an  algcmaic  zonal  approach  which  guarantees  a  rather  unilY.  m  mesh  spacirve  with 
••kewed  cells  Fmited  to  small  portion  of  thi  computational  domain:  these  properties  are  important  t  yet  i 
undVrm  level  *  if  accuracy  in  un  stead  .  computations.  As  in  the  staggered  wedge  c.i^c.  the  shock  .  lute.”  i 
excellent  (nearly  tw-o  mesh  points),  n -•  reflection  is  visible,  even  for  this  cl>>.e  enough  downs- ream  bound..:  an  1 
is  evident  the  interaction  between  tti  .diock  and  the  wake  generated  bv  the  numerical  di**  qv’to*'  at  the  t;aili  ♦ 
edge.  Not  repotted  here,  there  is  also  very  good  agreement  between  the  calculated  arid  the  exp*  'enla!  pu'-  ui 

distnmitinn  on  the  blade  surface. 

The  unsteady  computations  were  started  from  the  steady  solution  a  d  a  periodic  solution  *.r;  established 
alt-T  mo  cycles  of  the  inlet  disturbance  (each  cycle  corresponding  roughly  to  760  time  step.'V  big.  1  b  sh  >-.\r  the 
ry  r.f  the  tangential  force  exp  rienced  by  the  blade;  it  is  interesting  to  ,..  :e  that  the  tangential  force  oscillate-* 


around  a  mean  value  that  is  somewhat  lower  than  the  steady  value.  In  Fig.  17  are  reported  the  contours  of 
relative  total  pressure  difference  between  the  steady  and  the  actual  values,  i.e.  (a, steady- AVpti.iteadyi  the  interval 
contour  is  0.005.  The  wakes  deform  passing  trough  the  channel  due  to  faster  flow  near  the  suction  side.  The 
unsteady  velocity  vector  plot  of  Fig.  18,  obtained  by  subtracting  the  steady  solution  from  the  actual  one,  shows 
the  "negative  jet"  behaviour  of  the  wake  and  the  vortices  that  are  generated  on  the  two  sides  of  the  wake  segment 
inside  the  blade  channel.  These  vortices  are  not  so  evident  as  in  the  example  reported  in  Ref.  [13];  this  is  due  to 
the  fact  that  the  wakes  follow  each  other  in  a  rapid  sequence  and  the  leading  vortex  of  a  new  wake  segment 
entering  the  blade  channel  tends  to  attenuate  the  lagging  vortex  generated  by  the  preceding  wake  segment.  A 
calculation  with  a  more  resonable  tangential  velocity  of  the  wakes  should  give  a  clearer  picture  of  the  vortices 
inside  the  blade  channel.  A  final  observation  about  Fig.  )8  is  that  the  arrows  around  the  trailing  edge  shock  are 
meaningless  and  are  caused  by  a  slight  unsteady  shock  motion. 

AH  the  computations  presented  in  this  section  were  performed  on  a  HP835  computer,  characterized  by  a 
CPU  speed  of  14  Mips. 


CONCLUSIONS 

The  TVD  method  presented  in  this  work  has  proven  to  be  accurate  both  for  steady  and  unsteady  Euler 
computations  of  internal  flows.  The  addressed  cases  confirmed  the  importance  to  precisely  treat  the  solid-wall 
and  far-field  boundaries.  The  first  unsteady  problem  investigated  allowed  to  emphasize  two  interesting  topics:  the 
numerical  properties  of  different  schemes  and  the  physical  influence  of  the  frequency  of  an  imposed  disturbance. 
It  can  be  concluded  that  in  the  analysis  of  unsteady  phenomena  are  more  advisable  schemes  that  account  for  the 
correct  propagation  of  waves,  and  that  in  some  transonic  high-frequency  oscillating  flows  the  non-linearities  play 
an  essential  role.  The  second  unsteady  problem  examined  showed  the  practical  interest  of  such  computations  in 
turbomachinery  applications,  even  without  tackling  the  more  complex  issue  of  the  stator-rotor  interaction. 
Further  investigation  is  needed  to  properly  implement  the  two-dimensional  far-field  unsteady  boundary 
conditions. 


REFERENCES 

fl]  Whitehead,  D.S.,  "The  Calculation  of  Steady  and  Unsteady  Transonic  Flow  in  Cascades",  Univ.  of 
Cambridge,  Dept,  of  Engg.,  Report  CUED/A-Turbo/TR  1)8,  1982. 

(2]  Verdon,  J.M.,  "Unsteady  Aerodynamics  for  Turbomachinerv  Aeroelastic  Applications",  UTRC  Rpport 
R86-151 774-1,  1986. 

(3|  Verdon,  J.M.,  Caspar  J.R.,  "A  Linearized  Unsteady  Aerodynamic  Analysis  for  Transonic  Flows",  Journal 
of  Fluid  Mechanics,  vol.  149,  December  1984. 

[4]  Ni,  R.H.,  "A  Rational  Analysis  of  Periodic  Flow  Perturbation  in  Supersonic  Two-Dimensional  Cascade", 
ASME  Journal  of  Engineering  for  Power,  vol.  101,  July  1979. 

(5|  Erdos,  J.I.,  Alzner,  E.,  "Computation  of  Unsteady  Transonic  Flows  Through  Rotating  and  Stationary 
Cascades",  NASA  CR-2900,  December  1977. 

[6]  Ni,  R.H.,  Sisto,  F.  "Numerical  Computation  of  Nonstationary  Aerodynamics  of  Flat  Plate  Cascades  in 
Compressible  Flow",  ASME  Journal  of  Engineering  for  Power,  vol.  101,  April  1976. 

[7]  Hall,  K.C.,  Crawley,  E.F.,  "Calculation  of  Unsteady  Flows  in  1  urbomachinery  Using  the  Linearized  Euler 
Equations",  AIAA  Journal,  vol.  27  no  6,  1989. 

[8]  Rai,  M.M.,  Chaussee,  D.S.,  "New  Implicit  Boundary  Procedures  -  Theory  and  Applications",  AIAA 
Journal,  vol.  22  no  8,  1984. 

[9]  Chakravarthy,  S.R.,  "The  Versatility  and  Reliability  of  Euler  Solvers  Based  on  High- Accuracy  TVD 
Formulations",  AIAA  paper  no  86-0243,  1986. 

[10]  Giles,  M.B.,  "Non-Reflecting  Boundary  Conditions  for  the  Euler  Equations",  Technical  Report  TR-88-I, 
MIT  Computational  Fluid  Dynamics  Laboratory,  1988. 

[11]  Giles,  M.B.,  "UNSFLO:  A  Numerical  Method  for  Unsteady  Inviscid  Flow  in  Turbomachinery",  Technical 
Report  195,  MIT  Gas  Turbine  Laboratory,  1988. 

[J2J  Giles,  M.B.,  "Calculations  of  Unsteady  Wake/Rotor  Interaction",  AIAA  Journal  of  Propulsion  and  Power, 
vol.  4  no  4,  1988. 

[13]  Uodson,  H.P.,  "An  Inviscid  Blade-to-Blade  Prediction  of  a  Wake-Generated  Unsteady  Flow",  ASME  paper 
84-GT-43,  1984. 

[14]  Jameson,  A.,  Schimdt,  W.,  Turkel,  E.,  "Numerical  Solutions  of  the  Euler  Equations  by  Finite  Volume 
Methods  Using  Runge-Kutta  Time-Stepping  Schemes",  AIAA  paper  no.  81-1259,  1981. 

[15]  Osnaghi,  C.,  "Explicit  Evaluation  of  Discontin  lities  in  2-D  Unsteady  Flows  Solved  by  the  Method  of 
Characteristics",  1 1th  ICNMFD,  Lecture  Notes  in  Physics,  vol.  323,  Springer  Verlag,  1989. 

[16]  Roe,  P.L.,  "Approximate  Riemann  Solvers,  Parameter  Vectors,  and  Difference  Schemes",  Journal  of 
Computational  Physics,  vol.  43,  1981. 

[17]  Van  Leer,  B.,  "Towards  the  Ultimate  Conservative  Difference  Scheme:  IV.  A  New  Appoach  to  Numerical 
Convection",  Journal  of  Computational  Physics,  vol.  23,  1977. 

]18]  Van  Leer,  B.,  "Towards  the  Ultimate  Conservative  Difference  Scheme:  V.  A  Second-Order  Sequel  to 
Godunov’s  Method",  Journal  of  Computational  Physics,  vol.  32,  1979. 

[19]  Sieverding,  K..,  "Experimental  Data  on  Two  Transonic  Turbine  Blade  Sections  and  Comparison  with 
Various  Theoretical  Methods",  VKI  Lecture  Series  73-59,  1973. 


a)  isobar  Jines 


a)  isobar  lines 


Fig.  2  -  TVD  Method 


Fig.  3  -  AD  Method 


Fig.  4  -  Previous  TVD  Method 
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b)  CHAR  Method 


Fig.  6  -  IsoMach  lines 
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Summary 


The  plane  flow  of  a  perfect  gas  through  an  oscillating  cascade  at  a  Mach  number  close  to 
one  is  analyzed  using  matched  asymptotic  expansions.  In  the  case  of  steady  flow  the 
field  quantities  in  the  regions  between  airfoils  are  governed  by  equations  for  one-di¬ 
mensional  flow  in  a  first  approximation  if  thickness,  camber  and  angle  of  incidence  of 
the  blades  are  small.  Moreover,  for  a  particular  range  of  these  parameters  the  velocity 
disturbances  satisfy  linear  equations  ahead  of  and  behind  the  cascade.  The  sa^e  nroperty 
is  shuwn  to  hold  in  the  case  of  unsteady  flow  provided  the  reduced  frequency  and  the 
amplitudes  of  the  oscillations  are  small  compared  to  unity.  Furthermore,  the  effects  of 
the  sizes  of  the  various  parameters  on  the  flow  field  are  discussed.  Surface  pressures 
are  calculated  for  cascades  of  flat  plate  and  double  circular  arc  airfoils. 


1  Int  reduction 


Rapid  progress  in  the  design  of  turbomachines  has  made  transonic  flow  through  parts  of 
the  compressor  or  turbine  stages  a  normal  feature.  At  the  same  time,  it  has  substan¬ 
tially  increased  the  need  to  study  unsteady  flow  effects.  Some  of  these  can  be 
described,  sufficiently  accurate  for  engineering  purposes,  by  means  of  the  equations  of 
inviscid  flow  [11].  This  applies  for  instance  to  the  passage  of  sound  waves,  which  are 
introduced  into  the  flow  ahead  of  or  behind  the  blades  of  a  stage  and  unstalied  forced 
or  self-excited  oscillations  (flutter)  of  the  blades.  These  three  phenomena  can  be 
approximated  by  the  same  mathematical  model,  however.  The  following  considerations, 
therefore,  are  restricted  to  plane,  inviscid,  unsteady  flow  through  a  cascade  of 
airfoils.  Before  turning  to  the  mathematical  approach  adopted  in  this  study  it  is  useful 
first  to  outline  briefly  the  methods  which  have  been  applied  so  far.  Details  can  be 
found  in  [11]  and  [14]  and  in  the  references  cited  therein. 

Linearization  of  the  governing  equations  leads  to  the  complete  decoupling  of  the  effects 
due  to  airfoil  shape  and  airfoil  motion.  Accordingly,  the  unsteady  problem  reduces  to 
that  for  the  flow  through  a  cascade  of  flat  plates  at  zero  mean  angle  of  incidence.  As 
shown  by  Lin  et  al  [8]  and  Landahl  [7],  linearization  of  the  governing  equations  of  un¬ 
steady  transonic  flow  is  possible,  if  the  unsteady  effects  take  place  sufficiently  fast 
i.  e.  if  the  frequency  is  sufficiently  high.  Unsteady  transonic  cascade  flows  have  been 
studied  in  this  limit  by  Surampudi  and  Adamczyk  [12]. 

However,  the  interaction  between  steady  and  unsteady  contribu tions  to  the  flow  field  is 
significant  for  the  prediction  of  unsteady  phenomena  in  many  cases  of  practical  impor¬ 
tance.  These  interaction  effects  are  retained  to  some  extent  if  time  linearization  of 
the  governing  equations  is  carried  out.  To  this  end  it  is  assumed  that  the  unsteady 
disturbances  of  the  field  quantities  are  small  compared  to  the  quantities  charac ter i z i ng 
the  steady  flow  field  governed  by  nonlinear  equations.  As  in  the  case  of  purely  linear 
theory,  the  unsteady  perturbations  satisfy  linear  differential  equations.  The  coef¬ 
ficients  entering  these  equations  vary  with  the  spatial  coordinates,  however  [14], 

One  of  the  important  features  of  transonic  flows  is  the  occurrence  of  different  length 
scales  associated  with  the  variation  of  the  field  quantities  in  longitudinal  and  lateral 
direction  i.  e.  the  distance  in  the  direction  of  the  flow  required  for  the  change  of  a 
field  quantity  by  a  certain  amount  is  much  less  than  the  distance  in  lateral  direction 
required  for  the  same  change.  This  suggests  that  singular  perturbation  theory  may  be 
useful  to  obtain  approximate  solutions  for  transonic  flow  through  cascades.  As  shown  by 
Massiter  and  Adamson  [9]  for  the  case  of  steady  transonic  flow,  application  of  the  me¬ 
thod  of  matched  asymptotic  expansions  leads  to  a  decomposi tion  of  the  flow  field  into 
^uveial  subregions  which  can  be  studied  separately.  Apart  from  the  substantial  simplifi¬ 
cation  of  the  original  problem  a  much  deeper  insight  into  the  physical  phenomena  invol¬ 
ved  is  gained  in  this  way.  Specifically,  Messiter  and  Adamson  [9]  found  that  the  field 
quantities  in  regions  between  airfoils  are  governed  by  equations  for  one-dimensional 
flow  in  a  first  approximat ions  if  thickness,  camber  and  angle  of  incidence  of  the  blades 
are  small.  Moreover,  for  a  particular  range  of  these  parameters  the  velocity 
per turbations  satisfy  linear  equations  ahead  of  and  behind  the  cascade.  Based  on  these 
investigations  and  the  studies  of  Messiter  and  Adamson  [10]  dealing  with  unsteady 
channel  flow,  a  Lmall  perturbation  theory  for  the  treatment  of  unsteady  transonic  flow 
through  oscillating  cascades  will  be  developed.  As  it  will  turn  out,  the  decomposition 
of  the  flow  field  into  several  subregions  holdinq  in  case  of  steady  flow  only  applies  if 
the  frequency  of  the  oscillation  is  sufficiently  low.  However,  results  from  the  in¬ 
vestigation  of  unsteady  channel  flow  indicate  that  i  .'.teres  t  i  ng  phenomena,  such  as  motion 


of  shocks  through  the  whole  channel  and  formation  of  shocks  in  the  channel  region  occur 
in  this  parameter  range. 


2  Problem  formulation 


We  consider  disturbances  caused  by  an  oscillating  two-dimensional  cascade  which  is  pla¬ 
ced  into  a  uniform  stream  slightly  below  or  above  the  speed  of  sound,  Fig.l.  The  flow 
medium  is  a  perfect  gas  with  constant  ratio  y  of  the  specific  heats.  It  will  be  assumed 
that  the  thickness  6,  the  camber  5C»  the  amplitude  £b  of  the  plunging  motion 
nondimensional  with  the  chord  length  c,  the  angle  of  incidence  (X  and  the  amplitude  ap  of 
the  pitching  motion  are  small  compared  to  one.  Since  viscous  effects  are  neglected  and 
shock  waves  are  weak,  the  field  quantities  can  be  expressed  in  terms  of  the  velocity 
potential  <^>  to  the  order  considered. 

Introducing  the  nondimensional  variables 


where  (x,  y),  t,  (u,  v),  i<  denote  Cartesian  coordinates,  the  time,  the  velocity 
components,  the  critical  speed  of  sound,  a  characteristic  frequency  and  the  reduced  fre¬ 
quency,  respectively,  the  gasdynamic  eauation  can  be  written  in  the  form 


f  tjrtnl  i/rtnf  -1-  </rn<l  ‘J*  >* J  —  —  (1  . 

Here  the  speed  of  sound  is  given  by 
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The  boundary  conditions  at  the  blade  surface  y=h*(x,r)  requires,  (Fig.l) 

()/»'<  /  .  r  1  0hm l  r.  ~  i 
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Vortex  sheets  caused  by  the  time  dependence  of  the  circulation  around  blades  are  assumed 
to  emanate  from  the  trailing  edges.  Hence,  the  difference  of  the  pressure  disturbances 
between  the  upper  and  lower  surface  of  a  blade  vanishes  as  the  trailing  edge  is 
approached  and  the  velocities  remain  finite  (unsteady  Kutta  condition,  see  e.  g.  [3]). 
Furthermore,  appropriate  jump  relations  across  moving  shocks  [5]  and  the  radiation 
condition  [4],  pp418,  have  to  be  satisfied.  The  jump  relation  across  vortex  sheets  is 
found  to  be 


We  consider  the  two-dimensional  cascade  to  be  an  idealization  of  a  three-dimensional 
stage.  Hence,  the  flow  field  is  assumed  to  repeate  itself  in  x-direction  after  Nb  blades 
of  the  rotor  or  stator,  (Fig.l).  Since  the  spatial  period  can  be  smaller,  however,  it  is 
defired  by  an  effective  number  of  blades  N© . 

Using  the  definition  of  the  reduced  frequency  (I)  and  choosing  c  =  0.1m  for  the  chord 
length  and  a^300m/sec  for  the  critical  speed  of  sound  yields  k-0. 4-2.1  for  vibrations  of 
the  airfoils  with  natural  frequencies  of  200  to  1000Hz  [1],  pp236 ,  and  k-0. 2  for  the 
passage  of  sound  waves  with  a  frequent/  of  100  Hz  through  the  cascade.  The  periodic 
pressure  changes  associated  with  the  relative  motion  of  the  rotor  and  stator  cascades 
are  equivalent  to  k=9.4  based  on  a  circumferential  velocity  of  450m/sec,  a  blade  spacing 
of  b=0,lm  and  transonic  relat ive-veloci t ies  in  the  stages. 

In  the  following  and  throughout  the  the  rest  of  the  paper  we  shall  consider  uniform  flow 
with  a  free  stream  Mach  number  M®  slightly  below  or  above  one  which  is  perturbed  by  a 
cascade  of  thin  airfoils  performing  oscillations  of  small  amplitude.  As  a  consequence, 
parameters  small  compared  to  one  represent  the  difference  between  the  speed  of  sound  and 
the  velocitv  of  the  free  stream  and  the  magnitudes  of  all  other  disturbances.  Hence,  the 
velocity  potential  can  be  written  in  the  form 


With  the  exception  of  small  regions  centered  at  the  leading  and  trailing  edges  of  the 
blades  the  derivatives  1^*1,  lypyl  and  l^tlof  the  disturbance  potential  (f>  are  small  compared 
to  one. 

Inserting  eq.(6)  into  Eqs.(2)  to  (5)  yields  the  approximation 
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to  the  gasdynamic  equation.  The  boundary  conditions  reduce  to 
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Indices  u,  1  are  used  to  characterize  the  upper  or  the  lower  surface  of  an  airfoil.  The 
time  dependent  functions  gb(r)  and  gp(r)  describe  the  plunging  and  the  pitching  motions 
of  the  airfoils.  The  jump  relation  across  vortex  sheets  simplifies  to 


The  jump  relations  across  shocks  have  to  be  transformed  accordingly,  but  will  not  be 
needed  in  the  following. 


3  Flow  field  structure  for  low  reduced  frequency 


To  simplify  the  discussion  of  the  asymptotic  flow  structure  it  is  useful  first  to  spe¬ 
cify  the  relative  orders  of  magnitude  of  the  relevant  perturbation  parameters  <5, 
otp  and  lo  this  end  the  modified  perturbation  potential  accounting  for  the 
different  orders  of  magnitude  of  the  velocity  disturbances  and  the  different  length 
scales  in  the  various  subregions  is  defined  in  the  form 

/i  +  r-  *i  .  i/* .  t  )  4-  *>(//*  ■  '.KM 


where 
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The  parameters  /3*  and  £  have  to  be  chosen  such  that  tpf*,  and  are  °(  1  )  in  the 

region  under  consideration.  Inserting  eq.(10)  into  eq.(7)  yields 

«  //*  <  /'*'  •  1  .  •'  ’  ‘  ’  n  ;i 

Without  loss  of  generality  the  boundary  condition  (8)  and  the  jump  relation  across 
vortex  sheets  (9)  can  be  written  as 
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where 


As  indicated  by  eq.(12),  the  locations  of  the  pivots  of  the  airfoils  have  no  first  order 
influence  on  their  unsteady  aerodynamic  response  to  the  pitching  motion  if  k<<l.  The 
representation  of  the  perturbation  potential  i given  by  eq.(10)  is  appropriate  for  the 
discussion  of  the  channel  region  but  has  to  be  modified  according  to 


in  the  flow  regions  upstream  and  downstream  of  the  cascade.  m£>  denotes  the  Mach  number 
of  the  free  stream  based  on  the  critical  sp©©d  of  sound.  As  pointed  out  ecu  lier ,  it  is 
one  of  the  aims  of  the  present  study  to  identify  ranges  of  the  perturbation  parameters 
such  that  the  flow  outside  the  channel  region  is  governed  by  linear  equations.  The 
requirement  that  the  transonic  similarity  parameter  X  =  U  ~M»)/ t  (7+ 1  )5m4,]?  1  is  large 
compared  to  one  then  yields  immediately 


A/' I 


I  f'-4 


Of  course,  the  charac ter istic  streamwise  length  scales  in  the  channel  regions  and 
outside  the  channel  are  0(1).  It  will  be  assumed  that  the  distance  between  the  blades  is 
comparable  with  the  chord  length.  As  a  conseauence,  the  lateral  length  stale  m  the 
channel  region  is  0(1)  too,  while  it  is  0(  1 1  in  the  regions  upstieam  and  down 

stream  of  the  channel  region.  Furthermore,  the  v-component  of  the  velocity  is  of  the 
same  order  of  magnitude  in  the  whole  flow  field.  Hence,  the  u-di stu rbances  in  the  regi¬ 
ons  between  the  blades  are  much  larger  than  those  elsewhere.  This  indicates  that  add  i 
tional  regions  centered  at  the  leading  and  trailing  edges  of  the  blades,  where  the  u 
perturbations  change  their  orders  of  magnitude,  have  to  be  incl  to  obtain  the 

complete  flow  structure.  Since  the  lateral  length  scale  in  these  transition  regions  i-' 
0(1'  the  streamwise  length  scale  is  much  smaller  and  0(  Finally,  a  more 

detailed  analysis  indicates  that  the  regions  upstream  and  downstream  of  the  transition 
layers  have  to  be  devided  into  near  and  far  fields. 

Inspection  of  the  jump  relation  (9)  holding  across  the  vortex  sheets  emanating  from  trie 
trailing  edges  of  the  bladcc  shows  that 


Here  fl  characterizes  the  amplitude  of  the  unsteady  velocity  per turbat ions  in  the  channel 
region,  eg. (10).  Since  the  vortices  forming  the  vortex  sheets  are  converted  downstream 
approximately  with  the  free  stream  velocity  the  appropr  ute  length  scale  in  the 
streamwise  direction  entering  the  equation  for  the  perturbations  caused  by  these  sheet  . 
is  0( l/k) . 

The  different  scalings  of  the  coordinates  and  the  field  quantities  outlined  so  far  tan 
be  formulated  most  simply  if  the  parameters  (3)  •  anc*  holding  in  the  var  ious 
subregions  of  the  flow  field  are  expressed  in  terms  of  one.  reference  parameter  which 
will  be  chosen  as 


Owing  to  the  condition  (15)  the  flow  in  the  far  field  regions  is  governed  by  linear 
equations.  Imposing  the  additional  requirement  that  the  field  quantities  in  the  regions 
between  the  blades  satisfy  the  equations  for  one-dimensional  unsteady  flow  one  obtains 

o,  *  -  1 1  *  ,  •.  i  > 


Insertion  of  expansions  (10),  (14)  and  appropr iate  generalizations  holding  in  the  tran 

sition  layers  into  the  governing  equations  (e.  g.  (11).  (1-?),  (13)  for  the  channel  flow 

region  etc.)  taking  into  account  eqs.(15)  and  (ie>)  finally  leads  to  the  sees  of  par ame 
ters  and  p*  listed  in  table  1. 


Table  1:  Coordinate  stretchings  and  orders  of  magnitude  of  the  velocity  disturbances  in 
the  various  regions  of  the  asymptotic  flow  structure. 

It  should  be  noted  that  these  results  remain  unchanged  if  the  governing  equations 
holding  in  the  channel  region  are  further  simplified  as  summarised  in  table  2. 
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Table  2:  Properties  of  the  flow  inside  the  channel 

6 . thickness  or  angle  of  incidence  ^ 

5  ....amplitude  of  the  pitching  oscillation  apor 


region  for  various  parameter  ranges. 
k<?>b  of  the  plunging  oscillation. 


following  Mess  iter  and  Adamson  the  perturbation  parameter  0  is  defined  as 


< » 


The  asymptotic  expansions  of  the  field  quantities  holding  in  the  var ious  regions  of  the 
flow  field  are  found  to  proceed  in  powers  of  :'/?and  powers  of  •r’//  multiplied  by  In:  ( c. )  . 
1<»  passing  we  men!  io<*  that,  the  description  of  the  flow  in  terms  of  these  expansions 
requires,  in  addition,  the  introduction  of  suitably  chosen  coordinate  systems  which 
reflect  the  geometric  properties  of  the  flow  structure,  Fig.l.  A  more  detailed 
descr  iption  of  these  coordinate  systems  is  given  in  (.6]  and  1^1  . 

finally,  two  consequences  of  the  choice  of  the  reference  quantities  and  the  assumptions 
leading  to  the  results  discussed  in  this  section  should  be  pointed  out.  First,  using  the 
airfoil  chord  as  the  reference  length  requires  the  effective  period  of  the  cascade  Me d 
to  be  0(1).  Second,  due  to  cumulative  effects  associated  with  the  description  of  wave 
propagation  phenomena  by  linear  differential  equations  the  far  field  solutions  are  not 
uniformly  valid  at  large  distances  from  the  cascade.  Preliminary  considerations  indicate 
that  the  r ange  of  validity  of  the  asymptotic  theory  in  its  present  form  can  t>e  extended 
in  both  cases  using  the  method  of  multiple  scales.  However,  detailed  ca  1  r  u  1  a  1. 1  o»w  have 
not  been  c.ai  r  ied  out  su  far  . 


■\  r  1  me  1  1  near  1 /at.  ion  for  cascades  of  flat  plate  and  double  circular  arc  airfoil'  per  for 
nuny  pitching  oscillations 


r he  upper  and  lower  surfaces  of  the  blades  are  given  in  the  form 


It  is  assumed  that  the  blades  of  the  cascade  perform  harmonic  pitching  osc  1  1 1  itorv-.  about 
t  lie  1  r  mid  chord  points  with  equal  phase  -hi  ft  0  between  adjacent  blades.  1  he  ingle  of 
incidence  of  the  cascade  in  steady  flow  is  chosen  such  that  there  is  no  flow  around  the 
leading  edges.  As  a  consequence,  the  solution  to  t  tie  transonic  small  disturbance 
equation  governing  the  flow  i«»  the  entrance  and  exit  regions  refutes  to  that  of  uniform 
flow  [dj.  So  far.  the  case  of  shoe k  f r ee  flow  in  the  channel  region  has  been  studied 
Work  dealing  with  the  effects  of  shoe  k  waves  on  the  flow  in  these  regions  is  1  n 
progress.  Finally,  the  following  discussion  of  the  t  low  properties  will  be  re-.-tr  if  ted  to 
the  leading  order  terms  of  the  asymptotic  expansion-,  tut  t  tie  field  quant  it  ie-  which 
exhibit  the  same  frequency  as  the  pitching  motion.  Owing  to  t  fie  non  1  i  near  1  l  y  o»  the 
governing  equations  terms  depending  on  multiples  oi  the  driving  frequency  nc  t  wr  it 
h 1 gher  or  der  . 

According  to  the  results  listed  in  table  2  the  concept  of  time  1 1  near  1 / at  1  on  applies  it 
c*  Q(£?),  0  0(E>).  k  0(1)  and  Sf. -0UV,>  Introducing  the  expansions  of  the  velocity 

potential  for  t.he  various  regions  into  the  governing  equation  (?>.  the  boundary 
condition  (H)  and.  if  necessary,  the  jump  relation  across  vorte*  sheets  (o>  yields  the 
.teady  and  unsteady  problems  for  these  region*.,  '.ime  t  he  teady  problem,  have  been 
discussed  ext  ens  1  ve  1  y  1  n  [  a  j  it  •-  u  f  f  it  es  to  r  one  ent  *  a  t  e  on  the  <  a  I  <  u  li .  .  or.  of  the 
unsteady  disturbances. 


Channel  region 

The  first  unsteady  terms  of  the  expansion  for  the  perturbation  potential  are  governed  by 
inhomogeneous  wave  equations  with  coefficients  depending  on  the  leading  order  steady  ve 
locity  distribution.  Since  the  speed  of  downstream  propagating  waves  is  infinite  in 
terms  of  the  scaled  time,  solutions  to  thi---  equations  depending  on  the  spati.i)  roordin.i 
t  es  describe  upstream  propagating  wave-'.,  fxploiting  t  fie  fait  that  field  quantities  are 
harmonic  functions  of  time  finally  leads  to  a  set  of  ordinary  differential  equations 


Entrance  region 

Even  upstream  propagating  waves  pass  the  entiar.ee  region  m  a  time  interval  which  is 
asymptotical  ly  small.  Similar  to  ['-»].  solutions  to  Laplace's  equation  governing  the 
first  order  unsteady  perturbation  potential  can  be  found  using  a  Sr hwar  » - <  hr  1 s t of f e l 
mapping.  As  in  case  of  steady  flow  source  e igensolut ions  (1*1.  PPV2 ,  have  to  be  added  to 
this  solution.  I  he  Poisson  equation  governing  the  higher  order  terms  can  be  solved  using 
the  complex  character istics  of  Laplace's  equation.  The  first  order  velocity  disturbance 
is  found  to  contain  the  well  known  leading  edge  singularity.  To  remove  this 
nonuniformity  it  would  be  necessary  to  consider  an  additional  asymptotic  expansion 
holding  in  small  re i ghbor honds  of  the  leading  edges 


f  on  or i 


i  u !  iurv  to  the  equat  inn-,  to.  i  t  t  i  m-  .  ■  •  t  the  e»  pe¬ 
so  re  >t- 1  a  ■  rie-J  in  s  •  t  in i  1  it  manner  as  in  r.  ..t  <-* 

~  t  .  ..«n<_e  region,  C.  ,rmj  i  bp  i.u'l  i  (onditi'Hi  ha.  to  b.- 
t  hi-  trailing  edges  of  the  blades.  however 


Near  .out  f  a  >■  r  j  e  ]  ■  j  a  ‘»y  ad  of  the  c  -  ^  ade 

Matching  "f  solut  valid  in  the  near  field-,  and  that  valid  in  the  fat  *  ir:  :  -  o  id 

the  bouti  3  e  y  i.C'iiji  t  i:)f\  for  the  homogeneous  wave  equal  i  ofi  jovet  ;  n.j  to*-  1  i,  t  •  t  de , 
oh:,  teady  potential  in  the  far  field-  A  solut.  ion  l  an  he  de<  ived  f  •  on.  that  cvf  l  !  i-  1  i 

al  linear  wave  equation  for  >ub-:  on  u.  flow  idee  e.q.  (  -l  j  .  pp*i  l  h  >  ‘Sour.  »•-  ~  t  juu-  -t  ion  . 

represr.nt.jnq  Lhe  flow  round  the  leadin')  edge*.  h  tv<»  to  i  e  t  then  into  i-  •  oui-i  v.-ivi- 
the  wave  equation  us  i  ivj  the  method  ut  reparation  of  vat  iat-le-  yiei  i  .  the  ««.-r-dif  i..n  t.>. 
on  tit  r  e--  on.-iiic  e 


,i  :  •  <*e(nent  with 


:  e- -u  1  t  given  t . Holv  S  and  i  i  no  ..id 


Nf*a r  and  fa'  field  beh  1  nd  |  hr  i  <  ade 


dilution-.,  f  to  he  found  in  *  -  liuil.o  manner  a:,  in  ■  *  e  •  f  t  h'»  -.  : .  r  r  p  .poi  ,d  1  n-j  p:  r>t,  l  etv  for 

♦he  regions  al.e.-id  of  the  cascade.  since  t  fie  Kutla  condit  on  i~  sat  i if ieo  (her**  i 

flow  around  the  t  I  a  1  1  l  ng  edges. 

T  he  .olid  inn-*,  holding  in  the  var  iou-  •  ubr  egi  on?,  discus  sod  o  f  u  c.ont  nn  i  numt  .  ■  t 

nt'dnoy  t  iinslrtntt  end  fun<  lions  which  have  to  be  deter  m  i  ned  by  note  tu  ns .  owing  t  . 
f 1 1 1  la  condition  the  .ulut  ions  valid  in  J  tie  near  fields  and  that  valid  in  the  f  •  i<-id 
behind  the  cascade  are  complete!/  sperjfied  and  thm:'.  serve  as  t  he  starting  point  t  t  -e 
matching  procedure. 

Starting  from  ttie  far  field  solution  behind  t  he  ca^c  ade  t  tie  exit,  -.har.nel,  net-  h  r  ■>«  o  vd 
the  far  field  solution  ahead  of  the  r  tsc.ade  are  determined.  composite  rdulion  .  m  he 
constructed  in  various  ways  to  yield  smooth  distributions  of  t  tie  field  quant i t in  at  the 
upper  and  the,  lower  surface  of  the  blades.  The  following  procedure  was  applied  to  obtain 
t he  pr e-sure/ve lot l ty  distributions  presented  in  this  paper  .  A  composite  solution  for 
the  upper  side  valid  in  the  interval  0*  x- d  was  found  by  adding  the  <  or  t  o  -pond  j  no 

solutions  holding  in  the  relevant  entrance  and  near  field  suhe  eg  i  ..ins  ft  m  I.  t*»iu»n. 

4.  )  and  subtracting  the  common  parts.  Similarly.  *  <  nmpo  ite  solut  i<n.  •  ■»»  the  i  itprv.il 

d  x-  i  was  constructed  urging  t  tie  entrance,  the  channel  and  ttie  p«i  i  -.o lot  ions  l  tie  amp 

procedures  yielded  composite  solution--,  for  the  interval  0  x-  t  •<  and  d  *•  l  it  t  lie 

lower  blade  -surface,  for  small  but  finite  values  of  *  he  perturbation  par  nnntpr  e.  how 

ever,  the  composite  solutions,  calculated  it  x  o ,  x  d ,  -  i  d  m-1  «.  i  do  not  agree  with 

» tie  cor  r  esporid  i  ng  entrance  and  exit  .olut  inns.  Hence.  .mall  jumps.  in  the  pr  e 

*u  r  e/veloci  t  y  distributions,  occur  at  these  points. 


Peso 


1 1>; 


the  evaluation  of  the  analytical  results  wa-.  c  erried  nut  it  equally  -.paced 
intervals  0  *  d.  d-  *•  1  for  the  upper  blade  mii  face  and  ••  x  l  d,  l  -  d-  I 
blade  surface.  cubic..  Splines  were  used  for  interpolation  and  calcol 
difference  between  t  tie  values  of  the  pr  essur  e  roeffic  tent 


points  in  the 
tor  t  tie  1  '  >we  r 
1 1  i  on  of  t  tie 


nt  t  tie  upper  and  lower  ‘.or  face  of  t  tie  til  ade- •.  (  t,  I 

hr  »*v"  u  r  e  distributions  for  1 1  m  <  a  e  of  .  t  eady  flow  arc*  dep  i  c  t  ed  in  t  i  g  .  r  1 1  t  to' 
t  tie  Mjppr  imposed  unsteady  pressure  f»er  fur  bat  ions  -no  -.omnia;  i/pd  in  1  i  jut  r  .*■  to  I  .‘ 

As  expected,  the  magnitudes  of  the  unsteady  pressure  di-tr  itml  nm  .  it  the  blade  -,ur  f  .up 
■  trongly  depend  on  the  distance  between  t  tie  airfoils  both  for  the  flat  plate  and  t  lie 
double  c  i  rcuUr  arc  cascades.  T  tie  f»hase  lag  between  ai.foil  ost  i  llat.ion  and  unsteady  re 
sponsp  is  seen  to  increase  subs  tan  t  ially  with  frequency,  fur  thermore.  t  tie  r  edm  t  ion  of 
t  tie  distance  between  the  airfoils  i  ru  re.v-.es  the  influence  of  ttie  steady  vel<»<  ity  di--.tur 
trances  on  ttie  urv  t.eady  response,  f  tu  s  effect  d  1  m  in  i  sties  rapidly  as  the  distance  in¬ 
creases  (figs..?  to  10)  due  to  the  small  thickness  of  ttie  cirfoils. 

Unfortunately.  e«per  imental  data  fitting  the  parameter  i  mtje  rovpr  pd  t<y  the  asymptotic 

t  heor  y  in  it  c  pre-ent  form  seem  not  to  be  available  However  .  some  nurnei  u  at  r  i'-->u  1  t 

wtii'ti  satisfy  the  basic,  assumptions  of  this  theory  at  least  appr  ox  i  m  *t  e  1  y  have  been 

obtained  by  Verdon  (1*>).  Numerical  and  analytical  re.ults  for  1  d  0  /07,  k  0.0**.’. 

dope  ted  in  fiq.ll,  are  in  good  agreement  despite  the  far  t  that  ttie  i  tiannel  region  \  -■ 
rattier  short  comp  (red  frj  f  fie  Made  length  in  this  case.  Results  for  the  distt  ibution  of 


the  unsteady  pressure  disturbances  caused  by  oscillations  with  a  relatively  large  value 
of  the  reduced  frequency  k=0.23  are  displayed  in  Fig. 12  and  still  satisfactory  agf  ent 
between  numerical  and  analytical  predictions  is  observed.  Deviations  occur  in  the  ase 
lag  between  the  oscillation  of  the  ►  .ate  and  its  aerodynamic  response.  This  effect  is 
pre -»ably  a  consequence  of  the  simplification  of  the  flow  properties  in  the  entrance  and 
exit  subregions  where  the  asymptotic  theary  predicts  an  infinite  wave  propagation  speed. 


6  Concluding  remarks 


It  has  been  shown  that  asymptotic  methods  can  be  applied  successfully  to  study  the  flow 
through  lightly  loaded,  oscillating  cascades  at  transonic  conditions. 

m  its  present  form  the  theory  outlined  in  this  paper  applies  to  purely  subsonic  flows. 
However,  only  minor  modifications  are  necessary  to  include  also  the  case  of  slightly  su¬ 
personic  flow.  Further  reneral izat ions  which  should  be  considered  concern  the  case  of 
airfoils  of  more  general  shapes  at  arbitrary  angles  of  incidence  and  moving  shock  waves. 
This  would  substantially  widen  the  applicability  of  the  method  to  engineering  problems. 
The  developement  of  a  theo. y  to  investigate  the  case  of  steady  and  unsteady  disturbances 
being  of  the  same  order  of  magnitude  also  seems  to  cu  possible  as  indicated  by  the 
results  obtained  for  channel  flows  of  this  type  [10]. 
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Summary 

The  intensity  of  unsteadiness  in  compressors  strongly  depends  on  the  flow  velocity  and 
the  overall  pressure  ratio.  Thus  investigations  of  the  unsteady  effects  in  case  of 
supersonic  flow  are  of  great  importance  with  regard  to  performance  and  reliability.  For 
that  purpose  the  unsteady  flow  in  a  supersonic  coapressor  stage  was  studied  in  a  series 
of  experiments  at  the  Technical  University  Aachen. 

A  review  on  the  specially  developed  measuring  techniques  including  flow  visualization 
and  the  design  of  miniaturized  semiconductor  probes  is  given.  The  main  features  of 
unsteady  supersonic  flow  in  the  compressor  are  discussed  by  means  of  characteristic 
experimental  results. 


Nomenc lature 

c  absolute  velocity 

Ma  Mach  number 

n/n0  speed  ratio 

p  pressure 

T„  blade  passing  period 

U  voltage 

w  relative  velocity 

Subscripts 

abs  absolute 

ax  axial 

L  left 

R  right 

rel  relative 

t  total 


a  absolute  flow  angle 

range  of  yaw  angle 

cal ibrat ion 

B  relative  flow  angle 

k  ratio  of  specific 

heats 


Superscripts 

time  averaged  value 
fluctuating  value 
A  behind  the  shock 


l.  Introduction 

The  aerodynamic  and  mechanical  performance  of  highly  loaded  trans-  and  supersonic 
compressors  is  influenced  to  a  great  extent  by  unsteady  effects  (stall  and  surge, 
flutter,  excitation  by  blade  row  interaction).  Referring  to  subsonic  flow  the  latter 
subject  is  discussed  in  numerous  papers,  summarized  for  example  in  /!/. 

For  transonic  and  supersonic  flow  in  compressors  the  data  base  is  limited.  The  princi¬ 
ples  of  unsteady  blade  row  interaction  at  supersonic  flow  velocities  for  the  first  time 
have  been  investigated  by  the  method  of  characteristics  in  / 2 /  for  the  example  of  flat 
plate  cascades.  The  unsteady  upstream  effects  in  front  of  cascades  are  studied  in  /  3 / 
by  theory  and  experiment. 

First  data  on  the  complex  unsteady  blade  row  interaction  for  transonic/ supersonic  flow 
in  a  real  compressor  stage  are  achieved  by  measuring  the  unsteady  wall  pressure 
distribution  /4,5/,  by  optical  techniques  /6,7,8/,  and  by  semiconductor  probe  traverses 
/9.10/.  A  theoretical  approach  of  viscous  unsteady  transonic  cascade  flow  is  given  in 
/II/.  On  the  basis  of  these  results  the  blade  row  interaction  in  transonic  and  super¬ 
sonic  compressors  can  be  characterized  as  shown  in  Fig.  1: 

In  case  of  supersonic  relative  or  absolute  flow  velocities  in  the  gap  between 
the  blade  rows  in  addition  to  viscous  effects  also  gasdynamic  effects 
( shocks / expans i on  waves)  yield  unsteady  blade  row  interaction. 

Regarding  gasdynamic  effects  the  axial  Mach  number  is  decisive  for  the  trans¬ 
port  of  disturbances. 

For  axial  subsonic  flow  and  supersonic  relative  (rotor)  respectively  absolute 
(stator)  velocities  the  suction  side  part  of  the  front  waves  and  the  pressure 
side  part  of  the  trailing  edge  shock  system  result  in  an  unsteady  influence  on 
the  neighbouring  blade  row. 

If  the  axial  Mach  number  is  supersonic,  the  upstream  impact  vanishes.  In  down¬ 
stream  direction  both  the  suction  and  the  pressure  side  trailing  edge  waves  of 
the  rotor  interfere  with  the  downstream  stator. 

Generally  the  viscous  effects  are  concentrated  in  the  wakes  of  the  blading, 
causing  heavy  unsteady  fluctuations  of  the  inlet  shock  system  of  the  downstream 
blade  row. 
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In  addition  the  self  excited  oscillation  of  shock  waves  caused  by  their 
interaction  with  boundary  layers  and/or  wakes  can  influence  also  the  bow  shock 
system  and  thus  generate  unsteady  upstream  effects  with  a  frequency  different 
from  blade  passing  harmonics. 

The  present  paper  will  give  additional  data  and  their  interpretation  on  the  unsteady 
effects  in  case  of  axial  subsonic / supe rsonic  relative  flow  in  front  of  rotors  and  in 
case  of  axial  subsonic  respectively  supersonic  flow  in  stators. 


2.  Techniques  of  Measurement 

The  investigations  of  unsteady  rotor  and  stator  flow  are  performed  in  a  compressor  test 
rig  run  with  an  air-f reon-oixture  /12,13/.  In  the  supersonic  flow  the  visualization  of 
density  gradients  is  possible  by  means  of  schl ie ren-photog raphy .  The  whole  set-up  of 
the  optical  arrangement  applied  in  the  test  rig  is  shown  in  Fig.  2.  By  using  a  cylin¬ 
drical  optical  system  and  a  reflecting,  polished  hub  the  flow  field  in  the  stator  is 
visualized.  For  the  investigation  of  unsteady  flow  effects  a  stroboscopic  light  with  a 
flash  duration  of  few  nanoseconds  is  used.  The  flash  frequency  is  triggered  by  the 
rotor  blades.  An  additional  time-delay-unit  allows  phase  angle  variations,  i.e.  a 
definition  of  fixed  relative  positions  between  rotor  and  stator  blading. 

The  main  requirement  for  the  acquisition  of  unsteady  flow  data  are  high  response 
pressure  transducers.  The  eigenf r equency  of  the  applied  semiconductor  transducers 
(Kulite  XCQ-050.  XCQ-093,  LQL-062  and  LQL-080)  is  about  125  to  250  KHz.  Thus,  the 
pressure  fluctuations  induced  by  the  rotor  blade  frequency  of  fra„  =  4.2  KHz  can  be 
determined  with  a  sufficient  accuracy.  In  order  to  avoid  possible  errors  because  of  the 
offset  drift  due  to  temperature  influence,  only  the  fluctuating  part  of  the  semiconduc¬ 
tor  signal  is  measured.  The  fluctuation  quantities  then  are  superimposed  to  the 
pneumatically  measured  time  averaged  data.  The  pressure  transducers  are  implemented  in 
the  casing  and  in  the  blade  surface  of  several  stator  blades  (Fig.  3).  Thus,  the 
determination  of  pressure  fluctuations  is  possible  along  the  casing  and  the  pressure 
and  suction  side  of  the  profiles. 

To  perform  measurements  of  flow  angle  and  pressure  fluctuations  in  the  supersonic  flow 
behind  the  rotor  two  probes  have  been  developed.  Previous  investigations  / 14/  in  case 
of  low  supersonic  Mach  numbers  and  big  yaw  angles  showed  strong  interactions  between 
the  detaching  stem  shock  and  the  probe  head  for  probes  with  a  cranked  stem.  This  would 
cause  an  abrupt  change  of  the  probes'  characteristics.  To  avoid  this,  the  applied 
probes  have  been  designed  with  a  wedge  type  pick-up-head.  Fig.  4.  Pneumatic  pressure 
taps  on  the  lateral  side  of  the  wedge  allow  to  adjust  the  probes  with  respect  to  the 
time  mean  flow.  Pressure  fluctuations  are  measured  by  Kulite  XCQl.-  and  l.QL- 1  ransduce  r  s . 

The  calibration  of  the  probes  was  carried  out  in  a  closed  calibration  channel.  To 
increase  or  decrease  the  pressure  level  an  additional  air-compressor  and  a  vacuum-pump 
are  connected  to  the  closed  loop.  Supersonic  Mach  numbers  in  the  test  section  can  be 
generated  by  exchangeable  Lava  1 -nozz 1 es .  Calibration  tests  with  variation  of  Mach 
number  and  pressure  level  were  performed  in  air  and  an  air-f reon-raixture .  Due  to 
differences  of  the  concentration  of  the  air-freon-mixture  in  calibration  and  compressor 
tests  the  influence  of  the  ratio  of  specific  heats  has  to  be  considered.  Therefore,  the 
probes’  characteristics  are  determined  directly  by  a  theoretical  description  of  the 
supersonic  flow  around  the  wedge  /15/. 

In  the  case  of  the  total  pressure  probe  the  assumption  of  a  normal  shock  in  front  of 
the  total  pressure  tube  is  made.  A  comparison  of  total  pressure  losses  calculated  with 
basic  equations  for  the  normal  shock  on  the  one  hand  and  measured  data  on  the  other 
hand  shows  good  agreement.  Fig.  5.  The  total  pressure  behind  the  shock  remains  constant 
over  a  range  of  +  20°  yaw  angle  variation. 

Regarding  the  wedge  probe  for  static  pressure  and  yaw  angle  measurement  different  flow 
conditions  have  to  be  distinguished,  depending  on  the  direction  of  the  flow  vector 
(Fig.  6).  Assuming  the  flow  direction  behind  the  shock  is  parallel  to  the  wedge  surface 
the  flow  turning  angle  P  is  defined  as  follows: 

left:  P  -  (H.da.  ♦  a 

right:  P  =  0..dl.  -  a  (P...*..  =  15“) 

Then  a  division  into  three  domains  is  possible  (Fig.  6): 
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Configurations  I  and  II  can  be  calculated  with  basic  equations  of  supersonic  aerodyna¬ 
mics.  The  third  domain  is  approached  by  considering  the  extreme  point  P  =  90°.  For  P  - 
90"  the  assumption  of  a  normal  shock  is  made,  i.e.  the  pressure  registered  by  the 
transducer  is  interpreted  as  the  total  pressure  behind  a  norm&l  shock.  A  cubic  spline 
interpolation  based  on  data  points  from  configurations  I  and  II  and  the  extreme  point  P 
*  90"  is  utilized  for  the  description  of  the  yaw  angle  characteristic.  Fig.  7  gives  a 
comparison  of  this  approach  to  the  experimental  results  in  air.  The  agreement  is  quite 
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good,  the  average  error  in  yaw  angle  is  less  than  0.5°.  In  general,  the  approach  gets 
■ore  accurate  for  high  Mach  numbers. 

The  described  procedure  allows  the  calculation  of  the  probe's  characteristic  for  any 
ratio  of  specific  heats.  For  the  mixture  of  air  and  freon  (r  =  1.15)  the  correspondance 
between  calibration  data  and  the  theoretical  approach  was  investigated  in  the  same  way. 
The  agreement  between  experiment  and  theory  is  as  good  as  was  shown  for  the  measure¬ 
ments  in  air,  so  the  developed  approach  seems  suitable  for  the  description  of  the  wedge 
probes'  characteristic  in  the  flow  behind  the  supersonic  rotor. 

The  signals  of  the  yaw  angle  probe  are  caused  by  pressure  and  angle  fluctuations.  A 
pressure  change  is  registered  by  both  transducers  equally  independent  of  the  angle 
position.  According  to  this  an  alternation  of  the  flow  angle  results  in  opposite 
changes  of  the  transducer  signals.  To  evaluate  measured  data  the  following  separation 
of  the  signal  into  pressure-dependent  and  angle-dependent  components  is  applied: 

<  p  ,a)  =  f,.L>B  (p<t))  ♦  f«-t..m  (o(t)) 

fp^t.K  only  depends  on  pressure  and  is  given  by  the  static  pressure  calibration  of  the 
t  ransduce  rs : 


K0  1  K0 

U  =  -  —  +  —  p  an  -t. .  ■  =  -  ( — )  i  .  ■ 

K,  K,  K , 

f»-c.m<p(t>)  =  a0-L.»  *  ai.L,B  p(t) 


a  i  _  i_ .  ■  = 
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fa.L,«  is  known  by  the  yaw  angle  characteristic  calculated  in  the  described  manner.  To 
simplify  the  computation  the  angle  characteristic  is  reduced  to  a  linear  function  'n 
the  environment  of  the  measured  data  point. 

f  (o(t))  »  bo-L.a  ♦  b,.L.,  a(t) 

As  measurements  are  only  carried  out  with  respect  to  the  time  mean  flow,  the  first 
coefficient  vanishes.  To  avoid  errors  due  to  the  zero  offset  of  the  transducers,  only 
the  fluctuating  parts  of  the  voltage  are  registered  during  the  measurements: 

(p,  a)  =  UL.«  =  a,.L.«  p  +  b  t  _  u . *  a 


By  linear  combinations 

U*,  *  Ur  =  (ait.  i  Sir)  p  *  (bit.  t  biRi)  (X 


the  fluctuation  quantities  of  static  pressure  and  flow  angle  are  derived: 


a i •  U i_  —  a  1 1. 


a>»  bn,  ~  b i r 


The  resulting  time  dependent  values  are  superimposed  on  the  time  averaged  data.  As  the 
characteristics  of  both  probes  depend  on  the  above  calculated  pressure  and  Mach  number, 
the  procedure  is  carried  out  as  an  iteration  until  a  certain  error  margin  is  reached. 
The  consideration  of  the  ratio  of  specific  heats  which  depends  on  the  measured  concen¬ 
tration  in  the  closed  freon  cycle  is  included  in  this  procedure. 


3.  Quasisteady  upstream  effects  of  rotors 

A  survey  on  the  general  flow  pattern  under  discussion  gives  Fig.  8,  showing  the  wall 
pressure  distribution  (superposition  of  the  pneumatic  pressure  measurements  and 
semiconductor  data)  upstream  and  in  passage  of  the  supersonic  rotor.  The  upstream  axial 
flo*;  obviously  is  subsonic.  Thus  the  front  waves  moving  with  the  rotor  in  circumferen¬ 
tial  direction  result  in  an  unsteady  pressure  disturbance  of  the  inlet  flow. 

The  strong  3D-nature  of  this  quasisteady  pressure  field  upstream  of  a  supersonic  rotor 
is  shown  by  the  isobars  of  the  unsteady  portion  of  local  sta'.ic  pressure  in  Fig.  9. 
These  data  are  acquired  by  traverses  with  semiconductor  probes  about  half  a  pitch 
upstream  of  the  rotor.  The  decay  of  this  quasisteady  disturbances  of  the  inlet  flow  was 
studied  at  midspan.  A  summary  of  these  data  is  given  in  Fig.  10.  For  different  axial 
positions  at  midspan  in  front  of  the  supersonic  rotor  the  amplitude  of  the  local 
pressure  pulsation  is  plotted.  The  rotor  speed  is  chosen  as  an  additional  parameter. 
The  following  main  features  can  be  stated: 

The  pulsations  induced  by  the  rotor  front  waves,  as  expected,  decay  hyperboli- 
cally  in  axial  direction  for  n/n0  >  0.75. 

If  the  rotor  speed  becomes  lower  the  intensity  of  the  pressure  disturbances 
remains  more  severe  moving  upstream  from  the  rotor. 
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For  a  fixed  axial  position  the  amplitude  grows  reducing  the  rotor  speed.  Thus 
the  reduction  in  relative  Mach  number  and  resulting  drop  in  front  wave  pressure 
ratio  is  overcompensated  by  the  detachment  of  the  leading  edge  shock  system  and 
accordingly  bigger  t>>ock  angles ,  The  most  intensive  fluctuations  are  generated 
at  75X  speed  where  the  relative  velocities  are  slightly  supersonic  and  the 
front  waves  detach  remarkably  from  the  leading  edge. 

The  shock  induced  quasisteady  upstream  effects  for  equal  axial  position  are  an 
order  of  magnitude  higher  than  subsonic  upstream  interference  (e.g.  n/n0  = 
0.38)  . 

The  intensity  and  the  losses  of  bow  shocks  are  commonly  modelled  by  2l)-app roximal ions 
accounting  for  leading  edge  thickness  and  deviation  of  the  stagnation  streamline 
/16.17/.  As  the  upstream  effects  of  supersonic/transonic  rotors  are  quasisteady,  these 
models  can  also  be  applied  to  determine  the  upstream  decay  of  pressure  pulsation 
induced  by  the  rotor.  Comparing,  however,  the  results  with  the  measured  data  (Fig.  11) 
the  bow  shock  pressure  ratio  computed  by  the  2D-aethod  proves  to  be  too  low.  Only  if 
the  3D-nature  of  the  bow  shock  (see  Fig.  9)  and  especially  the  influence  of  the  passage 
flow  and  the  back  pressure  respectively  is  taken  into  account,  i.e.  a  3D  or  quasi  30- 
computation  of  the  whole  rotor  is  carried  out  / 1 8 /,  the  predicted  quasisteady  pressure 
rise  in  the  front  waves  meets  the  experimental  data. 


4.  Experimental  results  of  unsteady  measurements  behind  the  rotor 
Rotor  exit  flow 

As  shown  in  Fig.  1  the  interacting  phenomena  are  reinforced  considerably  by  trailing 
edge  shock  and  expansion  waves  in  case  of  supersonic  exit  Mach  numbers.  In  more  detail, 
the  flow  configuration  in  the  rotor  exit  is  clarified  by  means  of  the  flow  pattern  in 
Fig,  1?.  In  the  investigated  supersonic  impulse-type  rotor  the  relative  flow  is 
accelerated  from  inlet  to  exit  / 1 2 /  .  So  the  trailing  edge  shock  formation  f «»»***•  as 
in  trans-  and  supersonic  turbine  cascades. 

The  location  of  the  shocks  results  from  measured  fluctuating  quantities  downstream  of 
the  rotor.  A  result  of  these  measurements  is  shown  in  Fig.  13.  The  distribution  of  the 
alternating  static  pressure  in  the  midspan  of  tl.c  divergent  annulus  is  presented.  The 
influence  of  the  pressure  side  trailing  edge  shock  is  recognizable  by  steep  gradients. 
An  analysis  of  the  point  of  time  at  which  the  shock- induced  gradients  of  unsteady 
pressure  are  registered  (see  marks  in  Fig.  13a)  leads  to  the  quasisteady  location  of 
the  pressure  side  trailing  edge  shock  (Pig.  13b).  In  comparison  with  this  the  suction 
side  shocks  cause  small  pressure  gradients  which  are  more  difficult  to  recognize.  One 
reason  is  the  diminishing  shock  strength  due  to  the  expansion  waves  of  the  neighbouring 
rotor  blade. 

A  more  detailed  investigation  of  the  shock  induced  gradients  takes  place  by  studying 
the  alternating  parts  of  unsteady  pressures  and  Mach  numbers  in  the  rotor  exit  at 
measuring  position  7.  In  Fig.  14a  the  fluctuating  quantities  versus  time  related  to  the 
blade  passing  period  of  time  are  represented.  The  marks  on  the  non-dimensional  time 
axis  indicate  the  position  of  a  rotor  blade. 

Due  to  the  direction  of  the  suction  side  shocks  the  probes  register  first  the  state 
after  the  shock  and  then,  with  increasing  time,  the  state  in  front  of  the  shock. 
Therefore,  a  transient  increase  of  the  unsteady  total  pressure  and  simultaneously  a 
reduction  in  amplitude  of  the  unsteady  static  pressure  indicates  the  influence  of  the 
suction  side  trailing  edge  shocks.  Owing  to  the  different  geometry,  the  pressure  side 
trailing  edge  shock  causes  negative  gradients  in  case  of  total  pressure  and  positive 
ones  in  case  of  static  pressure.  In  Fig.  14a  the  zones  influenced  by  the  pressure  side 
and  the  suction  side  trailing  edge  shock  are  indicated  with  "SS"  and  "PS". 

Witniu  the  wake  region,  a  sharp  separation  of  the  interacting  boundary  layer-,  expan¬ 
sion-  and  shock-effects  is  not  possible.  Reference  values  for  the  shock-induced  changes 
of  the  alternating  pressure  amplitude  can  be  derived  from  the  shock  equations.  The 
estimated  increase  of  static  pressure  across  the  pressure  side  shock  is  corresponding 
very  well  with  the  measured  gradients. 

Within  the  wake  region,  a  deceleration  of  the  flow  down  to  sonic  and  subsonic  Mach 
numbers  is  registered.  Simultaneously,  local  minima  of  the  unsteady  total  and  static 
pressure  occur.  Especially,  the  axial  Mach  number  becomes  subsonic.  Outside  of  the  wake 
region  the  loss  of  total  pressure  declines,  the  flow  expands  up  to  high  supersonic  Mach 
numbers  as  the  angle  of  absolute  flow  increases  and  the  angle  of  relative  flow  decrea¬ 
ses.  This  can  be  described  as  a  periodically  unsteady  starting  process  of  the  axial 
flow  component .  In  order  to  emphasize  this  Fig.  14b  shows  the  unsteady  velocity 
triangles  resulting  from  measured  values  at  the  numbered  positions  of  a  rotor  pitch. 

U n steady  stator  flow 

The  rotor-produced  inhomogeneities  discussed  above  lead  to  periodical  alternations  of 
the  flow  quantities  in  the  stator.  To  analyse  these  unsteady  flow  effects  a  spark- 
s t r oboscop  I  c -sch 1  i  e rent echn  ique  as  well  as  semiconductor  transducers  mounted  in  thi 
surface  of  the  stator  blades  are  applied.  In  the  following  the  results  of  these 
investigations  are  discussed. 


The  photographs  of  the  stator  flow  taken  at  design  speed  show  the  transport  of  the  wake 
flow  and  the  pulsating  shock  systems  (Pig.  15).  By  means  of  a  different  phase  shift  of 
the  spark  release  relative  to  the  rotor  blade  trigger  a  comparison  of  the  same  stator 
channels  in  different  photographs  provides  information  about  the  time-dependent  changes 
of  the  flow  field. 

In  the  entrance  region  of  the  stator  the  suction  side  trailing  edge  shocks  of  the  rotor 
are  marked.  Because  of  that  a  geometrical  assignment  of  the  trailing  edges  of  the  rotor 
to  the  illustrated  stator  blades  is  possible.  One  can  see  that  the  suction  side  leading 
edge  shocks  of  the  stator  are  erased  within  the  influential  sphere  of  the  wake  (picture 
A,  channel  2;  B,2;  D.3;  E,l;  E,4).  Due  to  the  higher  degree  of  turbulence,  the  wake 
flow  is  recognizable  within  the  stator  channels  in  the  more  coarse  structure  areas  on 
the  schl ieren-photographs .  The  transient  transport  of  the  wake  flow  is  recognizable  in 
channel  2  and  3  by  succeeding  comparison  of  the  pictures  A  to  E.  Bear  the  pressure  side 
the  zones  of  higher  turbulence  exist  longer  than  near  the  suction  side  (B,2;  C,2).  With 
exception  of  the  entrance  region  of  the  stator,  the  influence  of  the  dissipative  wake 
flow  along  the  suction  side  is  limited  at  a  small  sphere  near  the  surface  of  the 
profile  (E).  In  this  area,  the  transport  takes  place  in  strongly  accelerated  flow  so 
that  with  time  increase,  the  wake  flow  is  accelerated. 

In  the  range  of  the  undisturbed  main  flow,  the  suction  side  leading  edge  shocks  are 
located  within  the  entrance  of  the  stator.  The  turning  of  the  supersonic  flow  along  the 
pressure  side  is  caused  by  single  shocks  which  are  focussed  in  the  area  of  the  leading 
edge  of  the  second  blade  row.  bndei  the  influence  of  the  strong  gradients  in  the  wake 
flow,  the  shock  systems  are  pulsating  (pressure  side  channel  2  and  4). 

Fig.  16  shows  the  quantitative  consequences  of  the  inhomogeneous  flow  in  the  stator 
inlet  on  the  alternating  profile  pressure  distribution.  The  wake  induced  turning  of  the 
absolute  velocity  vector  in  circumferential  direction  causes  simultaneously  occuring 
pressure  alternations  ("W")  on  both  sides  of  the  stator  profiles  at  the  position  of  the 
first  pressure  transducers  (PS1  and  SSI).  The  compression  at  the  pressure  side  results 
in  a  positive  gradient  and  the  expansion  around  the  suction  side  in  a  negative  gradient 
of  the  unsteady  pressure.  The  wake-i nduced  increase  of  the  pressure  side  shock  strength 
and  the  decrease  of  the  suction  side  shock  strength  causes  a  reinforcement  of  the 
pressure  amplitudes.  The  wake-induced  reduction  of  the  absolute  velocity  causes 
pressure  changes  of  the  same  amount  and  same  gradient  on  the  pressure  and  suction  side 
of  the  profile.  The  pressure  fluctuations  with  the  same  gradients  on  both  sides  of  the 
stator  blades  ("S")  are  caused  by  the  interactions  of  the  trailing  edge  shocks  of  the 
rotor  blades  with  the  stator  front  shocks. 

Due  to  inhomogeneous  flow  of  the  rotor  blades  the  shock  systems  in  the  whole  stator  are 
stimulated  to  oscillations.  These  shock  pulsations  are  reinforcing  the  unsteady 
pressure  fluctuations  in  the  flow  field.  As  a  result  in  the  area  of  supersonic  turning 
and  in  the  pressure  side  channel  between  the  first  and  the  second  row  of  the  stator, 
the  registered  magnitude  of  the  alternating  pressure  is  clearly  higher  than  the 
registered  pressure  changings  on  the  suction  side.  This  is  a  consequence  of  the  steep 
gradients  in  the  wake  flow  which  are  concentrated  near  the  pressure  side  of  the  stator 
blades  as  seen  in  the  schl ieren-pictures  (Pig.  15). 

In  subsonic  flow,  on  both  sides  of  the  surface  of  the  profile,  the  registered  maximum 
amplitudes  of  the  alternating  pressure  are  nearly  of  the  same  amount  (Pig.  17).  With 
increasing  Mach  numbers,  the  unsteady  pressure  fluctuations  grow  and  reach  maximum 
values  at  design  speed  and  supersonic  axial  Mach  numbers.  In  the  entrance  region  of  the 
profiles  the  range  of  pressure  fluctuations  increases  due  to  the  high  incidence  angles. 

As  a  result  of  the  increasing  intensity  of  unsteady  pressure  pulsations  (with  increa¬ 
sing  Mach  numbers)  the  relation  between  the  fluctuating  and  mean-time  values  of  the 
alternating  p rof i  le- 1 oad-component s  increases,  too.  With  higher  supersonic  Mach 
numbers,  the  maximum  range  of  variation  of  the  dynamic  blade-load  reaches  the  order  of 
magnitude  of  the  time-mean  values  / 1 9 / - 


5  .  Cone  1 usion 

The  main  features  of  unsteady  supersonic  flow  in  a  compressor  have  been  discussed.  In 
case  of  a  supersonic  relative  flow  the  upstream  effects  have  a  strong  3D-st rue ture .  The 
maximum  of  rotor-induced  upstream  pressure  fluctuations  is  found  for  transonic  relative 
f 1 ows . 

The  downstream  unsteady  pressure  gradients  are  reinforced  considerably  by  the  trailing 
edge  shucks  of  the  supersonic  rotor.  Within  the  wake  region  the  axial  Mach  number  at 
design  speed  becomes  subsonic  by  simultaneously  increasing  relative  flow  angles  and 
decreasing  absolute  flow  angles.  Over  the  whole  b 1 ade-pass i r.g  period  a  periodically 
unsteady  starting  process  of  the  axial  flow  takes  place.  By  means  of  sch l ie ren-photo- 
graphs  the  interactions  of  rotor  trailing  edge  shocks  and  wake  flow  with  the  leading 
edge  shocks  of  the  stator  is  shown.  Within  the  stator,  the  transport  of  the  wake  flow 
is  visible.  The  main  part  of  the  wake  flow  is  located  near  the  pressure  side  of  the 
stator  blades.  Especially  in  these  regions  the  wake-induced  shock  oscillations  re¬ 
inforce  the  amplitude  of  the  unsteady  pressure.  Along  the  suction  side  the  registered 
pressure  fluctuations  are  lower. 
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DISCUSSION 


H. J.  Lichtfuss,  NTU,  Germany 

The  paper  shows  a  total  pressure  probe  for  supersonic  flow  and  the  calibration  curves  obtained 
in  a  calibration  tunnel.  Within  this  figure  the  agreement  is  good  between  measured  and  calibrated  noraal 
shock  pressure  rises.  The  real  problem  within  a  coapressor  coees  froa  the  fact  that  the  local  Hactl 
Number  is  not  known  and  the  measured  static  pressure  has  to  be  used,  which  is  usually  of  wore  doubt. 

Author's  response  : 

The  comparison  of  the  total  pressure  losses  across  a  noraal  shock  in  front  of  the  wedge  probe 
results  frca  measureaents  in  a  calibration  channel,  where  Nach  Number,  total  pressure  and  static 
pressure  were  well  known. 

In  case  of  the  aeasureaents  in  the  coapressor,  the  information  concerning  the  Mach  Nuaber 
results  froa  the  measured  pressures  of  the  second  wedge  probe.  Thus,  both  probes  have  to  be  used 
simultaneously.  More  details  are  given  in  the  reference. 

Reference  !  W. Elmendorf  -  "Seaiconductor  Uedge  Probes  for  Unsteady  Flow  Measureaents"  in  Syaposiua  on 
measuring  techniques  for  transonic  and  supersonic  flow  -  Buford  1988 


S.C.P.  Cook  -  Rolls-Royce,  U.K. 

Question  concerning  the  calibration  of  the  seaiconductor  wedge  probes:  could  the  author  state 
on  the  effect  of  pitch  on  the  wedge  probe  calibrations  and  to  what  extent,  if  any,  it  can  be  believed 
that  the  actual  coapressor  test  results  will  have  been  influenced  by  this. 

Author’ 5  response  : 

Due  to  the  wedge  type  pick-up-head  opf  the  probes,  there  is  only  little  influence  of  the  pitch 
angle  in  the  supersonic  flow.  This  was  verified  by  several  calibration  tests.  Consequently,  the  pitch 
influence  on  the  compressor  test  results  was  neglected. 


K. R. Garwood  -  U.K. 

Could  the  authors  state  wether  in  the  data  presented  for  the  rotor  exit  traverse,  the  stator 
vanes  were  in  the  correct  axial  pitching  relative  to  the  rotor,  or  had  they  been  removed. 

Author’s  response  : 

Actually  the  stator  vanes  have  been  removed,  the  aeasurewents  of  the  Rotor  exit  Flow  were 
carried  out  without  the  stator. 
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ABSTRACT 

This  paper  considers  the  effects  of  wake  interactions  on  the  transition  processes  of  turbomachine  blade  boundary  layers.  A 
simple  model  of  unsteady  transition  is  proposed  which  is  then  used  to  identify  a  relationship  between  a  new  reduced  frequency 
parameter  and  the  profile  loss  of  a  blade  row  which  is  subjected  to  unsteady  inflow.  The  value  of  this  new  parameter  is  also  used  to 
identify  the  nature  of  the  boundary  layer  development  on  the  blade  surfaces.  The  influence  of  other  parameters  on  the  transition  process 
is  also  discussed.  The  model  is  then  extended  to  deal  with  the  more  general  case.  The  validity  of  the  models  is  demonstrated  by  a 
comparison  with  a  correlation  of  the  effects  of  wake-generated  unsteadiness  on  profile  loss  which  was  originally  proposed  by  Speidel. 
The  effects  of  unsteady  inflow  on  four  idealized  turbine  blades  are  considered. 

NOMENCLATURE 

Cx  Axial  chord  of  current  blade  row  y 

p  Pitch  of  upstream  blade  row 

r  Mean  Radius  0 

Ree  Reynolds  number  based  on  local  momentum  0 

thickness  and  free-stream  velocity  co 

s  Surface  Distance  GJ 

T  W^ke  Passing  Period  Subscripts 

t*  Dimensionless  Time  =  t/T  ft 

U  b  Mean  Blade  Speed  1 

V  Free-Stream  Velocity  le 

Y  Profile  Loss  Coefficient  m 

max 

a  Angle  of  trajectory  of  leading  edge  of  t 

transition  zone  in  s-t  diagrams  ie 

P  Angle  of  trajectory  of  trailing  edge  of  tr 

transition  zone  in  s-t  diagrams  x 

1.  INTRODUCTION 

It  is  known  that  in  axial-flow  turbomachines  the  efficiency  of  the  mid-span  blade-sections  can  be  significantly  different  to  that 
of  equivalent  cascades  which  operate  with  steady  inflow  (e.g.  Lopatitskii  et  al.,  1969).  It  is  only  recently,  however,  that  the  details  of 
the  unsteady  flow  have  received  much  attention. 

The  relative  motion  of  adjacent  blade  rows  in  axial  turbomachines  gives  rise  to  a  variety  of  unsteady  interactions.  The  potential 
influence  of  a  blade  extends  both  upstream  and  downstream.  Wakes  convect  only  downstream  of  the  blades  and  their  rate  of  decay  is 
much  less  than  that  of  the  potential  influence  (Dring  et  al.,  1982).  In  low  aspect  ratio  machines,  the  secondary  flow  vortices  also  cause 
unsteadiness  in  succeeding  blade  rows  (Binder,  1985).  In  transonic  turbines,  further  interactions  arise  as  the  direct  result  of  the 
impingement  of  the  trailing  shock  waves  on  the  downstream  blade  row  (e.g  ,  Doorly  and  Oldfield,  1985).  Despite  the  increased 
awareness  of  the  importance  of  unsteady  flows  very  few  publications  (e.g.  Speidel,  1957,  Hodson,  1983,  Tanaka,  1984,  Hodson  and 
Addison,  1988,  Binder  et  al.,  1988  and  Sharma  et  al.,  1988)  have  concerned  themselves  with  the  effect  of  unsteady  flows  on  the 
overall  performance  of  axial  machines. 

Wake  interactions  are  present  in  all  turbomachine  stages.  The  present  paper  is  specifically  concerned  with  wake  interactions  and 
their  effect  on  profile  loss.  A  simple  model  of  unsteady  transition  is  presented.  This  is  used  to  explain  the  effects  of  periodic 
unsteadiness  on  the  profile  loss  of  turbomachine  blade  rows  and  to  highlight  the  most  important  aspects.  The  model  is  then  extended  to 
deal  with  the  more  general  case.  Comparisons  are  made  between  results  obtained  using  the  model  and  available  experimental  data. 


Time  averaged  intermittency  factor 
(0=laminar;  l=tuitoulent) 

Boundary  layer  momentum  thickness 
Flow  coefficient 
Radian  Frequency  =  2n/T 
Reduced  Frequency  Parameter 


Fully  Turbulent  (see  text) 

Laminar,  End  of  attached  laminar  flow 
Leading  Edge 

End  of  unsteady  transition  zone 

Maximum  Value  of 

Turbulent,  Stan  of  turbulent  flow 

Trailing  Edge 

Transition 

Axial 


2,  PREVIOUS  RESEARCH  INTO  UNSTEADY  BOUNDARY  LAYER  DEVELOPMENT 

The  majority  of  research  concerned  with  the  impact  of  wake  interactions  on  blade  surface  boundary  layers  (e.g.  Walker,  1974, 
Hodson,  1984,  Doorly,  1987,  Dong  1988)  has  concluded  that  the  most  significant  effect  of  the  interaction  is  the  periodic  forcing  of 
transition  of  the  boundary  layers.  It  is  this  forcing  that  is  responsible  for  the  changes  in  profile  loss. 

Distance-time  diagrams  arc  often  us"*d  to  illustrate  how  the  state  of  a  boundary  layer  varies  with  time  over  the  blade  surface. 
Fig.  1  is  a  distance-time  diagram  based  on  those  presented  by  Pfeil  et  al.  (1982),  Doorly  and  Oldfield  (1985),  LaGraff  et  al.  (1988), 
Hodson  and  Addison  (1988),  Dong  (1988)  Addison  and  Hodson  (1989a)  and  Addison  and  Dong  (1989)  who  investigated  the  effects 
of  wakes  on  the  transition  process.  The  abscissa  is  the  non-dimensional  surface  distance  (s/s™*)  while  the  ordinate  is  the  non- 
dimensional  time  (t*=t/T)  where  T  represents  the  wake  passing  period.  In  such  diagrams,  a  line  parallel  to  the  distance  axis  represents 
instantaneous  propagation  while  a  line  parallel  to  the  time  axis  indicates  a  stationary  phenomenon.  The  hatched  area  represents  the 
turbulent  flow. 

In  fig.  1  the  first  occurrence  of  transition  from  laminar  to  turbulent  flow  which  marks  the  creation  of  the  turbulent  patch  begins 
not  at  the  leading  edge  but  at  a  short  distance  beyond  the  point  at  which  the  response  of  the  boundary  layer  to  large  disturbances  m  the 
free-stream  first  becomes  unstable  (Addison  and  Hodson,  1989a  and  1989b).  Currently  available  data  suggest  that  transition  does  not 
begin  until  the  momentum  thickness- based  Reynolds  number  Ree  exceeds  a  value  of  approximately  163,  which  is  consistent  with  the 
known  behaviour  of  laminar  boundary  layers  undergoing  natural  transition  (e.g.  Abu-Ghannan  and  Shaw,  1980).  Having  formed,  the 
turbulent  patch  begins  to  grow  as  is  convects  along  the  blade  surface.  As  a  consequence,  the  front  of  the  turbulent  patch  propagates  at  a 
velocity  which  is  of  similar  magnitude  to  that  of  the  free-stream  while  the  rear  propagates  at  a  speed  which  is  much  less  than  that  of  the 
leading  edge  but  still  in  the  downstream  direction.  Eventually,  the  leading  edge  of  one  patch  catches  up  with  and  then  merges  with  the 
trailing  edge  of  the  preceding  patch  thus  forming  a  turbulent  boundary  layer.  In  several  respects,  these  turbulent  patches  are  equivalent 
to  the  individual  turbulent  spots  which  form  during  natural  transition. 

Table  1  lists  the  available  data  concerning  propagation  rates.  The  first  six  cases  are  concerned  with  the  formation  of  individual 
turbulent  spots.  The  table  shows  that  in  the  majority  of  cases,  the  trailing  edge  of  a  turbulent  patch  or  individual  spot  propagates  at 
approximately  half  the  free-stream  velocity  and  that  the  quoted  values  vary  very  little.  In  contrast,  the  propagation  rates  of  the  leading 
edge  differ  considerably. 

In  the  cascade  simulations  and  turbomachine  tests  which  are  listed  in  Table  1,  the  leading  edge  propagation  rate  usually  appears 
to  be  equal  to  or  greater  than  that  of  the  free-stream  .  Addison  and  Hodson  (1989a)  explain  that  this  is  because  although  transition  is 
most  likely  to  occur  near  the  centre-line  of  the  wake,  where  the  turbulence  is  greatest,  the  undisturbed  (i.e.  laminar)  part  of  the 
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Authors/Configuration/Reynolds  Number/Cause  of  transition 

Vlc/V 

(Apparent) 

Schubauer  and  Klebanoff.  Flat  Plate,  Spark 

0.88 

o.s 

Wygnanski  et  al..  Flat  Plate,  Spark 

0.5 

Obremski  and  Fejer,  Flat  Plate,  Oscillating  external  flow 

0.58 

Houdevjlle  et  al.,  Flat  Plate,  Oscillating  external  flow 

0.89 

0.48 

liil— ill 

0.54 

Hodson  et  al..  Single  Stage  Turbine  rotor,  Re=3.5xl05,  Individual  turbulent  spots 

-1.0 

-0.5 

Doorly  and  Oldfield,  Turbine  rotor  cascade.  Wakes,  RCS2X106,  Ensemble  averaged  data 

>1.0 

0.5 

LaGraff  et  al..  Turbine  rotor  cascade,  Wakes,  Re=9xl0^,  Ensemble  averaged  data 

ieemi 

0.5 

Addison  and  Hodson,  Single  Stage  Turbine  rotor,  Rc=3xl05,  Ensemble  averaged  data 

-1.0 

■n 

Dong,  Supercrit.  Compressor  cascade,  Re=3xl(P,  Wakes,  Ensemble  averaged  data 

0.76 

0.56 

Addison  and  Dong,  Supercrit.  Compressor  cascade,  Re=1.5xl0^.  Wakes,  Ensemble  averaged  data 

>1.0 

Table  1  Comparison  of  Propagation  Rates  for  Leading  and  Trailing  Edges  of  Turbulent  Patches  in  Transitional  Boundary  Layers 

boundary  layer  continues  to  develop  so  that  it  becomes  capable  of  undergoing  transition  at  the  lower  levels  of  free-stream  turbulence 
which  are  to  be  found  away  from  the  centre-line  of  the  wakes.  Simultaneously,  the  wake  itself  travels  at  a  speed  approximately  equal  to 
that  of  the  free-stream  and  therefore  at  a  faster  rate  than  the  leading  edge  of  a  conventional  spot  (e.g.  Schubauer  and  Klebanoff,  1955). 
Thus,  further  spots  can  form  ahead  of  the  zone  of  influence  of  the  single  initial  spot.  Because  the  formation  of  spots  is  a  stochastic 
process  and  the  transition  data  are  usually  ensemble  averaged,  the  above  effects  combine  to  produce  an  apparent  propagation  rate  of  the 
leading  edges  which  is  at  least  equal  to  the  free-stream  velocity.  Though  not  necessarily  a  true  propagation  rate,  the  term  will  continue 
to  be  used  for  convenience.  The  extent  to  which  this  apparent  propagation  rate  can  exceed  the  free-stream  velocity  is  dependent  on  the 
wake  characteristics  and  Reynolds  number  (Addison  and  Hodson,  1989b).  It  is  also  more  appropriate  to  refer  to  these  periodically 
intermittent  regions  as  transitional  rather  than  turbulent.  In  the  case  of  the  trailing  edge  of  the  transitional  patches,  the  effects  mentioned 
above  tend  to  cancel  so  that  the  propagation  rate  indicated  by  the  ensemble  averaged  data  corresponds  more  closely  to  that  associated 
with  the  rear  of  a  single  spot. 

In  order  to  be  able  to  predict  the  effect  of  unsteady  inflow  on  the  profile  loss  of  compressor  or  turbine  blade  rows,  it  is 
necessary  to  make  an  estimate  (in  the  absence  of  a  model)  of  the  time  dependent  "intermittent"  state  of  the  blade  surface  boundary 
layers.  Ideally,  the  formation  and  growth  rates  of  the  individual  turbulent  spots  which  make  up  the  transitional  patches  should  be 
employed.  Unfortunately,  published  data  is  not  in  form  which  allows  an  estimate  of  these  parameters  to  be  made.  However,  the  state  of 
the  boundary  layers  is  also  related  to  the  information  presented  in  s-t  diagrams  and  the  analyses  presented  below  rely  on  appropriate 
choices  for  the  apparent  leading  and  trailing  edge  propagation  rates  of  the  turbulent  patches.  Specifying  these  propagation  rates  is 
equivalent  to  specifying  a  certain  combination  of  the  average  formation  and  growth  rates  of  the  individual  turbulent  spots. 

3,  A  SIMPLE  MODEL  OF  UNSTEADY  BOUNDARY  LAYER  TRANSITION  AND  DEVELOPMENT 

The  results  of  Speidel  (1957)  suggest  that  the  profile  loss  of  a  blade  row  is  dependent  on  a  reduced  frequency  which  defines  the 
character  of  the  wake-generated  unsteady  flow  in  relation  to  the  development  of  the  blade  surface  boundary  layers.  The  simplest  model 
of  unsteady  wake-induced  boundary  layer  transition  will  be  used  to  explain  why  this  is  so. 

Figs  1  and  2  are  idealized  surface  distance-time  diagrams  which  illustrate  two  possible  modes  of  boundary  layer  transition.  In 
the  case  of  steady  flow,  natural  transition  or  laminar  separation  takes  place  at  a  distance  sj  from  the  leading  edge.  In  the  unsteady  case, 
transition  begins  at  a  distance  st  from  the  leading  edge  where  a  turbulent  and  not  a  transitional  patch  begins  to  develop.  The  boundary 
layer  state  is  assumed  to  be  either  laminar  or  turbulent.  It  is  never  intermediate  between  the  two  and  transition  occurs  in  a  step-wise 
fashion.  Thus,  the  hatched  areas  represent  the  turbulent  flow.  Fig.  1  refers  to  the  case  where  the  turbulent  (i.e.  not  transitional)  patches 
generated  by  successive  wakes  merge  at  a  surface  location  Sp,  (points  M)  which  is  upstream  of  the  location  of  steady  state  transition  sj. 
Fig.  2  corresponds  to  the  situation  when  only  part  of  the  wake  passing  cycle  contains  a  moving  transition  "point".  In  either  case, 
attached  laminar  flow  may  persist  up  to  the  trailing  edge  when  operating  with  stationary  inflow  (i.e.,  sj=smtx). 

The  transition  process  will  be  assumed  to  be  quasi-steady.  Justification  for  the  quasi-steady  assumption  may  be  found  in  the 
discussion  by  Addison  and  Hodson  (1989b).  They  argued  that  the  most  important  time-scales  with  regards  to  unsteady  transition  were 
those  associated  with  the  time  it  takes  for  the  free-stream  turbulence  to  diffuse  into  the  boundary  layer  and  the  periodic  time  of  the  wake 
passing,  which  will  generally  be  much  greater  than  the  diffusion  time  so  that  the  process  may  be  regarded  as  quasi-steady.  Since  values 
for  the  conventional  forms  of  the  reduced  frequency  parameter  will  therefore  convey  little  or  no  information  about  the  unsteady 
transition  process,  an  alternative  definition  is  required. 

The  coalescence  of  turbulent  patches  formed  by  successive  wakes  is  related  to  the  rate  at  which  they  grow  as  they  move  across 
the  blade  surface  and  the  time  interval  between  them.  A  new  reduced  frequency  is  therefore  defined  by  the  equation 

si 

G5  =  £i>  (la) 

st 

where  <o  is  the  frequency  of  the  disturbances  and  V  is  the  free-stream  velocity.  Since,  in  the  present  simplified  analysis,  the  latter  will 
be  assumed  to  be  constant  and  equal  to  the  average  value  over  the  surface  between  the  points  s,  and  sj,  eqn  (la)  becomes 

(3=0)-^-^  (lb) 

The  reduced  frequency  as  defined  above  represents  the  ratio  of  convection  to  periodic  time-scales  and  relates  specifically  to  the 
unsteady  transition  zone  of  the  blade  surface  in  question. 

For  the  purposes  of  this  simple  model,  it  will  also  be  assumed  that  the  leading  edge  of  a  turbulent  patch  advances  at  the  same 
rate  as  the  free-stream  (lines  AA  in  fig.  1  and  fig.  2)  while  the  trailing  edge  lags,  converting  at  a  rate  which  is  one  half  of  the  free- 
stream  velocity.  Therefore,  the  slope  of  the  trailing  edge  of  each  patch  is  twice  that  of  the  leading  edge  in  the  distance-time  diagrams, 
i.e. 


2  tan  a  =  tan  P  (2) 

The  above  assumptions  are  equivalent  to  specifying  a  linear  variation  of  a  time-averaged  inteimittency  function  y  between  the 
locations  St  (tK))  and  (y=l>  in  the  case  of  fig.  I  anc  i  etween  the  locations  s,  (y=0)  and  $\  (y<l )  with  a  step  change  to  fully  turbulent 
flow  (y=»l)  at  si,  in  the  case  of  fig.  2.  None  of  the  above  assumptions  are  strictly  necessary;  they  are  made  in  order  to  simplify  the 
analysis.  The  assumption  of  constant  free-stream  velocity  is  based  on  the  premise  that  the  unsteady  transition  zone  will  not  occupy  a 
large  proportion  of  the  surface  length.  Dring  et  al.  (1982),  Hodson  (1983),  Ashworth  et  al.  (1985)  have  all  shown  that  unsteady 
transition  of  this  type  occupied  no  more  than  40  percent  of  the  surface  length  at  typical  reduced  frequencies  in  axial  turbines. 
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For  transition  of  the  type  shown  in  Fig.  1,  trigonometric  considerations  lead  to  the  result  that  the  physical  length  of  the 
unsteady  transition  zone  (%  -  sj  is  given  by 


r  sm  -  S|  ' 

_  *n  m  R 

sm  -  s,  1 

L  sm*x 

—  ian  p 

Smax  J 

so  that  by  eqn.  (2) 
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L  J  tan  a 


_  ®  Smax 

sj  -  Si  2tt  si  -  st 
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Fig.  3  shows  the  results  of  a  series  of  boundary  layer  calculations  in  which  the  laminar-turbulent  transition  point  su  was  varied 
from  the  leading  to  the  trailing  edge  of  a  flat  plate.  The  flat  plate  had  a  constant  free-stream  velocity.  The  ordinate  in  Fig.  3  is  the 
increase  in  proFile  loss  above  the  laminar  value  (Y-Yi)  expressed  as  a  fraction  of  the  maximum  possible  change  the  latter  being  the 
difference  between  the  fully  turbulent  (YJ  and  fully  laminar  (Yj)  values.  The  results  show  that  for  the  case  of  zero  pressure  gradient, 
the  increment  in  loss  varies  almost  linearly  with  the  amount  of  surface  (s,^  -  s^)  that  is  covered  by  turbulent  flow.  Therefore,  it  will  be 
assumed  that  the  proFile  loss  varies  linearly  with  the  extra  amount  of  blade  surface  which  is.  on  average,  covered  by  turbulent  flow. 
Evaluating  the  area  under  the  curve  of  Fig.  3  reveals  that,  in  the  case  of  a  transition  point  which  slowly  and  cyclically  moves  back  and 
forth  between  the  leading  and  trailing  edges  of  the  flat  plate  in,  say,  a  sawtooth  fashion,  the  above  assumption  leads  to  an  error  in  the 
average  additional  proFile  loss  which  is  equal  to  4  percent  of  the  maximum  change  (YrY|). 

When  transition  foil*  "S  the  pattern  shown  in  Fig.  1,  the  above  assumptions  lead  to  the  result  that  the  proFile  loss  associated 
with  the  blade  surface  in  question  is  equal  to  the  average  of  the  values  which  correspond  to  transition  at  the  points  T  and  M,  whence 


Y  =  */2  (  Y,  +  Ym  ) 

Furthermore,  if  transition  occurs  at  S\  in  the  absence  of  wakes  or  free-stream  turbulence,  then 

Ym  =  Yl  +  (Y,-Y0[S^] 


which  on  substitution  from  eqn.  (2)  can  be  rearranged  to  give 

Y  -  Y 


Y- •*[  2Y.  MY, -Y.)  (*«*)] 
>  give 

Yi  -  Y,  2  a 


(6) 


(7) 


(8) 


(9) 


The  left-hand  side  of  eqn.  (9)  represents  the  fractional  increase  in  loss  above  the  steady  slate  value,  it  approaches  unily  when  the 
reduced  frequency  becomes  very  large. 

In  circumstances  which  give  rise  to  transition  of  the  type  indicated  in  fig.  2  and  using  the  same  assumptions  as  above,  the 
profile  loss  coefficient  is  given  by 


Y  =  '/2  (Yj  +  YJ  (I  -  At*)  +  Y|  At* 


(10) 


where  At*  represents  the  fraction  of  the  wake  passing  cycle  for  which  laminar  flow  persists  at  the  trailing  edge  of  the  attached  laminar 
region  (s=si).  Here,  trigonometry  and  the  above  mentioned  assumptions  result  in 


<1  -  At»)  =  p^S|  J  tan  a 

which,  on  substitution  into  and  rearrangement  of  eqn.  (10),  gives 

Y  -  Y, 


(11) 


Y  -  Yi  I  O 

Y  i  -  Y i  T3jt 


Eqn.  (9)  and  eqn.  (12)  are  identical  when  the  turbulent  patches  converge  either  at  the  steady  state  transition  point  (s^: 
the  trailing  edge  (Sm-Sm^).  This  equality  corresponds  to  the  special  case 

GJ 

while  eqn.  (12)  is  valid  for  lower  values  of  the  reduced  frequency  (GJ/2jt  £  1)  and  eqn.  (9)  for  higher  values  (GV2n  2  1).  Thus 


(12) 

=Si)  or  at 


' 

1  2k 

GJ 

'  Ib 

;  2* 

I  0 

GJ 

< 

75n 

:  2? 

2  1 


£  \ 


(14) 


where  GJ  is  deFined  by  eqn.  (lb). 
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4.  SPEIDEL’S  UNSTEADY  PROFILE  LOSS  CORRELATION:  A  COMPARISON  WITH  THE  SIMPLE  MODEL 

The  generalized  effects  of  wake-generated  unsteadiness  on  the  time-averaged  profile  loss  of  a  turbine  blade  row  have  been 
considered  by  Speidel  (1951,1952,1953  and  1957).  A  symmetrical  aerofoil  was  tested  either  in  a  free-stream  or  in  two  different  but 
symmetrical  convergent  ducts  in  order  to  create  typical  turbine  blade  surface  velocity  distributions.  The  measured  distributions  are 
presented  in  fig.  4.  Simulated  wakes  from  an  upstream  blade  row  were  generated  using  a  steel  wire  aligned  with  the  span-wise 
direction  0.15  chord  lengths  ahead  of  the  aerofoil.  The  wire  had  a  diameter  of  0.02  chord  lengths;  above  this  diameter,  the  profile  loss 
of  the  aerofoil  was  shown  to  be  independent  of  the  size  of  the  wire.  Unsteady  inflow  was  created  by  oscillating  the  wire  in  the  pitch- 
wise  direction.  The  amplitude  of  the  oscillations  was  sufficient  to  ensure  that  the  increase  in  profile  loss  was  also  independent  of  the 
amplitude.  Since  it  is  the  turbulence  in  the  wake  that  is  largely  responsible  for  the  transition  of  the  boundary  layers,  it  is  therefore 
unlikely  that  the  experiment  was  compromised  by  the  use  of  an  oscillating  wire.  Indeed,  the  symmetry  of  the  entire  test  configuration 
meant  that  the  time-mean  response  of  each  surface  of  the  aerofoil  to  the  wakes  was  identical  and  that  it  was  sufficient  to  measure  the 
effects  of  the  oscillating  wire  on  the  loss  within  the  wake  flow.  The  results  obtained  by  Speidel.  therefore,  may  be  used  to  validate  the 
proposed  models. 

Speidel  found  that  the  profile  loss  depended  on  a  reduced  frequency  parameter  which  characterized  the  unsteady  flow.  He 
defined  the  reduced  frequency  parameter  by  the  equation 


^Speidel  —  (15) 

where  sj  is  the  distance  along  the  surface  from  the  leading  edge  to  the  end  of  attached  laminar  flow  when  the  inflow  is  undisturbed,  V  is 
the  average  surface  velocity  over  that  length  and  co  is  the  disturbance  frequency  of  the  wakes. 

Speidel  expressed  die  fractional  increase  in  loss  as  the  difference  between  the  actual  profile  loss  Y  and  that  with  steady  inflow 
Yj,  expressed  as  a  fraction  of  the  difference  between  a  maximum  value  Yft  and  the  steady  state  low  turbulence  value  Y\.  He  correlated 
this  against  the  reduced  frequency  parameter  ©speidel  so  that  the  general  form  of  the  correlation 

Y  ft  . f  (^Speidel)  ( 1 6) 

is  similar  to  that  of  eqn.  (14).  The  value  of  Y^  in  eqn.  (16),  which  Speidel  claimed  was  the  value  for  fully  turbulent  flow,  was  deduced 
from  measurements  made  with  the  wire  positioned  on  the  axis  of  the  tunnel  so  that  the  wake  continuously  affected  both  surfaces  of  the 
aerofoil.  In  practice,  it  is  unlikely  that  turbulent  spots  could  have  been  sustained  within  the  boundary  layer  close  to  the  leading  edge. 
However,  the  chord-based  Reynolds  numbers  associated  with  Speidel's  experiments  are  typically  in  the  range  from  1.6  to  3.7x1 06  and 
calculations  show  that  Re&=163  when  s/s^.^0.05  so  that  the  stability  point  for  large  free-stream  disturbances  will  be  very  close  to  the 
leading  edge.  Thus,  it  is  not  unreasonable  to  assume  that  wake  induced  transition  effectively  commences  at  the  leading  edge  (i.e.,  s,«si) 
so  that 


®  ~  ®Spcidel 

and 

Y,  =  Yf,  (IK) 

Thus,  eqn.  ( 14)  represents  a  more  general  form  of  Speidel's  correlation. 

Fig.  5  shows  Speidel's  correlation  together  with  eqn.  (14)  and  some  additional  data.  As  the  reduced  frequency  increases  from 
zero,  the  profile  loss  increases  (in  practice,  it  may  sometimes  decrease)  from  the  undisturbed  level  and  asymptotically  approaches  a 
limit  equal  to  that  obtained  with  steady  turbulent  flow  over  the  surface  from  s(  to  Wv  It  should  be  noted  that  in  some  cases,  the 
numerator  and  denominator  of  the  ordinates  are  produced  by  the  subtraction  of  very  similar  numbers  so  that  some  scatter  of  the  data  is 
inevitable.  The  reduced  frequencies  of  the  majority  of  turbomachine  blade  rows  will  lie  in  the  range  from  0.5  to  1.0.  Given  the 
simplicity  of  the  model  proposed  above  and  the  accuracy  of  the  experimental  data,  the  agreement  between  the  data  and  eqn.  ( )  4)  is  very- 
satisfactory. 

The  success  of  the  simple  model  in  predicting  the  observed  trends  is  essentially  due  to  the  recognition  that  the  nature  of  the 
time -dependent  unsteady  transition,  as  illustrated  by  the  s-t  diagrams,  dominates  the  generation  of  the  additional  loss.  Fig.  5  confirms 
the  significance  of  the  reduced  frequency  parameter  G3  in  relation  to  the  generation  of  profile  loss.  This  is  because  the  quantity  C5/27t 
represents  the  ratio  of  the  time  it  takes  for  a  wake  to  convect  across  the  transition  zone  (st  -  S|)  at  the  free-stream  velocity  V  to  the 
periodic  rime  of  the  disturbance  (CiY27t).  The  agreement  between  the  data  and  eqn.  ( 14)  shows  that  suitable  choices  have  been  generally 
made  for  the  propagation  rates  of  the  leading  (V|C=V)  and  trailing  edges  (Vtc=1/2V)  of  the  turbulent  spots,  the  data  of  the  present  author 
being  the  major  exception  as  will  be  discussed  below.  It  is  sufficient  to  assume  that  the  state  of  the  boundary  layer  is  either  laminar  or 
turbulent. 

The  significance  of  the  parameter  G3/2n  extends  beyond  that  indicated  by  eqn.  ( 14)  since  its  magnitude  can  be  used  to  predict  the 
unsteady  nature  of  the  blade  surface  boundary  layers.  For  example,  laminar  separation  is  unlikely  to  occur  if  GJ/2ti  >  1  (see  fig.  1 )  .u.d 
in  this  case,  the  value  of  (H/2n  dictates  the  length  of  the  unsteady  transition  zone  (see  eqn.  (2)).  Likewise,  if  W2k  <  1  (see  fig.  2).  then 
should  laminar  separation  be  predicted  when  the  flow  is  steady,  it  is  most  probable  that  it  will  occur  in  the  presence  of  unsteady  flow. 
In  this  case,  the  value  of  GJ/2ji  determines  the  fraction  At*  of  the  wake-passing  period  for  which  the  laminar  How  exists  at  the  distance 
Si/SmM  from  the  leading  edge  (see  eqn  (11)).  In  a  multistage  axial  flow  turbine.  Binder  et  al.  (1988),  Dong  (1988)  and  Addison  and 
Dong  (1989)  have  observed  the  periodic  formation  and  decay  of  laminar  separations  in  the  presence  of  wake  interactions.  If  (3/2 rc<«  1 . 
the  profile  loss  may  be  satisfactorily  determined  from  steady  state  measurements  or  predictions. 

5.  THE  DATA  OF  YURINSKIY  AND  SHESTACHENKO 

The  effects  of  wake -genera ted  unsteady  flow  on  profile  loss  have  also  been  reported  by  Yurinskiy  and  Shestachenko  (1974). 
who  rotated  a  spoked  wheel  of  radial,  circular  bars  in  from  of  a  linear  cascade  of  impulse  blades.  They  investigated  the  effects  of 
changing  the  axial  distance  between  the  bars  and  the  cascade  over  a  range  of  flow  coefficients.  The  changes  in  axial  distance  resulted  in 
differing  wake  strengths.  The  test  rig  was  similar  in  principle  to  the  later  construction  of  Doorly  and  Oldfield  (1985). 

It  is  not  possible  to  add  their  data  to  the  correlation  of  fig.  5  because  the  asymptotic  value  Yi  is  unknown.  Instead,  their  data 
have  been  plotted  in  fig.  6.  The  abscissa  is  the  ratio  of  the  bar  speed  U&  to  the  iscntropic  expansion  velocity  V*  which,  on  substitution 
of  the  values  quoted  by  the  authors,  is  approximately  one  half  of  the  ratio  f3/2rr  (i.c..  when  st=0.  Fig.  6  shows  that 

for  the  range  of  Ut/Vu  investigated  and  a  given  axial  spacing,  the  additional  loss  due  to  the  unsteadiness  increases  linearly.  This  is 
consistent  with  eqn.  (14)  when  G5/2nSl. 

Unfortunately,  fig.  6  also  shows  that  the  additional  loss  is  also  dependent  on  the  axial  gap  between  the  rotating  bars  and  the 
impulse  cascade.  The  variation  in  gap  is  very  large.  This  fact  becomes  particularly  evident  when  it  is  noted  that  the  inlet  flow  angle  will 
be  of  the  order  of  70°  (the  actual  value  is  not  given).  Therefore,  the  character  of  the  inflow  will  vary  from  discrete  wakes  at  the  smallest 
gap  to  a  virtually  uniform  flow,  albeit  with  turbulence,  at  the  largest  gap.  Transition  correlations  (e.g.  Abu-Ghannan  and  Shaw,  1980) 
indicate  that  the  critical  value  of  the  Reynolds  number  based  on  the  momentum  thickness  of  the  boundary  layer  Rce  is  a  strong  function 


of  the  free- stream  turbulence  level  when  the  level  is  of  the  order  of  a  few  percent.  Therefore,  the  effect  of  these  changes  will  be  to  alter 
the  position  St  at  which  transition  first  occurs.  The  variation  of  loss  with  axial  gap,  which  amounts  to  a  factor  of  two  at  a  given  value  of 
Uh/Vis  suggests  a  change  in  the  maximum  available  transition  length  (si-sO  of  the  same  magnitude  (see  eqn.  (14)  for  example)  which  is 
not  unreasonable.  These  results  therefore  support  the  case  that  it  is  inadequate  to  assume  that  transition  begins  immediately  the  wakes 
touch  the  blade  surface  or,  indeed,  when  Ree  reaches  a  value  of  163. 

6.  THE  EFFECT  OF  A  FINITE  WAKE  THICKNESS 

The  simple  model  presented  above  is  based  upon  the  premise  that  transition  is  periodically  initiated  at  a  point  which  corresponds 
to  the  centre-line  of  the  wake.  In  practice,  the  profile  of  turbulence  within  a  wake  is  such  that  near  the  centre-line,  the  intensity  is 
relatively  constant.  If  the  wake  is  relatively  thin,  this  is  not  important.  When  the  wake  width  is  large  however,  as  it  might  be  in  L.P. 
turbines  if  gross  separation  of  the  suction  surface  boundary  layers  were  to  occur,  it  is  possible  that  transition  will  not  be  initiated  at  a 
point  in  time  and  space  but,  in  effect,  at  a  point  in  space  over  a  finite  period  in  time.  The  length  of  this  period,  when  expressed  as  a 
proportion  of  the  periodic  time,  is  denoted  by  the  quantity  Aw*  as  shown  by  fig.  7.  The  s-t  diagrams  of  Addison  and  Hodson  (1989a) 
contain  more  than  a  suggestion  of  such  a  phenomenon. 

Following  the  same  lines  as  the  simple  analysis  presented  above,  it  can  be  shown  that 

1  -  y  — •  (1  -  A  w  *  )2  ;  £  l  -  Aw  * 


1  G5  G3 

ili  +  Aw*  ;  5Ss1-Aw*  <i9) 

which  reduces  to  eqn.  (14)  when  Aw*=0. 

Eqn.  (19)  is  plotted  in  fig.  8.  It  shows  that  at  low  reduced  frequencies,  the  fractional  increase  in  profile  loss  is  equal  to  Aw*, 
the  effect  being  reduced  when  the  frequency  exceeds  the  value  given  by 

|^=1 -Aw*  (20) 

which  also  corresponds  to  the  frequency  at  which  the  individual  patches  caused  by  successive  wakes  merge  at  the  point  where  attached 
laminar  flow  would  otherwise  cease.  The  relationship  (eqn.  (20))  is  plotted  as  a  dashed  line  in  fig.  8  and  shows  that  the  reduced 
frequency  at  which  this  occurs  reduces  in  proportion  to  the  wake  thickness.  Typical  values  of  Aw*  are,  as  yet,  unavailable  but  given 
the  success  of  the  simple  correlation,  they  may  generally  be  expected  to  be  small  at  least  at  the  higher  Reynolds  numbers  found  in 
turbomachines. 

7.  THE  EFFECT  OF  A  NON-UNIFORM  FREE-STREAM  VELOCITY:  A  MORE  EXACT  MODEL 

So  far,  it  has  been  assumed  that  the  free-stream  velocity  is  equal  to  the  mean  value  over  the  maximum  possible  extent  of  the 
unsteady  transition  zone  (i.e.,  st£$£si).  In  practice,  the  velocity  may  not  be  consul  over  this  distance  so  that  the  turbulent  wedges 
shown  in  figs.  1  and  2  are  no  longer  bounded  by  straight  lines.  Fig.  1 1  shows  one  such  example.  Nor  is  it  correct  to  use  the  form  of 
the  reduced  frequency  given  in  Eqn.  (lb):  the  more  general  definition  (i.e.,  Eqn.  (la))  will  be  employed  below. 

It  has  already  been  noted  that  in  Speidels  experiments,  turbulent  flow  is  unlikely  to  have  been  sustained  near  the  leading  edge 
and  that  the  earliest  transition  could  have  occurred  would  have  been  near  s/Smm^.OS,  where  Ree=163.  If  it  is  assumed  that  this 
location  represents  the  distance  s,  and  that  sj  is  equal  to  the  values  given  by  Speidel  (1953),  the  data  of  fig.  5  can  be  replotted  against 
the  reduced  frequency  parameter  as  defined  by  Eqn.  (la)  to  produce  the  correlation  shown  in  fig.  9.  The  data  of  Pfeil  and  Herbst 
(1979)  (S(/sTnu=0. 14,  syfemtx-l.O)  and  the  present  author  (s,/Srnax=0-54,  si/sm„=0.8)  are  also  shown.  The  differences  between  the 
positions  of  the  data  points  in  the  two  figures  are  very  small,  which  helps  to  explain  the  success  of  Speidel's  original  correlation. 

A  non-uniform  velocity  distribution  will  also  result  in  a  growth  rate  of  the  laminar  and  turbulent  boundary  layers  which  is 
different  to  that  on  a  flat  plate  in  a  zero  pressure  gradient.  Fig.  10  shows  the  effect  of  changing  the  transition  point  upon  the  fractional 
increase  in  profile  loss  of  the  kanal  II  and  freistrahl  aerofoils.  The  calculations  were  carried  out  at  the  highest  Reynolds  number  tested 
and  the  transition  point  was  varied  over  the  range  shown  in  the  figure.  Unlike  the  case  of  the  flat  plate,  the  loss  no  longer  varies  linearly 
with  the  location  of  transition,  particularly  for  the  kanal  //  aerofoil.  The  results  for  the  turbine  rotor  suction  surface  of  the  present  author 
(St/smM=0.54,  si/smax=0-8)  are  also  shown  in  fig.  10.  Like  the  freistrahl  aerofoil,  there  is  less  variation  in  the  free-stream  velocity  in 
this  case  so  that  the  variation  of  loss  is  nearly  linear.  Thus,  the  assumption  that  the  additional  loss  produced  by  the  wake  interaction  is 
proportional  to  the  additional  area  of  the  blade  which  is  on  average  covered  by  turbulent  flow  appears  to  be  valid  for  the  turbine  rotor 
and  the  freistrahl  aerofoil  but  not  for  the  kanal  II  aerofoil. 

In  order  to  examine  the  significance  of  a  non-uniform  velocity  distribution,  the  velocities  measured  by  Speidel  (fig.  4)  were 
used  as  input  data  to  two  calculation  methods.  The  first  pan  of  each  method  consisted  of  a  timc-marching  calculation  which  traced  the 
development  of  adjacent  turbulent  patches  in  s-t  space  and  so  determined  their  shape.  The  time-marching  calculation  produces  s-t 
diagrams  such  as  that  of  fig.  11.  Thus,  it  is  possible  to  determine  the  relative  proportion  of  time  for  which  a  boundary  layer  is  turbulent 
at  a  given  location  in  space,  which  is  in  effect  the  intermittency  y,  or  where  and  when  transition  begins  for  a  parcel  of  boundary  layer 
fluid  which  leaves  the  leading  edge  at  a  given  time  with  a  specified  convection  rate. 

7.1  A  strip  calculation  method 

In  the  first  series  of  calculations,  the  s-t  space  was  divided  into  small  strips  of  equal  width  in  time  At  running  from  the  leading 
to  the  trailing  edge  of  the  blade.  The  width  At  was  sufficiently  small  that  the  final  solution  was  independent  of  the  size  of  the  strip.  For 
each  strip,  it  was  assumed  that  the  development  of  the  boundary  layer  was  quasi-steady  and  that  the  rate  of  convection  of  information 
(the  mean  propagation  rate)  was  0.72V,  though  the  precise  value  is  of  little  significance.  Thus,  a  series  of  steady  state  boundary  layer 
calculations  (Cebeci  and  Carr,  1978)  were  performed  for  each  strip  using  the  information  on  boundary  layer  state  derived  from  the  s-t 
diagrams.  The  mean  integral  thicknesses  of  the  boundary  layer  during  its  development  beyond  tht  start  of  unsteady  transition  were  then 
determined  by  averaging  the  results  obtained  for  all  the  strips. 

The  results  obtained  by  this  method  are  shown  by  the  dotted  and  chain-dotted  lines  in  fig.  9.  The  line  for  the  kanal  If  aerofoil 
(Re  =  3.6xlO*>sho«M'  that  it  should  be  significantly  more  sensitive  to  unsteady  inflow  than  the  freistrahl  aerofoil  which  has  a  fiat- 
topped  pressure  dist.'bution.  This  is  consistent  with  the  trends  exhibited  by  the  experimental  data  though  the  prediction  indicates  a 
higher  level  of  sensiL  nty  than  the  data  admits  to.  This  discrepancy  is  not  understood  although  the  margin  of  error  in  the  experimental 
data  relating  to  the  kanal  II  aerofoil  is  known  to  be  typically  of  the  order  J<Yt-Yi):  much  greater  than  for  the  other  two  of  Speidel  s  test 
cases.  Nevertheless,  the  model  and  data  suggest  that  a  correlation  based  solely  upon  the  reduced  frequency  parameter,  while  indicating 
the  general  trends,  is  not  sufficient  for  an  accurate  prediction  of  the  effects  of  unsteady  inflow  when  there  is  a  very  large  variation  in  the 
free-stream  velocity  over  the  potential  transition  zone.  Under  these  circumstances,  it  is  necessary  to  take  account  of  the  non-linear 
relationship  which  exists  between  the  profile  loss  and  the  location  of  transition.  It  will  be  shown  below  that  the  effect  of  a  varying  free- 
stream  velocity  on  tnc  shape  of turbulent  patches  in  the  s-t  diagrams  (i.e.  the  intermittency)  is  much  less  important. 
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In  the  case  of  the  experiments  conducted  by  Pfeil  and  Herbst  and  by  Hodson,  transition  occurs  in  a  region  of  essentially 
constant  velocity  so  that  the  profile  loss  varies  almost  linearly  with  the  location  of  the  transition  point  along  the  surface  over  the 
potential  transition  zone.  Therefore,  the  data  of  Pfeil  and  Herbst  agree  particularly  well  with  the  model.  However,  the  model 
significantly  underestimates  the  effect  of  unsteady  inflow  on  the  turbine  rotor  of  the  present  author,  a  result  which  can  be  attributed  to 
the  very  rapid  spread  of  the  turbulent  patches  (see  below). 

12  An  average  intermittency  model 

The  s-t  diagrams,  using  the  same  assumptions  as  above,  may  be  used  to  specify  the  time-averaged  intermiuency  of  the  blade 
surface  boundary  layers.  The  boundary  layer  calculation  employs  a  differential  method  using  an  eddy  viscosity  derived  from  mixing 
length  arguments.  For  a  given  height  within  the  boundary  layer,  the  eddy  viscosity  was  determined  according  to  the  relationship 

^ff =  ^laminar  +  YEturbulcru  (21) 

where  y  is  the  intermittency  determined  from  the  s-t  diagrams. 

A  calculation  was  performed  for  the  kanal  It  aerofoil,  again  at  a  Reynolds  number  of  3.6x1 06.  This  test  case  was  chosen  again 
since,  of  those  investigated,  it  exhibits  the  greatest  deviation  from  the  ‘wetted  area'  assumption.  The  reduced  frequency  chosen 
corresponds  to  that  of  Fig.  1 1.  The  corresponding  variation  of  intermittency  is  plotted  in  fig.  12.  It  has  a  value  of  zero  before  the  start  of 
transition  and  unity  after  transition  is  complete.  Over  the  unsteady  transition  zone,  the  variation  of  y  is  virtually  linear  that  the  effect 
of  having  a  non-uniform  free-stream  velocity  over  the  transition  zone  is  slight. 

Table  2  compares  the  losses  predicted  by  the  strip'  and  'average-intermittency*  models.  The  difference  amounts  to  only 
approximately  16  percent  of  the  fractional  increase  in  the  predicted  loss. 


Calculation  method 

■Euan 

Einfl 

0.54 

|  Average-intermittency  method 

05 

Table  2:  Comparison  of  predicted  losses  for  the  kanal  II  aerofoil  for  G3/2 k  =0.7 

A  question  remains  as  to  which  of  the  above  two  methods  is  more  appropriate.  At  most  low  reduced  frequencies  (say.  G5<1.0) 
when,  for  example,  separated  flow  ot  natural  transition  may  persist  for  relatively  long  periods  of  time  between  the  wakes,  the  quasi¬ 
steady  method  is  clearly  more  applicable.  The  average-intermittency  method  denies  the  very  existence  of  unsteady  flow.  However,  at 
high  reduced  frequencies,  the  time-scales  for  turbulent  diffusion  will  be  greater  than  those  of  the  wake-passing  (Addison  and  Hodson. 
1989b)  so  that  the  average-intermittency  method  may  well  be  more  appropriate. 


8.  THE  INFLUENCE  OF  THE  FORMATION  AND  GROWTH  RATES  OF  THE  TURBULENT  SPOTS 

So  far.  the  unsteady  transition  process  has  been  assumed  to  be  periodic,  with  a  sing!-  >  irbulent  patch  tonmng  at  a  distance  soon 
after  the  response  of  the  boundary  layer  to  large  disturbances  becomes  unstable.  The  leading  edge  of  the  wedges  has  been  assumed  to 
propagate  with  the  wake  in  the  free-stream.  Fig.  13  is  based  upon  a  Figure  presented  by  Addison  and  Hodson  (1989a),  who  showed 
that  the  above  may  not  always  be  the  case;  several  turbulent  spots  may  form  underneath  \ne  footprint  of  a  single  wake  and  as  a 
consequence,  the  apparent  rate  of  propagation  may  be  so  great  as  to  appear  negative  (see  Table  1 ).  The  data  in  Fig.  1 3  were  obtained  on 
the  suction  surface  of  a  turbine  rotor  blade  using  surface  mounted  hot-film  gauges  which  were  calibrated  for  the  measurement  of  wall 
shear  stress.  The  Figure  shows  the  development  of  the  phase-locked  random  unsteadiness.  It  indicates  that  turbulent  flow  begins  near 
s/smax=0.45  which  is  soon  after  Ree=163.  The  latest  occurrence  of  transition  is  limited  by  a  possible  laminar  separation  at  s/smax=0.8. 
The  free-stream  velocity  is  relatively  constant  over  the  specified  transition  zone  so  that  the  variation  of  loss  with  transition  location  is 
almost  linear  (see  Fig.  10) 

To  illustrate  the  importance  of  using  the  correct  value  of  the  (apparent)  leading  edge  propagation  rate,  the  strip  calculation 
method  was  applied  to  the  profile  of  Hodson  (and  of  Addison  and  Hodson),  a  variety  of  leading  and  trailing  edge  propagation  rates 
being  chosen.  For  the  purpose  of  the  calculation,  due  regard  was  given  to  the  fact  that  the  experimental  data  is  ensemble  averaged  and 
that  as  a  result,  the  start  of  transition  at  0.45smax  as  indicated  by  Fig.  13  does  not  represent  the  start  of  fully  turbulent  flow  within  the 
wedges  formed  on  the  s-t  diagram.  Therefore,  transition  from  fully  laminar  to  fully  turbulent  flow  was  specified  as  beginning  at 
Vsmax=0-54  rather  than  at  0.45smax. 

Fig.  14  shows  the  results  of  the  predictions,  the  information  being  presented  in  the  same  way  as  in  fig.  9.  For  the  purpose  of 
plotting  the  experimental  data  point,  the  maximum  and  minimum  values  of  the  trailing  edge  momentum  thicknesses  are  those  given  by 
the  predictions.  Fig.  14  shows  that  the  increase  in  profile  loss  is  a  strong  function  of  the  apparent  leading  edge  propagation  rate  which 
is  in  reality,  a  combination  of  the  spot  formation  rate  and  the  propagation  rate  of  the  individual  spots.  The  solid  line  drawn  over  the  s-t 
diagram  of  fig.  13  shows  the  start  of  transition  employed  by  the  calculation  with  the  turbine  operating  at  the  condition  corresponding  to 
the  measurements.  The  agreement  between  the  prediction,  based  upon  the  measured  propagation  rates  (V|C=1.0V;  Vtc=0.3V).  and  the 
measured  trailing  edge  momentum  thickness  is  also  encouraging,  although  the  measured  value  is  higher  than  that  predicted.  A 
comparison  was  also  made  between  the  predictions  of  the  strip  and  average  intermittency  methods  for  the  turbine  rotor  of  Hodson.  The 
maximum  difference  in  the  integral  thicknesses  of  the  boundary  layers  predicted  by  the  two  methods  at  any  point  on  the  blade  surface 
was  insignificant. 

The  surface  distributions  of  the  integral  parameters  of  the  suction  surface  boundary  layer  are  also  available  for  the  above  test 
case  (Hodson,  1983).  Fig.  15  shows  the  measured  variation  of  the  momentum  thickness  0  and  shape  factor  H  (=5*70).  The  measured 
values  for  a  laminar  flow  cascade  of  equivalent  geometry  to  the  turbine  rotor  (Hodson,  1983)  are  also  shown.  The  data  show  that  in  the 
turbine  rotor,  the  measured  momentum  thicknesses  and  shape  factor  are,  respectively,  higher  than  and  lower  than  the  cascade  values. 
Addison  and  Hodson  (1989a)  argue  that  these  differences  suggest  that  the  boundary  layer  ahead  of  transition  is  not  fully  laminar.  Thus, 
an  underprediction  of  the  measured  loss  might  be  expected  using  the  models  so  far  described. 

The  average  intermittency  (Eqn.  (21))  model  was  modified  to  take  account  of  the  facts  noted  above.  The  s-t  diagram  of  fig.  1 3 
was  again  used  as  a  basis  for  the  predictions  but  with  the  simple  alteration  that  the  average  intermittency  y  was  not  allowed  to  be  lower 
than  0.1 .  The  resulting  surface  variations  of  the  integral  parameters  which  correspond  to  the  operating  point  of  the  turbine  are  plotted  in 
Fig.  15.  The  agreement  between  the  predictions  and  measured  data  is  self  evident,  the  further  increase  in  trailing  edge  momentum 
thickness  due  to  the  change  representing  7  percent  of  the  predicted  value.  It  is  also  noted  that  although  the  average  intermittency  varies 
almost  linearly  with  surface  distance,  the  shape  factor  falls  more  rapidly  during  the  earlier  stages  of  transition  than  towards  the  end 
suggesting  that  care  must  be  taken  when  using  the  shape  factor  to  represent  the  ’’state'’  of  the  boundary  layer. 

9.  AN  EXAMINATION  OF  FORWARD  AND  AFT-LOADED  TURBINE  BLADES 

In  this  section,  the  effects  of  unsteadiness  upon  two  sets  of  idealized  turbine  blades  are  considered  at  a  Reynolds  number  of 
3x!05.  The  profiles  have  not  been  optimized  in  any  way,  their  distributions  being  chosen  so  as  to  permit  a  simple  comparison  of 
differing  design  philosophies 

The  velocity  distributions  corresponding  to  the  suction  surfaces  of  the  four  profiles  are  shown  in  fig.  16.  Peak  suction  on  the 
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forw  aid-loaded  profiles  30L  and  30H  occurs  at  s/smax  =  0.3  while  it  is  found  at  s/Sm**  =  0.5  on  the  aft-loaded  profiles  SOL  and 
50H.  Profiles  30L  and  50L  have  attached  laminar  flow  over  their  entire  surface  length  when  the  inflow  is  steady.  They  are  relatively 
lightly  loaded,  the  lift  as  defined  by  the  line  integral 


sm»x 

r=w|vjds  (22> 

being  equal  to  0.925.  Profiles  30H  and  50H  have  a  higher  loading  (r^O.975).  As  a  result,  laminar  separation  occurs  at  s/smax  =  0.8 
on  profile  50H  in  the  absence  of  wakes.  For  the  sake  of  simplicity,  transition  in  the  absence  of  unsteady  inflow  was  specified  at  this 
location.  Laminar  separation  will  not  occur  in  the  case  of  profile  30H.  The  location  of  the  start  of  transition  (Ree-163)  is  also  indicated 
in  fig.  16. 

The  strip  calculation  method  described  above  was  used  to  calculate  the  trailing  edge  momentum  thickness  for  each  of  the  four 
profiles  over  a  range  of  frequencies.  Two  different  leading  edge  propagation  rates  (Vje=1.0V,  V|e=°o)  were  investigated.  Since  the 
variation  in  velocity  over  the  potential  transition  zone  is  relatively  small,  the  four  profiles  appear  to  be  equally  sensitive  to  unsteady 
inflow  when  the  results  are  plotted  in  a  manner  similar  to  previous  figures.  However,  this  disguises  the  fact  that  the  upper  (Yd  and 
lower  (Y|)  limits  of  the  profile  loss  and  the  lengths  of  the  transition  zones  (si  -  St)  of  the  four  profiles  exhibit  differences.  Thus,  the  data 
is  presented  as  in  fig.  17,  where  the  abscissa  represents  the  ratio  of  the  convection  time  over  the  entire  surface  to  the  periodic  time  while 
the  ordinate  is  the  predicted  trailing  edge  momentum  thickness  per  unit  lift.  Usually,  the  abscissa  will  have  a  value  in  the  range  from 
0.5  to  2.0.  The  loss  typically  rises  by  50  percent  over  this  range. 

Fig.  17  shows  that  the  forward-loaded  profiles  30L  and  30H  respectively  present  a  lower  time-averaged  profile  loss  than  the 
aft  loaded  profiles  50L  and  50H  at  the  lower  frequencies.  At  the  highest  frequencies,  the  opposite  is  true.  The  change-over  point  for 
the  more  highly  loaded  profiles  occurs  at  a  much  higher  frequency.  This  is  because  profile  50H  has  a  higher  profile  loss  in  the  absence 
of  wakes  and  because  it  is  much  less  susceptible  to  unsteady  inflow  since  it  has  a  shorter  surface  length  over  which  unsteady  transition 
can  occur.  The  change-over  point  occurs  at  lower  frequencies  for  higher  values  of  Vje  (i.e.  when  rate  of  formation  and  growth  of  the 
turbulent  spots  is  higher). 

If  a  turbine  stage  has  significantly  more  rotor  than  stator  blades,  the  stator  blades  will  tend  to  lie  to  the  right  of  the  above 
mentioned  change-over  point  and  the  rotors  to  the  left.  In  such  cases,  the  results  of  fig.  17  suggest  that  the  stator  blades  should  be  aft- 
loaded  and  that  rotors  should  be  forward-loaded.  However,  if  laminar  separation  can  be  avoided  in  between  the  wakes,  the  differences 
between  the  aft-  and  forward-loaded  profiles  is  relatively  small.  In  situations  where  the  design  constraints  dictate  that  laminar  separation 
will  occur  whatever  the  loading  philosophy,  the  relative  insensitivity  of  these  profiles  to  incoming  wakes  suggests  that  steady  flow 
calculations  may  well  be  sufficient  This  might  explain  the  relative  success  of  some  highly  loaded  L.P.  turbine  designs. 

10.  FURTHER  DISCUSSION 

This  paper  has  attempted  to  present,  by  modelling,  the  most  important  features  of  wake-induced  boundary  layer  transition.  It 
has  been  shown  that  a  new  form  of  the  reduced  frequency  parameter  (eqn.  (1))  can  be  used  to  characterize  the  boundary  layer 
development  and  the  additional  profile  loss  associated  with  the  unsteady  transition,  providing  that  a  reasonable  estimate  is  made  of  the 
rate  of  growth  and  the  formation  of  the  turbulent  spots  during  transition.  A  linear  variation  (or  nearly  linear  in  the  case  of  non-uniform 
free-stream  velocities)  of  the  time-averaged  intermittency  over  the  unsteady  transition  zone  (s,£s£si)  has  been  found  to  be  adequate  for 
the  present  purposes,  in  practice,  of  course,  the  formation  of  spots  within  the  so-called  transitional  patches  is  a  stochastic  process  so 
that  transition  appears  on  the  s-t  diagrams  to  be  gradual  rather  than  instantaneous  when  ensemble  averaged  over  many  cycles  (see  fig. 
13).  Similarly,  natural  transition  to  turbulent  flow  which  occurs  between  the  wakes  at  low  reduced  frequencies  is  also  gradual. 
Nevertheless,  the  assumption  that  transition  is  step- wise  in  fashion  also  appears  to  be  sufficient  for  the  present  purposes. 

The  models  presented  successfully  predict  the  influence  of  wakes  upon  high  Reynolds  number  blade  profiles.  This  is  because 
there  is  much  less  uncertainty  over  the  growth  rates  of  the  turbulent  patches  (see  Table  1).  With  reference  to  the  last  point,  Addison  and 
Hodson  (1989b)  have  suggested  that  it  is  only  at  relatively  low  Reynolds  numbers  (Re~3xl05)  that  significant  differences  exist 
between  the  idealized  processes  of  fig.  1  or  fig.  2  and  the  true  process.  It  is  also  important  to  recognize  that  transition  does  not 
necessarily  commence  close  to  the  leading  edge  and  that  the  wakes  may  be  sufficiently  broad  so  as  to  affect  the  shape  of  the  s-t 
diagrams,  particularly  at  these  low  Reynolds  numbers.  Though  a  start  of  transition  criterion  has  been  suggested  (Re#- 163),  evidence 
of  later  transition  has  also  been  presented.  The  success  of  all  the  analyses  provides  further  evidence  to  suggest  that  the  process  of 
wake-induced  transition  can  be  considered  to  be  quasi-steady  at  representative  reduced  frequencies. 

The  effects  of  wake-generated  unsteadiness  on  the  profile  loss  of  a  turbine  blade  were  considered  recently  by  Sharma  et  al. 
(1988)  who  also  replotted  and  added  to  the  earlier  correlation  of  Spcidel  (1957).  Sharma  et  al.  chose  to  re-define  the  reduced  frequency 
parameter  as 
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which  represents  the  ratio  of  the  convection  time  of  the  wakes  through  the  blade  row  (C x/Vx)  to  the  wake  passing  period  (gV2tO. 
Presumably,  this  form  was  chosen  because  it  is  a  simple  function  of  the  flow  coefficient  (<>=Vx/Ub)  and  the  geometry.  The  above 
definition  differs  from  that  proposed  by  the  present  author  (eqn.  (1))  and  by  Speidel  (eqn.  (15»  and  so  does  not  admit  to  the  possibility 
that  it  is  the  ratio  of  the  time  it  takes  for  a  wake  toconvect  across  the  transition  zone  (si  -  s,)  at  the  free-stream  velocity  V  to  the  periodic 
time  of  the  disturbance  {Win)  which  determines  the  transition  process.  Attention  should  be  paid  to  the  flow  on  each  blade  surface 
before  the  effect  of  wake-generated  unsteady  flow  can  be  modeled. 

to  their  current  forms,  the  present  models  and  the  correlation  are  of  limited  use  to  the  turbine  designer  during  the  initial  stages  of 
the  design  process.  This  is  because  the  exact  nature  of  the  geometry  (s^u)  and  the  limits  for  boundary  layer  transition  (st  and  si)  are 
unknown  until  a  design  nears  completion.  However,  manufacturers  of  specific  turbines  tend  to  design  within  relatively  narrow 
constraints  so  that  relationships  can  be  established,  for  example,  between  the  chord  and  surface  lengths  and  between,  say,  the 
Reynolds  number  and  the  distances  and  Wsmu'  This  approach,  rather  than  using  a  form  of  the  reduced  frequency  such  as  that 
proposed  by  Sharma  et  al.,  is  to  be  preferred  since  the  physical  process  of  unsteady  transition  is  embodied  within  the  parameter  Win. 
Once  a  design  nears  completion,  the  location  of  first  point  of  instability  St  can  be  determined,  for  example,  by  use  of  transition 
correlations;  the  undisturbed  transition  length  sj  may  be  found  and  it  is  r»o  longer  necessary  to  assume  a  constant  free-stream  velocity. 

Though  much  of  the  above  discussion  has  concerned  itself  with  the  effects  of  wake-interactions  on  the  profile  loss  of  turbine 
blades,  compressors  are  not  excluded  from  the  model  but  there  is  little  available  evidence  to  confirm  this  (e.g.  Tanaka,  1984,  Dong, 
1988).  Likewise,  the  influence  of  wake-induced  transition  of  the  time-averaged  heat  transfer  characteristics  of  turbine  blades  might 
readily  be  modelled  though  in  such  circumstances,  the  assumption  that  transition  occurs  in  a  step-wise  fashion  will  probably  result  in 
local  errors. 
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11.  CONCLUSIONS 

A  simple  model  of  unsteady  transition  has  been  proposed.  It  has  been  used  to  identify  a  relationship  between  a  new  form  of  the 
reduced  frequency  parameter  and  the  profile  loss  of  a  blade  row  which  is  subjected  to  unsteady  inflow.  The  value  of  this  new  parameter 
not  only  determines  the  effect  upon  the  profile  loss  but  also  the  nature  of  the  unsteady  transition  process.  It  describes,  for  example, 
whether  forced  transition  ends  before  the  location  of  either  natural  transition  or  laminar  separation  and  the  length  of  the  resulting 
unsteady  transition  zone.  The  model  is  shown  to  be  consistent  with  experimental  observations.  It  successfully  explains  the  correlation 
by  Speidel  of  effects  of  wake-generated  unsteadiness  on  the  profile  loss  of  turbine  blade  rows. 

Extensions  to  the  simple  model  show  that  the  formation  and  growth  rates  of  the  turbulent  spots  have  a  major  influence  on  the 
susceptibility  of  a  profile  to  unsteady  inflow  and  that  further  information  is  required  regarding  these  matters  and  the  stability  of  laminar 
boundary  layers  in  the  presence  of  unsteady,  turbulent  wake  flows.  The  transition  process  may  be  considered  to  be  quasi-steady  and 
adequately  represented  by  a  step  change  in  boundary  layer  state. 

A  simple  investigation  of  four  idealized  turbine  blade  surface  velocity  distributions  showed  that,  for  a  given  loading,  aft-loaded 
blades  are  to  be  preferred  at  the  higher  blade  passing  frequencies  and  that  forward  loaded  profiles  are  more  suitable  at  the  lower 
frequencies  encountered  in  typical  turbomachines.  In  the  case  of  the  more  lightly  loaded  profiles,  for  which  laminar  separation  was  not 
predicted  under  steady  flow  conditions,  the  benefits  of  changing  the  loading  distribution  were  slight.  When  the  distance  between  the 
first  possible  occurrence  of  transition  and  the  start  of  steady  transition,  whether  via  laminar  separation  or  not,  is  small,  then  the  profile 
will  be  relatively  insensitive  to  unsteady  inflow. 
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Fig.  1  Schematic  distance-time  diagram  of  boundary  layer  states 
showing  end  of  forced  transition  before  natural  transition 
(assuming  constant  free- stream  velocity) 


Fig.  2  Schematic  distance-time  diagram  of  boundary  layer  states 
showing  combined  forced  and  natural  transition  (assuming 
constant  free -stream  velocity) 


Steady  Slate  Transition  Point  at  Re=3.7xlOt> 


Fig.  3  Effect  of  transition  location  on  profile  loss  of  a  flat  plate 
with  zero  pressure  gradient 


Fig  4  Velocity  distrbutions  corresponding  to  Spctdcl's  test  cases 
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Fig.  5  Correlation  after  Speidcl  of  effects  of  unsteadiness  on  profile 
loss  showing  comparison  of  simple  model  and  cxpcnmen'il 
data 
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Fig.  6  Effect  of  wake  passing  frequency,  axial  spacing  and  wake 
intensity  on  profile  loss  (after  Yurinskiy  and  Shcstachcnko), 
blade  chord  =  30mm,  t>ar  diameter  =  I  .Mnm.  •  axial  gap  = 
l/6  Chord,  ■  axial  gap  =  Vs  Chord;  A  axial  gap  =  V:  Chord. 
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Fig  9  Re -correlation  of  the  effects  of  unsteadiness  on  profile  loss 
showingcompanson  of  models  and  experimental  data  (see 
also  fig.  5) 
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Fig.  J 1  Distance-time  diagram  of  boundary  layer  states  $K  ^-tng 
effect  of  non-uniform  velocity  distribution  for  Spc.  Jel's 
Kami  U  aerofoil 


Fig.  12  Variation  of  time-averaged  intermittcncy  function  based  on 
results  of  Fig.  1 1  for  Speidel's  kanai  U  test  case 


Fig.  13  Distance-time  diagram  of  suction  surface  random 

unsteadiness  deri\  d  from  hot-film  data  acquired  in  axiai 
turbine  rotor  (Addison  and  Hodson,  1989a): 
kTw2*  =  ensemble  variance, 

<rw>  =  ensemble  mean  of  wall  shear  stress 
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Fig.  15  Predicted  and  measured  suction  surface  boundary  layer 
development  for  the  turbine  rotor  of  Hodson 
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Fig.  16  Idealized  velocity  distributions  for  turbine  suction  surfaces 
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F'g  17  Effect  of  unsteadiness  on  loss  of  idealized  turbine  suction 
surfaces 
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DISCUSSION 


M.L.G.  Oldfield,  Oxford  University,  UK 

Have  you  considered  modifying  your  simple  model  to  take  into 
account  the  effects  of  a  finite  wake  width  ?  This  would  make 
the  initial  transition  width  greater  and  increase  the  losses 
further.  Your  data  shows  a  "blunt"  start  to  transition, 
which  would  confirm  this. 

Authors 1  response  : 

The  paper  does  discuss  this  aspect  of  unsteady  transition. 

Equ  (19)  and  fig.  8  reveal  that  at  low  reduced  frequencies, 
the  additional  profile  loss  increases  in  proportion  to  the 
initial  width  of  the  wake  while  at  high  reduced  frequencies 
this  effect  is  reduced.  With  reference  to  our  own  data,  the 
“blunt  start"  to  transition  does  appear  to  exist  but  as 
section  8  shows,  this  is  of  little  relevance.  This  is  because 
the  "start"  represents  the  earliest  detected  occurrence  of  a 
turbulent  spot  and  not  the  location  where,  on  a  more  rational 
basis,  transition  is  sufficiently  well  underway  during  each 
wake  passing  cycle  that  the  profile  loss  is  affected. 


H.D.  Schulz,  RWTH  Aachen,  Germany 

To  apply  your  model,  one  needs  to  know  first  where  the  flow 
commences  forced  transition  (due  to  the  wakes)  and  secondly, 
at  low  reduced  frequency,  where  the  flow  in  between  wakes 
undergoes  natural  transition.  Do  you  have  any  suitable 
correlations  for  that  ? 

Author's  response  : 

The  experimental  test  data  on  the  unsteady  loss  correlation  style 
plots  can  only  appear  because  the  start  of  forced  and  natural 
transition  are  either  known  or  easily  inferred.  In  general, 
this  will  not  be  the  case  and,  as  the  question  suggests, 
additional  data  in,  say,  the  form  of  a  correlation  is 
required.  At  the  Whittle  Laboratory,  we  have  already  had  some 
success  at  predicting  the  start  of  unsteady  transition  using 
steady  flow  correlations  (see  Addison  and  Hodson,  1989b)  but 
the  question  of  spot  formation  growth  rates  still  remains 
unanswered.  In  the  present  paper,  I  have  attempted  to 
illustrate  the  importance  of  the  various  aspects  of  unsteady 
steady  transition  rather  than  make  time  predictions. 

L.  Leboeuf,  ECL,  France 

How  do  you  compute  the  starting  location  and  length  of  transition 
region  ? 

Author's  response: 

The  model  presented  assumes  that  transition  occurs  in  a  step¬ 
wise  manner  so  that  the  “transition  length"  can  simply  be 
determined  from  the  s-t  diagrams.  In  practice,  the  change  of 
state  is  gradual  but  the  simplifying  assumption  doer  not  appear 
to  affect  the  overall  result. 


Time-dependent  Measurements  on  Vibrating  Annular 
Turbine  Cascades  Under  Various  Steady  State 
Conditions 


A.  Bdlcs,  T.  H.  Fransson,  D.  Schlafli 
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Abstract 


Two-dimensional  sections  of  three  turbine  blades  have  been  investigated  experimentally  in  an  non-rolating  annular 
cascade  facility  with  respect  to  its  steady-state  and  unsteady  aerodynamic  characteristics.  The  sections  are  representative 
tor  the  near  tip  sections  of  the  blades  where  the  nominal  flow  conditions  are  subsonic  at  inlet  and  near  sonic  or  supersonic 
at  the  outlet.  Emphasis  has  been  put  on  the  time  dependent  aerodynamic  coupling  effects  between  the  neighbour  blades. 

Unsteady  experimental  data  have  been  obtained  with  the  blades  vibrating  both  in  the  "travelling  wave"  mode  as  well  as 
with  "single  blade  excitation".  Decomposition  of  the  experimental  data,  obtained  in  the  "travelling  wave  mode",  into  local 
(along  the  blade  surfaces)  and  integrated  unsteady  aerodynamic  influence  coefficients  indicates  that  the  largest 
aerodynamic  excitation  comes  from  the  suction  surface  leading  edge  region  and,  in  some  cases,  from  the  pressure  surface 
trailing  edge  region  for  all  three  cascades. 

The  unsteady  aerodynamic  influence  coefficients  indicate  that  for  sub-  and  supersonic  outlet  flow  velocities,  all  three 
blade-geometries  are  self-damped  (i.e.  a  single  vibrating  blade  has  a  damping  influence  on  itself),  but  an  instability  may 
arise  because  of  the  aerodynamic  coupling  effects  between,  essentially,  the  reference  blade  and  its  immediate  suction 
side  neighbour  and,  to  a  lesser  extent,  its  pressure  side  neighbour.  For  transonic  outlet  flow  velocities  however,  a  clear 
destabilizing  effect  of  the  (for  this  flow  regime)  almost  normal  shock  on  the  blade  itself  appears,  constituting  an  excitation 
mechanism  leading  eventually  to  single  blade  flutter. 


Nomenclature 


Symbol 

A 

Bn 

c 

Ch 


:n,m 

cpps 

;n.m 

Cp.ss 

Cw 

D, 

f 

h 


Explanation 

Blade  amplitude 
Blade  number  "n" 

Blade  chord  length 

Unsteady  force  coefficient  in  direction  of  bending  vibration  mode  Ch  -  V  Cp,  A  (x/c)i 


Unsteady  perturbation  pressure  coefficient 


cp  (x,t) 


1  PM 

h  Pwi-Pi 


i  PM 

h  Pwi 


cp  (x,t) 

m"  by  vibration  of  blade  "n” 


Modified  unsteady  perturbation  pressure  coefficient 

Unsteady  pressure  side  pressure  coefficient  generated  on  blade 
Unsteady  suction  side  pressure  coefficient  generated  on  blade  "m”  by  vibration  of  blade  "n" 
Aerodynamic  work  coefficient  per  cycle  of  blade  vibration  mode 
Pressure  transducer  number  "i"  on  blade  pressure  surface 
Blade  vibration  frequency 

Dimensionless  (  with  chord  )  bending  vibration  amplitude 


Dimension 

[mm  or  deg) 

H 

[mm) 

H 


H 

[Hz] 


k 

Reduced  frequency  k  = 

H 

M 

Mach  Number 

H 

P 

Time-averaged  pressure 

[mbar] 

P 

Unsteady  perturbation  pressure 

[mbar] 

Si 

Pressure  transducer  number  V  on  blade  suction  surface 

H 

t 

Time 

[sec] 

w 

flow  velocity 

[ms-1] 

X 

chordwise  coordinate 

[m] 

y 

normal  to  chord  coordinate 

[m] 

P 

Flow  angle 

[deg] 

Y 

Stagger  angle 

[deg] 

8 

Blade  vibration  direction 

[deg] 

A  (x/c)i 

Normalized  blade  surface  element  projected  into  the  normal  to  vibration  direction 

H 

0) 

Natural  frequency  of  the  blades 

[s-1] 

o 

Interblade  phase  angle.  Positive  when  blade  "n+1"  leads  blade  "n" 

[deg] 

0 

Phase  angle.  Positive  when  perturbation  quantity  leads  blade  "n" 

[deg] 

Aerodynamic  damping  coefficient 

H 

Subscript 

h 

Bending  motion 

loc 

local  value 

Is 

Blade  lower  surface  (=suction  surface) 

ps 

Blade  pressure  surface 

s 

Isentropic 

ss 

Blade  suction  surface 

US 

Blade  upper  surface  (=pressure  surface) 

1 

Upstream  flow  conditions 

2 

Downstream  flow  conditions 

Introduction 


The  last  rotor  stages  of  modern  turbines  have  blade  rows  with  high  aspect  ratios  and  relatively  low  natural  frequencies, 
especially  when  unshrouded.  Such  blade  rows  may  be  subject  to  self-excited  flutter  vibrations,  in  particular  in  the  transonic 
flow  region,  where  normal  shock  waves  on  the  blade  can  constitute  a  powerful  excitation  mechanism.  As  the  power  per 
machine  unit  is  increasing,  such  operating  conditions  are  often  realized,  and  it  is  therefore  important  to  predict  the 
aeroelastic  stability  of  bladings  working  in  the  transsonic  flow  domain. 

At  present  several  theoretical  models  to  predict  the  unsteady  dynamic  forces  on  vibrating  turbomachine  blades  show 
acceptable  results  with  respect  to  the  flutter  stability  limits  for  blades  operating  at  low  an  medium  subsonic  flow  velocities. 
However,  their  validity  has  not  yet  been  clearly  established  for  high  subsonic  and  transsonic  flow  regimes  jBblcs  and 
Fransson,  1986).  For  a  safe  design  of  turbomachine  blades  it  is  therefore  still  necessary  to  perform  experimental 
aeroelastic  investigations.  Instrumentation  and  testing  on  full  scale  or  model  machines  are  difficult  and  expensive  [see  e  g. 
Barton  and  Halliwell,  1987],  For  this  reason  tests  are  often  performed  in  annular  [Kobayashi,  1984;1988;  Bblcs  and 
Schiafli,  1987]  or  linear  test  facilities  [Buffum  and  Fleeter,  1988;  SzSchGnyi  et  al.  1984;  Carta,  1982], 

Linear  cascades  allow  easy  flow  measurements  with  good  flow  visualizations  at  reasonable  costs,  but  have  also 
disadvantages  such  as  the  necessity  of  tailboards  to  establish  a  flow  periodicity  within  the  cascade  Especially  at 
transsonic  flow  velocities  tailboards  influence  the  flow  field.  In  the  annular  test  facility,  on  the  other  hand,  flow 
measurements  in  the  transonic  flow  regime  are  easy  since,  without  any  special  precautions,  the  flow  periodicity  is  self- 
regulated  in  the  cascade.  The  disadvantage  of  the  annular  cascade  is  the  higher  cost  and  a  more  difficult  set-up  and 
interpretation  of  Schlieren  and  other  flow  visualizations. 
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The  annular  arrangement  is  of  importance  for  unsteady  measurements  because  of  the  true  circumferential  steady  and 
unsteady  flow  periodicity:  the  unsteady  pressure  waves  propagate  circumferentially  without  interruption.  This  is  not  the 
case  in  linear  cascades  with  tailboards,  whose  influence  on  the  time-dependent  experimental  results  is  a  priori 
unpredictable  On  the  other  hand,  recent  experimental  and  numerical  results  in  annular  cascades  indicate  that  in  practical 
cases  considering  only  7-9  blades  (out  of  20  in  tne  annular  cascade;  is  sufficient  to  determine  correctly  the  essential 
features  of  the  unsteady  behaviour  of  the  cascade  [Bales  et  al,  1989;  Gerolymos,  1988;  Buffum  and  Fleeter,  1988]. 


The  objective  of  the  present  study  is  to  examine  the  steady-state  and  unsteady  aerodynamics  through  three  different 
vibrating  turbine  cascades  for  sub-,  trans-  and  supersonic  outlet  flow  conditions. 


The  steady-state  and  unsteady  blade  surface  pressures  of  the  annular  non-rotating  turbine  casacades  operating  under 
these  conditions  ?re  studied,  with  the  blades  at  rest  or  oscillating  in  the  “travelling  wave"  vibration  mode  in  the  first 
bending  direction,  respectively. 


Annular  test  facility  and  data  reduction 


The  tests  on  the  cascades  presented  were  performed  in  the  non-rotating  annular  cascade  tunnel  at  the  Swiss  Federal 
Institut  of  Technology,  Lausanne  (Boles,  1983],  The  flow  in  this  wind  tunnel  is  created  in  the  radial-axial  annular  nozzle 
shown  in  Fig.  1,  The  velocity  and  flow  angle  profiles  in  the  test  section  are  obtained  by  the  regulation  of  the  two  separate 
inlet  valves  ("1"  and  "2"  in  Fig.  1)  and  the  two  independent  inlet  guide  vanes  ("5"  and  *6"). 

The  velocity  profile  in  the  inlet  section  can  furthermore  be  influenced  by  two  separate  boundary  layer  suctions  immediately 
downstream  of  the  preswirl  vanes.  Four  independent  suctions  just  up-  and  downstream  of  the  test  cascade  can  act  on  the 
velocity  profile  as  well  as  on  the  boundary  layer  on  the  outer  and  inner  tunnel  walls. 

As  the  annular  cascade  is  "closed"  circumferentially,  the  up-and  downstream  flow  periodicity  will  not  be  disturbed  by  lateral 
boundaries  as  in  a  linear  test  facility,  and  the  inlet  and  outlet  flow  conditions  adjust  themselves  in  relation  to  the  pressure 
ratio. 

The  How  conditions  are  measured  with  two  aerodynamic  probes  ("8")  which  can  traverse  the  channel  height  Measurement 
in  the  circumferential  direction  is  achieved  by  rotating  the  cascade  in  small  steps,  while  the  probe  remains  fixed  Pressure 
taps  ("1 0")  are  located  on  the  inner  and  outer  walls  in  order  to  determine  the  periodicity  and  the  static  pressure  in  the  flow 
field.  The  test  facility  is  also  equipped  with  Schlieren  optic  ("9")  and  laser  holography  for  flow  visualization 

The  compressed  air  for  the  test  facility  is  produced  by  a  continuously  running  four  stage  radial  compressor  which  has  a 
maximum  mass  flow  rate  of  10  kg/s  and  a  maximum  pressure  ratio  of  3.5.  The  suction  of  the  wall  boundary  layers  can  be 
performed  with  a  second  compressor  (2  kg/s,  pressure  ratio  8). 

Unsteady  flow  experiments  with  vibrating  blades  can  be  performed  in  two  ways  in  the  annular  cascade  test  facility  al  the 
EPF-Lausanne  [Schlafli,  1989].  In  the  first  way  all  the  blades  are  vibrated  in  the  travelling  wave  mode,  and  in  the  second 
one  only  one  blade  is  oscillated  at  the  time.  Summation  of  the  effects  of  the  single  vibrating  blades  yields  the  information 
for  the  travelling  wave  mode.  Schlafli  [1989]  has  shown  that  both  measuring  techniques  give  similar  unsteady 
aerodynamic  results. 

For  the  tests  presented  here  the  data  were  obtained  in  the  travelling  wave  formulation,  and  thereafter  reduced  into 
influence  coefficients.  Both  the  steady  state  and  time  dependent  data  acquisitions,  as  well  as  the  data  reduction  procedure 
for  the  hme  dependent  results  in  the  travelling  wave  mode  have  been  reported  earlier  (for  example  by  (Boles  and  Schlafli, 
1987])  and  are  thus  not  described  here 


Model  Cascades 


The  three  annular  cascades  presented  here  consist  of  20  prismatic  blades  each.  The  model  test  blades  have  a  tip 
diameter  of  0.4  m.  a  hub  diameter  of  0.32  m  and  a  blade  height  of  0.0395  m  with  a  tip-clearance  of  0.5  mm  (see  Fig  2 
and  Table  1  for  cascade  geometries).  The  nominal  flow  conditions  of  the  sections  under  investigation  are  also  given  m 
Table  1  All  three  cascades  have  blades  equipped  with  steady-state  and  time-dependent  instrumentation.  As  the  present 


14-4 


study  treats  the  unsteady  aspects  of  the  cascades,  only  the  time-dependent  instrumentation  is  represented  in  Fig.  2.  The 
pressure  transducers  employed  are  mounted  directly  in  the  vibrating  blades.  Details  about  the  mounting  ot  the  pressure 
transducers  and  the  aata  acquia.uoii  accuracy  is  gl-c.i  by  Bdlcs  et  al  [1989)  ar  is  thus  not  mieatmi  here. 

Each  blade  is  elastically  suspended  on  a  spring-mass  system  (Boles  and  Schla'I;  [1984]),  designed  to  reproduce  the  first 
three  eigenfrequencies,  as  well  as  the  vibration  direction  of  the  first  bending  mode,  as  determined  from  the  real  blading  in 
the  turbine  for  the  corresponding  section. 

The  blades  are  forced  into  an  organized  vibration  mode  by  means  of  electromagnetic  exciters  and  the  vibration  is 
measured  by  inductive  displacement  transducers  or  strain  gauges  on  the  spring  (Boles  and  Schlafli  [1984]).  The 
electromagnetic  system  can  exert  a  limited  force  on  the  blade.  The  blade  vibration  amplitude  and  phase  angle  are 
therefore  not  rigorously  constant  in  time  and  between  the  blades,  but  subject  to  small  fluctuations  that  depend  on  the 
mechanical  properties  of  the  cascade  (such  as  coupling  between  the  blades)  and  the  vibration  mode  selecfed,  as  well  as 
non  periodic  flow  perturbations  (see  for  example  Schlafli  [1989]). 


Machine  type 

Cascade  1 

Gas  turbine 

Cascade  II 

Steam  turbine 

Cascade  III 

Steam  turbine 

Stagger  angle 

n 

49.0 

56.6 

Blade  chord 

(mm) 

78.5 

74.4 

Profile  thickness/chord  length 

(%) 

10 

17 

Pitch/chord  ratio 

(-) 

0.  72 

0.74 

1.07 

Nominal  upstream  Mach  number  Mi 

(-) 

0.34 

0.  31 

0.40 

Nominal  inlet  flow  angle  (Ji 

n 

10 

-44 

-62 

Nominal  downstream  Mach  number 

(■> 

0.95 

0.90 

1.34 

Nominal  outlet  flow  angle  p2 

n 

-58 

-72 

-71 

Vibration  direction  8 

n 

90 

61 

43 

Vibration  frequency  (1st  bending) 

(Hz) 

210-230 

140-150 

220-230 

Reduced  frequency 

(•) 

0.14-0.21 

0.08-0.13 

0  08-0.17 

Pressure  transducers  on  suction  side 

6 

6 

5 

Pressure  transducers  on  pressure  side 

5 

5 

5 

Table  1:  Cascade  data 


Results  and  discussions 


The  results  presented  have  been  selected  as  representative  tor  the  three  cascades  under  different  steady-state  operating 
conditions.  The  presentation  of  the  results  relies  heavily  on  the  influence  coefficient  concept  as  discussed  by  Bblcs  et  al. 
[1989], 

The  unsteady  force  coefficients  presented  below  are  the  result  ot  a  sum  of  the  unsteady  pressure  coefficients,  weighed 
with  the  blade  surface  element  associated  to  the  particular  pressure.  Obviously,  for  rapidly  chordwise  changing  pressure 
coefficient  amplitudes  and  phase  angles,  the  so  determined  force  coefficient  is  not  very  accurate  tor  the  limited  number  of 
pressures  measured  on  the  blade.  Nevertheless,  it  is  representative  for  the  global  effetes  observed  and  perfectly  suitable 
tor  the  comparison  between  and  classification  of  the  different  experimental  results. 

Cascade  1 

Aerodynamic  damping 

The  aerodynamic  damping  coefficient  as  presented  in  fig  3  resumes  the  unsteady  behaviour  of  cascade  1  as  a  function  of 
the  outlet  flow  velocity.  The  pressure  side  is  stable  for  most  of  the  cases  over  the  entire  interblade  phase  angle  range  with 
a  maximum  stability  in  the  range  o=180°-270°  and  a  minimum  from  o=0°-18'>.  The  damping  coefficient  is  a  smooth  function 
for  some  tests,  but  shows  some  scatter  for  others;  the  origin  ot  this  scatter  is  uncertain.  On  the  suction  side,  the  damping 
curve  is  roughly  sine  wave  shaped,  centered  at  different  Z-ievels  depending  on  the  cutlet  flow  velocity:  For  supersonic  flow 
(Mj,— 1  31 )  it  is  centered  approximately  at  the  stability  limit  resulting  in  an  unstable  interblade  phase  angle  range  200°  <  o 


<  360°.  For  lower  flow  velocities  (M25-I.19,  1.06)  the  damping  curve  is  shitted  towards  more  stable  values  and  the 
unstable  interblade  phase  angle  range  decreases.  For  near-sonic  outlet  flow  however,  a  radical  change  in  the  shape  of 
the  damping  is  observed:  The  suction  side  becomes  unstable  ov“r  the  entire  interbiade  pr.ase  a'gla  range.  I;  becomes 
sufficiently  unstable  indeed  to  outweigh  the  positive  damping  generated  on  the  pressure  side:  the  blade  is 
aerodynamically  unstable  regardless  of  the  interblade  phase  angle.  Examination  of  the  influence  coefficients  below  shows 
that  this  behaviour  is  caused  by  the  normal  shock  on  the  suction  side  itself,  causing  a  single-blade  instability.  The  scatter 
of  the  data  compared  to  the  other  cases  is  larger,  which  is  attributed  to  a  large  random  component  of  the  shock  motion 
superposed  on  the  harmonic  component. 

For  subsonic  outlet  flow  conditions,  the  cascade  behaves  in  a  manner  similar  to  the  supersonic  case:  The  pressure  side  is 
stable  over  the  entire  interblade  phase  angle  range,  and  the  suction  side  shows  an  instability  around  o=-90°.  A  certain 
discrepancy  is  observed  for  two  experiments  at  M2s=0.93,  where  only  the  inlet  flow  angle  and  vibration  frequency  are 
slightly  different  (•:  f=234Hz,  Pi=12°,  *:  f=210  Hz,  31=15°).  In  the  latter  case  a  larger  damping  is  observed.  The  reason  for 
this  is  the  pressure  side  influence  coefficient  phase  angles  for  blade  "0",  which  are  closer  to  <t>p=90°  and  yield  therefore  a 
larger  stability  margin.  On  the  suction  side  differences  in  the  amplitude  and  phase  angles  are  observed  in  the  rear  part  of 
the  profile,  leading  to  the  different  stability.  There  are  no  obvious  reasons  for  these  discrepancies. 

From  the  aerodynamic  damping  curves  the  following  conclusion  can  be  drawn:  the  unsteady  behaviour  of  the  cascade  for 
sub-  and  supersonic  outlet  flow  is,  in  terms  of  aerodynamic  damping,  very  similar;  a  different  behaviour  is  observed  for 
transsonic  flow,  where  the  generalized  instability  of  the  suction  side  over  the  whole  interblade  phase  angle  range  is 
observed. 

Influence  coefficients 

The  differences  related  to  the  outlet  flow  velocity  occur  mainly  on  the  suction  side,  wherefore  pressure  side  data  are  not 
presented  here. 

An  example  for  supersonic  flow  shows  that  the  relevant  interactions  occur  between  blade  "0"  and  "-1"  (fig  4).  At  the  leading 
edge,  an  influence  from  more  distant  blades,  propagating  in  the  upstream  flow,  is  observed.  Towards  the  trailing  edge,  the 
amplitude  of  the  interactions  decreases  rapidly.  An  effect  of  Ihe  impact  of  the  trailing  edge  shock  from  blade  *-1"  on  blade 
"0"  is  observed  at  x/c=0.64  (symbol  For  transsonic  flow,  however  (fig  5),  a  difference  is  observed  towards  the 

trailing  edge:  The  normal  shock  situated  in  the  proximity  of  the  rearmost  pressure  transducer  symbol  generates  a  large 
pressure  amplitude  depending  on  the  vibration  of  the  blade  at  which  it  is  attached,  blade  "0"  (symbol Influences  from 
the  other  blades  are  relatively  small,  but  even  the  *+1"  neighbour  blade  (symbol  "■“)  generates  a  perceptible  effect  near 
the  trailing  edge. 

The  imaginary  part  of  the  “(T-blade  pressure  influence  coefficient  indicates  whether  a  blade  generates  a  exciting  or 
damping  effect  on  itself.  This  eigen-stability  is  summarized  in  Fig  6:  For  super-  and  transsonic  outlet  flow  velocities,  a  small 
unstable  zone  is  observed  between  20%  and  50%  of  the  blade  chord.  It  is  compensated  by  the  stable  zones  near  the 
leading  edge  and  in  the  rear  part  of  the  profile.  In  the  transsonic  case  however,  the  phase  angle  of  the  pressure  induced  by 
the  shock  motion  (symbol V.  rearmost  position)  results  in  an  important  negative  damping:  integration  of  the  local  damping 
coefficients  into  the  self-damping  of  the  entire  profile  yields  a  negative  value;  the  shock  motion  causes  a  single  blade  flutter 
instability,  which  is  independent  of  aeroelastic  coupling  effects.  For  subsonic  flow,  a  behaviour  globally  similar  to  the 
supersonic  case  is  observed,  but  the  data  are  considerably  more  scattered.  It  is  interesting  to  note  that  for  decreasing 
outlet  Mach  number,  the  suction  side  becomes  slightly  unstable. 

Cascade  2 

Aerodynamic  Damping 

The  unsteady  behaviour  of  cascade  2  in  terms  of  aerodynamic  damping  is  summarized  in  Figs  7  and  8.  In  a  similar  manner 
to  cascade  1,  the  pressure  side  is  stable  for  most  of  the  operating  conditions;  in  some  cases  a  slight  instability  occurs  tor 
interblade  phase  angles  close  to  o=0°  On  the  suction  side  however,  a  considerable  influence  of  the  downstream  Mach 
number  is  observed:  For  M2, =1.42,  the  damping  is  a  sine-wave  shaped  curve,  centered  quite  accurately  at  the  stability  limit 
E=0.  For  decreasing  outlet  flow  velocity,  the  damping  curve  conserves  is  sine-wave  shape,  but  is  shifted  towards  positive 
values  .26,  M2,=  1 . 1 3)  as  lor  cascade  l :  This  means  that  the  eigen-stability  of  the  blade  increases  while  the  coupling 
effects  remain  similar.  For  outlet  flow  velocities  close  lo  sonic,  the  damping  curve  is  shifted  towards  negative  values;  at  the 
same  time  the  amplitude  of  the  curve  decreases,  which  indicates  weaker  coupling  effects.  The  mean  value  of  the  curve, 
which  indicates  directly  the  eigen-stability  of  the  blade,  is  negative  for  this  case.  As  shown  by  the  local  eigendampmg 
along  the  blade  chord  in  fig  9a,  this  effect  is  caused  by  the  shock  on  the  suction  side,  much  the  same  way  as  for  cascade  1 
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For  subsonic  outlet  Mach  numbers,  the  pressure  side  damping  in  tig  8  is  the  same  as  tor  supersonic  flow;  differences  are 
noticeable  on  the  suction  side:  For  M2S=0.85,  M2S=0.86  a  "hole"  in  the  damping  coefficient  curve  appears  for  c=54° ,  which 
disappears  ioi  iuyiioi  and  loWei  outlet  flc.v  vdcciVoc.  !t  is  due  to  the  of  the  mcr'  distant  "-2"  and  "-3"  blades  which 
change  in  relative  intensity  and  phase  angle,  resulting  in  different  superposed  global  effects. 

The  influence  of  the  steady  state  flow  conditions  in  the  cascade  on  the  local  etgendamping  on  the  profile  is  shown  in  tig  9, 
The  stabilizing  effects  of  the  shocks  at  M2S=1  42.  M2s=1  13  in  contrast  with  the  destabilizing  effect  of  the  normal  shock  at 
M2s=104  is  clearly  visible. 

Influence  of  the  inlet  flow  angle: 

The  steady  state  inlet  flow  velocity  depends  directly  on  the  flow  angle,  thus  affecting  the  scale  of  the  conventional  unsteady 
pressure  coefficient  definition.  Therefore  an  alternate  form  of  the  unsteady  pressure  coefficient  (Up)  independent  of  the  inlet 
flow  velocity  is  used  to  compare  results  with  different  inlet  flow  angles.  A  difference  of  almost  30°  in  the  in!°t  flow  angle 
influences  the  steady  state  blade  Mach  number  distnbution  (fig  10a)  on  the  first  20%  of  the  blade  chord  on  the  suction  side 
and  on  about  80%  on  the  pressure  side.  The  unsteady  behaviour  however  only  marginally  depends  on  the  inlet  flow  angle 
(fig  10b  and  c).  For  the  close  to  axial  inlet  flow  angle  of  p,=-12°  a  less  smooth  rise  of  the  unsteady  pressure  towards  the 
trailing  edge  is  observed  on  the  pressure  side  than  for  (5i=-45°.  The  phase  angles  show  the  same  trend,  with  a  more 
pronounced  scatter  for  Pi=-45".  On  the  suction  side,  for  the  close  to  axial  flow  the  expansion  at  the  leading  edge  is 
stronger  and  the  unsteady  pressure  amplitude  larger  than  p,  -45°.  as  well  as  the  (for  this  cascade)  typical  drop  of  the 
unsteady  pressure  observed  aft  of  the  throat  location  and  the  chordwise  phase  angle  variation.  In  conclusion,  a  difference 
of  more  than  30°  of  the  inlet  flow  angle  leads  only  to  some  quantitative  discrepancies,  but  not  to  a  qualitatively  different 
behaviour  of  the  cascade.  This  is  to  be  expected,  since  the  steady-state  flow  through  the  cascade  is  almost  the  same. 

Interblade  Channel  effects 

Examination  of  the  pressure  influence  coefficients  shows  also  how  the  important  interactions  are  generated  across  the 
blade  passage.  The  example  in  fig  11  illustrates  this  in  the  following  way:  If  we  imagine  that  only  blade  "62"  is  vibrating, 
then  blade  "B1"  will  see  a  pressure  induced  by  its  pressure  Side  neighbour  "+T,  while  for  blade  "B3"  the  same  blade  "B2" 
will  be  suction  side  neighbour  *-r.  Therefore  the  pressure  side  interblade  channel  is  described  by  the  coefficients  c  p,pS 
(symbol  "■*)  for  the  vibrating  blade  itself  and  c  p,;°  (symbol  "•")  for  its  neighbour  "B3".  The  suction  side  interblade  channel 
is  described  by  the  coefficients  c  p0's0,  (symbol  "x")  for  the  blade  itself  and  c  p,p50  (symbol  "■")  for  blade  "Bl".  It  is  readily 
seen  that  the  suction  side  loads  induced  have  phase  angles  close  to  0°  and  180°  near  the  throat  location  (at  about  30% 
cord),  which  means  that  they  behave  in  an  almost  quasi-steady  manner.  As  regards  the  pressure  side  effects,  a  change  of 
sign  along  the  chord  is  observed:  From  almost  in-phase  at  the  leading  edge,  it  changes  to  opposite-phase  towards  the 
trailing  edge.  Pressure  and  suction  side  pressures  across  the  channel  throat  are  almost  in  opposite  phase  as 
schematically  represented  below. 

Cascade  3 

Cascade  3  is  non-overlapping,  lo  the  difference  of  cascades  1  and  2.  The  inlet  flow  angle  of  the  cascade  has  a  large 
influence  on  the  pressure  side  steady  state  pressure  distribution  on  the  blade  (see  fig  12a).  while  the  suction  side  pressure 
distributions  are  almost  identical  despite  of  a  21°  difference  of  the  inlet  flow  angle,  A  strong  expansion  at  the  leading  edge 
is  followed  by  a  shock  and  recompression  extending  over  more  than  50%  of  the  blade  chord.  This  is  due  to  a  flow 
separation  at  the  leading  edge  for  both  cases.  Schlieren  flow  visualizations  show  a  normal  shock  which  can  be  identified 
from  the  blade  surface  pressures.  The  unsteady  pressure  distributions  (fig  12b)  are  different  in  both  cases  especially  on 
the  suction  side  despite  of  the  similarity  of  the  steady  state  pressures.  On  the  pressure  side,  for  p,=-65°,  the  largest 
unsteady  pressure  is  generated  at  the  leading  edge  and  the  phase  angle  varies  smoothly  from  the  leading  to  the  trailing 
edge.  For  Pi=-44°  the  unsteady  pressure  increases  from  the  leading  edge  to  the  trailing  edge.  The  phase  angle  near  the 
leading  edge  is  in  opposite  phase  with  respect  to  the  former  case,  but  amplitudes  and  phase  angles  tend  to  similar  values 
towards  the  trailing  edge.  On  the  suction  side,  large  discrepancies  are  observed:  Amplitudes  and  phase  angles  differ  much 
in  the  first  half  of  the  profile  and  tend  to  somewhat  similar  values  in  the  aft  pan  of  the  profile.  The  essential  difference  is 
observed  in  the  (modified)  aerodynamic  damping  which  shows  that  the  cascade  is  stable  or  neutral  for  p,=-65°.  but 
unstable  for  pi=-44°  over  the  whole  interblade  phase  angle  range.  As  for  cascades  1  and  2.  the  damping  curve  is  centered 
ai  a  negative  value,  which  means  that  the  suction  side  is  intrinsically  unstable  due  to  single  blade  flutter,  depending  on  the 
inlet  flow  angle. 
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For  subsonic  flow  an  aerodynamic  damping  as  shown  in  fig  13  is  obfained.  The  pressure  side  is  close  to  neutral  over 
almost  the  entire  interblade  phase  angle  range,  whereas  the  suction  side  is  slightly  unstable  between  I80°<o<360°.  On 
the  suciion  side  a  onak  in  the  dampinn  is  observed  for  an  interblade  phase  angle  o=54°  which  is  close  to  the  theoretical 
downstream  resonance  phase  angle.  The  pressure  influence  coefficients  show  that  the  important  interactions  are 
generated  near  the  leading  edge  between  blades  "0"  and  "-1".  both  for  the  pressure  and  suction  side.  Influences  from  the 
other  blades  are  considerably  smaller  with  the  exception  of  blade  "+1”  ,  which  generates  a  noticeable  effect  towards  the 
trailing  edge,  closest  to  the  source  of  the  perturbation. 

Acoustic  resonances 

One  topic  that  still  stirs  controversy  is  the  question  of  the  acoustic  resonances.  The  axial  propagation  conditions  of 
unsteady  perturbations  are  called  "subresonant"  (or  "cut-off")  when  perturbations  decay  axially  and  "superresonant"  (or 
"cut-on')  when  perturbations  propagate  undamped.  The  limit  between  the  two  cases  is  called  the  "acoustic  resonance"  and 
corresponds  to  perturbations  propagating  undamped  circumferentially.  In  theoretical  predictions,  the  resonance  results  in 
a  discontinuity  of  e.g.  the  unsteady  blade  load  as  a  function  of  the  interblade  phase  angle  (see  for  example  |Verdon. 
1987]).  Resonance  effects  have  been  experimentally  observed  in  a  test  rig  with  long  ducts  [Smith,  1972],  but  none  of  the 
experimental  results  from  oscillating  cascades  to  the  authors'  knowledge  exhibits  evidence  of  these  resonance  effects. 

In  the  expenments  presented  above,  the  axial  length  of  undisturbed  flow  is  relatively  short  (in  the  order  of  6  to  8  blade 
chords  downstream,  3  blade  chords  upstream).  This  may  be  too  small  for  a  reliably  perceptible  resonance  eH9ct  to 
develop,  and  the  possibility  of  reflections  from  up-  and  downstream  is  uncertain.  However,  this  corresponds  more  to  the 
real  operating  conditions  of  a  turbine  than  infinite  undisturbed  up-  and  downstream  flow.  On  the  other  hand,  theoretical 
predictions  for  cascade  2  show  a  very  narrow  interblade  phase  angle  region  where  definite  resonance  effects  would  occur, 
and  their  detection  would  probably  be  difficult  >n  the  cascade  experiment. 


Conclusions 


The  unsteady  behaviour  of  different  types  of  turbine  cascades  have  been  investigated  in  an  annular  cascade  test  facility. 
The  investigations  concentrated  on  the  influence  of  the  interblade  phase  angle  for  the  unsteady  parameters  and  the  outlet 
flow  velocity  for  the  steady  state  flow,  the  effect  of  the  inlet  flow  angle  being  studied  only  briefly  and  partly 

The  following  conclusions  are  drawn  from  the  experiments: 

•  For  all  cascades  the  relevant  interactions  are  observed  between  direct  neighbour  blades  Their  most  important 
intensity  is  localized  in  the  overlapping  pari  of  the  cascade  (where  present),  in  the  "Interblade  duct".  Influences  from  more 
distant  blades  have  to  propagate  in  the  up-  and  downstream  flow  field  and  are  considerably  weaker. 

•  For  supersonic  flow,  the  oblique  shock  waves  in  the  cascade  flow  have  a  stabilizing  influence,  which  is  more  or  less 
pronounced  according  to  the  flow  velocity  and  the  cascade  geometry. 

•  For  transsonic  outlet  flow  conditions  an  instability  appears  (which  may  depend  on  the  inlet  flow  angle),  which  is 
caused  by  the  normal  shock  on  the  suction  side  of  the  profile  of  turbine  blades.  The  inherent  instability  of  a  normal  shock 
acts  with  a  positive  feedback  on  the  blade  vibration  and  presents  a  single-blade  flutter  mechanism:  It  Is  independent  of  the 
vibration  of  neighbour  blades  and  cannot  be  fought  by  measures  such  as  mistuning  of  the  blade  now.  This  phenomenon  is 
to  be  expected  on  compressor  blades  also. 

•  The  inlet  flow  angle  has  little  influence  on  the  unsteady  behaviour  of  overlapping  turbine  cascades  with  well  defined 
interblade  channels.  It  has  a  large  influence  on  cascades  with  tip-section  profiles,  which  may  be  stable  for  small  and 
unstable  for  large  incidence  flow  angles. 
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Fig.  1:  Schematic  view  ot  the  annular  test  facility  at  the  EPF-Lausanne. 
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C;  Cascade  3:  Steam  turDine  cascade,  tip  section 


Fig.  2:  Cascade  geometries  and  locations  of  pressure  transducers 

Pressure  side  Suction  side 


Fig.  3: 


Cascade  I:  Aerodynamic  Damping  coefficients  for  various  outet  flow  velocities 
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Fig  4:  Cascade  1:  Pressure  influence  coefficients  (suction  side)  for  supersonic  outlet  flow  (0i=  14s.  M?s=  L 19) 

with  corresponding  steady  state  Mach  number  distribution  on  the  profile 


tic  x/c 

Fig  5:  Cascade  1:  Pressure  influence  coefficients  (suction  side)  for  transsonic  outlet  flew  (pi =15°.  M?s=  1.0) 

with  corresponding  steady  state  Mach  number  distribution  on  the  profile 
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Fig  6:  Cascade  1 :  Local  eigendampmg  as  a  function  of  outlet  flow  velocity 


Fig  11: 


Cascade  2:  Interblade  channel  etlects  across  cascade  throat  (between 
pressure  transducers  D5  and  S2)  lor  subsonic  How  (M?,.0  82) 
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EXPERIMENTAL  INVESTIGATION  OP  THE  INFLUENCE  OP  ROTOR  WAKES  ON  THE 
DEVELOPMENT  OP  THE  PROFILE  BOUNDARY  LAYER  AND  THE  PERFORMANCE 
OF  AN  ANNULAR  COMPRESSOR  CASCADE 
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SUMMARY 

The  development  of  the  profile  boundary  layers,  particularly  the  locii  of  transition 
and  separation,  largely  depend  on  the  turbulence  level  of  the  free-stream  and  the  wake 
flow  effects. 

For  comparison,  a  detailed  survey  of  the  profile  boundary  layers  in  an  annular  compres¬ 
sor  cascade  has  been  carried  out  first  at  a  steady,  uniform  incoming  flow  and  secondly 
with  a  rotor  upstream.  The  rotor  incorporates  cylindrical  spokes  causing  periodic  wakes 
and  thus  a  higher  overall  turbulence  level  of  the  flow.  Its  impact  on  the  profile 
boundary  layer  history  and  the  performance  of  the  compressor  cascade  will  be  discussed. 


NOMENCLATURE 


BPf  blade  passing  frequency 

c  blade  chord 

C  absolute  flow  velocity 

Cp  pressure  coefficient 

Cp  =  (P.„c-P...)/(Pt2-P„..) 

E  rate  of  heat  transfer 

ET  end  of  transition 

F  f  ree-st  ream 

i  incidence 

H  blade  height 

L  blade  surface  length 

LSB  laminar  separation  bubble 

Ma  Mach  number 

P  pressure 

PS  pressure  side 

r  radius 

rM  leading  edge  radius 

r„  trailing  edge  radius 

Re*a  non  steady  Reynolds  number 

s  blade  spacing 

S  center  of  gravity 

SS  suction  side 

ST  start  of  transition 

t  blade  thickness 

T  blade  passing  period 

TS  location  of  turbulent  boundary 

layer  separation 

Tu  turbulence  level  Tu  =  CRMB/C 

U  rotational  velocity 


U  anemometer  output  voltage 

Do  anemometer  output  voltage 

at  zero  flow 

W  relative  velocity 

W  wake 

x  axial  direction 

y  circumferential  direction 

?.  spanwise  direction 

a  flow  angle  measured  from 

axial  direction 

d  boundary  layer  thickness 

momentum  thickness 
d 


0 


e  turning  ang 1 e 

\  stagger  angle 

p  density 

t  shear  stress 

<3  circumferentially  mass- 

averaged  loss  coefficient 
w  -  (Pi »-P, » ) /(P, ,-P, ) 

Q  vort  vc  i  ty 


Subscripts 

0  design  flow  angle 

2  upstream  of  the  cascade 

3  downstream  of  the  cascade 

loc  local 

•  blade  midspan  height 

RMS  root  mean  square 

s  static 

sec  secondary 

t  total 

w  blade  surface 

w  wake 

m  f  ree-st  ream 


Supe  rsc  r  i p  t  s 

(  )  ma s s -ave raged 

(ci rcumferent ial > 

(  )  t  i  oie-ave  raged 

<")  averaged  over  the  entire 

passage 

(~ )  periodical  fluctuation 
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1)  INTRODUCTION 

The  recent  trend  towards  closer  blade  row  spacing  in  turbomachinery,  especially  in 
aircraft  engines,  amplifies  the  considerable  unsteadiness  in  the  flow  field.  Most  of 
the  present  analysis  and  design  of  aircraft  engines  are  based  on  steady  aerodynamics, 
even  though  it  is  known  that  the  close  proximity  of  rotating  and  stationary  blade  rows 
and  the  resulting  unsteady  flow  can  have  a  profound  effect  upon  the  performance  of 
turbomachines  (Hodson  / 1 / ) . 

The  unsteady  flow  associated  with  blade  row  interaction  has  a  major  influence  on  blade 
boundary  layers,  transition,  turbulence  intensities,  corner  separation,  blade  pressures 
and  the  performance  of  a  blade  row.  The  most  significant  effect  is  thought  to  be  the 
periodic  forcing  of  the  transition  of  the  blade  surface  boundary  layers  and  the 
influence  this  has  upon  the  aerodynamic  and  thermodynamic  performance  of  the  blade  row 
(references  /1,2,3/).  The  presence  of  the  wake  above  the  blade  surfaces  causes  the 
formation  of  a  turbulent  patch  within  an  otherwise  laminar  boundary  layer.  The  leading 
edge  of  this  patch  travels  with  the  leading  edge  of  the  wake  at  approximately  the  free- 
stream  velocity.  The  rear  of  the  patch  travels  more  slowly,  at  a  rate  which  is  more 
typical  of  that  observed  at  the  rear  of  turbulent  spots  formed  by  natural  transition 
(Pfeil  et  al.  121).  Due  to  the  differing  leading  and  trailing  velocities,  the  patches 
merge  and  form  a  turbulent  boundary  layer.  It  was  found  that  while  the  turbulence  in 
the  wake  always  provokes  an  earlier  start  of  transition,  the  transition  tength  might 
increase  due  to  becalmed  regions  in  between  wakes  where  no  turbulent  spot  can  arise 
(Pfeil  et  al.  121).  Hence,  depending  on  wake  spacing,  the  transition  process  might  be 
completed  downstream  or  ahead  of  the  would-be  position  of  the  end  of  natural  tran¬ 
sition,  and  up  to  now  little  is  known  about  the  transition  behaviour  on  compressor 
blades  in  rotating  machines. 

The  performance  of  a  turbomachine  is  governed  to  a  large  extent  by  the  boundary  layers 
developing  in  a  blade  row,  and  the  influence  of  unsteady  flow  upon  performance  is  still 
not  understood,  especially  at  off-design  operation  and  at  low  aspect  ratio  bladings, 
where  three-dimensional  effects  and  corner  separation  might  influence  the  blade 
boundary  layer  even  at  midspan  (Schulz  and  Callus  /A/).  The  present  paper  is  concerned 
with  the  mechanism  and  relevance  of  wake  interactions  in  an  annular  compressor  cascade. 
It  describes  an  investigation  of  the  blade  boundary  layers  and  the  performance  of  the 
cascade  at  steady  incoming  flow  and  in  the  presence  of  rotor-stator  interaction.  A 
simple  configuration  was  chosen  to  generate  viscous  wake  interaction  with  negligible 
potential  flow  interaction.  A  rotating  row  of  cylinders  was  placed  upstream  of  the 
cascade,  and  measurements  were  taken  at  almost  identical  inlet  incidence  and  other 
inflow  conditions  as  those  in  the  steady  case  (with  the  rotor  being  removed).  Data  is 
aquired  at  four  different  incidences  and  only  representative  results  are  given  in  this 
paper . 


2  >  EXPERIMENTAL  DETAILS 

Research  Test  Rig  and  Inlet  Conditions 

The  experiments  were  performed  in  the  annular  cascade  shown  in  Fig.  1.  A  tnrbocom- 
pressor  set  provides  a  continuous  airflow  to  the  test  rig.  The  swirl  angle  of  the  flow 
is  varied  by  means  of  48  adjustable  inlet  guide  vanes  MOV  (Si).  Angular  momentum  is 
conserved  while  the  flow  passes  through  a  channel  contraction  to  level  out  the  wakes  of 
the  IGV.  The  test  cascade  (8)  consists  of  24  untwisted  blades,  mounted  on  the  hub  (tip 
clearance  0.8  percent  of  blade  height),  with  a  hub  to  tip  ratio  of  0.7S  and  a  tip 
diameter  of  428  mm.  The  aspect  ratio  is  0.86  and  the  solidity  al  midspan  is  0.78.  The 
blade  profiles  are  radially  stacked  at  their  center  of  gravity  and  the  blade  metal 
angles  at  inlet  and  exit  are  44*  and  IS* ,  respectively  (measured  from  axial);  other 
geometrical  parameters  are  shown  in  Fig.  2. 

Two  sets  of  tests  have  been  performed.  One  with  a  steady  and  uniform  incoming  flow, 
where  the  rotor  (labeled  (7)  in  Fig.  1)  has  been  ie moved.  In  the  other  set  of  measure¬ 
ments,  rotor-stator  viscous  wake  interaction  was  generated  by  a  rotor  with  cylinders 
(simulating  blades)  located  at  S7  percent  of  chord  or  7  diameters  of  the  cylinder 
upstream  of  the  cascade.  The  rotor  incorporates  24  rods  with  a  diameter  of  S.)  mm.  The 
rotational  speed  was  kept  constant  for  all  investigations  at  1000  Ri’M.  Fig.  2  shows 
the  ge  "etry  of  the  cascade.  Ml  dimensions  are  in  millimeters  and  the  velocity 
triangle  is  drawn  for  an  inlet  angle  of  a3  48.2*.  Rotating  cylinders  were  chosen  to 
achieve  nearly  identical  inlet  conditions  as  those  in  the  rase  without  in  tor.  at 
constant  rotational  speed  of  the  rotor  but  different  inlet  angles.  This  could  not  have 
been  achieved  with  »  rotor  incorporating  blades. 

Thp  inlet  angle  and  velocity  distribution  are  shown  in  Fig.  3.  These  were  taken  at  S 
percent  chord  upstream.  The  points  of  operation  are  identified  by  the  time  averaged  yaw 
angle  measured  at  midspan.  The  incidence  angle  is  almost  identical  for  both  cases, 
with  and  without  rotor.  Even  though  the  velocity  profile  differs  slightly  on  the  hub 
wall,  the  boundary  layer  thirkness  is  almost  identical  in  both  rases,  as  shown  in 
Fig.  4.  The  phase-lock  averaged  velocity  at  - asrade  inlet  has  been  measured  with  a  hot¬ 
wire  probe.  Fig.  S  shows  the  variation  of  the  total  velocity,  the  turbulence  intensity 
and  the  incidence  variation  with  time  in  the  absolute  frame  <>f  inference  for  an  inlet 
angle  of  a,  49.2*  at  midspan.  Also  indicated  is  t he  time  averaged  incidence  angle  i. 
Velocity  defects  AC/C  of  IS  percent  and  incidence  changes  from  Ai  -2*  to  Ai  *8* 
were  observed  at  o3  49.2*.  The  maximum  turbulence  intensity  (  inside  the  wake)  was 
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13  percent  and  the  mean  turbulence  intensity  was  7  percent,  which  is  ouch  higher 
compared  to  1.2  percent  turbulence  intensity  measured  in  the  no-rotor  case. 


Measurement  Techniques 

Flow  Visualization.  The  flows  on  the  blade  and  hub  surface  have  been  visualized 
Using  dye  injection,  oil  film  and  titanium-dioxide.  Dye  injection  and  oil  film  tech¬ 
niques  have  been  described  in  detail  by  Schulz  and  Callus  / 4/.  All  flow  visualization 
studies  have  been  filmed  in  motion  with  a  video  camera  equipment. 

Five-Hole  Probe  Measurements.  Detailed  radial  and  circumferential  measurements  were 
carried  out  with  a  five-hole  probe  at  the  cascade  exit  plane  (35  percent  of  chord 
downstream  of  the  blade  trailing  edge).  The  probe  head  diameter  is  2.6  mm  and  the 
uncertainty  of  the  measurements  was  about  +  2  percent  in  Cp-values  and  +  I  degree  in 
flow  angle.  Due  to  the  high  flow  angle  variation  in  the  exit  plane  (plane  3),  here  the 
probe  had  to  be  yawed  at  every  measuring  position.  Measurements  were  taken  at  22  radial 
and  21  circumferential  positions.  A  description  of  thp  probe  and  its  calibration  is 
given  by  Bohn  and  Simon  / 5 / . 

Surface  Mounted  Hot-Film  Anemometers.  The  development  of  the  stator  suction  and 
pressure  surface  boundary  layers  was  investigated  using  an  array  of  DANTEC  surface 
mounted  constant  temperature  hot-film  anemometers.  Since  the  blades  of  the  compressor 
cascade  are  untwisted,  the  multi  element  gauge  was  mounted  on  an  elongated  blade,  which 
can  be  traversed  radially  to  move  the  sensors  to  different  spanwise  positions.  There 
are  21  sensors  placed  along  the  blade  suction  side  and  14  along  the  pressure  side 
(Fig.  6)  . 

The  similarity  between  the  velocity  and  temperature  profiles,  the  latter  generated  by 
the  hot-film  anemometer,  leads  to  a  relationship  between  the  rate  of  heat  transfer  to 
the  fluid  (E)  and  the  wall  shear  stress  of  the  form 

Ea  -  A-4  -  k  awJ  J  ( l  ) 

where  the  constant  A  represents  the  heat  lost  to  the  substrate  / 6 / .  Since  the  calibra¬ 
tion  of  an  array  would  have  been  both  difficult  and  extremely  time  consuming,  it  was 
decided  to  adopt  a  similar  procedure  to  that  described  in  reference  /7/.  It  is  assumed 
that  the  constant  A  in  the  above  equation  can  be  approximated  by  the  bridge  voltage 
measured  under  zero  flow  conditions  U0 .  Furthermore,  reducing  the  data  to  the  form  of 
(H*/U0*-l)  should  suppress  the  effects  of  different  values  of  the  constant  of  propor¬ 
tionality  k,  given  the  assurapt ion  that  the  rates  of  heat  transfer  to  the  air  and 
substrate  are  similar  functions  of  the  same  variables.  In  practice,  a  further  simpli¬ 
fication  was  introduced  whereby  the  data  acquired  were  in  the  form  of  voltages. 

Hot-Wire  Measurement s.  The  suction  side  boundary  layers  have  been  measured  using  a 
hot-wire  probe.  Since  the  boundary  layers  are  very  thin,  only  a  single  wire  probe  could 
be  used.  Thus  the  probe  an  only  sense  the  value  of  the  total  velocity,  and  the  flow 
direction  could  not  be  determined.  The  hot  wire  probe  incorporates  an  additional  prong 
which  causes  the  traversing  unit  to  stop  if  the  prong  touches  the  blade,  thus  posi¬ 
tioning  the  probe  at  exactly  0.15  mm  away  from  the  surface.  As  described  in  more  detail 
by  Schulz  and  Callus  / A / ,  care  has  to  be  exercised  in  obtaining  accurate  data  from  a 
hot-wire  probe  in  a  highly  turbulent  flow.  In  general,  the  time  averaged  flow  velocity 
will  be  measured  too  high  and  the  velocity  fluctuation  too  small,  if  the  local  turbu¬ 
lence  level  exceeds  30  percent  (Dengel  and  Vagi  / 8/).  This  is  particularly  valid  for 
separated  flows  in  the  presence  of  backflow  vents.  Hence  measurements  in  these  regions 
should  be  viewed  as  qualitative.  When  turbulence  level  is  below  20  percent  and  the 
radial  velocity  is  small  (like  in  the  midspan  region  of  the  passage).  the  error  in 
total  velocity  is  about  ♦  2  percent. 

Da t  a  Analysis  a nd_ P r occss i ng 

The  use  of  phase-lock  averaging  to  profess  periodic  data  out  of  raw  signals  obtained  in 
rotating  machinery  is  a  well  established  technique  requiring  little  further  expla¬ 
nation.  The  data  from  the  high  response  hot-film  and  hot-wire  anemometers  were  acquired 
and  recorded  in  digital  form  via  an  ana  I og -d  i  g  i  t a  1  converter  with  a  sampling  rate  of 
80  kHz.  The  system  was  operated  in  the  external  trigger  mode  so  that  data  could  be 
synchronized  with  the  rotor.  Two  hundred  samples  were  taken  along  one  cylinder  passage 
and  averaged  128  times  (N  128).  Also  real  lime  data  were  stored  to  derive  turbulent 
quantities  ( RMS - va I ues ) .  All  data  were  processed  to  physical  units  after  the  tests. 


The  ensemble  averaged 
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where  U  is  a  function  of  x/c  and  represents  instantaneous  values,  phase-locked  to  a 
constant  angular  position  (t/T)  of  the  rotor.  The  analog  digital  converter  used  has  a 
12  bit  resolution.  The  accuracy  in  conversion  therefore  is  0.024  percent  of  the 
measured  value.  Lakshmi na rayana  and  Poncet  /9/  derived  a  relation  for  the  random  error 
occurring  in  an  ensemble  averaging  data  reduction  process,  which  includes  the  turbu¬ 
lence  intensity  and  the  number  of  ensemble  averages  ( N )  .  The  error  in  the  present  tests 
is  estimated  to  be  1.4  percent  in  mean  pressure  and  in  mean  velocity  data. 


3)  RESULTS  AND  DISCUSSTnN 
Surface  Flow  Visualization 

The  oil  film  method  has  been  applied  to  the  blade  suction  surface  to  detect  regions  of 
separated  flow  qualitatively.  A  comparison  of  the  surface  flow  on  the  blade  suction 
side  with  and  without  the  rotor  is  shown  in  Fig.  7  for  all  incidences  under  investi¬ 
gation. 

Three  major  changes  can  be  observed.  First,  the  three-dimensional  laminar  separation 
bubble  ( LSB ) ,  found  in  the  case  without  the  rotor,  disappears  at  all  incidences  at  the 
suction  and  the  pressure  side  (not  shown  here).  Because  of  its  elimination,  the  flow 
along  the  blade  becomes  more  two-dimensional  upstream  of  the  turbulent  separation  in 
the  rotor  case.  Secondly,  the  regions  of  turbulent  separated  flow  in  the  vicinity  of 
the  end  walls  decrease  in  the  rotor  case,  especially  at  smaller  inlet  angles  (or  blade 
loading).  Third,  the  midspan  boundary  layer  seems  to  separate  earlier  at  the  trailing 
edge  in  the  rotor  case. 

The  disappearance  of  the  laminar  separation  bubble  with  free-stream  turbulence  levels 
higher  than  3  percent  has  also  been  observed  by  Hoheisel  and  Kiock  / 1 0 /  in  turbine 
cascades.  In  their  investigation  the  location  of  boundary  layer  transition  was  weakly 
dependent  on  the  turbulence  level,  even  though  prediction  of  Dunham  711/  showed  a  much 
higher  influence. 

Walker  / 1 2 /  points  out  that  the  periodic  disturbances,  arising  from  the  passage  of 
rotor  wakes  have  a  major  influence  on  the  transition  process,  but  they  will  only  have 
an  effect  on  the  location  of  the  transition  point  when  their  scale  is  large  compared 
with  the  boundary  layer  instability  length  or  if  their  amplitude  is  high.  However,  an 
earlier  transition  of  the  suction  surface  boundary  layer  due  to  the  rotor  wakes  would 
account  for  the  here  observed  turbulent  separation  of  the  boundary  layer  near  midspan. 
The  effect  the  rotor  wakes  have  on  the  transition  process  will  be  discussed  in  more 
detail  with  the  results  from  the  hot-film  measurements. 

Fig.  8  shows  streamlines  at  the  hub  and  the  blade  suction  side,  with  and  without  rotor, 
at  a2  *  44.2".  It  can  be  seen  that  due  to  the  presence  of  the  rotor,  not  only  on  the 
blade  but  even  more  significantly  on  the  wall,  the  separated  region  is  reduced.  This 
might  partly  result  from  the  different  hub  boundary  layers  at  the  cascade  inlet  (Fig. 

4) .  The  well  known  formula  given  by  Squire  and  Winter  713/  may  be  applied  for  dis¬ 
cussion  . 


Q,.e  -  -2e3C / 3  z  (6) 

Since  for  the  rotor  case  3C/3z  is  smaller  inside  the  hub  boundary  layer  but  larger 
right  at  the  wall,  the  secondary  flow  could  be  different  with  respect  to  the  no-rotor 
case.  This  would  influence  the  migration  of  low  momentum  fluid  towards  the  hub  suction 
side  corner  region  and  hence  Che  corner  separation.  Since  Fig.  8  shows  no  evidence  of 
diminished  secondary  flow  on  the  hub,  it  is  felt  that  the  flow  oscillation  and  the 
increase  in  turbulence  level  due  to  the  rotor  are  responsible  for  the  reduced  corner 
stall. 

Measurements  by  Takei  and  Hasuda  714/  in  a  two-dimensional  diffuser  revealed  that  an 
enforced  velocity  oscillation  significantly  reduces  the  extent  of  a  separated  region. 
The  oscillation  enhances  the  formation  of  vortical  structures  in  the  separated  shear 
layer  and  thus  reenergizes  the  retarded  flow  near  the  wall.  In  their  investigation 
Takei  and  Masuda  could  relate  the  reduction  in  separated  flow  directly  to  the  amplitude 
of  the  velocity  fluctuation. 

It  has  been  observed  by  Castro  and  Haque  /IS/  that  an  increase  in  free-stream  turbu¬ 
lence  level  has  a  favourite  effect  on  a  turbulent  boundary  layer,  which  is  close  to 
separation.  The  high  free-stream  turbulence  causes  more  random  fluctuation  and  hence 
more  entrainment  at  the  edge  of  the  boundary  layer.  This  does  increase  the  wall  shear 
stress  and  postpones  the  separation. 

It  is  not  clear  from  the  experiments  described  in  this  paper  if  the  higher  random  or 
the  periodic  fluctuations  of  the  flow  is  responsible  for  the  decrease  in  corner  stall. 
It  is  intended  to  repeat  these  tests  without  rotor  but  with  grids  giving  the  same  mean 
free-stream  turbulence  as  the  rotor  (about  7  percent  (compare  Fig.  )  )  . 

Determination  of  the  Blade  Boundary  Layer  Transition  Behaviour 

Hot-Film  Measurements  at  Steady  Incoming  Flow.  Fig.  9  shows  the  normalized  random 
fluctuation  of  the  surface  mounted  hot-films  versus  chord  and  inlet  angle  for  the  no- 
rotor  case.  Indicated  with  a  bar  is  the  laminar  separation  bubble  (LSB)  found  in  the 
oil  flow  visualization  (Fig.  7).  The  location  of  the  bubble  corresponds  with  a  sharp 
increase  in  random  fluctuation.  This  is  due  to  the  high  turbulent  spot  production  rate 
inside  the  laminar  separation  bubble,  where  the  flow  undergoes  transition  and  then 
reattaches  turbulent  downstream. 

This  can  be  seen  more  clearly  from  the  real-time  traces  shown  in  Fig.  10.  The  left  hand 
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side  set  of  traces  is  taken  at  an  inlet  angle  of  o2  =  44.2*  on  the  blade  suction  side. 
At  x/L  =  0.295  the  trace  shows  spikes  arising  from  turbulent  spots  in  an  otherwise 
laminar  boundary  layer.  These  spots  coalesce  and  at  x/L  =  0.432  the  signal  reveals  the 
high  random  fluctuation  of  an  intermittant  boundary  layer.  This  corresponds  with  the 
local  peak  in  the  RMS-dis t r ibut ion  in  Fig.  9.  At  x/L  --  0.523  the  boundary  layer  is 
already  reattached  and  nearly  fully  turbulent,  but  still  showing  some  downwards  spikes 
indicating  laminar  inte rmi t t ancy .  At  x/L  -  0.614  the  transition  process  is  completed 
and  the  flow  fully  turbulent.  Further  downstream  the  turbulence  level  increases  again 
(Fig.  9),  which  is  due  to  the  development  of  the  turbulent  boundary  layer  under  an 
adverse  pressure  gradient.  When  the  flow  commences  turbulent  detachment  at  the  trailing 
edge  (compare  Fig.  7),  the  RMS-values  exceed  the  ones  found  inside  the  laminar  separa¬ 
tion  bubble,  but  the  point  where  the  flow  leaves  the  blade  surface  cannot  be  identified 
clearly. 

On  the  blade  suction  side  the  laminar  separation  bubble  and  hence  the  transition  region 
moves  upstream  with  increasing  inlet  angle  (Figs.  7  and  9).  This  is  brought  about  by 
the  increased  loading  and  the  earlier  onset  of  diffusion  at  higher  angles  of  attack. 

At  steady  incoming  flow  the  effect  of  incidence  upon  the  transition  process  on  a  blade 
row  is  primarily  related  to  the  extent  to  which  the  velocity  (or  pressure)  distribution 
is  modified  by  a  change  of  incidence.  Fig.  11  presents  predicted  midspan  Mach  number 
distributions,  obtained  using  the  method  of  Lucking  /16/,  for  a  range  of  angles  of 
attack.  Even  though  this  inviscid  calculation  does  not  take  into  account  the  blockage 
caused  by  the  separated  corner  regions,  it  does  predict  the  loading  of  the  suction 
surface  and  the  unloading  of  the  pressure  surface  boundary  layer  with  increasing  inlet 
ang 1 e . 

On  the  pressure  surface  the  laminar  reparation  bubble  moves  downstream  with  increased 
loading,  and  at  inlet  angles  above  49*  it  disappears  (Fig.  7).  The  hot  film  measure¬ 
ments  though  show,  that  the  pressure  surface  boundary  layer  undergoes  natural  tran¬ 
sition,  which  is  clear  from  the  local  maximum  in  the  RMS-dist r i but i on  (Fig.  9>  and  the 
real-time  traces  (Fig.  10,  right  hand  side  column).  Due  to  limitation  of  the  multi 
sensor  probe  the  last  hot-film  sensor  on  the  pressure  side  is  mounted  at  x/l.  0.667, 
and  it  can  be  seen  that  the  boundary  layer  is  still  kept  transitional  at  this  location 
by  the  moderate  diffusion  of  the  flow  at  these  incidences  (Fig.  11). 

Hot-Film  Measurements  with  Cylinder  Rotor.  The  oscillation  of  a  flow  and  its  turbu¬ 
lence  level  have  a  significant  effect  on  the  transition  process  of  the  blade  boundary 
layers.  In  oscillating  flow,  the  manner  in  which  transition  occured  was  found  to  depend 
on  the  value  of  the  ’’non  steady  Reynolds  number"  (Miller  and  Fejer  / 1 7  /  ) 

Re„»  *  L  AU/2xv  (7) 

in  which  the  characteristic  length.  I.  2 *  U0/w,  is  the  distance  traveled  by  a  fluid 
particle  in  the  free-stream  during  one  cycle  of  the  imposed  oscillation,  and  the 
characteristic  velocity  AU  ,  is  the  amplitude  of  the  oscillation.  When  ReN3  exceeds  a 
certain  value,  transition  begins  with  turbulent  bursts  appearing  periodically  at  the 
frequency  of  the  free-stream  oscillation.  For  zero  pressure  gradient  this  value  is 
about  26.000,  but  Walker  / 1 2 /  observed  that  in  adverse  pressure  gradient  ReMB..rlt  can 
be  as  low  as  1000.  In  the  experiments  described  in  this  paper,  the  value  ot  RoNS  was 
about  6.600,  and  the  turbulent  bursts  where  exspected  to  occur  periodically  with  blade 
passing  frequency  (BPf). 

Fig.  12  presents  real-time  traces  of  the  hot-film  signals  along  the  blade  suction 
surface  at  an  inlet  angle  of  oa  -  44.2*.  Also  shown  are  the  RMS-valuos  and  the  Op- 
distribution  versus  chord.  At  the  leading  edge  (x/L  -  0.023)  the  lower  wall  shear 
stress  caused  by  the  velocity  deficit  in  the  cylinder  wake  is  clearly  visible,  but 
already  at  x/L  =  0.114  one  can  see  turbulent  spikes  occuring  with  BPf.  The  sequence  of 
the  real  time  traces  in  Fig.  12  is  very  much  alike  the  one  of  the  transitional  boundary 
layer  shown  in  Fig.  10,  except  that  the  turbulent  spikes  do  not  appear  randomly  but 
with  BPf.  Beyond  x/L  =  0.705  there  is  no  periodicity  recognizable,  but  only  random 
fluctuations,  which  are  much  higher  than  those  without  rotor  (compare  Fig,  10). 

The  ensemble  averaged  signals  'n  Fig.  13  give  valueable  information  about  the  physical 
phenomena  occuring  in  the  transient  suction  surface  boundary  layer.  The  normalized 
difference  in  voltage  if  -  U  is  a  measure  for  the  periodical  and  Ua,MS  for  the  random 
fluctuation  of  the  wall  shear  stress  time  averaged  at  a  particularly  rotor  position.  As 
already  discussed  in  Fig.  12,  the  velocity  defect  inside  the  cylinder  wakes  (W)  cause  a 
lower  wall  shear  stress  at  the  leading  edge  (x/L  =  0.023).  The  random  fluctuation 
(Ohms)  of  the  wall  shear  stress  are  high  when  a  rotor  wake  is  passing  due  to  turbulent 
velocities  inside  the  wakes.  They  are  nearly  zero  in  the  free-stream  between  two  wakes 
(P),  an  indication  of  an  otherwise  laminar  boundary  layer  at  the  leading  edge. 

At  x/L  =  0.114  the  trace  of  the  periodic  fluctuation  seems  to  be  inverted  compared  to 
the  one  at  the  leading  edge.  Turbulent  spot  production  underneath  the  wake  gives  rise 
to  higher  wall  shear  stresses  when  a  rotor  wake  is  passing  and  hence  an  increase  in  l) . 
Since  there  is  a  large  content  of  randomness  in  this  process,  is  also  high  at 
these  time  intervals  (W).  The  near-zero  values  of  the  RMS-traces  indicate  the  extent 
(in  time)  of  the  quiescent  state. 

Turbulence  and  intermittancy  grow  as  the  turbulent  patches  move  downstream  (x/L  - 
0.205).  As  the  flow  develops  further  on  the  suction  surface,  natural  transition  accurs 
in  the  free-stream  between  two  wakes  (F),  so  that  at  38.6  percent  chord,  the  RMS-values 
no  longer  approach  zero  for  any  part  of  the  wake  passing  cycle,  and  the  periodic 
variation  of  the  ensembled  signal  shows  large  fluctuation. 

At  x/L  =  0.477  transition  is  nearly  completed  underneath  the  wake  (W),  but  in  the  free- 
stream  (P)  the  flow  is  still  in  a  transient  state,  and  i nt e rm i t t an t 1 y  occuring  laminar 
flow  causes  a  drop  in  U.  In  a  transitional  boundary  layer  the  change  of  state  results 
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in  a  change  of  heat  transfer  rate  from  the  hot-film  which  is  much  greater  than  the 
fluctuations  observed  in  turbulent  boundary  layers.  This  is  made  clear  by  the  RNS-value 
distribution  at  this  location,  which  also  reveals  that  the  laminar  flow  must  occur 
randomly  at  these  time  intervals. 

At  70.5  percent  chord  the  transition  process  is  completed  and  for  a.m.  reasons  the  mean 
RMS-values  and  the  periodic  fluctuation  are  much  less  than  in  the  transient  boundary 
layer . 

By  evaluating  the  hot-film  traces  along  the  blade  suction  and  pressure  side  in  the 
above  described  manner,  the  start  and  the  end  of  the  transition  process  could  be 
determined  for  all  points  of  operation  under  investigation,  i.e.  for  different  blade 
loadings.  Fig.  14  presents  a  summary  of  all  boundary  layer  investigations  described  in 
this  paper. 

In  the  case  without  rotor  the  transition  process  occurs  via  a  laminar  separation  buhble 
(LSB)  which  moves  upstream  on  the  blade  suction  side  and  downstream  on  the  pressure 
side  with  increasing  inlet  angle.  At  higher  loading  the  pressure  surface  boundary  layer 
undergoes  natural  transition  due  to  the  nearly  constant  static  pressures  at  these 
points  of  operation  (Fig.  II). 

With  rotor,  the  laminar  separation  bubble  disappears  and  transition  starts  (ST)  shortly 
downstream  the  leading  edge  nearly  independent  of  blade  loading.  Turbulent  spots  are 
produced  underneath  the  wake  forcing  the  boundary  layer  to  commence  transition  ahead  of 
the  location  seen  in  the  steady  case.  The  transition  length  though  differs  on  the  blade 
suction  and  pressure  side  due  to  different  local  pressure  gradients  and  wake  decay.  The 
transition  length  on  the  suction  side  is  greater,  and  the  end  of  transition  (FT)  is 
further  downstream  than  in  the  steady  case.  This  is  brought  about  by  becalmed  regions 
in  between  wakes  (Pfeil  et  al .  / 2 / >  and  the  stabilization  of  the  flow  which  occurs 
during  the  accelerating  phase  of  the  velocity  fluctuation  caused  by  the  rotor  wake 
passage.  This  has  also  been  observed  by  Walker  / 1 2 / . 

In  an  extensive  investigation  of  the  unsteady  pressure-  and  flow  field  along  the  blade 
surface  (Schulz  et  al.  II 9/),  it  was  found  that  on  the  pressure  surface  the  wakes  decay 
much  more  rapid  than  on  the  suction  surface.  Hence  this  stabilizing  effect  is  reduced, 
and  on  the  pressure  surface  the  transition  process  is  completed  ahead  of  the  position 
in  the  steady  case. 

The  location  where  turbulent  '-eparalicn  CT  S )  occurs  on  the  blade  surtaces  has  been 
determined  by  the  results  from  the  surface  mounted  hot-films,  the  flow  visualization 
and  the  hot  wire  measurements  described  in  the  next  section.  No  turbulent  separation 
occurs  on  the  blade  pressure  surface  at  any  loading  and  in  neither  case  with  and 
without  rotor.  At  steauy  incoming  flow  the  suction  surface  boundary  layer  at  midspan 
commences  turbulent  separation  at  the  trailing  edge  for  inlet  angles  dj  greater  than 
49*.  This  is  brought  about  by  the  hub  corner  stall  which  extends  up  to  and  even  beyond 
midspan  at  these  blade  loadings  (Fig.  7). 

With  rotor,  turbulent  separation  was  found  at  the  trailing  edge  at  all  incidences 
(Fig.  7).  This  is  a  result  of  the  early  transition  and  the  subsequent  development  of 
the  turbulent  boundary  layer.  Even  though  the  high  free-stream  turbulence  in  the 
presence  of  the  rotor  has  a  favourable  effect  on  boundary  layers  near  separation,  the 
reattached  turbulent  boundary  layer  in  the  steady  case  can  withstand  the  adverse 
pressure  gradient  more  successfully.  The  effect  of  the  hub  corner  "MU,  however 
reduced,  is  felt  at  the  high  inlet  angles  also  in  the  case  with  rotor  (Fig.  14). 

Predictions  of  the  blade  surface  boundary  layer  development  have  been  made  using  an 
integral  method  described  by  Truckenbrodt  /  20/  and  Srholz  /  2 1  /  .  Criteria  by  Dunham  Ml/ 
and  Scholz  12 1/  are  used  to  predict  boundary  layei  transition  and  turbulent  separation, 
respectively.  The  Mach  number  distribution  from  the  iuviscid  flow  calculation  (Fig.  Ill 
and  the  measured  static  pressure  distribution  were  used  is  input  data.  The  predicted 
locations  of  transition  (dashed  and  dotted  lines)  and  turbulent  eparation  (dashed 
lines)  are  indicated  in  Fig.  14.  For  the  no-rotor  case  the  code  gives  an  accurate 
prediction  of  the  location  of  transition  and  the  transition  behaviour  (laminar  sepa¬ 
ration  bubble)  on  the  blade  surfaces.  When  using  the  calculated  Mach  number  distri¬ 
bution  as  input,  it  also  predicts  turbulent  separation,  however  too  far  upstream  for 
aa  <  49*  and  too  far  downstream  for  aa  >  49*.  It  should  be  noied  that  the  boundary 
layer  equations,  because  there  is  no  upstream  influence,  tend  to  predict  early  separa¬ 
tion  in  regions  of  very  rapid  diffusion.  It  also  cannot  account  for  t hr  three-dimen¬ 
sional  effects  which  occur  at  the  high  inlet  angles. 

In  the  rotor  case  the  predicted  location  of  turbulent  separation  remains  unchanged 
since  the  criterion  / 21/  does  not  account  for  different  turbulence  level.  The  criteria 
for  boundary  layer  transition  / 1 1 /  however  does,  and  the  predicted  location  moves 
upstream.  This  criteria  is  based  upon  correlations  of  steady  Mow  effects.  However, 
given  that  it  is  the  turbulence  in  the  wakes  which  appears  to  cause  transition,  the  use 
of  steady  flow  correlations  might  be  justified. 


Hot -W i re  Measurements 


The  passage  flow  as  well  as  the  blade  boundary  layers  have  been  measured  using  a  single 
wire  hot-wire  probe.  Hot-wire  anemometry  is  a  well  known  technique  to  survey  boundary 
has  been  established  /7/  that  it  can  detect  separated  flow  as  well  as 
transition  reliably.  The  boundary  layer  measurements  have  been  reported 
in  earlier  papers,  i.e.  for  the  steady  rase  (Schulz  and  Callus  MM  and 
case  references  /IS/  and  /19/.  The  development  of  the  midspan  momentum 
thickness  da  along  the  blade  suction  surface  for  both  the  inlor  and  the  no-rotor  case 
are  compared  in  Fig.  15.  At  the  first  40  percent  of  chord  the  boundary  layer  is  very 
thin  and  accurate  measurements  are  difficult.  The  hump  between  40  percent  and  45 
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percent  of  chord,  due  to  the  laminar  separation  bubble  in  the  steady  case,  has  dis- 
appealed  in  the  presence  of  ihe  rotor.  At  about  75  percent  of  chord,  the  subsequent 
development  of  the  turbulent  boundary  layer  after  the  early  start  of  transition  with 
rotor  results  in  a  higher  momentum  thickness.  It  is  assumed  that  this  will  give  higher 
profile  losses  despite  the  disappearance  of  the  laminar  separation  bubble. 

Loss  Measurements 


While  the  previously  discussed  measurements  were  mainly  concerned  with  the  development 
of  the  midspan  boundary  layer,  the  loss  measurements  consider  profile  and  endwall 
losses.  Emphasis  is  placed  upon  to  evaluate  the  effects,  rotor-stator  interactions  have 
upon  the  overall  performance  of  a  compressor  blade  row.  To  achieve  this  objective, 
detailed  flow  field  measurements  in  the  exit  plane  of  the  cascade  with  pneumatic  five- 
hole  probes  have  been  performed.  Contour  plots  of  the  total  pressure  loss  at  the 
cascade  exit  plane  are  shown  in  Fig.  16.  The  loss  coefficient  is  defined  as  the 
difference  between  the  local  stagnation  pressure  and  the  inlet  stagnation  pressure  at 
midspan,  normalized  by  the  midspan  dynamic  head  at  inlet.  The  contour  plots  taken  in 
the  presence  of  the  rotor  are  compared  with  measurements  at  steady  incoming  flow.  Due 
to  the  rotor,  there  is  a  slight  positive  total  pressure  gradient  towards  the  casing  at 
the  cascade  inlet.  The  region  of  zero  loss,  therefore,  seems  to  be  more  confined  in  the 
upper  part  of  the  passage. 


Several  observations  can  be  made  by  comparing  the  loss  contours  for  the  two  cases  shown 
in  Fig.  16:  The  flow  field  near  the  tip,  including  separation  and  tip  clearance  flow, 
remains  nearly  unchanged.  The  maximum  losses  as  well  as  the  extent  of  losses  in  the 
hub-blade  suction  side  corner  are  reduced  for  the  rotor  case.  As  observed  in  the  flow 
visualization  (Fig.  7  and  Fig.  8),  the  corner  separation  is  reduced  due  to  ro tor-stator 
interaction  effects,  i  .  e .  flow  oscillation  and  high  f rep-stream  turbulence  level,  and 
this  has  a  major  effect  on  the  loss  development  along  the  hub  endwall.  The  blade  w.»Ke 
is  m«ire  distinguishable  in  the  case  with  rotor.  As  already  discussed  in  Fig.  15,  the 
early  onset  of  transition  and  the  subsequent  development  of  the  turbulent  boundary 
layer  produces  higher  momentum  thicknesses  at  the  blade  trailing  edge.  This  has  a  major 
effect  on  the  profile  losses  which  increase  despite  the  d  isappt  a  i  ai.-i.  of  the  laminar 
separation  bubble. 

The  variation  of  the  mass-averaged  loss  coefficient  at  midspan  and  the  overall  loss 
coefficient  with  incidence  are  shown  i  rt  Pig.  17.  As  ex sported  the  raidspan  losses 
increase  in  the  presence  of  the  rotor,  except  at  the  high  loading  where  the  hi  K  corner 
stall  extends  beyond  midspan.  This  increase  is  about  30  percent,  which  is  in  agreement 
with  investigations  by  Zil'berman  et  al  .  127.1,  Cyrus  7  21/  and  Evans  >2  W.  The  over  ill 

losses  (O)  decrease  as  much  as  40  percent  due  to  the  decreased  hub  corner  stall,  except 
at  the  negative  incidence,  where  the  separation  is  small  fur  both  cases  'Fig.  71. 
Higher  profile  losses  and  lower  endwatt  losses  result  in  nearly  the  same  values  of  TJ  as 
in  the  case  without  rotor.  These  results  suggest  that  rotor-stator  interaction  can  he 
henificial  for  the  overall  performance  of  a  compressor  blade  row,  but  this  depends  on 
blade  loading  and  blade  aspect  ratio.  While  in  high  pressure  stages  the  endwall  losses 
govern  most.  of  the  los^  production,  the  number  one  loss  source 
profile  losses.  Rotor-stator  interaction,  therefore,  might  general*! 
high  pressure  and  low  pressure  stages. 


in  front  stages  are 
opposite  effects  in 


4  )  CONCLUSIONS 

The  influence  of  r o t o r -s t a t o r  interaction  on  I  he  development  of  The  blade  suila-e 
boundary  layers,  endwall  corner  scpai at  inn  and  on  the  losses  of  an  annular  compressor 
cascade  have  been  evaluated. 

At  all  ingles  of  attack  under  investigation,  the  laminar  separation  hobbles  observed  at 
steady  and  uniform  incoming  flow  have  disappear'd  due  to  the  piesrnee  of  the  rotor. 
This  results  in  decreased  three-dimensionality  iii  the  flow  field  on  the  blade  upstream 
of  turbulent  so pa  rat  ion. 

The  formation  of  turbulent  spots  underneath  a  rotor  wake  force  transition  to  start 
periodically  upstream  of  the  location  it  was  observed  at  steady  incoming  flow.  The 
subsequent  development  of  the  turbulent  boundary  layer  results  in  higher  momentum 
thicknesses  at  the  trailing  edge. 

The  transition  length  is  a  function  of  Made  passing  frequency,  turbulence  level,  local 
pressure  gradient  and  wake  depth.  The  tunr.it  urn  length  increases  on  the  suet  inn  side, 
compared  with  the  steady  case,  due  to  the  stabilisation  of  the  flow,  which  omits 
during  the  ar  re  I  p  r  a  t  i  ng  phase  of  the  velocity  f  lot  trial  im;  caused  by  the  rotor  wake 
passage.  In  the  rotor  rasp,  the  end  of  transition  was  therefore  found  further  down- 
stream  even  though  the  onset  of  transition  has  moved  towards  the  leading  edge.  On  the 
pressure  surface  the  wakes  de» ay  mm  h  more  rapid  than  on  the  suction  surface,  and  this 
s  t  ah  i  I  i  /■  i  rig  effect  is  reduced.  In  the  p  resent  e  of  the  rotor,  t  hr  transition  process  on 
the  pressure  surface  starts  and  is  also  inmpleted  ahead  of  I  no  positions  found  in  t hr 
s  t  e  I  y  case. 

W»th  t  h<'  rotor  upstream,  the  huh  corner  ••tall  and  hence  the  losses  near  the  hub  hive 
s  i  gu  i  f  i »  ant  1  y  decreased.  This  is  mostly  due  to  the  wakes  and  the  high  turbulence  level 
and  partly  due  to  the  absence  of  the  laminar  'ep.ir.it  urn  bubble,  ft  is  not  caused  by  the 
■  hang*  m  i  he  huh  wall  boundary  layer  a>  t  hi  r,v>f  adr  inlet  since  the  flow  visual  t  Mt  tiui 
on  the  hub  dors  not  show  any  r hinge  in  secondary  flow,  which  might  influence  the 
separated  region. 

Fven  though  the  losses  at  midspan  increase  up  to  30  percent  due  to  the  early  onset  of 
transition  and  the  unsteady  boundary  layer,  [  !>•  >ivn  ,ii  i  losses  r  u  i  the  entire  pas  s  a "  *» 
decrease  b  v  nearly  'i0  percent  'depending  on  i  nr  i  dene  e  1  .  This  is  primarily  caused  by 


decreased  corner  separation.  The  profile  losses  increase  and  the  endwall  losses 
decrease.  Therefore  blade  loading  and  blade  aspect  ratio  are  important  parameters  when 
evaluating  the  effect  of  rotor-stator  interaction. 
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7)  FIGURES 
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DISCUSSION 


F.Leboeuf,  Ecole  Centrals  de  Lyon,  France 

Hoh  does  the  velocity  angle  change  in  the  vicinity  of  the  hub,  in  presence  of  a  rotor  and  how 
could  the  decrease  of  the  corner  stall  be  connected  to  the  increase  of  upstreaa  secondary  vorticity. 

Author's  response 

This  is  a  very  crucial  question,  and  as  being  pointed  out  in  the  paper,  an  enorwous  effort  was 
put  into  trying  to  establish  the  saae  inlet  conditions  Kith  and  without  a  rotor  upstreaa  of  the  test 
section.  As  shown  on  fig  3  and  fig  4,  this  has  been  achieved  to  a  very  reasonable  degree  of  accuracy. 
The  inlet  boundary  layer  thickness  is  the  saae  in  both  cases,  and  the  slight  difference  in  boundary 
layer  profile  are  confined  to  the  region  close  to  the  hub. 

These  differences,  though,  do  not  have  any  effect  on  the  secondary  flow  inside  the  passage 
(as  shown  on  fig  8  of  the  paper)  and  therefore  it  is  felt  that  the  decrease  in  corner  stall  can  be 
directly  related  to  the  increase  of  turbulence  level  and  the  flow  oscillation  induced  by  the  rotor  . 


J.Chauvin  -  LEMFI,  France 

Using  the  author's  experimental  data  that  were  coaaurricated  in  advance,  a  3-D  steady  flow 
nethod  has  been  used  for  the  study  of  the  eid-span  region.  Qualitatively,  the  disappearance  of  the 
laainar  bubble  and  the  increase  of  the  turbulent  separation  zone  was  shown  by  these  calculations. Using 
inforaation  froa  unsteady  flat  plate  aeasureaents  (Michel,  ONERA, France)  the  aodification  of  the 
transition  zone  on  the  suction  side  of  the  blades  could  also  been  explained. 

Author’s  response 

It  is  very  encouraging  that  these  experiaental  data  have  been  coapared  to  the  results  of  a 
nuaerical  code.  It  is  also  very  encouraging  that  the  code  shows  the  saae  trends.  In  order  to  give 
additional  input  to  aodeling  transition  in  the  presence  of  wakes,  the  data  will  be  analyzed  in  even  wore 
detail. 


S.C.P.Cook  -  Rolls-Royce,  Derby,  U.K. 

Regarding  the  hot  file  sensor  results,  was  any  atteapt  wade  to  analyse  the  data  in  the 
frequency  dowain? 

Author' 5  response  ! 

This  analysis  was  wade,  the  results  are  on  file  and  available  to  everyone  who  is  interested  in 
it,  although  these  results  are  not  published. 

Fast  Fourier  transformation  was  applied  to  the  hot-file  signals  and  the  blade  passing 
frequency  as  well  as  the  Tolleien-Schlichting  instabilities,  inherent  to  the  flow,  could  be  traced. 
Analysis  of  the  data  is  not  finished  yet  and  some  wore  work  will  be  done  with  respect  to  the  physical 
reasoning  of  the  prolongated  transition  region  on  the  suction  side  of  the  blades,  in  the  case  with 
rotor. 
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ABSTRACT 

A  new  method  for  obtaining  detailed  unsteady  pressure  measurements  in  a  rotating  turbine  stage  is 
described.  The  novelty  of  the  technique  is  based  on  the  use  of  miniature  semiconductor  pressure 
sensors  attached  directly  to  the  surface  where  the  measurement  is  required,  permitting  simultaneously 
a  high  surface  density  of  instrumentation  together  with  a  high  frequency  response. 

In  reviewing  typical  semi-conductor  transducer  behaviour,  attention  is  drawn  to  some  of  the  traditional 
constraints  encountered  with  these  devices.  In  describing  the  development  of  the  new  technologs 
employed  here,  the  methods  used  to  circumvent  these  traditional  constraints  are  outlined. 


I.  INTRODUCTION  AND  BACKGROUND 


In  the  continuing  strive  towards  obtaining  experimental  data  at  conditions  resembling  as  closely  as 
possible  those  found  In  the  high  pressure  turbine  section  of  modern  gas  turbines,  there  is  a 
corresponding  need  to  increase  the  sophistication  of  the  enabling  instrumentation  In  the  area  of  heat 
transfer  and  pressure  field  measurement,  there  is  currently  great  interest  in  fully  three  dimensional 
rotating  unsteady  experiments  conducted  at  engine  values  of  the  relevant  important  non-dimensional 
groups.  Globally,  and  currently,  there  are  three  research  groups  conducting  transient  experiments 
capable  of  these  measurements:  those  at  Calspan  (Dunn  et  al  (1. 2.3. 4]),  those  at  MIT  (Epstein  Guenette 
et  al  15.6,7]),  and  those  in  Oxford  (Ainsworth  et  al  (8,9)).  It  is  in  relation  to  the  latter  experiments 
that  the  developments  in  unsteady  pressure  measurement  described  in  this  paper  are  apposite. 


Here,  the  aim  of  the  experiment  is  to  further  the  understanding  of  the  physics  of  the  flow  in  a  three 
dimensional  geometry  under  rotating  conditions,  as  well  as  providing  highly  detailed  heat  transfer  and 
pressure  field  information  for  comparison  with  CFD  calculations  of  the  flow  (so  called  code  validation). 
The  choice  of  blade  profile  In  this  project  has  the  advantage  of  allowing  comparison  with  the  earlier 
two  dimensional  unsteady  data  of  Doorly  [10,11,12.131.  being  the  three  dimensional  blade  profile  from 
which  this  profile  was  defined  (at  mid-height)  In  addition,  considerable  further  aerodynamic  studies 
have  been  conducted  on  it  In  two  dimensional  cascade  1141.  In  Doorly's  work,  the  unsteady  nature  of 
the  nozzle  guide  vane  wake  rotor  blade  interaction  was  represented  by  using  a  rotating  bar  wake 
generator  ahead  of  a  cascade  of  stationary  rotor  blades.  A  major  aim  of  the  Oxford  rotor  experiment 
will  be  to  investigate  the  validity  of  the  two  dimensional  bar  wake  unsteady  simulation,  in  determining 
behaviour  in  an  essentially  three  dimensional  environment 


The  conditions  and  mode  of  operation  of  the  new  rotor  facility  are  of  paramount  importance  in 
discussing  the  high  surface  density  -  high  frequency  response  pressure  sensors  which  have  been 
developed.  In  essence  C 8J  an  lsentropic  Light  Piston  tunnel  (Figure  1)  is  used  to  compress  air.  to 
a  pre-determined  pressure  and  temperature  level.  Prior  to  this  compression  process,  the  rotating 
turbine  assembly  (Figure  2)  is  accelerated  from  rest  to  a  speed  of  (>000  r.p.m.  using  an  air  motor,  and 
at  the  selected  instant,  the  compressed  air  is  allowed  to  pass  through  the  turbine,  further  accelerating 
it  through  the  design  point  (table  1),  to  an  ultimate  speed  of  4000  r.p.m.  (see  Figure  3).  An  important 
feature  of  the  experiment  is  to  acquire  data  at  the  correct'  incidence,  and  within  a  tolerance  of  i°  of 
incidence,  nozzle  guide  vane-rotor  blade  events  may  be  captured  at  a  sampling  rate  of  200  kHz.  in  the 
time  available  with  4-Kbytes  of  memory  per  channel. In  terms  of  static  pressure  field  instrumentation  on 
the  rotor  blades  themselves,  the  project  called  for  one  hundred  measurement  sensors  to  be  mounted  in 
as  high  a  spatial  density  as  possible,  and  capable  of  producing  accurate  data  under  the  conditions  of 
operation.  The  device  chosen  in  this  application  was  the  piezo-resistive  semi-conductor  pressure  sensor, 
a  sensor  well  capable  of  meeting  frequency  response  and  with  the  newly  developed  technology,  spatial 
density  targets,  but  traditionally  exhibiting  some  disadvantages  too.  These  considerations  are  discussed 
in  the  next  section. 


2.  PROPOSED  INSTRUMENTATION 


2.1  Method  of  Implementation 


The  project  started  by  identifying  an  available  commercial  transducer  which  came  closest  to  meeting 
the  specifications  in  terms  of  size,  construction,  frequency  response, and  base-strain  sensitivity.  This 
was  found  to  be  the  Kulite  LQ-047  microline  flat  pack  series  transducer,  specifically  designed  for 
turbine  blade  mounting,  in  terms  of  thin  section  (0.635mm),  low  sensitivity  to  radial  acceleration 
(.00004  XFS/g  for  a  25psi  transducer  >  and  high  frequency  response  0200  kHz).  It  was  subsequently 
realised  that  if  the  semi-conductor  chip  itself  could  be  mounted  directly  onto  the  blade  surface  itself, 
with  no  accompanying  mounting  shim  and  minature  printed  circuit  board  for  lead-outs,  a  considerable 
increase  in  sensor  surface  density  could  be  achieved,  and  transducers  could  be  mounted  in  thinner 
sections  of  the  blade. 

The  proposed  method  was  as  Follows: 

Pockets  for  the  sensor  were  firstly  machined  in  a  bare  turbine  blade,  and  the  blade  was  subsequently 
coated  with  a  vitreous  enamel.  The  F300  Agemaspark  spark  erosion  machine  was  capable  of  eroding 
holes  as  small  as  75pm  with  an  accuracy  of  reproduction  of  up  to  ♦  10pm  depending  on  the  range 
selected  and  a  best  surface  finish  of  0.3pm.  The  enamel  coaling  was  applied  as  a  \isrous  liquid  slip 
(frit  materials  plus  mill  additions),  ground  to  a  specific  fineness  and  suspended  in  water.  The  coating 
was  approximately  50pm  thick  and  was  dried  in  a  warm  cabinet  to  120°C  for  30  minutes.  After  drying 
the  coating  was  fired  at  940°0  for  15  minutes  followed  by  air  drying  Application  of  the  wiring  and  a 
second  coating  of  enamel  followed.  Finally  the  leads  were  exposed  and  the  sensors  were  installed  and 
connected  by  Kulite  (Figure  4). 

In  looking  at  a  physical  and  an  electrical  model  of  the  sensor  (Figure  5).  the  sensing  element  itself  is 
constructed  by  firstly  micro-machining  grooves  into  a  125pm  thick  silicon  diaphragm  and  attaching  it  to 
a  strain  isolating  pillar,  with  a  vacuum  filled  cavity  between  the  active  part  of  the  diaphragm  and  the 
pillar.  P  type  piezo-resistive  elements  are  formed  over  the  grooves  by  diffusing  an  impurity  element 
into  the  silicon  through  a  photolithographic  mask.  All  materials  exhibit  a  piezo-resistive  effect,  a 
change  in  electrical  resistivity  with  applied  stress,  and  in  a  semi-conductor  this  effect  can  be  very 
large.  For  a  semi-conductor  the  resistivity  pis  inversely  proportional  to  the  product  of  the  number  of 
charge  charries  N,  and  their  average  mobility  pave,  p  =  l/(e  The  effect  of  an  applied  stress  is 

to  change  both  the  number  of  carriers  and  their  average  mobility.  Subsequently,  as  pressure  is  applied, 
the  thinnest  part  of  the  diaphragm  deflects  (where  the  piezo-resistive  elements  are  located),  and  by 
connecting  the  resistors  in  a  Wheatstone  bridge  network,  the  change  in  balance  of  the  bridge  due  to 
change  in  values  of  the  resistors  can  be  monitored  as  a  changing  output  voltage  when  a  constant 
excitation  voltage  is  applied. 

This  is  the  basis  of  operation,  but  there  are  a  few  more  sophisticated  features  which  have  to  come  in 
to  play  to  make  a  semi-conductor  sensor  an  accurate  transducer  for  aerodynamic  purposes.  The 
resistances  are  arranged  on  the  diaphragm  such  that  on  each  half  of  the  bridge,  one  gauge  is  in 
tension  and  the  other  in  compression  as  the  diaphragm  deflects,  maintaining  a  linear  output  from  the 
sensor  over  a  wide  range  of  deflections.  A  major  constraint  in  operation  would  lie  in  the  temperature 
sensitive  nature  of  the  piezo-resistive  elements,  If  nothing  were  done  about  it  For  a  semiconductor 
device,  each  resistive  element  can  be  considered  to  have  a  TCR  I temperature  coefficient  of  resistance) 
and  a  TCGF  (temperature  coefficient  of  gauge  factor)  If  no  temperature  effects  were  present,  one 


would  expect  a  certain  change  In  electrical  output  for  a  given  pressure  change  (the  gauge  factor  being 
change  in  resitance  per  mechanical  strain).  However,  with  the  temperature  effects  indicated  above 
occurring,  not  only  will  the  balance  point  of  the  bridge  shift  with  temperature  but  the  overall  gauge 
sensitivity  will  change  too.  This  is  normally  compensated  for  by  the  addition  of  a  span  and  null  shift 
compensating  resistors  (Figure  6)  but  in  the  case  of  the  new  'chip-on'  technology  outlined  here,  this 
would  add  a  lot  of  external  components  and  an  alterative  means  of  compensation  was  sought.  It  was 
realised  that  by  measuring  bridge  output  voltage  and  bridge  current  consumed  as  both  functions  of 
temperature  and  pressure,  the  gauge  TCRs  and  TCGFs  could  be  established.  Subsequently  with  the 
sensor  in  use.  by  monitoring  both  current  input  and  voltage  output,  the  transducer  output  could  be 
software  corrected  to  allow  for  any  temperature  sensitive  effects 

There  was  some  choice  of  available  semi-conductor  sensors  from  Kulite,  ranging  from  under  1mm 
square  to  1.5mm  square.  Ultimately  the  chosen  element  (Figure  7)  was  1.2mm  square. 

2.2  Mechanical  ConatralnU 

A  primary  consideration  in  determining  whether  the  proposed  method  of  mounting  bare  chips  directly 
onto  a  turbine  blade  would  work  or  not  lay  in  checking  the  retention  of  the  aerodynamic  profile  of  the 
blade  when  the  vitreous  enamel  was  applied.  In  fact,  this  was  found  to  be  good  (Figure  8).  After 
installation  of  the  pressure  sensor,  the  blade  profile  was  restored  by  adding  a  layer  of  a  silastomer 
over  the  chip  surface,  producing  a  surface  flush  with  the  rest  of  the  blade  Any  deleterious  effects  on 
transducer  frequency  response  would  have  to  be  evaluated  (section  3.3  ).  Additional  mechanical 
constraints  lay  in  the  level  of  centrifugal  acceleration  which  would  be  experienced  by  the  sensor 
diaphragm  which  was  calculated  as  20000g  at  8400  r.p.m  (tangential  acceleration  was  negligible  in 
comparison),  and  the  level  of  stress  in  the  blade,  resulting  in  base  strain  on  the  sensor  base.  As  part 
of  his  research  programme  on  the  mechanical  design  of  the  Oxford  rotor  facility,  Sheard  MSI  conducted 
a  finite  element  analysis  of  the  blade  at  design  condit  >ns  (Figure  9)  and  calculated  that  the  levels  of 
base  strain  would  be  of  order  200  pt  at  the  blade  mid-height  section. 


2.3  Programme  of  Teatlny 

Whilst  the  initial  examination  of  the  proposed  technique  looked  promising,  it  had  high-lighted  the  need 
for  an  experimental  programme  of  work  to  investigate  the  operating  envelope  under  which  this 
technology  could  be  used.  Specifically,  the  effects  of  base  strain  sensitivity,  centrifugal  acceleration  or 
g  sensitivity,  frequency  response,  temperature  sensitivity  and  calibration  stability  were  all  phenomena  to 
be  investigated.  The  results  shown  below  are  the  first  preliminary  results  to  be  given. 


3.  SEMI-CONDUCTOR  TRANSDUCER  PERFORMANCE 

The  test  programme  consisted  of  four  main  experiments  conducted  in  separate  facilities  using  specially 
constructed  test  specimens.  The  first  experiment  made  use  of  a  purpose  built  calibration  facility  in 
which  all  the  specimens  could  be  tested.  One  such  specimen  (Figure  10)  was  built  for  base  strain 
sensitivity  calibration  in  a  tensile  testing  machine,  with  10  transducers  of  three  differing  types  attached 
Twelve  other  sensors  were  mounted  on  three  separate  discs  for  g  sensitivity  tests  in  a  spinning  rig.  A 
number  of  specimens,  such  as  the  one  shown  in  Figure  11,  were  constructed  for  work  on  wiring 
location,  insulation  and  the  chip  mounting  technique.  Further  specimens  were  aimed  at  experiments 
conducted  in  a  shock  tube  to  determine  the  frequency  response  of  the  sensors  and  any  degrading 
effects  of  adding  silastomers  over  the  diaphragm  surface.  The  four  main  experiments  and  associated 
facilities  are  outlined  below, 


3.1  Calibration 

3.1.1  Aim  The  aim  of  the  calibration  tests  is  to  characterize  the  temperature  response  of  the  transducer 
in  a  form  which  will  allow  active  temperature  compensation  during  the  digital  processing  of  pressure 
measurement  results.  If  the  pressure  response  of  the  transducer  is  linear,  with  a  unique  slope  and 

intercept  at  each  temperature,  its  temperature  response  will  be  fully  described  by  the  temperature 

sensitivity  of  these  two  variables.  The  sensitivity  of  the  slope  is  known  as  Span  Sensitivity  or 

sometimes  as  the  Temperature  Coefficient  of  Gauge  Factor  and  the  sensitivity  of  the  intercept  is 

known  as  the  Null  Shift.  An  accurate  measurement  of  the  transducer's  bridge  temperature  will  also  be 
required  for  the  active  compensation  technique.  This  can  be  done  by  measuring  the  voltage  drop  across 
a  sense  resistor  in  series  with  the  bridge.  The  temperature  sensitivity  of  this  sense  resistor  voltage 
drop  is  a  measure  of  the  Temperature  Coefficient  of  Resistance  (T.C.R.)  of  the  chip. 
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3.1.2.  Calibration  Facility  A  computer  controlled  calibration  facility  was  constructed  to  permit  precision 
testing  of  the  transducers  over  a  wide  range  of  pressures  and  temperatures  (Figure  12L  The  heart  of 
the  rig,  lay  in  the  use  of  a  Druck  DPI  501  digital  pressure  controller  linked  to  a  pressure  vessel  inside 
an  environmental  chamber.  The  DPI  501  .  controlled  by  an  IBM  PC  AT  through  an  IEEE  interface,  could 
control  pressure  to  an  accuracy  of  ♦.007%  FS .  the  sensing  element  being  a  large  vibrating  cylinder 
pressure  transducer  manufactured  by  Schlumberger.  The  environmental  chamber  (Unilab  Thermoduct )  is 
also  controlled  by  a  digital  interface,  and  can  cycle  between  -  70°  C  and  ♦  250^  C.  Up  to  ten 

transducers  at  a  time  can  be  mounted  in  the  test  chamber  and  their  outputs  monitored  on  HP  3478A 
digital  voltmeters,  again  capable  of  being  controlled  and  read  down  the  IEEE  interface. 

The  procedure  used  in  obtaining  the  three  required  calibration  results  outlined  above  ma>  be  illustrated 
by  following  the  calibration  of  a  sample  transducer.  The  voltage  drop  across  the  sense  resistor 

(VMnse)  and  the  transducer  output  voltage  (Vout)  were  measured  over  the  transducer's  rated  pressure 
range  (0  to  FSD)  over  a  range  of  temperatures  from  -50  °  C  to  100°C.  The  transducer  wa.»  stabilized  at 
each  temperature  and  then  calibrated  over  a  minimum  of  two  cycles,  from  0  to  FSD  and  back,  with  at 
least  6  pressures  between.  At  each  pressure,  6  measurements  were  taken  at  30  second  intervals  to 
check  that  the  voltages  were  stable.  A  plot  of  the  calibration  of  the  sample  transducer  is  given  in 
Figure  13a  showing  the  output  voltage  over  a  pressure  range  for  a  number  of  temperatures.  A  similar 
plot  for  the  calibration  of  the  transducer's  sense  resistor  voltsge  (Vsense)  is  given  in  Figure  13b. 

3.1.3  Vsense  It  can  be  seen  from  Figure  14b  that  Vsense  is  relatively  insensitive  to  pressure.  Hence  an 
average  value  may  be  calculated  at  each  temperature.  A  plot  of  this  is  given  in  Figure  14  and  by  using 
a  least  squares  line  fit  the  intercept  yvs  and  slope  |3VS  may  be  determined.  From  these  measurements 
the  TCR  may  be  calculated  using  the  equation: 

T.C.R.  *  -Vin  gvs  Rs  *  100  % 

*^vs  Rbr 

where  Vjn  is  the  10V  input  voltage,  Rs  the  value  of  the  sensing  resistor  and  RbR  the  •‘csistaiice 

accross  the  transducer  at  a  reference  temperature,  nominally  15°C  Fo  *■*»'  transducer  under 

consideration  ,  the  T.C.R.  was  calculated  as  17.8  %/!00°C  and  most  of  the  transducers  measured  showed 
T.C.Rs  of  this  order.  The  linearity  of  the  Vsense  plot  and  its  insensitivity  to  pressure  changes  show 
that  the  measurement  of  the  voltage  across  a  sense  resistor  is  a  feasible  way  of  recording  bridge 
temperature. 

3.1.4  Span  Sensitivity.  The  span  sensitivity  may  be  expressed  as  a  change  in  the  Full  Scale  Deflection 

with  temperature  i.e..  %  FSD/100°C  ,  with  15°C  again  being  the  reference  temperature.  The  use  of  a 
sense  resistor  with  a  transducer  powered  by  a  constant  voltage  source  will  reduce  the  span  sensitivity 
of  the  transducer  providing  its  T.C.R.  is  less  than  Its  initial  span  sensitivity  [|6],  The  sense  resistor 
acts  as  a  voltage  divider,  increasing  the  bridge  voltage  as  the  bridge  resistance  increases  with 

temperature,  compensating  for  the  decreasing  span  sensitivity.  With  the  transducers  tested  a  sense 
resistor  which  matched  the  bridge  resistance  was  found  to  give  good  results  Any  temperature 

sensitivity  still  remaining  in  the  span  may  then  be  removed  in  the  active  compensation.  For  the  sample 
transducer,  the  compensation  sensitivity  was  -6.8  %FSD/100°C  (Figure  IS).  The  line  fit  gives  reasonable 
correlation  and  a  parabolic  fit  would  give  even  better  results  in  the  software  compensation,  removing 
most  of  the  systematic  temperature  sensitivity. 

3.1.5  Null  Shift  The  sense  resistor  has  no  passive  compensating  effect  on  the  null  shift  and  rather  than 
introducing  further  parallel  resistors  ,  active  software  compensation  was  chosen  The  plot  of  null  shift 
with  temperature  for  the  sample  transducer  is  given  in  Figure  li>  The  linearity  of  the  plot  shows  that 
the  null  shift  should  be  easily  compensated. 

3.2  Base  Strain  Sensitivity 

The  tensile  specimen  was  constructed  using  the  same  technique  that  was  to  be  applied  to  the  blades 

The  specimen  was  manufactured  from  Inco  718.  machined  with  pockets  to  take  the  transducers  and 

coated  with  vitreous  enamel  in  the  usual  way  The  specimen  was  mounted  in  a  Instron  tensile  testing 
machine  and  tested  to  a  base  strain  of  800  p£  with  200  pf  being  the  expected  strain  level  on  the 
blade  midheight  section  at  design  rotational  speed  (Section  2.2).  A  plot  of  the  tensile  test  results  for 
one  chip,  aligned  In  the  tensile  specimen  with  its  strain  sensitive  element?-  parallel  to  the  load  giving 
a  worst  case  result,  is  shown  in  Figure  17.  Two  load  cycles  were  performed  with  the  specimen  being 
reversed  in  the  clamps  for  the  second  cycle  to  cancel  any  bending  moment  introduced  by  misalignment 
of  the  grips.  The  has#*  strain  sensitivity  calculated  from  this  plot  is  -.00104  XFS/pe  . 

3.3  Frequency  Response 

In  order  to  make  detailed  measurements  of  the  static  pressure  field  during  the  valid  data  acquisition 
window,  a  frequency  response  fiat  to  >  JOOkH*  was  desirable.  Tests  were  set  up  in  a  shock  tube  in 
order  to  determine  the  response  of  the  transducer  to  a  step  input 
The  transucers  were  mounted  in  two  positions: 


a)  A  side-port  to  avoid  damage  to  the  silicon  diaphragm  caused  by  impact  damage  from  the  nylon 

bursting  diaphragm. 

b)  An  end-port  where  a  greater  likelihood  of  damage  was  possible. 

The  problem  with  position  a)  was  that  of  the  finite  time  taken  to  traverse  the  silicon  diaphragm  and 
the  corresponsing  degradation  of  step  input.  In  practice,  little  difference  was  observed  between  the  two 
mounting  positions,  and  transducers  with  (Figure  19)  and  without  silastomer  (Figure  18)  covering  their 
diaphragms  were  tested.  Results  of  the  time  response,  which  clearly  show  the  diaphragm  natural 
frequency,  and  by  transposing  to  the  frequency  domain,  of  the  power  s  pectral  density  ( Figure  20  ) 
showed  that  the  amount  of  silastomer  used  was  having  a  small  effect  on  the  useable  frequency  range. 
3.4  Performance  Under  Rotating  Conditions 

A  spinning  rig  (Figure  21  )  was  used  to  evaluate  the  performance  of  the  sensors  under  rotating 
conditions.  Up  to  four  sensors  could  be  mounted  on  a  small  circular  disc  (Figure  22)  which  could 
itself  be  fitted  into  a  large  diameter  spinning  disc.  The  spinning  disc  was  rotated  by  an  air  motor 
under  computer  control,  with  signals  being  extracted  from  the  rotating  frame  using  a  slip-ring.  The 
whole  assembly  was  housed  in  a  pressure  chamber,  permitting  variation  of  pressure  from  SOOPa  to  350 
kPa.  For  the  initial  tests,  no  signal  conditioning  was  used.  The  output  from  the  transducers  was  taken 
straight  through  the  slipring  and  recorded  by  a  CIL  6380  A/D  convertor.  A  sample  plot  of  the 
transducer  output  over  the  speed  range  from  0  to  the  design  speed  of  8000  rpm  at  500  Pa  is  given  in 
Figure  23.  This  is  again  a  worst  case  result  with  the  strain  sensitive  elements  aligned  in  the  radial 
direction,  The  plot  is  linear  and  so  rotational  effects  will  be  able  to  be  included  in  the  active  software 
compensation.  A  plot  comparing  the  transducer  signal  under  rotation  to  the  stationary  signal  is  given 
in  Figure  24.  There  is  no  rotational  induced  noise  in  the  signal. 

*.  CONCLUSION 

A  method  for  mounting  semi-conductor  sensors  directly  onto  a  turbine  blade  surface  has  been  outlined. 
The  potential  advantage  in  the  technique  lies  in  increasing  the  spatial  density  of  measurement  points 
whilst  retaining  the  benefits  of  high  frequency  response  that  these  small  semi-conductor  devices 
possess.  The  first  preliminary  measured  performance  of  these  devices  indicate  that  they  can  be  used 
with  reliability  and  confidence,  though  many  more  tests  will  be  required  to  complete  the  programme 
Other  potential  applications  beyond  blade  static  pressure  measurement  are  currently  under  investigation 
including  the  use  of  this  technology  to  construct  wedge  and  pyramid  two  and  three  dimensional 
aerodynamic  probes. 
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FIG.  8.  Measured  Blade  Profile  Before  and  After  Enamelling 
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DISCUSSION 


B.H. Becker,  Siemens  AG,  Germany 

When  the  airflow  starts,  the  blade  begin  to  vibrate.  How  can  the  effects  of  accelerating 
forces  and  pressure  forces  induced  by  blade  vibration  be  identified'' 

Author’s  response  : 

No  calibration  of  transverse  acceleration  (perpendicular  to  the  diaphragm)  effects  were 
conducted,  the  blade  tested  was  a  low  aspect  ratio,  solid  blade  arid  therefore  very  stiff.  Hence  the 
transverse  acceleration  of  the  chip  is  expected  to  be  very  snail. Results  fron  a  finite  analysis  of  the 
dynamics  of  the  blade  confirm  this  assumption.  However,  the  method  can  be  extended  to  less  stiff  blades 
and  acceleration  forces  could  be  accounted  for,  if  required. 

A  suggested  method  for  determining  the  effect  of  vibration  would  be  to  record  the  output  fro* 
two  chips  located  close  to  eachother  on  a  single  blade  with  one  chip  having  been  rendered  insensitive  to 
pressure  (taped  over).  The  variation  in  the  two  signals  would  then  give  an  estimate  of  the  vibration 
effects. 

Th  Schroder,  MTU,  Munich,  Germany 

The  pressure  transducers  presented  are  a  very  promising  tool  for  the  investigation  of 
unsteady  boundary  layer  phenomena.  There  are  two  important  quest  ions  in  order  to  determine  the 
possibility  of  using  this  sensor  on  a  real  test  rig: 

(1)  What  is  the  maximum  possible  environmental  temperature  for  the  sensors'1 

Author’s  response: 

The  sensors  have  been  tested  up  to  temperatures  of  100°.  This  is  not  a  maximum  limit  however 
and  the  sensors  themselves  are  rated  to  a  maximum  temperature  of  240  °C.  Further  high  temperature  tests 
are  programmed  in  order  to  investigate  the  performance  of  the  sensors  over  a  greater  range  of 
temperatures.Further  development  is  currently  underway  at  Kulite  on  a  sensor  capable  of  temperatures 
over  twice  their  current  maximum. 


(2)  Is  it  possible  to  run  these  sensors  in  compressor  or  turbine  rigs  under  long  time  (say 
several  hours)  of  operation? 

Author’ 5  response  : 

The  transducer  mounting  technique  has  been  demonstrated  on  both  compressor  and  turbine  sample 
blades  with  success.  The  only  limitation  on  long  term  operation  would  be  the  drift  in  the  calibration 
and  this  would  have  to  be  checked. 

Semiconductor  transducers  have  been  successfully  used  for  testing  periods  over  100  hours. 
There  is  no  reason  why  the  technique  presented  in  the  paper  would  not  perform  similarly. 


R.  J. Hansen  -  Office  of  Naval  Research,  USA 

What  is  the  actual  active  area  of  the  pressure  measurement  transducer. 

Author's  response  : 

The  active  area  of  the  transducer  is  approximately  80*  of  the  chip’s  surface  area.  This 
percentage  will  depend  on  the  diaphragm  design,  including  the  edge  clamping  and  etch  patterns  ana  as 
such  will  vary  from  chip  to  chip.  The  actual  chip  sizes  having  been  tested  vary  from  1  mm  square  to  1.5 
m  square. 

W. O’Brien,  Virginia  Polytechnic  Institute,  U. S. A. 

The  experimental  results  presented  correspond  to  isothermal  conditions.  Could  tests  be  made  in 
a  rapidly  varying  temperature  environment  1 

Author's  response  : 

The  testing  up  to  date  has  concerned  equilibrium  temperature  changes  of  the  chip  and  blade. The 
effect  of  a  rapidly  varying  temperature  environment  will  depend  on  the  heat  transfer  arid  resulting 
temperature  of  the  chip  itself.  This  will  be  moderated  by  the  silastomer  covering  the  chip  and  the 
thermal  inertia  of  the  chip  itself. 
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MEASUREMENT  OF  VELOCITY  PROFILES  AND  REYNOLDS  STRESSES 
ON  AN  OSCILLATING  AIRFOIL 

by 

J.  DE  RUYCK,  B.  HAZARIKA,  C.HIRSCH 

Dept,  of  Fluid  Mechanics 
Vrije  Unlversiteit  Brussel 
Pleinlaan  2,  1050  Brussels 
Belgium 


ABSTRACT 

This  work  describes  the  flow  around  a  sinusoidally  oscillating  NACA  0012  airfoil  in  presence  of  leading 
edge  separation  bubble  and  with  leading  edge  stall,  including  laminar-turbulent  transition. 

The  airfoil  oscillates  about  an  axis  at  25>  chord  from  the  leading  edge,  with  a  nominal  reduced  frequency 
of  0.3  and  Reynolds  number  of  300,000.  The  experiments  are  made  at  to  1*1°,  5°  to  15°,  6°  to  16°  and  8° 
to  18°  angle  of  attack,  covering  flow  conditions  from  no  stall  to  full  leading  edge  stall.  It  is  found 
that  the  most  probable  cause  of  leading  edge  stall  is  due  to  the  leading  edge  separation  bubble  burst  and 
it  occurs  as  soon  as  the  static  stall  limit  is  exceeded.  The  leading  edge  stall  is  not  due  to  the  rapid 
upstream  movement  of  the  trailing  edge  separation. 

The  velocity  vectors  and  the  Reynolds  stress  tensors  are  measured  using  a  slanted  rotating  single  sensor 
hot-wire.  The  complete  suction  side  boundary  layer  profile  and  the  near  wake  is  surveyed  at  5°  to  15° 
oscillation  where  no  interaction  Is  observed  between  the  leading  edge  and  the  trailing  edge  flows,  and  at 
8°  to  18°  in  full  stall  conditions. 


INTRODUCTION 

Rapid  advancees  in  the  capacity  of  computers  and  the  development  of  numerical  methods  to  solve  the  full 
Navler-Stokes  equations  have  pushed  the  computation  of  unsteady  flows  far  ahead  of  the  existing 
experimental  data,  with  which  the  computed  results  could  be  validated.  Most  of  the  previous  experiments  on 
unsteady  flow  past  airfoils  were  either  of  a  qualitative  nature  (flow-visualization)  or  were  aimed  at 
finding  the  overall  effect  of  the  flow  such  as  pressure  coefficient,  pitching  moment  coefficient,  normal 
'orce  coefficient  etc. 

Extensive  measurements  of  mean  velocity  vectors  and  Reynolds  stress  tensors  in  the  2-dlroenslonal  unsteady 
boundary  layer  over  an  oscillating  airfoil  and  in  the  wake  behind  the  airfoil  were  carried  out  by  De  Ruyck 
and  Hlrsch  [1-63,  using  a  slanted  single  sensor  hot-wire.  The  method  has  been  quite  successful  in  mapping 
the  flow  in  the  investigated  region,  giving  a  clear  picture  of  the  flow,  including  flow  reversal  and  vortex 
formation.  These  experiments  were  conducted  using  an  NACA  0012  airfoil  with  a  tripping  wire  to  promote 
transition  of  the  boundary  layer.  The  present  experiments  are  the  extensions  of  these  measurements.  They 
were  conducted  without  tripping  wire,  to  take  a  closer  look  at  the  formation  of  the  leading  edge  separation 
•hhle  and  the  events  leading  to  the  turbulent  separation  downstream  of  the  bubble.  The  measurements  near 
the  trailing  edge  and  in  the  wake  of  the  airfoil  were  conducted  with  and  without  tripping  wire.  These 
experiments  throw  new  light  on  the  Uns' Kutta  Condition  for  airfoil  operating  under  stalled  condition. 


PREVIOUS  WORK 

A  number  of  excellent  reviews  were  published  by  various  authors  on  the  subject  of  unsteady  flows  [7,8,9]. 
The  general  picture  which  emerges  from  these  reviews  is  that  further  investigations  are  required  in 

(I)  measurements  of  the  mean  and  the  turbulent  quantities  in  unsteady  flows  for  validation  of  analytical 
methods. 

(II)  the  extent  and  duration  of  the  leading  edge  separation  bubble. 

(ill)  the  extent  of  trailing  edge  separation  and  the  effect  of  the  leading  edge  separation  bubble  on  the 
trailing  edge  separation. 

(iv)  the  effect  of  the  separation  bubble  and  leading  edge  stall  on  the  unsteady  Kutta  condition. 


EXPERIMENTAL  TECHNIQUES  AND  APPARATUS 

The  experiments  were  conducted  in  an  open-circuit  blow-down  wind  tunnel  1 . ,  the  Department  of  Fluid 
Mechanics  of  VUB,  Brussels.  The  test-section  Is  1m  x  2m,  and  the  tests  were  conducted  at  the  nominal  wind 
speed  of  11.32  m/s  and  the  free  stream  turbulence  intensity  less  than  0.2  l.  The  test  model  consists  of  an 
airfoil  and  two  end  plates  (figure  1).  The  airfoil  la  a  NACA  0012  airfoil  section  with  60. M  cm  chord  and 
91*  cm  span.  The  lower  end  plate  is  used  as  a  platform  to  mount  the  traverse  mechanism.  The  reduced 
frequency  and  the  Reynolds  number  based  on  the  chord  of  the  airfoil  and  the  nominal  wind  speed  were  0.309 
and  300,000  respectively.  The  profile  shape  near  the  leading  edge  was  accurately  measured  close  to  the  mid 
span.  The  largest  deviation  of  the  profile  from  the  standard  NACA  0012  profile  was  found  to  b>  less  than 
0.01 }  chord. 

A  *5®  slanted  single  sensor  hot-wire  Is  used  for  all  the  velocity  and  turbulence  measurements  (DANTEC  S 
micron  gold  plated  hot-wire  type  55P02).  The  periodic  sampling  was  triggered  by  a  pressure  transducer  for 
the  cases  where  a  sharp  change  of  wall  pressure  signal  was  available  (during  test  cases  when  leading  edge 
stall  occurs).  The  triggering  of  the  periodic  sampling  was  accomplished  by  an  optical  device  when  the 


pressure  signal  was  erratic  or  insufficient. 

Detection  of  separation  bubble  and  leading  edge  stall  : 

Since  the  separation  bubble  exists  In  a  very  thin  region  close  to  the  solid  surface  and  the  effect  of 
unsteady  flow  is  to  make  it  thinner  [10],  the  rotating  single  slanted  hot-wire  technique  could  not  be  used 
to  investigate  the  separation  bubble.  A  combined  analysis  of  pressure  signals  and  fixed  hot-wire  signals 
was  used  to  identify  the  duration  for  which  a  station  was  in  the  separation  region.  The  signals  contain 
542  data  points  per  period,  and  are  ensemble  averaged  over  100  periods. 

Figure  2  shows  a  sample  of  ensemble  averaged  traces,  with  the  corresponding  rms  values  over  approximately  2 
cycles  of  oscillation.  These  rms  values  of  pressure  and  hot  wire  signal  are  used  to  detect  the  transition 
and  the  high  turbulence  areas.  Since  the  normal  velocities  are  very  small  close  to  the  wall,  the  averaged 
single  wire  3lgnal  can  be  used  to  estimate  the  velocity.  Although  the  flow  direction  cannot  be  determined 
without  ambiguity,  these  signals  allow  to  determine  the  reversed  flow  areas  and  the  data  on  figure  2  can  be 
interpreted  as  follows. 

The  period  between  A  and  B  is  a  significantly  laminar  flow  period  with  fluctuations  in  the  hot-wire  signal 
less  than  the  resolution  of  the  acquisition.  The  fluctuation  in  the  pressure  in  this  region  is  due  to 
drift  in  the  transducer.  At  time  B,  the  transition  to  turbulence  crosses  the  measuring  station,  while 
moving  upstream.  In  reality  the  transition  Is  already  upstream  of  it  at  time  B,  since  the  wire  is  1.5  mm 
away  from  the  wall.  Indeed,  3lightly  ahaed  of  B,  a  dip  in  the  mean  wall  pressure  signal  (pt,ra)  is 
observed,  with  a  small  peak  in  the  pressure  rms  (pt,f).  From  all  the  experiments,  these  dips  appear  to 
correspond  with  the  passage  of  a  transition  or  separation  point.  From  B  to  C,  the  transition  point  moves 
further  upstream,  the  boundary  layer  is  growing  (decreasing  velocity,  increasing  turbulence).  At  point  C 
there  is  an  important  drop  in  the  ensemble  averaged  hot-wire  output  to  point  D,  accompanied  by:  (i)  slight 
increase  in  the  rms  value  of  hot-wire  signal,  (li)  a  large  reduction  in  the  ensemble  averaged  pressure 
signal  and  most  important  of  all  (ill)  sudden  increase  in  the  pressure  rms.  The  application  of  the  high 
turbulence  correction  of  De  Ruyck  [6]  yields  a  velocity  quite  close  to  zero  at  point  D.  The  Increase  in 
the  output  between  point  C  and  D  indicates  flow  reversal  (as  will  appear  from  the  overall  results,  the  flow 
Is  completely  separated  in  the  leading  edge  region,  from  D  to  F).  During  this  period  the  fluctuations 
remain  high  in  the  hot  wire  signal  and  small  in  the  averaged  pressure  signal.  During  the  period  between  E 
and  F,  after  correcting  for  high  turbulence  the  mean  velocity  was  found  to  be  negligibly  small  (same  order 
of  magnitude  as  the  turbulence,  smaller  than  the  turbulence  in  some  cases).  During  this  period  the 
pressure  rms  is  about  the  half  of  the  peak  value. 

The  increase  in  the  rms  values  between  F  and  C  is  attributed  to  the  cycle  to  cycle  variation,  since  the 
reattachment  time  was  observed  not  to  be  perfectly  periodic.  Since  the  rate  of  change  of  velocity  is  large 
at  this  time,  about  10t  to  50J  of  the  measured  turbulence  is  due  to  the  cycle  to  cycle  variation  of  events. 
At  other  times  this  effect  is  negligible. 

Figure  3  shows  clearly  the  detection  of  a  separation  bubble  at  5°  to  15°  angle  of  attack,  at  3.5X  chord 
from  the  leading  edge.  The  traces  are  taken  at  different  distances  from  the  wall.  At  the  distance  ?  mm 
from  the  surface  of  the  airfoil,  during  the  period  A  to  B  a  laminar  flow  is  observed.  The  hot-wire  signal 
suddenly  reduces  during  the  period  from  B  to  C  accompanied  by  an  Increase  in  the  rms  value.  After 
turbulence  correction,  the  velocity  at  C  yields  a  value  close  to  zero.  This  indicates  that  the  separation 
point  has  crossed  the  position  of  the  3ensor  and  moved  upstream  of  it.  The  sensor  remains  In  the  separated 
region  from  C  to  D  where  the  backflow  velocity  first  Increases  then  falls  to  the  near  zero  velocity  value. 
Between  D  and  E  the  velocity  sharply  increases  and  rms  value  reduces  to  zero,  indicating  that  the 
separation  point  has  moved  downstream  of  the  sensor.  The  output  at  1.5  mm  from  the  surface  is  similar  to 
that  at  1  mm  in  many  respect.  A  laminar  portion  from  F  to  C,  sharp  drop  during  C  to  H  and  a  sharp  increase 
in  velocity  between  I  to  J,  However,  between  H  and  I  the  flow  is  turbulent  and  the  velocity  is  near  zero, 
during  this  time  the  sensor  is  in  the  free  shear  layer  formed  on  the  top  of  the  reverse  flow  region.  At 
2.5  mm  away  from  the  surface  only  a  slight  reduction  In  the  mean  velocity  along  with  Increase  in  turbulence 
was  observed  near  the  point  L.  This  indicates  that  the  3ensor  during  this  time  was  at  the  outer  edge  of 
the  shear  layer.  A  near  perfect  sinusoidal  variation  of  the  output  is  observed  at  the  position  3.5  mm  away 
from  the  airfoil  surface,  slight  turbulence  which  appears  near  M  is  probably  caused  by  the  cycle  to  cycle 
variation  of  the  separation.  In  conclusion,  the  two  dips  in  the  lowest  s.gnal  correspond  to  flow 
reversals,  revealing  the  presence  of  the  bubble  with  a  thickness  of  oxinately  1.5  mm. 

Velocities  and  Reynolds  stresses  : 

The  2D  velocities  and  Reynolds  stresses  are  measured  with  a  single  rotating  slanted  hot  wire.  This 
technique  is  presented  in  [2,4]  and  it  allows  experiments  in  2D  reversed  high  turbulent  flows.  Ensemble 
averages  were  made  with  542  samples  per  period  and  100  periods  and  40  rotational  positions.  The  low  number 
of  periods  is  compensated  by  the  nigh  amount  of  samples  per  periods  which  allows  some  local  time  averaging. 
The  ensemble  averaging  is  done  in  real  time,  reducing  considerably  the  required  amount  of  mass  storage. 

Accuracy  r 

Tha  resolution  in  the  chordwise  position  was  0.5  mm  10.08*  chord).  The  resolution  in  the  transverse 
position  was  better  than  0.08  mm  (0.013X  chord).  However,  the  amplitude  of  vibration  of  the  probe  was 
found  to  be  0.1  mm  by  -sing  a  pie^o-electri c  accelerometer  fixed  near  the  tip  of  t.ne  probe  holder. 

Instantaneous  cooling  velocities  are  measured  with  an  accuracy  of  about  1.3%  of  the  nominal  wind  speed. 
Compensations  for  temperature  changes  and  wire  fooullng  are  introduced  by  taking  reference  measurements 
during  the  experiments. 

The  scatter  on  the  results  for  unstalled  condi  Lions  is  in  general  v*»ry  small  (less  than  11  on  all  the 
results).  In  stalled  conditions.  Important  scatter  is  observed,  in  particular  on  the  turbulent  shear 
stress.  In  this  region  the  random  error  on  ensemble  averaged  velocity  varies  between  l*  and  5X,  scatter  on 


normal  stress  profiles  varies  between  2*  to  10*  and  for  the  turbulent  shear  stress  the  maximum  scatter 
exceeds  15*.  The  systematic  error  for  the  measurements  of  the  stresses  in  high  turbulent  conditions  (above 
1 0%)  is  increased  by  linearizations  during  the  processing  of  the  data.  These  errors  are  estimated  at  5  to 
10*,  and  to  1  to  2%  in  unstalled  conditions. 

At  reattachment ,  slight  cycle  to  cycle  changes  are  observed.  Due  to  the  strong  velocity  changes  at 
reattachment,  the  error  introduced  in  the  corresponding  turbulence  quantities  due  to  the  cycle  to  cycle 
variation  is  quite  important  (more  then  50*  increase  in  turbulence).  At  present  no  way  is  found  to  correct 
the  data  for  this  problem. 


LEADING  EDGE  MEASUREMENTS 

The  results  obtained  at  the  leading  edge  are  shown  on  figures  4  to  13  The  data  are  represented  in  a 
time-space  domain  on  figures  4  and  5  (chordwise  direction),  and  as  instantaneous  boundary  layer  data  on 
figure  6  to  13. 

Time-space  contour  plots  : 

Figures  4  and  5  show  isovelocity  lines  and  isoturbulence  lines  in  a  space-phase  angle  (or  time)  domain. 
Two  series  of  results  are  shown  :  results  at  a  fixed  distance  of  1.5  mm  from  the  wall  and  increasing 
angles  af  incidence  (figures  4)  and  results  at  a  fixed  incidence  5°  to  15°  and  different  distances  from  the 
wall  (figure  5).  In  all  cases,  eventual  flow  reversals  have  been  detected  and  considered  in  the 
representation  of  the  data.  Returned  flow  areas  are  left  blank  for  contrast,  indicating  the  bubble  area. 
The  laminar  regions  correspond  with  the  blank  in  the  turbulence  plots. 

The  events  that  eccur  on  a  plane  parallel  to  the  airfoil  surface  at  1.5  mm  and  4°  to  4°  oscillation  are 

shown  In  figures  4. a.  At  4*  chord  a  very  low  speed  area  (below  0.1  of  the  outer  speed)  and  a  small 

reversed  flow  area  were  observed  for  a  part  of  the  oscillating  period  when  the  angle  of  incidence  was  above 
10°.  Peak  values  of  turbulence  (>25*)  were  observed  at  5*  chord  around  maximum  incidence  which  is  Just 
downstream  of  the  low  speed  area.  A3  will  be  observed  below,  a  larger  reversed  flow  area  is  present  closer 
to  the  wall  (the  separation  bubble)  and  the  dark  area  in  figure  4. a  represents  the  duration  and  the  extent 

of  the  shear  layer  above  that  separation  bubble.  Experiments  at  closer  distances  are  necessary,  preferably 

with  sensors  on  the  surface,  to  determine  the  exact  separation  and  reattachment  positions.  It  can  be 
argued  that  th  separation  bubble  extends  from  about  2*  to  5*  chord  at  the  maximum  incidence  in  this  case. 
The  turbulence  reaches  a  maximum  around  or  just  before  the  reattachment  point  and  above  the  bubble.  This 
is  in  accordance  with  observations  in  [15].  The  pressure  rms  values  reach  a  maximum  inside  the  separated 
area  (figure  1, [12, 133).  Downstream  of  the  separation  bubble,  on  this  plane,  the  velocity  Increases  up  to 
9*  chord  due  to  the  recovering  boundary  layer.  Downstream  of  this  position  (9*  chord)  the  velocity 
gradually  reduces  indicating  decelerating  flow  and  boundary  layer  growth.  After  the  lowest  angle  of  attack 
(Indicating  a  mild  phase  lag  of  about  10®)  the  transition  occurs  much  more  downstream,  at  positions  up  to 
20%  distance  from  the  leading  edge,  and  nothing  indicates  the  presence  of  separation  bubbles.  A  high 
turbulence  (>15*)  appears  in  the  transition  area  around  15*  chord  at  9°  incidence. 

Figure  4.b  shows  the  events  at  5®  to  15®  oscillation,  in  many  respect  these  figures  are  similar  to  the  ones 
at  4®  to  14°  with  one  striking  difference  -  a  sudden  enlargement  of  the  low  velocity  region  downstream  of 

the  bubble  Immediately  after  the  maximum  incidence.  This  indicates  the  onset  of  a  bubble  burst  which  can 

trigger  the  leading  edge  separation.  Turbulence  peaks  are  observed  at  the  same  time  and  place.  It  is  also 
an  onset  of  asymmetry  in  the  non-stalled  results  where  in  general  no  significant  phase  lag  is  observed  near 
leading  edge.  The  burst  onset  clearly  occurs  at  decreasing  angle  of  ettack  and  it  is  probable  that  it 
would  burst  completely  if  the  angle  of  attack  was  kept  above  14°  to  15°,  which  Is  around  the  static  stall 
angle.  The  laminar  region  in  this  case  extends  to  about  15*  chord  distance  at  the  lowest  angle  of 
Incidence,  in  this  case  also  the  appearance  of  the  high  turbulence  area  near  15*  chord  was  noticed  around 
9®  Incidence. 

At  higher  angles  of  attack  (6®  to  16° ,  figure  4.c)  a  reversed  flow  region  extending  to  all  the  measurement 
stations  appears.  This  phenomenon  appears  near  the  5*  chord  immediately  after  the  airfoil  crosses  16° 
Incidence.  The  reverse  flow  is  not  seen  upstream  of  5*  chord  at  1.5  mm  from  the  surface,  but  it  Is  clear 
that  nearer  to  the  airfoil  the  reverse  flow  region  will  be  found  even  upstream  of  2*  chord.  The  reversed 
flow  region  then  rapidly  spreads  in  both  upstream  and  downstream  directions  from  5*  chord  position.  From 
the  figures  4. a  and  4.b,  the  presence  of  a  bubble  around  4*  chord  be  assumed,  this  bubble  eventually 
bursts  into  leading  edge  separation.  Hence,  the  leading  edge  separation  is  not  due  to  interactions  with 
the  trailing  edge  separation,  in  contradiction  to  observations  from  [14,15].  It  can  be  seen  that  the 

slopes  of  the  lines  dividing  the  reverse  flow  from  the  forward  flow  region  are  positive  downstream  of  5* 

chord  ( 4 . c j .  The  dividing  lines  on  the  left  side  of  the  figures  downstream  of  5*  chord  is  the  reattachment 
line.  Therefore,  the  reattachment  point  rapidly  moves  downstream  as  phase  angle  increases  and  cause 
leading  edge  separation.  Only  a  negative  slope  of  this  line  will  indicate  rapid  movement  upstream  of  a 
downstream  separation  point,  which  was  not  the  case.  The  higgh  turbulence  areas  (>25*)  In  this  case  appears 
in  the  separated  region  and  during  the  reattachment.  The  portion  of  the  leading  edge  that  remains  laminar 
again  becomes  largest  slightly  after  the  minimum  incidence.  The  laminar  portion  reduces  to  13*  chord  for 
6®  to  16®  (U.c)  and  to  10*  for  8®  to  18®  (not  shown).  The  high  turbulence  \>15*)  areas  around  15*  chord 

are  again  evident  around  Q®  incidence. 

Figure  5  shows  the  results  of  measurements  at  various  distances  from  the  airfoil  surface  a.  5®  to  15° 
oscillation.  At  1  mm  distance  (5. a)  more  than  2*  of  the  chord  (ahead  of  3*  up  to  5*)  shows  a  reversed 
flow.  At  1.5  mm  distance  the  region  appears  as  a  low  forward  velocity  region  (5.b)  but  at  2.5  mm  only  a 
sharp  velocity  gradient  is  observed  (5.c).  From  the  turbulence  plots.  It  appears  that  the  highest 
turbulence  occurs  In  the  free  shear  layet  above  the  separation  bubble. 

The  highest  turbulence  Intensity  encountered  at  4®  to  14®  and  5®  to  15°  incidence  cases  were  36*  of  the 
nominal  velocity.  If  the  value  of  the  turbulence  intensity  ts  expressed  as  a  fraction  of  the  highest 
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velocity  encountered  for  the  particular  case,  this  value  reduces  to  less  than  20%  and  is  comparable  to  the 
values  reviewed  in  [11].  As  discussed  earlier,  the  high  values  observed  for  the  cases  with  complete  flow 
reversal  (more  than  45%  of  the  nominal  velocity)  are  partly  due  to  the  contribution  of  cycle  to  cycle 
variations  at  reattachment. 

In  conclusion  it  3eems  that  the  leading  edge  stall  is  triggered  by  the  burst  of  the  leading  edge  bubble, 
after  which  the  complete  flow  pattern  is  changed.  When  periodic  stall  is  present,  the  separation  starts 
not  at  the  leading  edge,  but  at  about  4%  chord  distance  from  it,  with  rapid  propagation  in  both  directions. 
The  reattachment  occurs  through  a  rapid  downstream  motion  of  the  separation  point.  In  the  absence  of 
separation  bubble,  the  location  of  the  area  of  transition  to  turbulence  varies  considerably  with  incidence. 
The  use  of  sensors  on  the  surface  can  indicate  the  exact  location  and  the  movement  of  the  transition  point. 
The  present  results  are  further  analysed  below,  in  conjunction  with  experiments  over  the  whole  airfoil. 

Instantaneous  data  : 

On  figures  6  to  13  instantaneous  data  at  the  leading  edge  are  shown  at  3ome  relevant  times  (out  of  the  1 81 
available  ones).  The  velocities  -no  turbulence  intensities  obtained  with  the  fixed  wire  are  shown  in  (d) 
and  (e)  respectively.  The  figures  (f)  and  (g)  show  the  corresponding  chordwise  turbulence  intensity  and 
Reynolds  shear  stresses  as  they  are  obtained  from  the  rotating  hot  wire.  The  minimum  distance  from  the 
wall  is  2  mm  for  the  rotating  wire,  which  Is  outside  of  the  bubble. 

The  series  of  figures  starts  at  increasing  angle  of  attack,  when  the  transition  is  found  around  13%  chord 
from  leading  edge  (figures  6d,  6f).  As  the  angle  of  attack  increases,  a  low  speed  area  can  be  observed 
close  to  the  wall  near  12%  chord  from  the  leading  edge  (figure  7e).  A  high  turbulence  levei  in  the  shear 

layer  above  this  low  velocity  region  is  observed  (figures  7f,  7g).  The  decrease  In  velocity  in  the  inner 

layer  could  not  be  reached  by  the  rotating  wire.  There  may  be  a  bubble  close  to  the  wall,  as  discussed  in 
the  previous  section.  The  low  speed  area  disappears  and  another  one  appears  around  5%  chord  from  9°  angle 
of  attack  (figure  8).  At  10°  (figure  9)  this  low  speed  area  is  increasing,  with  a  very  thin  but  highly 
turbulent  shear  layer  above  it.  Unfortunately  the  rotating  wire  reaches  only  the  outer  part  of  this  layer 
and  only  a  small  portion  of  the  corresponding  stress  is  observed.  The  Increasing  incidence  makes  the 
separation  bubble  thicker  and  it  was  possible  to  detect  the  turbulent  quantities  by  the  rotating  wire  In 
more  of  the  upstream  stations.  At  9°  incidence  (figure  8)  the  fixed  wire  measurement  shows  10%  turbulence 
near  7%  chord,  the  rotating  wire  measurement  also  shows  an  increase  in  turbulence  intensity  and  Reynolds 
shear  at  the  station  near  8%  chordwise  position.  This  upstream  movement  of  the  transition  point  near  the 
leading  edge  (d,  f  and  g)  i3  evident  in  all  the  figures  starting  from  6  to  13,  after  which  the  transition 
point  gradually  moves  downstream.  At  10°  incidence  (figure  9)  small  values  of  Reynolds  3hear  stress  are 
measured  at  5.7%  chord  position.  Around  the  same  incidence  the  fixed  wire  at  1  mm  from  the  surface  at  4% 
chord  shows  the  presence  of  the  leading  edge  separation  bubble  (figure  4a).  Therefore,  the  rotating  wire 
is  measuring  the  turbulence  quantities  in  the  free  shear  layer  when  it  is  just  becoming  turbulent. 

A  rapid  Increase  in  Reynolds  shear  stress  as  well  as  chordwise  turbulence  intensity  with  the  increasing 

incidence  at  5.7%  chord  could  be  observed  till  maximum  incidence  time  (figures  9,  10  and  11).  The  Reynolds 
shear  stress  at  the  stations  downstream  of  10%  chord  for  the  same  figures  does  not  increase  considerably. 
However,  growth  of  the  turbulent  layer  is  evident  in  all  the  stations  downstream  of  5%  chord.  This  growth 
can  be  attributed  to  the  large  coherent  structures  present  at  the  reattachment  of  the  separation  bubble. 
The  large  values  of  Reynolds  shear  stress  are  the  effect  of  the  large  velocity  gradients  in  the  free  shear 
layer  over  the  separation  bubble.  When  the  incidence  decreases  from  the  maximum  value  of  15°  a  tendency 
towards  bubble  burst  was  observed  (figure  5).  In  the  corresponding  figure  (figure  11,  between  5%  to  10% 
chord)  the  rotating  wire  detects  a  decrease  of  all  the  turbulent  quantities  towards  the  wall.  This  region 
roughly  coincides  with  the  elongated  low  speed  portion  in  figure  5b.  The  Reynolds  shear  stress  measured  at 
5.7%  chord  nearest  to  the  surface  (2  mm)  even  shows  a  negative  value  (figure  11g,  note  that  the  values 
plotted  are  minus  the  Reynolds  stresses).  The  situation  at  this  point  is  very  close  to  separation  (bubble 
bursting).  The  negative  Reynolds  s*  3es  observed  from  the  rotating  wire  data,  would  indicate  a  negative 
turbulence  production  :  although  reliability  of  this  result  is  poor  in  such  extreme  situations,  it  is 
systematically  observed  at  separation  in  the  earlier  experiments  of  De  Ruyck  and  Hlrsch  [5,6]  and  it  may  be 
an  indication  of  stall  onset.  At  this  time  it  can  be  seen  that  the  trailing  edge  flow  is  separated  up  to 
about  60%  chord,  which  is  too  far  to  cause  the  leading  edge  bubble  to  burst,  hence  the  leading  edge  stall 
onset  is  not  affected  oy  trailing  edge  separation  in  this  particular  case.  Further  decrease  in  incidence 
below  13°  reduces  this  tendency  of  bubble  bursting  and  typical  transition  behaviour  is  again  observed 
(figures  12  and  13).  Apart  from  slight  phase  lag,  the  reducing  angle  of  incidence  brings  about  the  same 
series  of  events  in  the  reverse  of  what  was  seen  during  thee  Increasing  incidence.  The  turbulent  boundary 
layer  becomes  thinner,  the  turbulent  quantities  gradually  reduce  in  value  and  become  zero  station  after 
station  starting  with  5.7%  chord  station.  At  the  lowest  incidence  (5°)  the  turbulent  transition  can  be 
seen  only  at  stations  downstream  of  15%  chord  (not  shown). 


BOUNDARY  LAYER  AND  WAKE  FLOW 

Experiments  with  the  rotating  wire  has  been  made  at  5°  to  15°  e"gle  of  attack,  without  tripping  wire, 
Including  leading  edge  and  near  wake.  In  addition  to  the  experiments  of  De  Ruyck  and  Hlrsch  [5,6], 
experiments  were  made  at  the  trailing  edge  and  in  the  near  wake  at  8°  to  18®,  which  is  a  deep  stall  case, 
with  a  tripping  wire. 

Un.ntalled  flow,  5°  to  15°  angle  of  attack  : 

Figures  1  and  15  show  an  overall  view  of  the  5°  to  15®  case,  at  maximum  angle  of  attack.  The  details  near 
leading  edge  were  already  discussed  In  the  previous  section,  whereas  a  closer  look  to  the  trailing  edge  is 
given  in  figures  16  and  17. 

The  figures  a,  b  and  r  in  these  cases  show  velocity  vector ,  chordwise  turbulence  intensity  and  Reynolds 
shear  stress,  respectively.  If  the  flow  near  the  leading  edge  separation  bubble  is  excluded  from  this  part 


of  the  discussion,  the  maximum  value  of  the  chordwise  turbulence  intensity  and  the  Reynolds  shear  stress 
invariably  occurs  between  5%  to  10%  chord  downstream  of  the  trailing  edge  in  the  pressure  side  of  the  wake. 
Downstream  of  1 0%  chord  from  the  trailing  edge  the  values  of  the  turbulence  quantities  reduce  as  it  should 
in  the  far  wake.  Without  further  analysis  of  the  data  it  is  not  possible  to  say  at  vh  »  distance  the  wake 
becomes  self  preserving  and  what  is  the  effect  of  unsteadiness  and  trailing  edge  separation  on  it. 
However,  the  wake  behaviour  is  close  to  a  steady  state  wake  behaviour.  From  the  figures  it  is  observed 
that  : 

(i)  the  turbulence  intensity  is  relatively  smaller  near  the  centreline  of  the  wake,  (ii)  the  Reynolds  shear 
stress  is  zero  close  to  the  centreline  (ill)  the  turbulence  intensity  as  well  as  the  Reynolds  shear  stress 
reach  a  peak  in  the  side  where  ha If- 'fake  width  is  small  (large  transverse  gradients  in  velocity). 

In  the  near  wake  from  5 %  to  10%  chord  downstream  of  the  trailing  edge,  peaks  are  observed  at  the  pressure 
side,  and  these  peaks  do  not  coincide  with  the  maximum  values  of  velocity  gradients.  These  peaks  may  be 
due  to  the  effect  of  streamwise  curvature  in  the  flow,  which  is  known  to  introduce  "surprisingly  large 
changes  in  the  turbulence  structure  of  shear  layers"  [16].  According  to  Bradshaw  [16],  "These  changes  are 
usually  an  order  of  magnitude  more  important  than  normal  pressure  gradients  and  other  explicit  terms 
appearing  in  the  mean-motion  equations  for  curved  flows”. 

The  trailing  edge  separation  is  detected  soon  after  the  Incidence  exceeds  13°  (not  shown).  At  the  onset  of 
trailing  edge  separation  the  chordwise  turbulence  intensity  close  to  the  surface  remains  unchanged  but  the 
Reynolds  shear  stresses  drop  to  near  zero  values.  With  the  increase  of  incidence  the  separation  point 
moves  upstream  and  the  separated  portion  over  the  airfoil  near  trailing  edge  keeps  growing  even  after  the 
incidence  reduces  after  the  maximum  More  than  20 %  of  the  airfoil  is  separated  when  the  incidence  Is 
12.5°  (figure  15).  The  activity  in  this  separated  portion  of  the  airfoil  is  relatively  quiet,  as  can  be 
seen  from  figure  16.  The  velocity  is  reversed  but  the  magnitude  is  very  small:  same  order  of  magnitude  as 
the  turbulence  intensity.  The  chordwise  turbulence  intensity  falls  to  less  than  25%  of  the  maximum  value 
measured  at  the  same  chordwise  station  (which  is  detected  around  the  separation  line).  The  Reynolds  shear 
3tre33  in  this  region  is  scattered  around  zero  indicating  a  very  small  correlation  between  u  and  v.  The 
results  obtained  are  comparable  with  the  wake  results  obtained  by  De  Ruyck  and  Hirsch  in  [2].  A 
qualitative  analysis  of  the  velocity  vectors  near  the  trailing  edge  confirms  that  during  increasing 
incidence  the  velocity  vector  at  the  trailing  edge  is  tangential  to  the  pressure  surface.  This  is  In 
accordance  with  the  Geislng  and  Maskell  trailing  edge  condition  [17],  which  states  that  the  stagnation 
streamline  at  the  trailing  edge  will  be  tangential  to  the  pressure  surface  for  positive  (anticlockwise) 
3hed  vorticity  and  to  the  suction  surface  in  the  opposite  case. 

Stalled  flow,  8°  to  18°  angle  of  attack  : 

Figures  18  to  25  show  results  of  the  measurements  near  the  trailing  edge  for  8°  to  18°  Incidence  and  with 
the  tripping  wire  present  at  10*  chord.  For  a  better  understanding  of  the  strong  interaction  between 
leading  edge  vortex  and  the  flow  at  the  trailing  edge,  the  corresponding  figures  of  the  mean  flow  field  are 
reproduced  from  [5,6]  in  figures  d),  wherever  possible.  It  is  remembered  that  these  early  experiments  were 
performed  without  end-plates.  The  general  observations  at  5°  to  15°  incidence  can  also  be  made  in  this 
case:  the  maximum  value  of  the  turbulent  intensity  as  well  as  the  Reynolds  shear  stress  occur  near  5% 
chord  downstream  of  the  trailing  edge  in  the  pressure  side  of  the  wake.  Severe  riow  turning  may  be  the 
cause  as  can  be  seen  in  figures  21  to  23. 

Tnis  series  of  figures  starts  with  17°  and  increasing  incidence  (figure  18).  The  trailing  edge  separation 
point  in  the  present  case  has  moved  up  to  80%  chord.  The  separated  region  again  is  a  low  activity  region  : 
with  lower  chordwise  turbulence  intensity,  near  zero  Reynolds  shear  stress  and  the  reverse  flow  velocity  o' 
the  same  order  of  magnitude  as  the  turbulent  intensity.  In  figure  I8d  It  can  be  seen  *hat  the  leading  edge 
vortex  has  Just  started  forming  at  the  first  measuring  sta- ion  (15%  chord).  In  the  early  experiments 
without  end  plates  the  trailing  edge  separation  point  has  moved  upstream  of  60%  chord  position,  instead  of 
80%  in  the  present  case.  Due  to  the  leakages  at  the  blade  tips,  the  opposite  behaviour  would  normally  be 
expected  (more  downwash  should  delay  the  separation),  which  means  that  the  tip  leakages  affect  the  flow  in 
a  way  which  is  more  significant  than  Just  a  downwash  velocity.  In  general  the  earlier  separation  causes  a 
general  phase  shift  between  the  complete  flow  behaviour  of  the  experiments  with  and  without  end-plates. 

At  higher  incidence  the  separation  point  has  moved  upstream  of  the  80%  chord  and  the  reversed  flow  velocity 
has  notlceaoly  increased  (figure  19).  The  chordwise  turbulence  intensity  also  slightly  increases,  however 
the  Reynolds  shear  stresses  show  considerable  scatter  without  any  noticeable  Increase  in  the  mean  value. 
The  scatter  indicates  that  under  these  circumstances  the  ensemble  averaging  of  100  data  points  Is  not 
sufficient.  The  rolling  down  of  the  leading  edge  vortex  sweeps  the  trailing  edge  separation  point 
downstream  of  80%  chord  as  the  incidence  reduces  from  the  maximum  value  (figures  20,  21),  Upstream  of  this 
vortex  front  a  strong  reversed  flow  is  build  up  (figure  22).  The  leading  edge  vortex  itself  Is  already 
away  from  the  chord  line  once  it  leaves  the  trailing  edge  and  a  strong  vortex  of  opposite  vorticity  forms 
in  the  near  wake  (figure  23).  * arge  peak  values  of  chordwise  turbulence  Intensity  and  Reynolds  shear 
stresses  are  observed  during  this  process.  After  the  passage  of  this  trailing  edge  vortex  the  flow  near 
the  trailing  ndge  and  the  near  wake  breaks  down  completely  (figures  24).  It  was  observed  that  the  cycle  to 
cycle  varlat.an  of  the  movement  of  this  separation  point  was  quite  large.  The  scatter  in  the  velocity 
vector  as  well  as  In  the  turbulence  quantities  In  figure  23  to  25  Is  a  result  of  these  non-periodicities. 
Figure  25  completes  the  cycle. 

In  this  experiment,  the  flow  just  downstream  of  the  triling  edge  was  generally  found  to  be  parallel  to  the 
non-separated  side  of  the  trailing  edge.  Altru,  gh  there  is  a  complete  breakdown  of  the  flow  in  the  suction 
side  and  formation  of  a  number  of  large  vortices  close  to  the  airfoil,  the  Geislng  and  Maskell  trailing 
edge  condition  can  be  considered  as  valid  close  to  the  trailing  edge,  since  In  general  the  velocity  at  the 
trailing  edge  remains  tangent  to  the  pressure  side  of  the  blade.  Downstream  of  the  trailing  edge  however, 
the  separating  streamline  Is  strongly  distorted  by  the  trailing  edge  vortices  and  a  complete  analysis  of 
the  data  Including  the  leading  edge  and  trailing  edge  vortices  will  be  necessary.  In  the  analysis,  the 
indication  suggested  by  Polling  and  Tellonls  [18]  ibout  non-zero  loading  in  the  trailing  edge  ard  in  the 
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near  wake  3hould  be  taken  In  to  account 


COMPARISON  WITH  PREVIOUS  ,’ORK 

The  differences  between  the  present  experimental  set  up  and  the  early  experiments  of  De  Ruyck  and  Hirsch  [1 
to  6]  are  the  presence  of  end-plates  and  the  absence  of  a  tripping  wire  in  the  5°  to  15°  test  case. 

When  comparing  the  data  for  the  5°  to  15°  case  the  observed  differences  are  not  relevant,  although  a 
significant  downwash  could  be  expected  in  the  absence  of  end  plates  in  the  early  experiments.  This  can  be 
explained  by  the  small  size  of  the  gaps  between  the  blade  ends  and  the  tunnel  walls  (3%  chord).  The 
tripping  wire  was  placed  at  101  chord  distance  from  the  leading  edge,  whereas  the  laminar  region  is 
observed  up  to  151  chord. 

Differences  are  observed  at  8°  to  18°  angle  of  attack.  The  gaps  at  the  blade  ends  enhance  the  separation, 
which  may  be  due  to  an  overall  non-two  dimensional  (but  still  symmetric  3uction  side  flow.  The  earlier 
separation  cauoes  an  overall  phase  shift.  Stronger  return  flows  are  also  observed  when  using  end-plates. 


CONCLUSIONS 

In  the  present  work  experimental  data  are  obtained  about  leading  edge  and  trailing  separations.  The 
formation  of  a  leading  edge  bubble  has  been  observed,  with  laminar  separation,  transition  and  turbulent 
reattachment.  The  bubble  i-  very  thin  and  the  exact  separation  point  is  to  be  found  by  measurements  very 
close  to  the  wall,  preferably  with  flush  mounted  sensors.  lead-1?  edge  stall  is  f.  'nd  t_  be  triggered  by 
the  bursting  of  the  leading  edge  bubble,  soon  after  the  static  stall  limit  i3  exceedM.  No  inter  iCtion 
with  the  trailing  edge  separation  is  observed.  Strong  turbulence  is  observed  in  the  shear  layer  above  the 
bubble. 

The  trailing  edge  separation  is  a  low  speed,  low  turbulence  event,  with  near  zero  Reynolds  shear  stresses. 
A  weak  vortex  can  be  formed  at  high  angles  of  attack.  The  passage  of  the  leading  edge  vortex  disturbs  the 
trailing  edge  pattern  into  a  high  energy  area  with  strong  turbulence.  The  Seising  and  Maskell  trailing 
edge  condition  is  valid  in  all  cas- s,  as  far  as  the  flow  close  to  the  trailing  edge  is  considered. 

When  compared  to  the  early  experiments  of  De  Ruyck  and  Hirsch  [1  to  6],  It  is  found  that  the  presence  i. . 
gaps  at  the  blade  ends,  and  the  presence  of  a  tripping  wire  at  tOX  chord  distance  of  the  leading  edge  ha3 
no  significant  effects  of  the  overall  flow  behaviour  In  unstalled  conditions.  At  higher  angle.  cr  attack, 
differences  are  observed  due  to  three  dimensional  effects  of  the  uncovered  blade  end3  in  the  early 
experiments,  where  the  separation  occurs  sooner  and  less  return  flow  is  observed. 

The  test  case  5°  to  15°  delivers  a  complete  set  of  data  from  leading  edge  to  near  wake,  including  lata 
about  the  leading  edge  bubble. 

Future  work  should  be  directed  at  an  extensive  analysis  ui  the  obtained  data,  eventually  complemented  by 
similar  data  at  the  other  incidences.  This  should  be  done  in  connection  with  numerical  solutions. 
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(b)  ehordwlse  fluctuations  /u^/q  scale  :  —  'Of  Q 

(c)  -  Reynolds  stress  JwVQ*  scale  :  —  if  Q* 


Figure  6.16  ;  5«  to  15*  Incidence,  k  -  O.J 

(a)  velocity  vectors  scale  : 

(b)  cnoroelse  fluctuations  /u^a  scale  : 

(cl  -  lf«ij  JV/Q*  scale  : 


1-12.56  degr-.  f-149.  17  degr. 


1-10.06  deg*-.  f»  9.94  deg 
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(b)  chordwlaa  fluctuation*  ✓uTT, 
ic)  -  ftaynolda  »tr#*a  J*7vq' 


—  601  Q 

—  2  "'I  <d 

—  .  2t  Q* 


f tuctuat lona  /JT/q  »<»,.  ,  _ tot  t) 

lc)  -  Haynolda  itrtn  iV/Q'  aoal*  ,  _  ,n  g> 
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i“12.  22  d«g>~.  f»180.  95  d«gi-. 


DISCUSSION 


L.S.Langston,  University  of  Connecticut,  U.S.fl. 

Apparently  the  authors  have  used  a  single  hot  wire  and  have  shown  reverse  flow  in  only  one 
region,  near  the  leading  edge  (a  difficult  thing  to  do  without  near  flow  aeasureeents,  especially  with  a 
single  hot  wire).  The  results  show  no  reverse  flow  in  the  separated  regions  near  the  trailing  edge.  What 
is  the  evidence  that  these  separated  regions  do  not  contain  reverse  flow  since  a  single  hot  wire  was 
used  and  no  independent  flow  direction  Measurements  have  heen  wade. 

Author's  response  ! 

The  technique  used  was  described  in  earlier  papers  (see  ref  4  to  5  of  the  paper).  The  reverse 
flow  was  found  by  using  a  slanted  wire  over  360°,  in  such  a  way  tnat  it  always  faces  both  the  right  and 
the  wrong  flow  direction.  Both  solutions  are  fully  ccoputed.  The  correct  solutions  are  next  found  by 
expressing  continuity  in  the  flow  angle,  starting  frow  a  known  direction.  This  is  wade  possible  by  the 
high  density  of  data,  as  well  in  tiie  as  in  space. 

The  results  obtained  in  the  separated  regions  at  the  trailing  edge  in  general  show  snail 
velocity  Magnitude.  With  the  present  technique,  this  amplitude  is  too  soall  to  give  a  relevant  flow 
direction  (below  about  0.3  »/s  or  3*  of  the  nainstrea»  velocity).  In  this  case,  the  region  is  considered 
as  a  'dead  water'  cone,  with  no  distinct  'reversal*.  In  some  situations  (see  e.g.  figure  9  of  the  paper) 
distinct  flow  reversals  can  be  seen  however. 


K. Forster  -  University  of  Stuttgart,  W.Gemany 
Could  the  author  give 

*  the  reduced  frequency 

*  the  test  Mach  Nuwber 

Author's  response  : 

The  reduced  frequency  is 

cO  c 

_  =  D.3 

20 


where  <J0  is  the  pulsation  (rad/sec),  c  the  chord  and  0  the  wain  velocity  13  *  11  »/s> 

The  Mach  Nuwber  is  very  snail,  0.03.  Hence,  the  co»pressibility  effects  are  absent 
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Compressor  Performance  Testa  In  the  Compressor  Research  Facility 

by 

F.  R.  Ostdiek,  W.  W.  Copenhaver ,  D.  C.  Rabe 
Technology  Branch,  Turbine  Engine  Division 
Wright  Research  and  Development  Center  (WRDC/POTX) 

Wright -Patterson  Air  Force  Base,  Ohio  USA  45433 


SUMMARY 

An  advanced  compressor  test  facility,  the  Compressor  Research  Facility  (CRF) ,  has 
be«*.  4Ctal?ished  at  Wright-Pat terson  Air  Force  Base.  The  CRF  is  designed  for  exploration 
of  steady-state  and  transient  behavior  of  full-scale,  multistage  gas  turbine  engine  fans 
and  compressors.  Since  construction  and  check-out  of  the  facility,  the  CRF  test  team  has 
completed  its  first  five  years  of  testing  with  a  variety  of  test  articles.  Customers 
besides  the  Air  Force  have  included  other  Government  agencies  and  industry. 

Turbine  engine  technology  is  changing  rapidly  with  new  mission  demands  on  the  engine 
resulting  in  new  aerodynamic,  stability,  and  performance  demands  on  each  of  its 
components .  This  paper  describes  the  role  of  the  CRF  in  meeting  the  challenges  inherent 
in  such  a  rapidly  changing  field.  The  facility  characteristics  are  described  along  with  a 
description  of  the  changes,  modifications,  and  enhancements  made  to  the  facility  in  its 
short  history. 

Several  examples  of  tests  performed  in  the  CRF  (both  steady-state  and  transient)  are 
used  to  demonstrate  the  impact  of  the  CRF  results  on  engine  development. 

Finally,  the  plans  for  further  facility  modifications  and  enhancement  are  given. 

This  affords  a  preview  of  the  impact  which  this  and  other  test  facilities  will  have  on 
turbine  engine  technology. 

INTRODUCTION 

Propulsion  technology  for  military  applications  is  undergoing  a  major  change  from  the 
engines  of  past  decades.  Many  organizations  are  involved  and  the  US  Air  Force  Wright 
Research  and  Development  Center  (WRDC)  is  in  the  forefront  of  these  changes  through  the 
Integrated  High  Performance  Turbine  Engine  Technology  (IHPTET)  initiative  (Reference  1) . 

In  this  effort,  the  Army,  Navy,  and  Defense  Advanced  Research  Projects  Agency  have  joined 
the  Air  Force  in  an  attempt  to  accelerate  the  growth  of  technologies  required  to 
significantly  change  turbine  engine  performance.  Consideration  of  the  commonly  used 
figure-of-merit  for  turbine  engine  performance,  engine  thrust-to-weight  (T/W)  ratio,  shows 
that  we  have  made  considerable  advancement  in  the  past.  Operational  aircraft  gas  turbine 
engines  of  the  '50s  used  the  aerodynamic  and  structural  techniques  available  at  the  end  of 
the  piston  engine  era  and  were  characterized  by  T/W  ratios  in  the  1-4  range.  Figure  1 
shows  a  cross-sectional  view  of  the  J79  engine  of  that  era. 

After  the  introduction  of  the  gas  turbine  as  a  new  engine  cycle  into  the  aircraft 
propulsion  arena,  progress  was  initially  made  by  application  of  engineering  principles  to 
the  specific  problems  in  the  engine.  This  led  to  researchers  performing  basic  studies  of 
the  aerodynamics  of  the  flows  in  each  of  the  components,  structural  optimizat ion  using  the 
available  materials  of  the  day,  and  aerothermodynamic  cycle  studies  to  optimize 
performance  and  develop  engine  designs  for  particular  aircraft  missions.  Thus,  steady 
progress  was  made  in  the  performance  and  reliability  of  turbojet  engines  and  turbofans 
were  introduced.  An  example  of  the  engines  of  the  '703  is  the  F100  shown  in  Figure  2. 

This  augmented  engine  is  the  most  widely  used  engine  in  Air  Force  "ighter  aircraft  today 
and,  when  introduced,  represented  a  significant  increase  in  performance  and  reliability 
over  the  pioneering  engines.  It  is  capable  of  producing  nearly  25,000  pounds  of  thrust 
with  an  installed  T/w  of  nearly  7.4. 


Figure  1.  J79  Engine  Cross-Section  Figure  2. 


F100  Engine  Cross-Section 


The  progress  attained  from  the  '50s  through  the  '70s  in  building  more  efficient  and 
durable  engines  helped  define  more  subtle  problems.  This  included  secondary  flows, 
transient  and  differential  heating  effects,  cooling  of  the  hot  sections,  interaction  of 
multiple  spools,  and  system  stability.  The  stability  problem  has  been  and  remains  a 
particularly  difficult  one  as  demonstrated  by  the  long  and  troublesome  history  of 
Stagnation  3talls.  The  next  generation  of  air  superiority  fighters  will  demand  a  mucn 
wider  installed  performance  range  in  terms  of  thrust,  engine  speed,  and  inlet  conditions. 
The  continued  interest  in  short  takeoff  and  vertical  landing  aircraft  (STOVL) ,  with  the 
varied  methods  of  providing  vertical  lift,  not  only  widens  the  performance  corridor 
wherein  the  aircraft  with  its  engine  is  expected  to  operate  stably,  but  also  means  that 
the  engine  now  becomes  a  primary  part  of  the  aircraft  stability/control  picture.  Rapid 
changes  in  flight  regime  which  will  be  accomplished  during  thrust  vectoring,  thrust 
reversing,  vertical  landings,  gun  gas  ingestion,  and  high  speed  aerobatic  maneuvers  will 
significantly  increase  the  demand  for  a  distortion-tolerant  engine.  The  compression 
system  in  these  new  engines  will  therefore  be  required  to  maintain  a  high  performance 
level  when  faced  with  rapid  excursions  in  engine  speed,  inlet  flow  conditions,  and 
pressure  and  temperature  profile  distortions. 

The  IHPTET  goal  of  doubling  the  thrust-to-weight  ratio  in  the  next  15  years,  demands 
that  «.  large  part  of  our  research  be  spent  on  identifying  and  developing  new  materials  for 
use  throughout  the  engine.  Compression  systems  will  have  shape  restrictions  which  are 
wholly  dependent  on  the  structural  requirements  of  new  materials  and,  at  the  same  time, 
compressor  designs  will  enter  into  new  aerodynamic  regimes  because  of  the  higher 
temperature  capability  of  the  new  materials. 

Major  advances  in  compression  system  aerodynamic  design  have  been  made  in  the  past  20 
years.  Dr  Arthur  Wennerstrom  of  WRDC' s  Aero  Propulsion  and  Power  Laboratory  has  been  a 
major  contributor  and  leader  in  this  area.  Figure  3  shows  one  of  Dr  Wennerstrom' s  latest 
compressor  stages  which  combines  the  high-through-f low  technology  he  pioneered  in  the  '70s 
and  the  swept  blades  in  his  latest  research.  Obviously,  this  rotor  represents  a  radical 
change  from  our  present  operational  engines,  and  we  expect  further  changes  in  the  future. 

Thus,  in  addition  to  increased 
operability  requirements  from 
changing  aircraft  missions,  we  are 
faced  with  the  struggle  to  obtain 
increased  efficiency  through 
aerodynamic  research  and  then  to 
retain  that  efficiency  gain  when 
aeromechanical  requirements  drive  us 
into  unknown  areas.  A  further 
discussion  of  the  revolution  of 
turbine  engine  technology  is 
contained  in  Reference  1 . 


Figure  3.  Wennerstrom  Swept  Rotor 


HISTORICAL  PERSPECTIVE  QF  COMPRESSOR  TfiSXINQ 

The  turbine  engine  industry  has  been  plagued  with  compressor  problems  throughout  its 
history  (Reference  2) .  A  brief  review  of  the  history  of  turbine  engine  development 
indicates  that  virtually  all  of  our  modern  turbine  engines  have  had  serious  compressor 
problems,  either  mechanical  or  aerodynamic  and  sometimes  both,  during  their  development. 
Most  of  these  can  be  traced  to  stringent  design  goals,  increased  operational  performance 
requirements,  complex  multi-mission  functional  goals  and  transient  performance 
requirements  which  were  unknown  or  not  well  understood  during  compressor  development .  In 
addition,  the  aerothermodynarnics  of  gas  turbine  engines  is  exceedingly  complex  and  is 
still  an  emerging  and  expanding  technology.  One  expects  significant  problems  under  those 
circumstances.  The  effect  of  these  problems  was  manifested  in  shipped  or  cancelled 
programs  and  excessive  program  costs.  The  archives  have  several  examples  of  cancelled 
weapon  systems  which  can  be  directly  related  to  compressor  development  problems.  The 
records  show  that  most  compressors  and  fans  go  through  from  two  (2)  to  eight  (8)  major 
redesigns  before  reaching  a  mature  operational  status.  Many  then  go  through  further 
redesigns  in  an  attempt  to  enhance  or  improve  their  performance.  The  cost  of  these 
redesign  efforts  can  be  staggering.  A  conservative  estimate  for  redesigning  a  compressor 
is  $10,000,000  and  in  some  cases  could  exceed  $50,000,000  depending  on  the  development 
status  of  the  engine.  With  this  kind  of  impetus,  the  turbine  engine  industry  has  turned 
to  component  testing  to  help  control  expenditures  and  also  to  normalize  development 
schedules . 


The  evolution  of  compressor  test  facilities  as  a  tool  in  the  development  of 
compressors  has  been  a  steady  process  over  the  past  50  years.  Test  facilities  at  first 
responded  to  relatively  unknown  requirements  since  the  turbine  engine  was  still  in  its 
infancy.  With  continued  u«e  of  the  engine,  our  understanding  of  the  flow  processes  and 
problems  increased,  and  facilities  were  either  constructed  or  converted  to  meet  the  test 
requirements.  The  usual  output  was  an  airf low-pr^j  are  ratio  performance  map. 

Through  the  '70s,  compressor  test  facilities  were  characterized  by  manual  control  of 
the  drive  system  and  support  equipment.  This  allowed  adequate  test  control  but  also  meant 
manually  monitoring,  resetting,  and  stabilising  as  test  conditions  changed.  Thus  a 
considerable  amount  of  time  was  spent  in  moving  from  one  test  condition  to  ar.othe 
Consequently,  test  periods  were  usually  long  and  tedious.  Data  systems  were  designed  to 
obtain  steady-state  information.  The  exceptions  were  strain  gages  and  specialized  test 
requirements  when  some  transient  pressures  were  recorded  for  later  evaluation.  Data 
systems  had  long  sampling  times  and  information  was  recorded  on  magnetic  tapes  in  raw  form 
and  saved  for  later  verification  and  correction.  This  had  two  effects.  First,  the  test 
operator  performed  the  test  without  precise  knowledge  of  the  true  aerodynamic  operating 
point.  This  resulted  in  increased  test  point  scatter.  Secondly,  the  reduced  data  was  not 
available  for  days  or  weeks  and  usually  not  until  the  test  was  concluded.  The  researcher 
thus  missed  "targets  of  opportunity"  and  areas  that  should  have  been  investigated. 

Many  tests  were  conducted  in  pairs.  This  was  fostered  by  the  concept  of  having 
separate  aerodynamic  and  structural  rigs  because  the  problems  were  different  and 
difficult.  This  generally  resulted  in  separate  tests  for  the  two  purposes  and  separate 
test  teams  even  when  using  the  same  rig.  Consequently,  minimal  coordination  between 
mechanical  and  aerodynamic  researchers  occurred. 

In  addition  to  building  dedicated  test  rigs,  researchers  occasionally  obtained 
compression  system  data  from  engine  operation.  This  testing  was  restrictive  in  that 
instrumentation  access  was  often  limited  and  operation  was  only  on  the  engine  operating 
line  unless  the  test  program  could  tolerate  some  off-schedule  variable  geometry  rigging, 
in-flow  bleeds,  etc. 

Throughout  the  '50s  to  '70s,  test  facilities  have  been  built  to  meet  the  perceived 
needs  of  turbine  engine  development.  The  response  has  been  hampered  by  facility 
construction  lead  time.  The  construction  and  checkout  period  from  program  initiation  to 
fully  operational  status  is  typically  5  to  15  years  (12  years  for  the  CRF) .  However,  the 
continued  for  good  test  data  still  forces  new  facility  construction. 


The  CRF  supports  the  exploratory  and  advanced  development  programs  of  the  Aero 
Propulsion  and  Power  Laboratory  required  to  advance  turbine  engine  technology.  The 
facility  provides  the  means  of  obtaining  data  required  for  exploration  of  the  steady-state 
and  transient  behavior  of  full-scale,  multistage  gas  turbine  fans  and  compressors  and  is 
designed  to  accommodate  compressors  with  inlet  flow  up  to  500  lb/sec  and  pressure  ratios 
of  40:1  (Reference  2,  10,  11). 

The  facility  is  an  open-cycle  design,  in  which  the  test  compressor  provides  motive 
power  to  move  air  through  the  facility.  The  compressor  is  mounted  inside  a  20- foot 
diameter  test  chamber  vessel.  Filtered  air  is  drawn  from  the  atmosphere  into  the  test 
chamber  plenum  through  an  array  of  five  inlet  control  valves  which  provide  compressor 
inlet  pressure  regulation  for  reduced  inlet  pressure  testing.  Mounted  inside  the  test 
chamber  plenum  is  a  flow  conditioning  barrel  with  screens  and  honeycomb  to  minimize 
airflow  distortion.  A  close-coupled  discharge  valve  controls  compressor  pressure  ratio. 
Discharge  air  passes  into  a  collector  and  through  a  venturi  flow  measurement  station 
before  discharging  to  the  atmosphere.  Flow  can  also  be  measured  with  the  inlet  bellmouth. 

An  overall  layout  of  the  facility  is  shown  in  Figure  4.  The  facility  actually 
involves  space  in  three  different  buildings.  The  test  building  houses  the  computer  and 
control  rooms,  the  operations  building  contains  the  test  chamber  and  signal  conditioning 
room,  and  the  electrical  power  conditioning  equipment  is  located  in  the  third  building. 

CRF  tests  are  controlled  from  the  facility  control  room  through  the  CRF  computer 
system  shown  in  Figure  5.  Commands  to  execute  the  test  program  are  sent  from  the  control 
room  through  a  monitor  computer  located  in  the  computer  room  to  four  control  computers, 
Modcomp  Classics  located  in  the  signal  conditioning  room.  The  control  computers,  with 
shared  memory,  control  the  electrical  power  conditioning  equipment  which  powers  the  drive 
motors.  They  also  control  the  services  that  support  the  facility  and  variable  geometry 
devices  on  the  test  compressor.  Auxiliary  support  systems,  including  hydraulic,  test 
article  lubrication,  service  air,  cooling  water,  and  fire  control  are  controlled  by 
programmable  logic  controllers  monitored  by  these  control  computers.  All  control  systems 
have  automatic  fault  detection  with  preprogrammed  facility  recovery  actions. 

The  compressor  is  driven  at  speeds  up  to  30,000  RPM  through  two  speed- increasing 
gearboxes  by  either  of  two  30,000  HP  synchronous  electric  motors.  Various  compressor 
apeed/power  ranges  are  available  by  selecting  the  appropriate  high-speed  gearbox  and  drive 
motor  combination.  Compressor  speed  is  typically  controlled  to  within  ten  RPM,  even 
during  stall,  by  controlling  the  frequency  of  the  electric  power  supplied  from  the  power 
conditioning  equipment  to  the  selected  drive  motor. 
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Figure  5.  CRF  Control  Compucer  Systen 


Ovfi>— -  y 

|  isra— 

J . 1 


rncturr 

cwtro. 

COMPUTER 


WXUP 


f 


1 

I 


TEST  0UILOIN6 


mx 

fvuarr 
■«)  ares  ic 


anmiore  auimim 


The  CP.F  data  acquisition  system  is  shown  in  Figures  6  and  7.  The  digital  system 
acquires  data  from  a  Preston  analog-to-digital  converter  and  multiplexer  at  a  rate  which 
approaches  50,000  samples  per  second.  The  system  can  be  configured  to  handle  up  to  640 
amplifier  channels.  Data  is  passed  from  the  analog-to-digital  converter  to  a  data 
acquisition  computer  (DAC)  which  acquires  the  data  and  controls  the  data  acquisition 
process.  A  second  computer  (AUX)  buffers  the  data  for  access  by  the  data  reduction 
computer  (IBM  43sl  Main  [MAIN]). 
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Figure  6.  CRF  Data  Acquisition  System 
(Digital) 


Figure  7.  CFF  Data  Acquisition  System 
(Analog) 


The  MAIN  computer  is  the  heart  of  the  digital  data  acquisition  system  and  performs 
all  of  the  channel  calibrations,  engineering  conversions  and  performance  calculations . 

Data  is  processed  on-line  by  the  MAIN  computer  and  then  transferred  to  monitors  for 
real-time  use  by  the  test  team.  The  data  is  also  routed  to  printers  and  storage  disks  and 
tapes.  Two  important  features  of  the  MAIN  computer  are  its  ability  to  perform  an 
electronic  calibration  of  all  digital  channels  (channel  check)  and  its  ability  to  perform 
an  automatic  five  point  pressure  calibration  of  the  pressure  channels. 


This  data  system  ha3  been  used  to  measure  time-averaged  and  unsteady  pressures  and 
temperatures  during  CRF  tests.  The  pressure  data  acquired  during  the  transient  tests  can 
be  categorized  as  high- response,  close-coupled,  and  time-averaged  measurement s . 
High-response  and  close-coupled  methods  were  used  for  unsteady  pressure  measurement  and 
time-averaged  methods  are  used  for  steady  and  quasi-steady  measurement. 

Time -aver aged  data  are  acquired  through  real-time  digital  conversion  and  stored  on 
digital  tape  or  disk  and  are  used  to  define  time-averaged  steady-state  properties.  A 
time-averaged  measurement  is  defined  as  an  arithmetic  average  of  30  samples  of  each 
channel  sequentially  at  the  maximum  rate  possible  for  analog  to  digital  conversion, 
typically  this  requires  200  ms. 

Close-coupled  measurements  are  a  subset  of  the  time-averaged  measurements  and  are 
obtained  through  real-time  digital  conversion  of  signals  from  the  same  transducers 
utilized  for  time-averaged  measurements .  These  transducers  are  mounted  as  close  as 
possible  to  the  test  compressor  for  unsteady  tests.  A  close-coupled  scan  is  defined  as  a 
single  sample  of  all  close-coupled  channels  whereas  a  time-averaged  represents  30  scans. 

The  high-response  system  provides  for  higher  frequency  response  than  the 
close-coupled  system  and  results  ir.  a  more  accurate  characterization  of  pressure 
fluctuations.  The  frequency  response  of  the  high-response  system  is  highly  dependent  on 
transducer  selection  and  placement  on  the  test  article.  Huun-resporse  data  are  acquired 
in  analog  form  and  store!  on  tape  through  FM  recording. 

At  the  start  of  each  test  program  in  the  CRF,  an  exhaustive  checkout  of  the  data 
system  is  performed.  The  channel  check  and  pressure  calibration  activities  ensure  the 
proper  functioning  of  the  digital  data  system;  however,  possibilities  still  exist  for 
error?.  Therefore,  end-*  ,-end  checks  are  performed  from  the  test  article  to  the  computer 
readout  using  known  pressures  and  temperatures.  During  the  test  program,  a  daily  check  is 
made  of  the  data  system  and  tie  test  rig  at  the  beginning  and  end  of  each  test  period  by 
repeating  a  pre-selected  operating  condition  of  roeed  and  pressure  ratio  to  determine  if 
the  calculated  parameter.!  such  as  flow  an d  efficiency  have  changed.  Appropriate 
corrective  action  is  taken.  Expanded  discussions  of  the  CRF  facility  and  data  systems  c?.i 
be  found  in  References  10  and  11. 

DIRECT  VELOCITY  MEASUREMENT 

The  direct  measurement  of  the  velocity  can  provide  insight  into  the  flow  behavior 
that  cannot  be  achieved  in  any  other  way.  Flow  separation,  angle  of  attack  and  deviation 
angles  all  must  be  detected  through  the  direct  measurement  of  the  flow  velocity  vector. 
There  are  methods  of  calculating  the  velocity  vector  from  pressure  probes  using  multiple 
sensors,  but  generally  detailed  flow- field  measurements  are  performed  with  use  of  hot 

wires  or  laser  anemometry  if  the  test  vehicle  can  accommodate  these  methods  cf 
measurement 

In  the  CRF,  the  hot  wire  is  routinely  usu  to  measure  the  boundary  layer  in  the 
bellmouth  of  test  compressors.  With  the  characterization  of  the  boundary  layer,  the 
bellmouth  can  be  used  as  a  second  source  of  mass  flow  measurement.  This  measurement  also 
characterizes  the  compressor  inlet  turbulence  level.  A  typical  boundary  layer  measured 
during  a  CRF  compressor  test  is  presented  in  Figures  8  and  9.  These  data  show  that  the 
inlet  turbulence  level  in  this  CRF  test  was  below  .5%  while  t»,e  boundary  layer  thickness 
was  less  than  25  centimeters  at  a  location  .5  diameter  dov.-nstream  from  where  the  bell,  vuth 
became  a  constant  area  and  with  a  pipe  Reynolds  number  of  approximately  5  x  10  . 


Figure  8.  Boundary  Layer  Velocity  Profile 
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Figure  9.  Boundary  Layer  Turbulence  Profile 
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Laser  anemometry  has  also  been  used  extensively  in  the  CRF.  Through  its  use, 
detailed  measurements  of  the  rotor  flow  fields  are  aade  which  were  not  possible  just  a  few 
years  ago.  Since  the  early  '70s,  laser  anemometry  Las  been  refined  and  developed 
independently  and  commercially.  There  are  two  general  techniques  currently  being  used  to 
investigate  compressor  flow  fields.  These  include  the  laser  fringe  and  laser  two- focus 
techniques.  A  comparison  of  these  two  techniques  was  performed  (Refers  te  8)  to  assess 
their  ad\  ..ntages  and  disadvantages  for  use  in  CRF  testing. 

Computational  and  experimental  laser  results  have  been  compared  by  many  researchers 
(References  12  to  15) .  These  comparisons  are  providing  new  insight  into  the  physics  of 
compressor  flow  fields.  Future  aerodynamic  advancements  in  compresso'  performance  will 
stem  from  laser  and  transient  measurements.  Further,  the  incorporation  of  on-line 
presentation  of  data  in  comparison  with  computational  results  will  help  to  guide  the  laser 
and  other  work  and  improve  the  efficiency  of  test  time.  Two  representations  of  laser 
two-focus  data  that  are  available  on-line  in  the  CRF  are  presented  in  Figures  10  and  11. 
This  representation  of  the  data  earn  be  achieved  while  a  subsequent  set  cf  measurements  is 
being  obtained.  With  this  capability  the  actual  test  data  can  be  reviewed  so  laser  set  up 
conditions  can  be  adjusted  to  meet  the  flow-field  requirements. 
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Figure  10.  LTA  Data  Presentation  4 - - - * - - - , 

in  Vector  Forte  0  0  percent  b.smoe  I00.C 


Figure  11.  LTA  Passage  Measurement  Presentation 
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The  CRF  was  first  envisioned  as  an  aerodynamic  test  facility  and  consequently,  had 
minimal  aeromechanic  capability.  Test  safety,  funding  problems  and  scheduling  pressures 
made  it  advisable  to  perform  both  aerodynamic  auid  aeromechanical  mapping  at  the  same  time. 
A  new  144-channel  aeromechanics  workstation  was  designed,  installed  and  has  been 
operational  for  several  years.  This  station  includes  144  monitor  oscilloscopes,  digital 
storage  of  gage  signals,  and  182  channels  of  FM  recording  capability.  This  station  can 
support  four  aeromechanicists  during  test  with  each  having  a  complete  set  of  spectrum 
analysis  equipment.  In  addition,  a  strain  gage  monitoring  system  is  being  installed  at 
the  present  time  which  will  provide  a  watchdog  function  and  alarm  for  over-limit  stresses 
(DC  to  16  Khz)  for  108  channels.  Since  this  system  is  computer  controlled,  the  alarms 
could  be  used  to  command  immediate  corrective  actions  through  the  control  computers. 


This  section  shows  the  progression  in  competency  of  the  CRF  test  team  by  presenting 
sample  results  from  several  tests.  Through  these  examples,  we  will  show  the  development 
of  the  facility  from  a  purely  steady-state  aerodynamic  test  facility  to  a  facility  capable 
of  transient  testing  with  an  aero/mechanical  mix  of  experimentation.  In  addition,  the 
capability  of  the  facility  to  perform  advanced  laser  flow  measurements  to  characterize  the 
details  of  the  fluid  flow  will  be  shown.  Table  1  presents  an  overview  of  the  facility's 
test  history. 


DATE 

RESULTS 

J85  II 

1983-84 

OPERATIONAL  FACILITY 

HIGH  TIP  SPEED  COMPRESSOR 

1984-85 

DESIGN  INFORMATION 

GE  37  REDESIGN 

FAN  DISTORTION  AND  LASER 
ANEMOMETRY 

1985-86 

GE  37  DATA  BANK 

MULTISTAGE  HIGH-PRESSURE 
COMPRESSOR 

1986-87 

STALL  AND  POST  STALL 

DATA  BANK 

SWEPT  ROTOR 

1987-89 

NEW  TRANSONIC  TECHNOLOGY 

Table  1.  CRF  Test  Programs 


STEADY,  HTSC  TEST  RESULTS 

The  first  test  in  the  facility  was  performed  to  obtain  the  aerodynamic  performance  of 
an  advanced  transonic  research  compressor.  Limited  results  from  this  test  program  have 
been  previously  reported  (Reference  9) .  The  nondimensionali2ed  compressor  performance 
obtained  for  this  two-stage  compressor  is  presented  in  Figure  12.  All  of  the  data  points 
taken  for  the  map  were  of  sufficient  quality  to  be  used  on  this  figure.  This  was  a  direct 
result  of  performing  an  extensive  end-to-end  check  audit  of  the  instrumentation  system 
before  the  test  program  plus  daily  checks  to  determine  if  channels  had  become  inoperative. 
These  channels  were  then  repaired  as  needed.  Even  though  the  data  acquired  on  the  test 
compressor  were  essentially  all  steady  state,  the  test  presented  the  opportunity  to 
exercise  the  full  data  acquisition  system  of  the  facility.  Over  600  individual  channels 
of  pressures  and  temperatures  were  measured  during  the  test.  All  of  these  measurements 
were  available  for  review  in  engineering  units  in  near  real-time.  They  were  updated  on 
the  computer  terminals  every  o^e  to  two  seconds.  This  provided  the  ability  to  verify  che 
compressor  performance  on-line.  The  consistency  of  both  the  compressor  and  the  data 
system  was  verified  through  the  use  of  the  daily  performance  checkpoints.  A  trend  of  the 
efficiency  over  the  comp1 -'t  *  eat  program  is  shown  in  Figure  13.  This  figure  shows  a 
change  in  the  efficiency  of  approximately  .5%  near  the  middle  of  the  test  program.  This 
change  was  considered  to  be  outside  the  precision  uncertainty  of  the  data  system  and  was 
therefore  a  change  in  the  test  system  (Reference  9) .  The  drop  in  efficiency  was 
attributed  to  damage  sustained  by  the  second  stage  blades  which  was  discovered  upon 
post-teat  teardown.  Although  this  failure  mode  effected  only  about  1%  of  the  blade  area, 
the  data  system  was  able  to  observe  a  change  in  the  performance  of  the  test  compressor. 
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Figure  13.  CRF  Compressor  Checkpoint 
History 
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STRUCTURAL,  TEST  RESULTS 

During  the  Fan  Durability  Assessment  (FDA)  test  nrogram,  the  CRF  demonstrated  its 
full-scale  structural  testing  capability.  During  aerodynamic  testing,  the  structural 
characteristic  of  the  test  compressor  had  been  found  to  be  satisfactory  for  clean  inlet 
flow.  However,  in  the  FDA  test  program,  the  primary  objective  of  the  test  was  to 
determine  the  aeromechanical  response  of  an  integrally-bladed  disk  to  inlet  flow 
distortion.  In  this  program,  the  16  blades  of  the  rotor  were  instrumented  with  20  strain 
gages  with  at  least  one  per  blade.  Essentially,  a  classical  structural  test  program  was 
performed.  Excessive  resonant  stresses  were  observed  in  the  presence  of  some  of  the  inlet 
pressure  distortion  patterns.  These  significant  resonances  were  always  in  the  first  three 
natural  modes.  Large  blade-to-blade  response  variations  occurred  ever,  though  the  blades 
of  the  blisk  were  essentially  tuned.  This  had  not  been  expected  prior  to  the  test. 
Additional  test  results  are  presented  in  Reference  5.  From  a  facility  point  of  view,  this 
test  program  basically  emphasized  that  structural  testing  could  be  manpower  intensive  and 
it  increased  the  risk  of  damage  to  the  test  compressor  and  the  facility. 

LASER  TEST  EXPERIENCE 

Early  in  the  facility  development  it  was  recognized  that  laser  anemometry  would  play 
a  key  roll  in  understanding  the  flow  physics  of  our  advanced  compressor  systems.  With  a 
better  understanding  of  the  detailed  flow-field  behavior,  computational  fluid  dynamics 
codes  can  be  improved  to  provide  realistic  simulations  of  advanced  compressor  designs. 
These  improved  codes  can  be  used  to  perform  parametric  analysis  of  current  concepts  and 
help  determine  better  compressor  design  techniques. 

Laser  two-focus  and  laser  fringe  anemometry  were  both  investigated  (Reference  8)  for 
use  in  compressor  testing.  These  comparisons  showed  that  the  available  laser  two-focus 
system  provided  a  mechanically  more  reliable  flow  measurement  system  but  required  more  run 
time  to  acquire  the  test  data.  The  laser  fringe  anemometer  reduced  run  times  and  provided 
accurate  measurements  in  higher  turbulence  level  flows.  However,  its  major  draw  back  was 
its  delicate  optical  system.  Initially  the  laser  two-focus  system  was  employed  in  the 
test  facility.  The  laser  fringe  system  is  being  improved  for  future  use. 

Laser  two-focus  has  been  used  in  the  CRF  to  investigate  isolated  flow  phenomena  as 
well  as  full  flow-fieid  behavior.  The  passage  shock  wave  end  wall  boundary  layer 
interaction  in  a  rotor  passage  was  investigated  (References  3  and  11) .  Figure  14  shows 
this  test  conf icrurat ion .  A  flat  window  was  employed  and  the  laser  beam  was  transmitted 
through  it  at  nearly  a  perpendicular  angle.  The  magnitude  and  direction  of  the  velocity 
component  in  the  axial -circumferent ial  plane  was  measured.  The  flow  behavior  was 
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investigated  in  the  blade  tip  leading 
edge  region  of  the  rotor  passage 
where  the  passage  shock  wave  end  wall 
boundary  layer  interaction  was 
suspected.  It  was  discovered  that 
the  well-ordered  core  flow  was 
separated  from  the  end  wall  boundary 
layer  by  what  appears  to  be  a  shear 
layer  where  the  flow  behavior  changes 
abruptly.  This  shear  layer  appears 
to  be  at  a  constant  depth  between  12% 
and  22%  of  the  axial  blade  chord.  No 
evidence  of  this  shear  layer  was 
observed  at  the  leading  edge  where 
measurements  were  obtained  well 
within  the  inlet  boundary  layer . 


Figure  14.  Laser  Test  Configuration 


The  full  flow  field  of  an 
advanced  swept  rotor  design  has  been 
successfully  measured  and  the  results 
are  currently  being  analyzed.  This 
test  again  used  the  laser  two-focus 
system  to  obtain  flow  measurements. 

In  this  rotor,  the  blade 
circumferential  lean  prevented  a  view 
of  the  complete  flow  field  if  the 
laser  was  directed  in  a  purely  radial 
direction.  Therefore,  the  beam 
penetration  was  changed  during  the 
test  to  acquire  a  complete  view  of 
the  flow  field.  Near  the  blade  tip, 
the  beam  entered  the  flow  along  the 
radius.  When  measurements  were  to  be 
obtained  in  the  hub  region,  the  beam 
entered  the  flow  at  approximately  25 
degrees  to  the  radius,  as  seen  in 
Figure  15.  By  using  these  two 
entrance  angles,  nearly  all  of  the 
flow  field  could  be  observed. 
Approximately  2000  data  points  were 
acquired  within  the  blade  passage  to 
characterize  the  flow  field. 


Figure  15.  Laser  Beam  Near  Hub  Region 


In  the  future,  the  laser  fringe  anemometer  will  be  developed  to  improve  the  speed  of 
data  collection.  It  is  anticipated  that  the  laser  fringe  system  will  improve  the  speed  to 
the  point  that  the  design  point  condition  of  our  advanced  compression  systems  can  be 
measured  on  a  routine  basis.  This  would  require  the  system  to  be  able  to  measure  the 
complete  flow  field  of  a  rotor  in  less  than  one  test  week.  This  requirement  is  leading 
the  CRF  to  automatic  controls  of  the  system.  The  optics  of  the  system  will  be 
m»ch*nicall v  improved  t-o  ensure  alignment  over  extended  periods  of  running  in  a  high  noise 
environment.  Adjustments  that  would  be  performed  by  hand  in  a  laboratory  environment  will 
be  automatically  controlled  in  the  CRF.  At  the  present,  this  laser  fringe  system  is  being 
configured  and  tested  on  smaller  research  vehicles  so  that  it  can  be  developed  for  use  in 
the  CRF. 


TRANSIENT  TEST  EXPERIENCE 

To  fully  characterize  the  performance  of  advanced  compressor  designs,  testing  must 
also  include  investigations  into  quasi-steady  and  unsteady  compressor  performance. 

Details  of  unsteady  compressor  phenomena  provide  information  for  designers  about  how  a 
compressor  transitions  from  a  given  state  of  operation  to  another,  as  is  the  case  during 
compressor  stall.  When  a  compressor  stalls,  engine  performance  is  reduced  below  a  level 
that  can  sustain  flight.  Because  compressor  stalling  does  occur  and  aircraft  have  been 
consequently  lost,  the  performance  of  a  compressor  operating  near-  and  in-stall  and  the 
compressor's  ability  to  recover  from  stall  are  extremely  important  considerations. 
Unsteady  information  as  it  relates  to  compressor  stalling  behavior  can  be  used  to  develop 
designs  that  are  more  stall  tolerant  and  more  stall  recoverable. 

Transient  compressor  performance  was  investigated  during  the  CRF  multistage 
compressor  stall  recoverability  teat  program.  This  CRF  test  program  was  designed  to 
increase  understanding  of  the  details  of  in-stall  operation  and  recoverability  of  a 
10-stage,  high-speed,  high-pressure  ratio  axial-flow  compressor.  The  test  demonstrated 
the  transient  data  acquisition  capabilities  of  the  CRF  as  well  as  the  test  team's  ability 
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to  plan  and  execute  a  test  program  which  required  the  test  compressor  to  be  maintained  in 
rotating-stall  for  long  periods  of  time.  During  the  program,  approximately  10  hours  were 
spent  in  rotating-stall.  The  test  program  results  (Reference  4)  indicated  that  stage 
matching  may  have  a  direct  impact  on  the  recoverability  of  a  compressor  from 
rotating-stall.  The  unsteady  test  results  were  also  used  to  assist  in  verification  of  a 
dynamic  compression  system  model  as  detailed  in  Reference  6. 

Test  program  results  were  in  the 
form  of  steady,  quasi-steady  and 
transient  performance  of  the  test 
compressor  during  the  stalling  process 
and  while  operating  in  rotating-stall. 

Steady-state  data  were  obtained  while 
the  compressor  was  operating  unstalled 
and  in  rotating-stall  for  five  different 
shaft  speeds  as  presented  in  Figure  16 
(Reference  4J .  The  data  shown  in 
rotating-stall  is  a  time-averaged 
representation  of  the  quasi-steady 
rotating-stall  performance  of  the 
compressor.  Each  individual  pressure 
coefficient  data  point  is  comprised  of 
an  average  of  30  scans  of  the  unsteady 
pressures  within  the  compressor.  Each 
point  represented  in  Figure  16  was 
acquired  after  a  three-minute  compressor 
stabilization  period.  Steady-state  data 
of  this  type  provides  the  designer  with 
a  steady-state  representation  of  the 
test  compressor  quasi-steady 
rotating-3tall  operating  point.  This  steady-state  representation  of  a  compressor  in  an 
unsteady  condition,  rotating-stall,  needs  to  be  refined.  It  is  useful  to  present  results 
in  a  standard  map  format  and  at  the  same  time,  do  further  work  to  understand  the  details 
of  the  time-varying,  rotating-stall  cell. 

A.  subset  of  the  time-averaged  measurements  was  the  close-coupled  pressure 
measurements  a  defined  previously.  A  graphical  representation  of  the  two  types  of 
measurements  is  presented  in  Figure  17.  This  figure  details  how  a  time-averaged 
measurement  would  be  obtained  from  a  time-varying  pressure.  It  also  shows  what 
information  is  acquired  using  the  close-coupled  digital  measurement  system.  The 
difference  between  the  two  types,  close-coupled  and  time- averaged,  was  the  number  of 
averages  taken  to  make  up  the  measurement  and  the  rate  at  which  the  data  were  obtained. 
During  the  stall  test  program,  77  pressure  channels  with  a  nominal  frequency  response  of 
70  Hz  were  designated  as  close-coupled  measurement  channels.  A  close-coupled  scan  was 
defined  as  a  single  sample  of  all  close-coupled  channels  simultaneously.  All  sampled 
signals  were  held  until  the  they  could  be  digitized  and  subsequently  recorded.  This 
technique  eliminated  the  phase  errors  that  would  have  been  associated  with  sequential 
reading  of  data  from  individual  channels  of  close-coupled  data.  Further  details  on  the 
close-coupled  data  acquisition  system  are  provided  in  Reference  10. 
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Figure  16.  Test  Compressor  Overall  Pressure 
Characteristics 
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The  close-coupled 
digital  data  acquired  for 
compressor  rotating-stall 
operation  can  be  presented 
in  a  three-dimensional 
"unwrapped"  condition  as 
shown  in  Figure  18.  This 
figure  represents  a 
snapshot  of  the  pressure 
levels  within  the 
compressor  while  operating 
in  rotating-stall.  It 
indicates  high  levels  of 
pressure  fluctuations  in 
the  rear  of  the  compressor 
while  lower  levels  exist  in 
the  front  stages  of  the 
compressor,  suggesting  that 
the  stalled  stages  are 
isolated  in  the  rear  of  the 
compressor.  The  data  can 
be  presented  in  an 
alternate  fashion  to  obtain 
details  of  the  total  ana 

static  pressures  within  the  compressor  while  the  rotating-stall  cell  is  present  within  the 
compressor.  Figure  19  shows  the  time-resolved  total  and  static  pressures  at  two  axial 
locations  in  the  compressor.  The  figure  supports  the  concept  that  the  stall  cell  is 
concentrated  in  the  rear  of  the  compressor  as  can  be  seen  by  the  large  fluctuations  in 
both  static  and  total  pressure  as  the  stall  cell  passes,  while  the  front  stages  react  to 
the  cell  passage  in  the  rear  with  little  change  in  total  pressure  and  a  rise  in  static 
pressure. 
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Figure  18.  Test  Compressor  In-Stall  Time- 
Resolved  Total  Pressure  Rise 


Figure  19.  Test  Compressor  78.5%  Speed  Internal 
Time-Resolved  Pressures 
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Further  details  of  the  extent  of  the  rotating-stall  cell  were  obtained  with  the 
high-response  analog  data  acquisition  system  described  previously.  The  unsteady  pressures 
were  measured  through  a  transducer/pressure  tubing  system  that  allowed  for  a  nominal 
frequency  response  of  200  Hz.  A  comparison  of  the  high-response  and  close-coupled  methods 
of  data  acquisition  is  provided  in  Figure  20  (Reference  10) .  The  data  detailed  in  this 
figure  were  obtained  during  the  transition  of  the  test  compressor  from  steady  unstalled 
operation  to  quasi-steady  in-stall  operation  due  to  exit  throttle  area  reduction.  The 
comparison  is  of  two  compressor  exit  static  pressures  at  the  same  axial  plane  and  very 
near  to  each  other  circumferentially.  The  transition  into  rotating-stall  is  characterized 
well  by  both  the  close-coupled  and  high-response  systems  thereby  indicating  high 
confidence  in  both  measurement  systems.  As  quasi-steady  rotating-stall  is  established, 
the  figure  suggests  that  the  close-coupled  system  captures  the  basic  trend  of  the 
rotating-stall  but  not  the  details  of  the  stall  cell  itself.  To  further  investigate  these 
details  the  high-response  data  is  required. 


High-response  data  obtained  from  two  impact  tube  pressure  probes  positioned  at  the 
compressor  exit  are  shown  in  Figure  21.  The  upper  most  curve  details  the  time-resolved 
pressure  during  rotating-stall  operation  as  measured  from  an  impact  probe  facing  upstream 
in  the  compressor,  while  the  lower  most  curve  is  the  same  information,  from  a  downstream 
facing  probe.  With  this  high-response  information,  it  is  possible  to  characterize  the 
percentage  of  the  compressor  annulus  that  is  blocked  by  the  stall  cell.  In  the  blocked 
portion  of  the  compressor  annulus,  both  probes  indicate  pressures  that  are  nearly  equal 
while  in  the  unblocked  portion  of  the  annulus,  the  difference  is  representative  of 
reestablished  through- flow  velocity.  Annulus  blockage  areas  were  found  to  vary  between 
60%  and  15%  for  the  in-stall  throttle  level  tested. 

Transient  information  of  the  nature  presented  here  is  essential  if  component  tests 
are  to  continue  to  provide  the  information  and  insight  necessary  for  development  and 
improvement  of  design  code  that  reliably  predict  high-speed  axial-flow  compressor  stall 
performance  and  recoverability.  In  this  test  program,  the  CRF  has  demonstrated  the 
capability  to  acquire  accurate  and  reliable  transient  data  in  many  forms  for  the 
advancement  of  future  designs. 
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Figure  21.  78.5%  Speed  In-Stall  High  Response  Data 
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The  CRF  has  had  a  substantial  impact  on  turbine  engine  development  in  the  first  five 
years  of  its  operation.  The  test  programs  have  supported  exploratory  research,  generic 
system  problems  and  advanced  engine  development.  The  facility  was  first  en^i « * as  an 
automated  facility  capable  of  only  aerodynamic  investigations.  During  construction,  the 
automated  test  function  became  fully  integrated  computer  control  of  the  test  and  the 
complete  facility.  After  the  facility  was  completed,  an  aeromechanics  workstation  with 
computer-controlled  strain  gage  monitoring  was  added  to  allow  aeromechanical 
investigations  as  well. 

Many  similar  modifications  and  enhancements  are  planned  for  the  CRF.  A  second 
discharge  flow  path,  designed  for  150  lb/sec,  has  been  added  and  is  being  used  for  the 
first  time.  It  allows  testing  of  split-flow  fans  and  compressors. 

The  CRF  inlet  flow  system  was  designed  to  maintain  the  turbulence  level  at  the 
compressor  inlet  at  <0.5%.  This  provides  a  base  to  generate  controlled  pressure 
distortion  patterns  at  the  inlet.  This  has  been  done  for  several  tests  and  will  be  used 
more  frequently  in  the  future.  In  addition,  a  hydrogen- fired  heating  system  will  be  used 
to  generate  both  elevated  and  distorted  inlet  temperature  profiles.  This  unit  is  expected 
to  be  operational  later  this  year  and  will  allow  us  to  bring  increased  realism  to  the 
aeromechanics  testing. 

A  new  aeromechanics  effort  has  been  started  as  part  of  the  IHPTET  initiative  and  is 
directed  at  identifying  specific  materials  vital  to  engine  development  and  then  planning 
their  development.  This  effort,  the  Core  Engine  Structural  Assessment  Research  (CESAR) 
will  utilize  CRF  aeromechanics  testing  capabilities  in  tests  designed  specifically  for 
materials  development. 

New  measurement  techniques  such  as  laser  velocimetry,  light  probes  for  blade 
movement,  and  capacitance  clearance  measurements  have  been  added  to  the  facilities  toolbag 
in  the  past  few  years.  Further  instrumentation  advances  for  global  temperature  and  stress 
measurement  are  being  studied  and  will  be  incorporated  if  feasible.  Precise  temperature 
measurements  are  required  for  accurate  efficiency  calculations  for  low  pressure  ratio 
rigs.  The  CRF' s  temperature  reference  system  will  be  upgraded  to  state-of-the-art  within 
the  next  year  to  meet  this  challenge. 

The  F100  core  test  was  the  first  transient  test  in  the  CRF.  It  provided  a  number  of 
new  insights  into  compressor  in-stall  performance  and  will  have  a  significant  impact  on 
new  compressor  designs.  Serious  study  of  the  data  obtained  in  that  test  provides  ample 
justification  for  more  transient  tests  in  an  effort  to  meet  the  stability  challenges  in 
new  high  performance  aircraft. 

Engine  operational  problems  are  difficult  to  solve  with  rig  te3ts  even  when 
appropriate  because  two  to  three  years  is  usually  required  for  rig  construction, 
instrumentation  and  test.  The  operational  Air  Force  cannot  be  grounded  for  that  long. 

One  solution  would  be  to  construct  component  test  rigs  during  engine  development  and  keep 
them  up-to-date  for  quick  response  to  field  problems.  The  financial  investment  would  be 
far  less  than  we  usually  lose  through  lost  and  grounded  aircraft  and  the  expertise  of  the 
applied  research  community  would  be  more  fully  utilized. 

Flow-field  plots  obtained  from  computational  fluid  dynamic  (CFD)  efforts  have  been 
used  very  effectively  as  the  initial  velocity  guess  in  CRF  laser  velocimetry  studies.  The 
rapid  advancements  in  CFD  will  make  possible  ever  more  dramatic  test  techniques.  The 
recent  successful  simulation  of  a  core  compressor  transient  behavior  is  being  reported  in 
another  paper  in  this  conference.  Techniques  such  as  these  will  be  further  exploited  in 
the  future. 
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Supercomputing  with  large  memories  and  higher  calculational  speeds  are  helping 
researchers  in  many  fields  attack  problems  which  only  a  few  years  ago  were  insurmountable. 
The  CRF  has  initiated  programs  directed  to  near  real-time  comparison  of  analytical  design 
code  results  with  measured  test  results  utilizing  the  power  of  parallel  processing 
computers.  With  these  computing  tools ,  the  CRF  will  be  able  to  perform  high-speed 
calculations  during  tests  based  on  both  analytical  and  test  results.  In  addition, 
communications  between  test  compressor  designers'  facilities  and  the  CRF  are  being 
advanced  to  allow  for  rapid  same-day  transfer  of  information.  Flow-path  CFD  studies, 
digital  simulation  of  the  test  compressor,  and  on-line  test  data  will  be  combined  and 
presented  to  the  test  team  and  designers  in  near  real-time  to  synergistically  increase  the 
value  of  the  test. 


The  mission  of  the  CRF  is  twofold;  perform  test  programs  which  are  vital  to  both  the 
research  and  operational  part  of  the  Air  Force  and  to  devise  and  demonstrate  leading-edge 
advancements  in  the  area  of  test  techniques  and  methodologies. 

We  started  with  an  aerodynamic  test  facility  and  changed  to  a 
aerodynamic/aeromechanical  facility  with  excellent  test  results  and  customer  acceptance. 

Within  the  first  years  of  the  design  and  construction  phase,  a  decision  was  made  to 
go  to  complete  computer  control  of  the  test  article,  facility,  test  execution,  and  data 
system.  This  was  an  extremely  fortuitous  decision  since  it  put  all  inputs  integral  to  the 
success  of  the  facility  into  a  universal  information  system.  This  central  data  bank 
allows  (1)  rapid  transfer  of  information  between  test  article  and  facility  during  tests, 

(2)  introduction  of  specialized  data  bases  and  algorithms  for  particular  tests,  and  (3) 
introduction  of  computer  simulation  and  computer-aided  decision-making  into  the  on-line 
test  process . 

The  composition  of  the  CRF  test  team  has  evolved  to  where  the  central  core  of  both 
scientists  and  technicians  are  Government  workers  with  significant  on-site  contractor 
effort  for  support  services,  new  system  detailed  design,  software  maintenance  and 
enhancement,  hardware  periodic  maintenance,  warehousing  of  parts  and  supplies,  and  for 
other  unusual  and  non-periodic  services.  This  allows  the  Air  Force  to  retain 
responsibility  and  control  of  the  daily  activities  in  the  facility  and  thus  accrue 
intimate  knowledge  of  the  technology. 

The  Air  Force  has  made  a  large  investment  in  both  dollars  and  manpower  towards 
operation  of  the  CRF.  The  total  cost  for  construction,  upgrades,  operation,  and  personnel 
during  its  18-year  history  is  approximately  $10DM  in  terras  of  '89  dollars.  In  addition, 
the  50  full-time  workers  represent  over  10%  of  the  Aero  Propulsion  and  Power  Laboratory's 
work  force.  The  magnitude  and  time  span  of  this  commitment  indicates  a  firm  resolve  by 
the  Air  Force  to  continue  with  the  CRF  activity. 

The  results  of  the  research  tests  performed  in  the  CRF  during  the  past  five  years 
have  been  excellent  and  have  supported  the  IHPTET  initiative.  The  demonstrated  skills  and 
testing  precision  compare  favorably  with  other  facilities. 

Continuing  changes  in  aircraft  missions  and  engine  requirements,  compressed 
schedules,  and  shrinking  finances  combine  to  demand  timely  and  incisive  test  data  for 
successful  engine  development.  The  IHPTET  goal  of  doubling  T/W  in  the  next  fifteen  years 
can  only  be  achieved  through  careful  and  judicious  use  of  test  facilities  like  the  CRF. 

The  CRF  test  team  has  been  continually  active  in  developing  and  using  new  measurement 
techniques  and  test  techniques  in  compressor  research.  More  facility  enhancements  are 
planned  and  the  results  will  be  reported  in  the  future  for  consideration  of  use  by  other 
researchers . 
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DISCUSSION 

W.  G.  ALWANG,  Pratt  &  Whitney  Aircraft 

1 .  What  digital  data  rates  did  you  find  were  suitable  for 
stall/surge  investigations? 

2 .  How  did  you  measure  and  control  clearance  during 
transient  tests? 

Author's  Reply 

1.  The  maximum  digital  data  rate  utilized  for  the  in-stall 
test  program  was  695  samples/second.  The  type  of  pressure 
fluctuation  in  rotating-stall  characterized  by  this  sample 
frequency  is  shown  in  Figure  19.  This  rate  is  sufficient  to 
capture  the  fundamental  stall  cell  characteristics  that  occur  at 
around  50  to  60  Hz.  To  do  a  more  detailed  investigation  of  the 
stall  cell  as  shown  in  Figure  21,  it  is  recommended  that  sample 
rates  higher  than  700  Hz  be  utilized.  A  good  comparison  of  the 
differences  between  analog  stall  inception  data  and  digitally 
sampled  data  is  provided  in  Figure  20.  It  shows  that  695  Hz 
sampling  captures  the  event  but  does  miss  some  of  the  details . 

It  should  be  note!  that  the  instrumentation  and  connecting 
pressure  tubes  tnemselves  often  times  dictated  expected 
frequency  response.  This  was  the  case  for  the  in-stall  test 
program  as  werl. 

2.  Clearance  was  neither  measured  or  controlled  for  the 
transient  test  program.  Rotating-stall  data  were  obtained  after 
a  two  to  three  minute  stabilization  time  to  assure  no  changes  in 
clearance  occurred  while  the  data  were  being  recorded. 


Y.  N.  CHEN,  SULZER  BROTHERS  LTD.,  SWITZERLAND 

The  stall  cells  of  the  different  stages  (Figure  18)  are 
lined  up  in  the  axial  direction,  confirming  the  measurements  of 
Cumpsty,  Day,  Greitzer,  Das  and  Ziang.  According  to  our 
investigation,  the  boundary  between  the  stalled  and  the 
unstalled  region  is  a  shear  layer  with  high  vortices.  It  is 
separated  into  individual  vortices.  A  pair  of  Karman  vortices 
with  opposite  rotational  sense  are  then  formed  on  the  two  ends 
of  the  stall  cell.  This  model,  which  is  verified  in  the  radial 
compressors  in  our  experiments,  can  be  also  derived  from  the  MIT 
report  of  P.  L.  Lavrich  (1988).  Then,  the  Karman  vortices  form 
a  circular  Karman  vortex  street  around  the  circumference  of  the 
rotor.  Since  a  Karman  vortex  street  induces  waves  with  equal 
phase  on  its  two  sides,  the  vortex  streets  formed  in  the 
different  stages  are  thus  coupled  with  each  other.  In  this  way, 
the  stall  cells  of  the  stages  are  lined  up  in  the  axial 
direction . 

Author' s  Reply 

The  transition  region  between  the  stall  cells  and  the 
unstalled  flow  is  an  area  of  great  interest.  Time-dependent 
pressure  gradients  at  single  points  and  phase  relationships 
between  separate  measurement  points  are  being  analyzed.  The 
results  will  be  used  to  help  characterize  the  individual  cells, 
indicate  the  cell  orientation  in  the  compressor  and  to  guide  the 
design  of  our  measurement  system  for  the  next  in-stall  test. 
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R.  0.  BULLOCK,  CONSULTANT 

This  is  just  not  a  question,  but  a  comment  as  well.  It  is 
refreshing  to  learn  of  the  capabilities  of  the  facility 
described  by  Dr  Ostdiek.  Our  ability  to  understand  increases 
with  our  ability  to  measure  and  we  can  look  forward  to  a  better 
appreciation  of  the  real  aerodynamic  events  that  take  place  in  a 
compressor.  It  is  interesting  among  other  things,  to  note  that 
Figure  18  tends  to  support  the  idea  that  flew  takes  place  in 
parallel  channels  which  arise  from  the  close  axial  spacing  of 
rotor  and  stator  blades .  This  behavior  raises  a  question  about 
Figure  16.  The  curves  on  the  stall  branches  must  represent  some 
sort  of  average  of  the  widely  varying  pressures.  If  this  is 
true,  how  were  the  averages  computed  and  what  were  the 
tangential  static  pressure  gradients  behind  the  compressor? 

Author's  Reply 

The  data  detailed  in  Figure  16  represents  a  time-average  of 
impact  probe  measurements  of  the  varying  pressures  at  the 
compressor  exit  as  the  rotating-stall  cells  passed.  Figure  17 
is  a  good  representation  of  the  individual  pressure  signals  and 
of  the  averaging  technique  which  was  used  for  each  of  the 
individual  channels.  This  averaging  process  was  performed  for 
three  circumferentially-spaced  rakes,  each  of  which  had  five 
radial  measurement  points.  Finally,  the  overall  compressor  exit 
pressure  was  calculated  from  these  15  time-averaged  values. 

The  exit  static  pressures  at  the  compressor  case  were 
measured  during  the  test  at  seven  circumferential  locations. 

This  is  part  of  the  data  being  used  at  the  present  time  to 
further  characterize  the  rotating-stall  cell  and  will  be 
reported  in  the  future . 
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SUMMARY 


At  low  flows  relative  to  the  design  point,  multistage  axial-flow  compressors  may  enter  a  globally-stable 
operational  state  involving  rotating  stall  within  the  blade  passages.  For  continued  operation  in  a  turbine 
engine,  recovery  of  the  compressor  to  normal  operation  is  required  Operation  in  rotating  stall  is  generally 
characterized  by  recovery  hysteresis;  that  is,  to  produce  recovery,  compressor  flow  must  be  allowed  to  increase 
substantially  beyond  the  initial  flow  level  observed  with  rotating  stall. 

In  turbine  engine  applications,  it  is  desirable  to  reduce  compressor  recovery  hysteresis  to  a  minimum. 
Stage  flow  behavior  and  stage  matching  at  low  flows  are  shown  to  have  major  influence  on  recovery  behavior. 
Conclusions  are  supported  through  the  use  of  an  analytical  model  recently  validated  with  experimental  data  from 
tests  of  a  multistage  compressor  in  the  Compressor  Research  Facility  at  Wright-Patterson  Air  Force  Base. 


INTRODUCTION 


The  compression  system  of  a  gas  turbine  engine  must  operate  with  stability  and  high  efficiency  over  the 
range  of  operation  of  the  engine.  While  a  multistage  compression  system  can  operate  stablely  with  one  or  more 
stages  stalled,  such  operation  is  inefficient  and  undesirable. 

At  high  engine  speeds,  reduction  of  compression  system  mass  flow  will  generally  lead  to  surge.  While 
undesirable,  the  surge  cycle  includes  periodic  operation  within  the  stable  pressure-mass  flow  boundaries  of  the 
compression  system,  and  is  therefore  recoverable;  that  is,  an  increase  in  mass  flow  or  reduction  in  pressure 
demand  will  result  in  a  return  to  normal  operation.  At  lower  speeds,  sufficient  fluid  energy  input  and/or 
storage  may  not  be  available  to  sustain  surge  cycles.  Reduced  mass  flow  operation  of  the  compression  system 
will  then  take  the  form  of  globally-stable  operation  with  at  least  several  stages  operating  in  stall. 

This  latter  type  of  stalled  compression  system  operation  is  especially  undesirable  in  the  turbine  engine, 
because  recovery  to  normal  operation  can  be  difficult  Since  recovery  hysteresis  is  normally  evident,  reduction 
in  pressure  demand  may  not  be  sufficient  to  produce  compression  system  flow  recovery  and  self-sustaining  engine 
operation. 

It  is  the  purpose  of  this  paper  to  offer  a  generalized  concept  of  multistage  compressor  stall  and  recovery, 
utilizing  a  stage  performance  approach.  Recent  results  from  an  extensive  test  and  modeling  program  with  a 
multistage  compressor  are  employed  to  support  an  "extended  starting"  theory  of  compression  system  recovery 
hysteresis.  The  effects  of  some  system  design  features  on  hysteresis  and  recovery  behavior  are  examined. 


BACKGROUND 


Since  the  early  investigations  of  axial-flow  compressor  stages  and  compression  systems,  the  phenomena  of 
rotating  stall  and  surge  have  been  observed  and  analyzed  [1,2].  In  an  extensive  study  of  compressor  operation 
with  one  or  more  blade  rows  stalled,  Benser  [3J  reported  studies  of  stage  reduced  flow  and  stalling  behavior 

employing  a  mathematical  model  of  a  hypothetical  12-stage  compressor.  He  observed  that  reduced- flow  operation 
of  the  compressor  led  to  progressive  stall  in  the  inlet  stages  of  the  compressor,  and  abrupt  stall  in  middle  and 
rear  stages.  Progressive  stall  was  identified  with  low  hub/tip  ratio  inlet  stages,  in  which  rotating  stall 

developed  at  one  end  of  the  blade.  The  stalled  region  progressed  in  span  and  extent  as  mass  flow  was  reduced, 
with  consequent  reduction  in  efficiency.  Abrupt  stall  of  a  stage  was  identified  as  the  rapid  development  of 
full-span  single-cell  rotating  stall  as  mass  flow  was  reduced,  with  resulting  flow  blockage  and  severe  reduction 

in  stage  efficiency.  In  recent  years,  extensive  studies  of  compression  system  stalling  behavior  with  emphasis 
on  stall-surge  boundaries  have  been  conducted  [4,5].  Generally,  high  pressure  rise  and  large  plenum  volume  have 

been  identified  with  system  surge,  and  the  effect  of  the  shape  of  the  overall  compressor  characteristic  on  stall 
and  recovery  has  been  predicted.  The  present  work  primarily  addresses  the  influence  of  stage  behavior  and 
interactions  on  compressor  install  performance  and  recoverability,  rather  than  matters  relating  to  system 
performance  and  stall-surge  boundaries. 
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STALL,  RECOVERY.  AND  AERODYNAMIC  STARTING 


The  aerodynamic  starting  transients  of  multistage  compression  systems  are  well-known.  In  order  to  obtain 

high  efficiency  and  adequate  stall  margin  at  the  design  operating  point,  design  procedures  often  lead  to  similar 
aerodynamic  loadings  of  the  several  stages  of  the  compressor  at  the  design  speed  and  flow.  At  low  speeds,  this 
design  philosophy  leads  to  increased  aerodynamic  loading  of  the  front  stages  of  the  compressor,  and  reduced 

loading  and  choking  of  the  rear  stages.  During  starring  (low  speed  operation)  of  the  compressor,  the  inlet  and 
middle  stages  will  be  driven  into  rotating  stall,  since  the  necessary  initial  compression  to  provide  proper 
operation  of  the  rear  stages  is  not  available.  The  resulting  blockage  will  drive  at  least  several  of  the  com¬ 
pressor  stages  into  deep  stall,  and  aerodynamic  starting  (unstalling  of  the  stages)  will  not  occur  unless  appro¬ 

priate  action  is  taken. 

To  start  the  compression  system,  the  initial  stages  must  be  unstalled.  Conventionally,  this  is  accom¬ 
plished  by  bleed  or  variable  geometry,  or  both.  Bleeding  of  flow  following  the  stalled  stages  will  increase 

flow,  eliminating  stall  and  raising  the  pressure  rise  of  these  stages.  Increased  pressure  nsc  will  increase 

density,  reducing  the  throughflow  velocities  in  the  rear  stages.  In  a  properly  designed  machine,  the  stage 
operating  point  changes  produced  by  bleed  will  lead  to  aerodynamic  starting. 

In  addition  to  or  instead  of  bleed,  variable  geometry  may  be  used  in  the  initial  stages  Inlet  guide  vanes 

and  stators  may  be  restaggered  to  reduce  the  stalling  mass  flow  of  the  inlet.  Twin  spool  compressor  designs  may 

also  be  used  to  produce  improved  starring,  but  these  designs  and  their  operation  are  not  addressed  in  this 
paper. 


The  effects  of  low  flow,  bleed  and  variable  geometry  may  be  studied  with  the  aid  of  figures  1-4.  Referring 

to  Figure  1,  the  pressure  coefficient  and  efficiency  behavior  for  the  stages  of  a  hypothetical  12-stage  compres¬ 
sor  are  shown  as  a  function  of  flow  coefficient.  Since  the  stage  characteristics  shown  are  in  coefficient  form, 
they  are  theoretically  speed  independent.  Reference  point  A  is  representative  of  stage  operation  under  design 
conditions,  with  adequate  stall  margin  for  all  stages  and  high  efficiency.  At  reduced  speed,  stage  operation 
will  move  to  the  points  noted  by  B,  with  reduced  stall  margin  in  the  initial  stages  and  high  velocity  How  in 
the  rear  stages.  This  effect  occurs  because  of  the  fixed  annular  areas  of  each  stage  and  the  reduced  compres¬ 

sion  performance  of  the  early  stages.  From  continuity  considerations,  the  result  is  low  density  and  high  flow 
velocities  in  the  rear  stages.  Further  reduction  in  mass  flow  at  reduced  speed  will  lead  to  operation  at  point 

C,  with  the  initial  stages  in  progressive  stall.  Additional  reduction  in  mass  flow  will  eventually  lead  to  post 
stall  operation  at  point  D,  with  sharp  reductions  in  pressure  rise  and  compressor  efficiency.  The  conditions  at 
operating  point  D  are  representative  of  the  stalled  stage  matching  conditions  which  would  exist  without  inter 
vention  during  starting  of  a  multistage  compressor.  If  a  valve  were  used  to  reduce  the  flow  as  described  above, 
the  compressor  would  not  restart  if  the  valve  were  opened  to  a  position  associated  with  an  originally  unstalled 

state;  that  is,  recovery  hysteresis  would  be  present. 


Design  Speed  Operation 
O  -  Normal  operating  Points 
Low  Speed  Operation 
□  -  Preatall 

O  *  Initial  Stages  in  Progressive  Stall 
A  -  Pnststall  Operation 


FiRiire  l.  Stage  behavior  for  several  operating 
conditions  in  hypothetical  12-srap.e 
compressor  ( adapted  from  Ref.  1) 


An  alternate  view  of  the  stage  stalling  process  as  a  function  of  compressor  speed  is  provided  in  Figure  2. 
In  this  hypothetical  compressor,  the  stage  stalling  flow  'roefficients  are  assumed  to  be  equal.  The  initial 
stages  of  the  compressor  are  assumed  to  operate  with  progressive  stall  characteristics.  Middle  stages  are 

assumed  to  begin  stall  with  progressive  behavior,  then  to  transition  to  abrupt  stalling.  Rear  stages  with  high 
hub-to-dp  ratios  are  assumed  to  stall  only  in  a  /'ill  spui,  abrupt  manner.  At  80  percent  speed,  near  the  oper¬ 
ating  condition,  slightly  reduced  flow  produc  s  only  a  mild,  progressive  stall  in  the  front  stages  of  the  com¬ 
pressor.  It  is  presumed  that  the  compressor  and  turbine  engine  could  continue  operation  under  these  conditions. 
Further  reduction  in  flow  would  intersect  the  abrupt  stalling  boundary  of  the  9th  stage.  Because  of  the  severe 
blockage  produced  by  this  event,  the  remaining  stages  of  the  compressor  would  be  driven  deeply  intu  stall,  and 
the  complete  compressor  would  be  involved. 

Whether  the  resulting  global  event  would  be  a  surge  or  a  stall  is  conventionally  assumed  to  depend  on 

system  dynamics.  At  the  80  percent  speed,  a  surge  would  be  the  likely  result,  and  recovery  would  be  possible 

for  the  reasons  previously  discussed.  If  a  stall  resulted,  the  abruptly- stalling  stages  would  exhibit 
hysteresis,  and  aerodynamic  recovery  of  the  compressor  flow  and  pressure  would  be  difficult.  At  the  50  percent 
speed  condition  of  Figure  2,  operating  line  How  involves  the  existence  of  progressive  stall  5r.  the  initial 

stages,  and  further  reduction  of  flow  quickly  pushes  all  initial  stages  into  the  progresf;,e  stall  region. 

Abrupt  stall  begins  at  the  5th  stage.  At  this  speed,  the  resulting  complete  compressor  stall  w^Jd  very  likely 

be  a  globally- stable,  rotating  stall.  Recovery  would  require  a  large  increase  in  mass  flow,  variable  geometry, 

or  bleed. 

Although  not  the  primary  topic  of  this  paper,  it  is  interesting  to  note  the  conditions  which  result  from 

reduction  of  flow  at  the  100  percent  speed  of  the  compressor.  Large  pressure  rise  in  the  inlet  stages  increases 
density  in  the  rear  stages,  causing  the  initiation  of  abrupt  stall  in  the  last  stage  when  flow  is  reduced.  A 

compressor  surge  would  almost  certainly  be  the  result 

The  complete  compressor  char  cteristic  resulting  from  *hz  assumed  stage  characteristics  is  shown  in  Figure 
3.  At  pan  speeo,  flattened  speed  iines  resulting  from  progressive  stall  in  the  initial  stages  can  be  noted. 

For  the  lower  speeds,  the  line  of  complete  compressor  stall  corresponds  to  the  reaching  of  an  abrupt  stall 

condition  in  a  middle  stage.  A  vertical  characteristic  indicates  choking  of  the  flow  within  the  compressor. 

The  effect  of  bleed  and  variabk  vane  operation  on  compression  system  stalling  behavior  may  be  studied  in 

Figure  4  Bleed  flow  raises  the  mass  flow  and  unstalls  all  stages  upstream  of  the  bleec,  po*nt.  The  resulting 
increased  pressure  produced  by  the  initial  stages  may  raise  the  mass  flow  above  the  stalling  value  for  down¬ 
stream  stages.  For  Case  I,  bleed  flow  is  assumed  at  the  exit  of  stage  4.  The  inlet  stage  flow  coefficients  are 
moved  far  from  the  stalling  vai  ie.  Stage  5  may  or  may  not  be  in  the  stalling  region,  depending  on  „.e  resulting 
oveiVl  comprcssor  flow. 


Mew 


(a)  8peed,  100  percent  of  reference 

(b)  Speed,  90  percent  of  reference, 
(o)  Speed,  80  percent  of  referenc  - 


Figure  2.  ^..age  f’  v  coefficient  variation  for 
three  operating  speeds  in  hypothet¬ 
ical  compressor  (Ref.  3) 


Figure  3.  Computed  performance  for  12-stage 
compressor  using  assumed  stage 
character ist ics  (K"f.  3' 
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S  -  Stall  P«>  i  u  t 

RS  -  Stable  Rotating  Stall 

k  -  Recovery  Point 
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Flow  Coefficient 


Stagevisp  variation  of  flow  in  hypo¬ 
thetical  compressor  for  Case  I 
(%].*■>/*  flow)  and  C as -r  II,  MI 
i  var  i  a*) !  a  r-'o-r-t  ry ' 


Fi.'oirp  5.  Abrupt  stall  inr;  cage  iritiorerf 
recovery  bystero.: in 


Variable  vanes  lower  the  stage  flow  coefficient  at  stall,  and  can  provide  for  installed  initial  stage 

operation  at  reduced  mass  flows.  Case  II  in  Figure  4  illustrates  the  effect  of  a  moderate  reduction  of  stalling 

flow  coefficient  by  variable  geometry  on  inlet  stages  1,2,  and  3.  While  the  first  three  stages  remain  unstallcd 
for  reducing  mass  flow,  later  stages  may  operate  in  progressive  stall.  A  overly  large  reduction  in  stalling 
mass  flow  for  the  Fust  three  stages  by  means  of  variable  geometry  can  extend  unstalled  initial  stage  operation 

to  very  low  flow  coefficients,  a  situation  marked  as  Case  III.  As  can  be  seen  in  Figure  4,  stages  5  and  beyond 
art  driven  into  the  abrupt  stall  region  while  stages  1-3  remain  unstalled.  As  previously  mentioned,  this  would 
produce  severe  blockage  of  the  flow  for  all  stage*,  and  lead  to  complete  compressor  stall.  In  a  starting  situa¬ 
tion,  it  is  conventional  to  prevent  the  development  of  abrupt  middle  stage  stall  by  proper  scheduling  of  vari¬ 

able  vanes  and  bleed  in  initial  stages.  This  allows  the  compressor  to  operate  without  stall,  and  to  move  toward 
similar  stage  loadings  as  speed  increases. 

As  a  final  point,  it  should  be  noted  that  abrupt  stall  of  compressor  stages  normally  involves  inherent 

hysteresis  (Figure  5);  the  rotating  stall  operating  line  on  the  characteristic  is  stable,  and  an  increase  in 

mass  flow  beyond  that  which  the  stalling  throttling  level  permits  is  necessary  for  recovery  (6).  Since  pressure 

production  in  stall  is  reduced,  this  increased  mass  flow  must  come  from  additional  opening  of  a  valve,  or  in  the 
case  of  turbine  en^.^e  application,  reduction  of  combustion  temperature  below  the  level  which  existed  at 
stalling.  If  it  is  not  possible  to  reduce  downstream  flow  restriction  sufficiently,  then  bleed  and/or  variable 

geometry  must  be  applied  to  achieve  aerodynamic  starting  of  the  compressor.  When  none  of  these  measures  are 
effective  in  a  turbine  engine,  the  result  is  "non-recoverable  compressor  stall". 

in  summary,  reduced  flow  even  at  mid-range  speeds  in  a  multistage  compressor  can  result  in  multiple  stage 
stalling  in  a  paucm  which  is  genetically  similar  to  that  of  failed  starting  in  a  compressor.  Scheduling  of 
variable  geometry  can  affect  the  results.  By  means  <>(  a  moccl  of  an  actual  compressor,  it  is  the  intention  here 
to  show  that  non-recoverable  stall  problems  experienced  in  some  turbine  engines  aie,  in  fact,  extensions  of  the 
s.  *n  pressor  starting  problem  with  abrupt  stall  and  resulting  interaction  in  several  compressor  stages,  coupled 
with  suppression  of  surge  in  the  compressor.  Measures  which  encourage  aerodynamic  starting  should,  if  properly 
applied,  produce  recovery  in  such  compressors. 


COMPRESSOR  EXPERIMENTS  AND  MATHEMATICAL  MODELS 


A  recent  experiment  was  conducted  to  investigate  the  details  of  multistage  compre  sor  behavior  in  globally- 
stable  rotating  stall  [7].  Sjage  behavior  was  extracted  from  this  test,  and  used  to  create  a  stage-by-stage, 
mathematical  model  of  the  compression  system  [8]  which  has  been  shown  to  describe  system  and  stage  operation  for 
this  compressor  with  good  fidelity.  Tnis  validated  model  will  be  used  to  illustrate  the  application  of  the 
above  ideas  to  an  actual  compression  system.  As  discussed  by  Benser  [3],  tt  is  difficult  to  obtain  a  complete 


understanding  of  pan-speed  stage  performance  and  stalling  characteristics  through  purely  exp^-r^iUu  ap¬ 
proaches.  This  difficulty  arises  because  the  inherent  performance  of  each  stage  is  not  easily  obtained  when  a 
multistage  compressor  is  operating  in  rotating  stall,  and  because  compressor  surge  limits  the  range  of  stage 
operation  that  can  be  studied  experimentally.  Thus,  a  validated  model  is  ideal  for  the  present  study. 


Description  of  Modeling  Technique 


The  theory  and  construction  of  the  analytical  model  used  in  this  effort  are  described  in  detail  in  Ref.  9. 
This  stage-by-stage  model  uses  a  control  volume  representation  to  simulate  steady  and  dynamic  compressor  per¬ 
formance  including  operation  in  the  unstalled,  globally-stable  stalled  (rotating  stall),  and  transient  stalled 

isurge)  regimes.  The  model  can  be  configured  to  represent  any  compression  system,  given  the  compressor  geometry 
and  stage  characteristics  as  determined  experimentally  or  estimated. 

In  the  model,  the  one-dimensional  forms  of  the  mass,  momentum,  and  energy  conservation  equations  are  solved 
at  each  interior  control  volume  boundary  for  each  computational  timestep.  The  stage  forces  and  sliaft  work 
required  to  solve  the  momentum  and  energy  equations  are  derived  from  a  set  of  steady-state  pressure  and  tempera¬ 
ture  characteristics,  respectively,  specified  over  the  entire  flow  range.  A  typical  set  of  performance  charac¬ 
teristics,  defined  for  a  single  speeu  and  stage,  are  shown  in  Figure  6.  As  die  flow  coefficient  decreases,  both 

the  pressure  and  temperature  coefficients  increase  until  a  stability  limit  is  encountered.  The  stability  or 

stall  limit  is  associated  with  the  flow  breakdown  process,  indicative  of  stage  flow  separation.  The  in-stall 
portion  of  the  characteristic  represents  the  flow-weighted,  average  performance  of  that  stage  with  the  compres¬ 
sor  operaung  in  rotating  stall.  For  the  present  application,  the  unstalled  and  in-stall  characteristics  wax: 

computed  from  experimental  data  obtained  from  the  compressor  rig  represented  in  this  study  [11].  Backflow 

characteristics  are  associated  with  full  annulus  reversed  flow,  and  are  estimated  by  using  the  overall  shape 
suggested  by  low-speed  compressor  rig  studies  and  overall  transient  performance  during  surge. 

The  characteristics  shown  in  Figure  6  and  discussed  in  the  preceding  paragraph  represent  steady  and  quasi¬ 
steady  stage  performance.  During  a  transient  event  such  as  surge  or  the  transition  into  rotating  stall,  the 
characteristics  in  the  rotating  stall  region  are  not  applicable.  When  a  compressor  flow  field  becomes  unstable, 
there  is  a  time  lag  between  the  onset  of  the  instability  and  the  establishment  of  the  fully-developed  rotating 

stall  pattern  [4].  Thus,  in  the  rotating  stall  region  of  the  stage  characteristics,  stage  dynamic  stalling 

response  must  be  specified.  This  is  accomplished  by  applying  a  first-order  time  lag  on  the  stage  forces.  This 
technique  has  been  successfully  used  in  many  analytical  representations,  including  those  described  in  Refs.  4, 

5,  and  6. 

Model  simulation  of  a  dynamic  event  is  accomplished  through  the  specification  of  boundary  conditions  as 
linear  functions  of  time.  In  the  present  application,  all  dynamic  simulations  were  initiated  through  the  use  of 
a  throttling  function.  The  throttling  function  is  based  on  the  concept  of  a  mass  flow  function,  and  as  such, 

changes  in  the  throttling  function  simulate  changes  in  exit  nozzle  area.  If  the  model  throttling  function  is 
sutftcienil?  decreased,  the  compressor  stall  limit  will  be  reached  and  a  post-stall  event  will  be  simulated. 


Application  and  Model  Results 


The  10-siage,  high-speed,  axial-flow  compressor  rig  modeled  in  this  effort  was  tested  in  the  Compressor 

Research  Facility  (CRF)  at  Wright  Patterson  Air  Force  Base,  Ohio.  The  test  was  conducted  to  obtain  detailed 
performance  data  describing  the  behavior  of  each  of  the  ten  stages  with  the  test  compressor  operating  ova  a 
range  of  conditions,  with  emphasis  on  rotating  stall  (7j.  Data  were  obtained  at  different  in-stall  operating 

conditions  by  varying  compressor  shaft  speed,  discharge  throttle,  and  variable  geometry  settings.  Descriptions 
of  the  test  facility  and  capabilities  can  be  found  in  Refs.  10  and  11.  A  complete  description  of  the  test 

compressor,  compressor  instrumentation,  specialized  test  procedures,  and  data  acquisition  is  contained  in  Ref. 

II. 
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Figure  7  shows  the  model  control  volume  arrangement  and  a  cross  section  of  the  experimental  compressor  rig. 
Thirty-eight  control  volumes  were  used  to  represent  the  inlet  ducting,  compressor,  and  discharge  volume.  The 
number  and  size  of  control  volumes  are  specified  by  the  user  and  governed  by  the  geometry  of  the  represented 
compressor.  Each  compressor  stage  is  represented  by  an  individual  control  volume. 

The  in-stall  data  obtained  from  the  CRF  compressor  test  provided  the  means  to  validate  the  model  on  an 
interstage  basis.  The  validation  process  for  the  current  work  involved  comparisons  between  model  output  and 
experimental  data  obtained  from  the  CRF  rig  test.  A  description  of  the  validation  efforts  is  found  in  Ref.  8. 
Model-predicted  overall  and  interstage  steady  and  transient  behavior  agreed  well  with  the  experimentally  mea¬ 
sured  performance. 

For  the  present  study,  model  simulations  were  employed  to  examine  unstalled  and  in-stall  stage  behavior  and 
interaction  during  compressor  part-speed  operation  at  60.0,  78.5,  and  82.0  percent  design  corrected  speed. 
Shown  in  Figure  8  is  a  model  simulation  of  the  large  recovery  hysteresis  exhibited  by  the  test  compressor  at 
78.5%  speed,  the  expcrimcntally-deterniincd  rotating  sudl/surge  boundary  speed.  The  simulation  was  a  result  of 
setting  the  model  throttling  function  to  levels  consistent  with  the  experimental  boundary  conditions.  As  indi¬ 
cated  in  Figure  8,  compressor  recovery  from  rotating  stall  does  not  occur  as  the  "throttle"  is  opened  well 
beyond  its  initial  stall  inception  value. 

Model  predictions  of  overall  compressor  performance  during  a  rotating  stall  event  at  the  indicated  speeds 
are  shown  in  Figure  9.  For  60.0%  and  78.5%  speeds,  the  model  was  supplied  with  boundary  conditions  that  were 
consistent  with  the  experimental  conditions.  At  82.0%  speed,  the  test  compressor  exhibited  surge  when  the  flow 
field  became  unstable.  For  the  purpose  of  analyzing  stage  behavior  in  rotating  stall  at  that  speed,  the  surge 
behavior  was  suppressed;  i.e.  the  force  lagging  constant  was  increased  until  the  model  predicted  rotating  stall 
performance.  This  allowed  for  a  more  complete  understanding  of  stage  stalling  characteristics  at  speeds  where 
this  behavior  under  most  conditions  would  be  masked  by  compressor  surge. 
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Figure  9.  Model-predicted  overall  compressor 
stalling  behavior 
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Figures  10  and  11  show  model  predictions  of  overall  compressor  performance  in  the  form  of  compressor  maps 
(pressure  ratio  and  efficiency  versus  mass  flow).  Indicated  on  the  plots  is  the  initial  steady  unstalled  per¬ 
formance  and  the  final  average  in-stall  performance  for  each  of  the  dynamic  simulations  shown  in  Figure  9.  Note 
the  extremely  low  efficiencies  associated  with  the  reduced  performance  levels,  which  are  indicative  of  compres¬ 
sor  operation  in  rotating  stall. 

An  examination  of  individual  stage  unstalled  and  in-stall  performance  offers  insight  into  the  influence  of 
stage  matching  on  compressor  rotating  stall  behavior  and  recoverability.  The  model -predicted  performance  of 
selected  stages  at  the  three  compressor  shaft  speeds  examined  ir.  this  study  is  shown  in  Figures  12,  13,  and  14. 
In  all  three  figures,  stage  one  is  representative  of  the  front  stage  behavior,  and  stages  five  and  nine  are 
representative  of  the  middle  and  rear  stage  behavior,  respectively. 

As  shown  in  Figure  12,  at  <V\0%  compressor  speed,  the  front  and  middle  stages  exhibit  a  progressive 
stalling  characteristic,  and  the  rear  stages  exhibit  an  abrupt  characteristic.  At  the  higher  speeds  (Figures  13 
and  14),  the  middle  and  rear  stages  exhibit  a  very  abrupt  stalling  characteristic.  Additionally,  at  all  three 
speeds,  the  front  stages  are  operated  relatively  far  from  their  stall  limits. 


DISCUSSION  OF  RESULTS 


The  model-generated  stalling  behavior  of  the  10- stage  compressor  test  rig  showed  the  classical  features  of 
a  failed  compressor  starting  situation  discussed  at  the  beginning  of  the  paper,  progressive  stall  in  the  initial 
stages,  abrupt  stall  in  latter  stages,  and  recovery  hysteresis.  When  surge  was  suppressed,  this  behavior  was 
seen  even  at  a  speed  of  82  percent  of  maximum,  well  above  the  starting  speed  range  Apparently,  if  surge  does 
not  occur,  a  multistage  compression  system  can  exhibit  recovery  hysteresis  characteristic  of  starting  well  into 
the  normal  operating  speed  range.  When  installed  in  an  engine,  the  low  efficiency  of  the  stalled  compressor 
would  lead  to  spool-down  even  with  increasing  turbine  inlet  temperatures,  and  a  non -recoverable  stall  condi¬ 
tion. 

A  previous  study  of  methods  to  improve  recoverability  in  this  compressor  rig  was  conducted  employing  the 
model  [#].  With  the  low  pressure  rise  of  the  initial  stages  in  this  rig.  it  might  be  expected  that  bleed  applied 
to  the  initial  stages  would  be  ineffective  in  unstalling  later  stages  so  as  to  permit  the  compression  system  to 
’’restart”  and  thus  recover.  In  the  study,  a  bleed  flow  corresponding  to  15  percent  of  the  unstalled  mass  flow 
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Figure  14.  Model-predicted  stage  stalling 
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of  the  compressor  was  simulated  at  the  outlet  of  the  4th  and  9th  stages  of  the  compressor.  As  shown  in  Figure 
15,  bleed  at  the  5ih  stage  inlet  (4th  st?gc  outlet)  did  not  produce  recovery  of  the  9th  stage,  while  bleed  at 
the  10th  stage  inlet  (9th  stage  oti*?ei)  produced  recovery  of  that  stage  and  the  entire  compressor.  In  another 
study  reported  in  Ref.  8,  an  ^crease  of  the  10th  stage  flowpath  (annular  area)  of  the  compressor  was  simulated 

by  shifting  the  stage  10  characteristic  approximately  10  percent  in  the  direction  of  increasing  flow.  Throttle 

opening  which  did  not  allow  recovery  with  the  original  design  produced  recovery  and  return  to  normal  operation 

in  the  modified  compressor  simulation,  as  shown  in  Figure  16.  The  results  from  the  bleed  and  increased  flowpath 

invcstier*ions  are  judged  to  support  the  present  thesis  that  compressor  operation  in  globally-stable  rotating 
sr  is  essentially  an  extension  of  low-speed  starting  behavior. 

When  aerodynamic  starting  of  the  compressor  of  a  turbine  engine  is  achieved  and  idle  speed  is  reached,  it 
has  been  assumed  that  starting  problems  are  no  longer  of  concern.  As  shown  in  Figure  17,  we  may  now  deduce  from 
the  above  evidence  that  the  zero-bleed,  globally-stable  stall  regime  of  a  multistage  compressor  can  occupy  a 
wide  region  to  the  left  and  extend  to  the  right  of  the  compressor  stall  line,  and  that  it  may  be  reached  at 
speeds  well  above  those  normally  associated  with  turbine  engine  idle  if  conditions  permit.  Along  the  constant 

speed  lines  in  this  area,  recovery  requires  application  of  bleed  and/or  variable  geometry  at  a  location  that 

will  benefit  the  stages  involved  in  abrupt  stall.  The  appropriate  location  for  this  bleed  and  variable  geometry 

may  be  well  downstream  of  the  usual  starting  positions,  depending  on  stage  matching.  Since  the  stalling  pat¬ 
terns  and  recovery  measures  are  similar  to  those  seen  in  starting,  the  region  is  called  an  "extended  starting" 
region.  It  is  interesting  to  note  that  the  entire  process  may  be  seen  to  have  some  similarities  to  the 

unstarting  and  restarting  process  for  a  supersonic  diffuser. 

It  remains  to  speculate  what  conditions  can  lead  to  the  situation  of  globally-stable  rotating  stall  at  mid 

range  speeds.  For  this  particular  compressor  rig,  it  was  observed  that  downstream  volume  had  no  effect  on  the 
stall-surge  boundary  [7],  contrary  to  the  usual  theoiy.  The  causes  of  this  result  remain  under  investigation, 

but  it  is  speculated  that  the  small  discharge  flow  area  of  the  last  stage  of  this  rig  may  have  prevented  acous¬ 

tic  communication  of  the  compressor  with  the  downstream  plenum,  effectively  suppressing  surge.  As  shown  in  Ref. 
11,  the  compressor  exhibits  a  vertical  speed  line  at  the  speeds  in  question,  indicating  an  internal  choked 

condition.  It  is  clear,  however,  that  the  matter  of  multistage  compressor  non -recoverable  stall  is  at  least 

divided  into  two  areas;  the  design  and  system  conditions  which  may  suppress  surge  at  mid-range  speeds,  and 
provisions  for  recovery  if  stable  stall  should  occur. 
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It  is  also  evident  that  the  stage  loading  and  flow  coefficient  distribution  in  a  given  compressor  design 
influences  both  stalling  and  recovery.  Considering  recovery  at  mid-range  speeds  alone,  it  would  appear  that 
more  uniform  stage  loadings,  and  lower  design  flow  coefficients  in  latter  stages  favor  recovery.  As  has  been 
noted  by  others  13]  and  observed  here,  redistribution  of  stage  pressure  rise  may  simply  move  the  stall  problem 
to  other  stages,  where  provisions  for  recovery  may  not  be  present.  The  phenomenon  is  seen  to  be  an  inherent 
property  of  multistage  compressors  where  flow  compressibility  is  present 


CONCLUSIONS 


The  stall  recovery  problem  in  a  multistage  compressors  at  mid-range  speeds  has  been  shown  to  be  an  exten¬ 
sion  of  the  low-speed  starting  problem.  To  the  extent  that  stall  can  occur  and  surge  can  be  suppressed  in  a 
compression  system,  any  multistage  compressor  may  be  subject  to  operation  in  the  "extended  starting"  state. 

Methods  which  provide  for  aerodynamic  starting  at  low  speeds  will  produce  recovery  at  higher  speeds  if 
properly  applied. 

Stability,  globally -steady  stall,  and  surge  are  seen  to  be  related  to  the  details  of  stage  design  and 
matching  in  multistage  compressors,  as  well  as  system  considerations.  To  fully  represent  and  study  the  phenome¬ 
na,  mathematical  models  must  include  representations  of  stage  performance  including  compressibility  effects,  and 
experiments  must  include  the  entire  multistage  environment 


ACKNOWLEDGMENT 


Portions  of  this  woric  were  carried  out  while  the  senior  author  was  a  Visiting  Research  Scientist  at  the 
Technology  Branch.  Aero  Propulsion  and  Power  Laboratory,  Wright  Patterson  Air  Force  Base,  OH,  with  funding  from 
the  Air  Force  Office  of  Scientific  Research.  This  support,  and  the  cooperation  and  assistance  of  personnel  of 
the  Technology  Branch  and  supporting  Computer  Center  are  gratefully  acknowledged. 


REFERENCES 


1.  Iura,  T,  and  Rannie,  W.  D.,  "Experimental  Investigations  of  Propagating  Stall  in  Axial-Flow  Compressors, 
Transactions  of  the  American  Society  of  Mechanical  Engineers,  April  1954,  pp,  463-471. 

2.  Emmons,  H.  W.,  Pearson,  C.  E.,  and  H.  P.  Gram,  "Compressor  Surge  and  Stall  Propagation,  Transactions  of 
the  American  Society  of  Mechanical  Engineers,  May  1955,  pp.  455-469. 

3.  Johnsen,  I.  A.  and  R.  O.  Bullock,  Eds.,  Aerodynamic  Design  of  Axial-Row  Compressors,  NASA  SP-36,  1965, 
pp.341-364. 


26-111 


4.  Greitzer,  E.  M.,  "Surge  and  Rotating  Stall  in  Axial-Flow  Compressors- Pan  l:  Theoretical  Compression  System 

Model,"  ASME  Journal  of  Engineering  for  Power,  Vol.  98,  No.  2,  April  1976,  pp.  190-198, 

5.  Moore,  F,  K..  "A  Theory  of  Rotating  Stall  of  Multistage  Axial  Flow  Compressors",  NASA  CR-3685,  Lewis  Re¬ 
search  Center,  Cleveland,  OH,  July  1983. 

6.  Cousins,  W.  T„  and  W.  F.  O'Brien,  "Axial-Flow  Compressor  Post-Stall  Analysis",  AIAA  Paper  No.  85-1349 
July  1985. 

7.  Copenhaver,  W.  W„  and  Okiishi,  T.  H.,  "Rotating  Stall  and  Recoverability  ot  a  High-Speed  Ten-Stage  Axial- 
Flow'  Compressor,  At*  A  Paper  No  89-2684.  July  (989 

8.  Boyer,  K.M.,  and  W.  F.  O'Brien,  "Model  Predictions  for  Improved  Recoverability  of  a  Multistage  Axial-Flow 
Compressor”,  AIAA  Paper  No.  89-2687,  July  1989. 

9.  Davis,  M.  W„  Jr.,  "A  Post-Stall  Compression  System  Modeling  Technique,"  AEDC  TR-86-34,  Arnold  Air  Force 
Station,  TN,  February  1987. 

10.  Ostdiek,  F.  R„  Copenhaver,  W.  W.,  and  Rabe.  D.  C.  "Compressor  Performance  Tests  in  the  CRF,"  AGARD  Paper 
74  A-25,  Propulsion  and  Energetics  Panel  74th  Specialists’  Meetings,  Grand  Duchy  of  Luxembourg,  28  August- 1 
September  1989. 

11.  Copenhaver,  W.  W„  "Stage  Effects  on  Stalling  and  Recovery  of  a  Ten-Stage  Axial-Flow  Compressor,  Ph.  D 
Dissertation,  Iowa  State  University,  October  1988. 


DIM  I  SNION 

R.  BULLOCK,  Consultant,  US 

This  is  only  comments.  As  indicated  by  the  Author,  this  problem  arose  in 
the  past  when  single  spool  compressors  having  pressure  ratios  of  8  to  16 
were  wanted.  The  problem  was  made  by  the  use  of  variable  stators  or  two 
spool  units,  although  intra-stage  bleed  was  sometimes  used  during  develop¬ 
ment.  Higher  pressure  ratios  in  the  single  spools  has  naturally  re¬ 
introduced  the  difficulty.  Our  improved  abilities  to  cope  with  problems 
should  provide  a  solution  that  does  not  impair  efficiency.  1  don’t 
believe  that  simple  one-dimensional  analysis  of  the  flow  will  give  us 
an  accurate  enough  answer.  Fig  18  of  A  25  suggests  that  compressor 
flow  during  stall  has  large  circumferential  gradients,  and  the  resulting 
fLow  must  be  determined  by  the  circumferential  static  pressure  gradients 
at  the  exit.  To  attain  uniform  pressures,  e.g.  the  good  flow  must, 
increase  which  further  retards  the  stalled  flow. 

Author's  reply: 

The  authors  agree  with  the  comments,  and  especially  appreciate  the 
insights  offered  by  Mr.  Bullock  in  this  discussion. 


A.  SEHRA,  Textron  Lycoming,  US 

When  you  opened  the  rear  stages,  did  you  notice  a  reduction  in  the 
surge  margin  at  high  speed  ? 

Author's  reply: 

No  model  runs  were  made  above  82%  speed.  Given  the  controlling  effect 
of  the  rear  stages  on  stall  at  high  speed,  this  design  change  would 
doubtless  affect  stall  margin  in  the  modeled  compressor  at  high  speed. 


Y.N.  CHEN,  Sulzer  EVothers  Ltd.  Switzerland 

The  deep  stall  has  a  very  large  hysteresis,  in  combination  with  a  very 
long  range  of  recovery. 

Some  deep  stall  is  initiated  by  light  stall  with  very  small  pressure 
drop.  In  an  investigation  of  Prof.  Breugelmans,  a  very  long  range 
of  the  light  stall  with  small  multiceils  (7.8  or  9)  was  achieved. 

The  geometry  of  the  blading  of  his  rotor  may  serve  as  a  guidance  for 
keeping  the  light  stall  to  extend  to  very  low  flow  rate.  Then, 
the  deep  stall  can  be  shifted  to  this  low  flow  rate. 


Author's  reply 


The  results  reported  by  Prof.  Breugelraans  from  his  rotating  stall 
experiments  will  be  studied  to  see  if  any  particular  design  features 
of  the  rig  can  be  associated  with  extended  stall  development.  In 
the  present  paper,  results  reported  for  the  10  stage  compressor  rig  test 
did  in  fact  show  "light"  or  progressive  stall  in  the  initial  stages  of 
the  compressor.  The  observed  hysteresis  was  associated  with  abrupt 
stalling  in  the  middle  and  dowstream  stages.  It  is  interesting  to  conside 
design  changes  which  might  produce  more  progressive  stall  behavior  in  the 
middle  stages  without  affecting  overall  compressor  performance. 

PAPER  A  26  by  O'  BRIEN  (continuation) 

Ph.  RAMETTE,  SPE,  France 

Have  you  studied  the  influence  of  the  volume  between  the  compressor 
and  the  throttle  on  the  stall  limit,  both  a  theoretical  or  an 
experimental  manner  ? 

Author's  reply: 

In  the  referenced  experiment,  four  different  downstream  volumes  were 
attached  to  the  compressor  to  study  the  effect  on  the  stall-surge  boundary 
In  the  experiment,  no  effect  of  volume  was  noted.  We  have  not  yet 
studied  this  result  with  the  model,  but  we  plan  to  in  the  future. 
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The  Conference  Proceedings  contains  the  24  papers  presented  at  the  Propulsion  and  Energetics 
Panel  74th  A  Specialists'  Meeting  on  "Unsteady  Aerodynamic  Phenomena  in  Turbomachines" 
which  was  held  28—30  August  1 989  in  Luxembourg. 

t  he  Specialists'  Meeting  was  arranged  in  the  following  sessions:  Flutter  or  Oscillating  Cascades 
(3);  Wakes  or  Complete  Stage  (10):  Transonic  and  Supersonic  Unsteady  Phenomena  (4);  and 
Experimental  Studies  and  Instrumentation  Problems  (5).  The  Technical  Evaluation  Report  is 
included  at  the  beginning  of  the  Proceedings.  Questions  and  answers  of  the  discussions  follow 
each  paper. 

While  around  isolated  airfoils  many  results  on  unsteady  aerodynamic  phenomena  are  available, 
reliable  experimental  data  for  unsteady  turbomachinery  flows  were  still  missing.  T  herefore,  the 
Specialists'  Meeting  offered  a  forum  for  experts  to  discuss  the  degree  of  advancements  in  this  field. 
It  was  found  that  CFD  with  large  numerical  codes  will  be  more  and  more  developed  and  offer  a 
useful  tool  for  designers  to  improve  their  products.  The  experimental  work  for  code  validation  is 
lagging  somewhat  behind.  A. 
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Complete  Stage  (10);  Transonic  and  Supersonic  Unsteady  Phenomena  (4);  and  Complete  Stage  (10);  Transonic  and  Supersonic  Unsteady  Phenomena  (4);  and 
Experimental  Studies  and  instrumentation  Problems  (5).  The  Technical  Evaluation  Report  Experimental  Studies  and  Instrumentation  Problems  (5). The  Technical  Evaluation  Report 


